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Foreword

A wide range of complex pehnomena contribute to the aerodynamic and acoustic characteristics of rotorcraft. The AGARD
Fluid Dynamics Panel's Specialists' Meeting on "Prediction of Aerodynamic Loads on Rotorcraft" in 1982 and its Special
Course on "Aerodynamics of Rotorcraft" in 1990 provided valuable assessments of the predictive capability for helicopter
aerodynamics. The present Symposium recognized not only the continuing importance of understanding and accurately
predicting both aerodynamic and acoustic characteristics of military and civil rotary-wing aircraft, but also the need for
improved phenomenological insight, more detailed experiments using modem test equipment, and more precise and efficient
numerical methods.

The aim of the Symposium was to bring together scientists in different fields of aerodynamics and aeroacoustics to review
and discuss their recent results in the field of rotary-wing aircraft and to foster their future development. The program
included 35 papers from North America, Western Europe, and Russia, organized in the following technical sessions:

- Dynamic Stall

- Wind Turbines

- Aerodynamic 3D Prediction Methods

- Experimental Investigations of Helicopter Rotors

- Acoustic Prediction Methods

- Interference Problems

- Round Table Discussion and Invited Commentaries

Although significant limitations remain, the Symposium showed that considerable progress has been made in many
technological fields in the last decade. New test facilities and test stands have been constructed and major new multi-national
test campaigns have been completed. Improvements in aerodynamic theory and tools have led to a better understanding of
noise generation phenomena, and Computational Fluid Dynamics (CFD) and Computational Aeroacoustics (CAA) have
evolved into powerful and useful techniques for designers. The Symposium provided a unique forum to publicize these
important new developments.

The Program Committee would like to thank Dr. Karl Kienapple and his colleagues for hosting the Symposium so
successfully in Berlin.

Dr.-Ing. Horst Kirner and Dr. W.J. McCroskey
Program Committee Co-Chairmen



Avant-propos

Les caract6ristiques a~rodynamiques et a~roacoustiques des a~ronefs ý voilure tournante sont tributaires d'un large 6ventail
de ph~nom~nes complexes. La riunion de sp~cialistes du Panel AGARD de la dynamique des fluides sur <<La pridiction des
charges a~rodynamiques des a~ronefs ý voilure toumnante>» organis~e en 1982, ainsi que le Cours sur <<L'a~rodynamique des
a~ronefs A voilure toumnante»> donn6 en 1990, ont foumi des 616ments d'6valuation appriciables pour la prediction de
l'acrodynamnique des h~licopt~res.

Le prisent symposium a reconnu l'importance: de la continuit6 de la comprehension et de la. pridiction exacte des
caractiristiques acoustiques et a~rodynaxniques des a~ronefs A voilure tournante civils et militaires, de la n~cessit6 d'une
meilleure approche ph~nom~nologique, de l'accroissement d'exp~rimentations pouss~es, rialis~es ý l'aide de matiriel
d'essais modemne, ainsi que de m~thodes num~riques plus pricises et plus efficaces.

Le symposium a eu pour objectif de rassembler des scientifiques travaillant dans diff~rents secteurs de l'a~rodynainique et de
lYa~roacoustique, afin de leur permettre d'examiner et de discuter des derniers risultats obtenus dans le domaine des a~ronefs
ý voilure toumante et d'encourager leur d~veloppement futur. Le programme comprenait 35 communications prisenties par
des scientifiques de I'Am~rique du Nord, de l'Europe occidentale et de la Russie. Il 6tait organis6 en sessions techniques
comme suit :

- le d~crochage dynamique

- les 6oliennes

- les m~thodes de prediction de I'a~rodynamique en trois dimensions

- la recherche exp~rimentale dans le domaine des rotors d'hMlicopt~res

- les m~thodes de prediction acoustiques

- les probl~mes d'interf~rence

-une table ronde et commentaires

Bien que des limitations consid~rables subsistent, le symposium a confirmi6 les progris importants qui ont 06 rails~s dans un
grand nombre de domaines technologiques au cours de la. derni~re d~cennie. De nouvelles installations d'essais ont 6t
mont~es et de nouveaux bancs d'essai ont W fabriqu~s. De nouvelles campagnes d'essais multinationales de grande
envergure ont 6galement W conduites. Les ameliorations apport~es au niveau de la th~orie et des outils a~rodynamiques ont
permis une meilleure comprihension des phenom~nes de g6n~ration de bruit et, en m~me temps, l'a~rodynamnique num~rique
(CED) et l'airoacoustique num~rique (CAA) sont devenues des techniques puissantes qui int~ressent les concepteurs. Le
symposium a servi de forum pour la promotion de ces d~veloppements importants.

Le comnit6 du programme tient A. remercier le DI Karl Kienapple et ses collfgues pour l'organisation trrs r~ussie de ce
symposium h Berlin.

Vi
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TECHNICAL EVALUATION REPORT

AGARD Fluid Dynamics Panel Symposium on
AERODYNAMICS AND AEROACOUSTICS OF ROTORCRAFT

L. Dadone
Boeing Defense and Space Group

Helicopter Division
Philadelphia, Pennsylvania 19142

USA

ABSTRACT

The Fluid Dynamics Panel of AGARD held a Symposium on the Aerodynamics and Aeroacoustics
of Rotorcraft in Berlin, Germany, on October 10-14, 1994. The Symposium addressed recent
analytical and experimental developments relevant to the aerodynamic and acoustic design of ad-
vanced rotorcraft. Most notable and promising is the current emphasis on computational fluid dy-
namics, computational aeroacoustics and advanced testing methods. Several recent experimen-
tal programs, unprecedented in scope and depth, have been possible because of the coopera-
tion among a number of AGARD member countries. The thirty four papers presented at this
Symposium have been published in Conference Proceedings AGARD-CP-552, and are listed in
the Appendix of this report. This evaluation report provides a summary of each paper, followed
by general comments and a few specific recommendations.

1. INTRODUCTION

The 75th Meeting of the AGARD Fluid Dynamics Panel (FDP) was held from the 10th to the 14th
of October, 1994, in Berlin, Germany. The following theme was set by the Organizing Committee:

"The aim of the symposium is to review and discuss recent developments in aerodynamics and
aeroacoustics as they apply to the rotary-wing aircraft, and to foster the future development of this
class of flight vehicles. The Symposium recognizes the importance of understanding and accu-
rately predicting the aerodynamic and acoustic characteristics of military and civil rotorcraft; and the
need for improved phenomenological insight, better math models, adequate test equipment, and
more precise and efficient numerical methods. Despite current limitations, considerable progress
has been made in many technological fields in the last decade. New test facilities and test stands
have been constructed, improvements in aerodynamic theory and tools have led to a better un-
derstanding of noise generation phenomena, and Computational Fluid Dynamics (CFD) and
Computational AeroAcoustics (CAA) have evolved into useful techniques for designers."

The agenda of the Symposium was as follows:
Opening Remarks
Keynote Speech
Keynote Paper
Session 1, Dynamic Stall
Session 2, Wind Turbines
Session 3, Three-Dimensional Aerodynamic Prediction Methods
Session 4 and 5, Experimental Investigations on Helicopter Rotors
Session 6 and 8, Acoustic Prediction Methods
Session 7, Interference Problems
Closing Remarks
Discussion

Thirty four of thirty six papers originally planned for the Symposium were presented. Regretfully,
two were withdrawn. Appendix A lists the papers in the order of their presentation. Approxi-
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mately one hundred twenty (120) delegates were in attendance. The Symposium dealt with heli-
copter and helicopter-related windmill topics. Tiltrotor issues were not addressed. The large
number of co-authors in some of the papers is the result of cooperation among organizations
from the AGARD member countries. The first participation by Russia, with two papers, is a very
promising and encouraging development.

The Russian presence results from recent, and potentially most positive, changes in the world's
political arena. The end of the Cold War, however, has created new challenges for this industry
which has, traditionally, relied on military procurement for a significant share of its business.

We often witness the perception that research in rotorcraft Aerodynamics and Aeroacoustics is far
too removed from practical applications. At times that may be true, and we need to focus our re-
search on useful near-term goals and bold long-term challenges. But it is also true that to support
the development of advanced rotorcraft we must address y complex and interdependent
phenomena which cannot be quantified only by intuition and improved empirical models.

The complexity of the rotorcraft flow environment and the interdisciplinary aspects of rotorcraft
design require an effective use both of advanced analytical modeling and highly accurate and
comprehensive experimental techniques. The papers presented during this Symposium prove
that truly impressive progress has taken place both in analysis and test.

2. OVERVIEW OF THE PAPERS

During his opKnirfg remarks, Dr. K6mer pointed out that since the 1982 Rotor Airloads Confer-
ence in London, Reference (1), the following new, major developments have taken place: 1)
Computational Fiuid Dynamics (CFD) has become a reality. Advanced computers and a new gen-
eration of computer experts have made the development of CFD possible. 2) New, major, wind
tunnel and flight test programs have taken place. 3) New rotor test hardware is now available. 4)
We have new measurement techniques, ranging from Laser Doppler Velocimetry to Particle Ve-
locimetry, anJ 5) Improved noise prediction and measurement methods have been developed.
The papers selected for this Symposium address all significant current developments.

2.1 Keynote Paper

In his invited paper (2), A. J. Landgrebe presented an overview of Computational Fluid Dynamics
developments in the United States of America, specifically as directed to rotorcraft applications.
Landgrebe's presentation covered all the key challenges: grid generation, numerical diffusion,
computational efficiency and turbulence modeling. The paper reviewed all recent developments
and key codes, and showed examples of state-of-the-art calculations. A major rotorcraft challenge
that remains is the modeling of the complete interactional problem. That challenge will not be met
until rotor wake modeling can overcome present numerical diffusion problems. While it is clear
that Navicir-Stokes methods are not yet accurate and practical enough for routine, comprehensive
helicopter computations, many of the CFD codes, and particularly the Euler and Full-Potential
solutions, are starting to yield practical results in selected rotorcraft aerodynamics and
aeroacoustics problems.

2.2 Session 1 - Dynamic Stall

In the first paper (3) in the Dynamic Stall session, by Ekaterinaris, Srinivasan and McCroskey,
reviewed present CFD capabilities in the prediction of two-dimensional dynamic stall. Dynamic
stall is a very difficult challenge in advanced helicopter rotor design, so difficult in fact, that until
now the only reliable source of dynamic stall information has been wind tunnel testing. As with all
CFD applications the issues remain: a) accuracy, b) robustness and c) computing costs. In the
absence of stall, good agreement with test was obtained at M = 0.3, with the lc-o) turbulence
model, At higher angles of attack lift stall was predicted fairly accurately, while drag and pitching
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moments remained more difficult to predict. The prediction of reattachment from stall remains a
problem, which is not surprising since experiments have shown that stall reattachment is highly
non-repetitive. Transition modeling is very important, and to date it remains unresolved. The pre-
sent results are very encouraging because they show that analysis can be used to examine local
flow details at useful Mach numbers (i.e., at 0.3 : M : 0.4). Analysis may be soon available to
identify details which can explain unresolved 2-D testing issues.

Chandrasekhara and Carr (4) described two-dimensional wind tunnel tests to investigate com-
pressibility effects on dynamic stall. The NACA 0012 airfoil was employed over models with 3 and
6 inch chords. The test revealed multiple shocks at the Leading Edge during stall. In addition to
valuable preliminary data on LE flow details, the present investigation, and future 2-D tests
employing the same setup, can be a source of much needed data on the effect of compressibility
on dynamic stall at model rotor Reynolds Numbers.

Regrettably, the third paper in the Dynamic Stall session was withdrawn.

Next, lvtchin (5) addressed unsteady aerodynamic effects on the profile drag in the assessment of
rotor performance. The method is based on an unsteady aerodynamic formulation by V. E.
Baskin, and it is backed by extensive test evidence. While a significant body of oscillating airfoil
data is available to document dynamic stall effects on the sectional lift and pitching moment, there
is relatively little data on instantaneous unsteady drag measurements. Ivchin's paper was particu-
larly interesting because it offered an insight into Russian helicopter research, which included 2-D
oscillating airfoil tests and rotor blade airload measurements by means of blade mounted bal-
ances. Test / theory correlation examples involving Mi-26 performance were also presented.

Geissler's and Sobieczky's paper (6) presented the results of an analytical investigation, carried
out by CFD, of "dynamically deforming" airfoils as the means to reduce the severity of dynamic stall
effects. Prior work had shown that variations in airfoil thickness can have a beneficial effect of
dynamic stall. Variations in LE camber, however, hold an even greater potential for the alleviation
of deep stall airloads. Analysis was used to investigate leading edge camber changes over 10%
of a NACA 23012 airfoil. The calculations showed that it should be possible to prevent the burst-
ing of a supersonic LE "bubble" at high angles of attack, and also to alter pitching moment stall
hysteresis in a way which reduces negative aerodynamic damping. The variable camber sched-
ules examined in the paper were prescribed, and not yet optimized for specific rotor flow regimes.

2.3 Session 2 - Wind Turbines

Snel and van Holten (7) reviewed recent wind turbine aerodynamics research of relevance to
rotorcraft. Wind turbines experience many of the flow problems encountered on rotor blades, and
particularly on tiltrotor blades: the wake is close to the rotor disc, airloads and performance are
influenced by dynamic stall effects, the flow turbulence environments are comparable, as are the
diameters. The methods developed for windmills closely resemble the rotor analysis methods, in
both the areas of comprehensive analysis and blade CFD. Interesting developments include the
representation of free wakes by vortex particles floating freely with the stream, in addition to the
better known vortex lattice and vortex tube models. Momentum theory and dynamic inflow
methods have also been examined as they offer computational advantages when high frequency
airload fidelity is not required. Rotating boundary layer calculations have included Coriolis force
effects resulting from spanwise flow. Root end flows have been examined in detail. The lessons
learned in windmills merit close scrutiny as they may be very relevant to rotor blade design.

Tchon, Halld and Paraschivoiu (8) reported on CFD calculations carried out to investigate dynamic
stall effects on a NACA 0015 airfoil section employed on a vertical axis (Darrieus) windmill. Navier-
Stokes solvers were used with both laminar and turbulent flow assumptions. All Darrieus motions
were included. The computation grid was of the hybrid type, involving structured and unstruc-
tured meshes. The laminar calculations displayed alternating LE and TE stall vortices, which did
not agree with the test evidence. The turbulent solution, using a x-wo turbulence model, accu-
rately modeled stall events and key local flow features associated with stall. As the authors cor-
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rectly concluded, "the results stress the need for turbulence modeling to realistically simulate
dynamic stall."

Madsen and Rasmussen (9) examined differences in dynamic stall between the 2-D oscillating air-
foil environment, and the environment of a horizontal axis wind turbine. This research was moti-
vated by the need to design wind turbines in which maximum power and loads are "self-regulat-
ing" by appropriate use of dynamic stall effects. The 2-D oscillating airfoil tests produce airload
trends which are not in agreement with the windmill test evidence. Particularly significant are the
discrepancies between 2-D and 3-D data at the root end of blades. The dynamic stall characteris-
tics on windmill blades have a "chaotic content that is not well represented by semi-empirical
models developed for helicopters." The investigation included examples of preliminary CFD
modeling of a segment of windmill blade, with both laminar and turbulent flow assumptions

Filippone and Sorenserh (10) described rotor CFD research aimed at both accuracy and efficiency,
achieved by breaking up the computational domain into viscous regions close to the blade sur-
face, and inviscid regions away from the surface. The method addresses both steady and un-
steady flow regimes for blade "strip" elements experiencing three-dimensional induced velocities.
While problems remain with the coupling of the outer inviscid region with the inner viscous solu-
tion, the method was correlated with measured windmill blade pressures with very encouraging
results.

Voutsinas, Belessis, and Rados (11) developed a three-dimensional, non-linear aeroelastic nu-
merical analysis to investigate the response of a horizontal wind axis turbine during yawed flow
operation. Blade structural effects and tower interference effects were also included. The aero-
dynamic solution was based on a time marching scheme and an unsteady free-wake employing
vortex particles. The vortex particle approach is of significant interest for helicopter rotor applica-
tions. Correlation with measured blade bending moments was satisfactory, but showed that fur-
ther improvements in the modeling should be implemented for more accurate results.

2.4 Session 3 - Three-Dimensional Aerodynamic Prediction Methods

Costes, Beaumier, Gardarein, and Zibi (12) presented a survey of ONERA methods for the aero-
dynamic analysis of helicopter rotors in hover and forward flight. All areas of interest were cov-
ered, including transonic flow over the advancing blades, retreating blade stall, hover and forward
flight flow field characteristics, rotor trim, aeroelastic coupling, interactional aerodynamics, blade
CFD, design optimization methods, and test / theory correlation with data from advanced experi-
mental investigations. All main analysis codes are described. While the ONERA codes are similar
in approach to codes developed by other European and American organizations, the ONERA
researchers have carried out an impressive amount of test-theory correlation with data acquired by
means of state-of-art methods. The paper is of great interest also because it describes compre-
hensive and multi-disciplinary computation procedures which are well understood in principle, but
quite difficult in their application to actual helicopter rotor designs.

Raddatz and Pahlke (13) carried out an investigation of the hover "wake capturing properties" of
an Euler solver applied to multi-bladed rotors. The investigation addressed grid resolution and
single vs two- block grids, including the effects of chimera boundaries. Calculated wake geometry
features and pressure distributions were compared to test results by Caradonna and Tung. The
study showed that refining the wake grid does improve the accuracy of the calculated hover wake
features, although the improved wake details do not necessarily result in improved blade surface
pressure predictions. At present, rotor design is carried out by means of codes relying on "vortex
element" wake models, which are closely coupled with the blade loading and may have free-wake
features but are not modeled by CFD. The results of this Euler investigation showed that multi-
block computation schemes hold significant promise in the modeling of both hover and forward
flight rotor wakes. However, the assessment of still more accurate blade airloads and performance
will eventually require the introduction of viscosity.
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Berezin, and Sankar (14) approached the CFD modeling of the UH-60 rotor in forward flight by a
hybrid approach. The computational domain was split into two regions. A Navier-Stokes
formulation was used near the blade surface, and a Full-Potential solution elsewhere. The two
regions were coupled through boundary conditions on the interface surface separating them.
Splitting the computational domain was shown again to be very promising: the hybrid approach
resulted in an approximately 50% reduction in CPU time, compared with a stand-alone Navier
Stokes solver, although some problems remain in the prediction of separated flow regions.
Examples of test/theory correlation were shown in the presentation.

Narramore (15) reviewed how CFD has been put to use in industry (at BHT) in support of rotorcraft
design. Excellent qualitative and quantitative results have been obtained with the more "mature"
CFD applications, e.g., 2-D airfoil design, by direct and inverse solutions. With more complex 3-D
models, for which Narramore used state-of-art computers such as the NAS, CFD may not neces-
sarily produce quantitative answers, but it yields an extremely useful insight into the phenomena
involved. Narramore also illustrated and emphasized how computer graphics and work-stations
facilitate the utilization of CFD in the engineering design environment.

R6ttgermann and Wagner (16) described the coupling of a vortex lattice wake model with a Carte-
sian computation mesh (not body fitted) to capture blade flow details by means of a full-potential
solver. The emphasis is on "Cost Efficient Calculations" As illustrated by comparison with blade
pressure data, the method yields satisfactory results up to flow conditions including weak shocks.
The simplified computation grid around the blades and the use of a pre-defined (non CFD) rotor
wake model lead to significant improvements in numerical convergence, and a significant reduc-
tion in data storage requirements. The method can and eventually will be coupled with a bound-
ary layer analysis to calculate profile drag.

Finally, Bessone and Petot (17) presented the results of the systematic evaluation of a compre-
hensive rotor analysis code (ROTOR) combining current aerodynamics and dynamics models, dif-
ferent advanced rotor wake options (METAR) and blade CFD (FP3D). The results of the analysis
were compared with data from rotor tests at Modane of the 7A and ROSOH rotors. The correla-
tion with test data points out that unsteady tip effects cannot be captured by methods based on 2-
D information, and that the accuracy of the aerodynamic solution is dominated by elastic blade
torsion effects. The use of CFD improves the modeling of tip flow effects, but presently, the
value of CFD is more qualitative than quantitative. A new stall model, including swept tip effects, is
being developed at ONERA. The ROTOR predictions are satisfactory for the lower harmonic air-
loads, but for the moment problems remain with the higher harmonic airloads. The great long-term
advantage of the ROTOR code is the modularity of its elements.

2.5 Session 4 - Experimental Investigations on Helicopter Rotors

Hamel and Kaletka's invited overview paper (18), presented by Dr. Hamel, summarized the
findings of Flight Vehicle Panel's (FVP) Working Group 18 in Rotorcraft System Identification.
System identification involves the definition of mathematical models of aircraft, or rotorcraft,
response and the determination of empirical coefficients which are adjusted to improve the
agreement between the models and test evidence. The paper presented a detailed discussion
of Maneuvers, Measurements, Models and Methods, drawn from flight test evidence for the AH-
64, SA-330 and BO-105 helicopters. The Working Group's Final Report and Lecture Series have
been published, respectively, in References (36) and (37). Key conclusions were that while
Industry acceptance of System Identification methodology is growing, and significant progress
has been made, today's methods permit a correlation of Wind Tunnel, Flight Test, Analysis and
CFD on a "rudimentary" level only. The accurate modeling of complete helicopter characteristics
from design through production is still a major challenge.

Niesi, Swanson, Jacklin, Blaas and Kube (19) summarized the results of a full scale MBB BO-105
rotor test to investigate the effects of Individual Blade Control (IBC) on noise radiation. The test
was carried out in the 40x80 ft Wind Tunnel at the NASA Ames Research Center as a cooperative
research program involving NASA, ZF Luftfahrttechnik, DLR and EUROCOPTER Deutschland.
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The test established the feasibility of reducing BVI noise by reducing blade lift both where the
vortex is generated and where the blade encounters the vortex. BVI noise reductions of up to 7
dB were measured with different higher harmonic input modes. While the IBC inputs as tested
were not optimized, and caused some performance or vibration penalties, the results of the test
imply that there are no fundamental obstacles to the use of feedback-controlled IBC inputs to
reduce BVI noise with minimized performance and vibration penalties. For that purpose, a
feedback controller could be linked with blade pressure or other key measurements. The results
of this test will be very useful in guiding the development of other advanced blade control system,
as, for instance, devices employing smart structures.

Kataplioglu and Caradonna (20) reported on a Blade Vortex Interaction test conducted to quantify
key aeroacoustic effects and to generate the detailed test data necessary to validate the CFD
methodology necessary to assess BVI pressures and noise. The test was caried out in the 40 by
80 ft Wind Tunnel at the NASA Ames Research Center, and it involved a 7 ft diameter model rotor
with pressure instrumented blades, installed downstream of a vortex generating wing. The two-
bladed teetering rotor had rectangular untwisted blades, with a NACA 0012 airfoil section, and 6
inch chord. Acoustic data were obtained with fixed near-field microphones and movable array far-
field microphones. Flow visualization was used to verify the position of the vortex involved in BVI.
The test quantified the effect of variations in blade-vortex separation, vortex strength and direc-
.tion, and blade lift at BVI encounter. "Miss" distance between blade and vortex was found to be a
major parameter in reducing BVI noise.

Samokhin's and Rozhdestvensky's paper (21) presented an overview of the results of acoustic
studies carried out by means of flight test for three multi-bladed single-rotor helicopters. The
three helicopters, the MI-8, MI-24 and MI-28, are currently produced and operated in Russia. Far
field noise level measurements were carried out by ground-based microphone arrays. A heli-
copter's far-field noise includes main and tail rotor contributions, and contributions from the en-
gine, gearboxes and transmission. The examples of measured noise spectra display discrete
component frequencies attributable to the main and tail rotors, and broadband components. An
X- tail rotor configuration, with same diameter and chord as the baseline, was tested on the MI-28.
The X-tail rotor reduced the noise by 3 to 5 PNdb in level flight.

2.6 Session 5 - Experimental Investigations on Helicopter Rotors

Tarttelin and Martyn (22) described key results from an in-flight research program carried out by
the Defence Research Agency (DRA), Bedford, UK, on the Aeromechanics Lynx Control and
Agility Testbed (ALYCAT). The Lynx helicopter used in this program was equipped with pressure
gage instrumented main and tail rotor blades. The main rotor blades were also instrumented with
strain gages. The blade instrumentation and the codes used in analyzing the ALYCAT data were
based on prior experience with the Puma helicopter. Tail rotor blade loads were obtained empiri-
cally from LE and TE pressure measurements. Blade pressure distributions were compared to 2-
D wind tunnel test data for the RAE9617 and RAE9615 airfoil sections. The objective of the test
program was to obtain a large data base for advanced flight simulation, and therefore the flight
conditions ranged from hover and level flight to maneuver and transition, climb / descent and con-
trol input response. The analysis of the data is only in the early stages, but the data contain a
large volume of very interesting information, including main and tail rotor interaction effects.

In paper (23), Seelhorst, Beesten and Batefisch showed examples of rotor flow field measure-
ments obtained by three-component Laser Doppler Velocimetry in both hover and forward flight.
Blade Vortex Interaction (BVI) conditions were also examined. The tests were carried out for two
four-blade model rotors, one with rectangular tips and the other with swept tip winglets. The
NACA 0015 airfoil was employed on both rotors. The hover tests were carried out at DLR
G6ttingen, and the rest in the open test section of the ILR Aachen low-speed wind tunnel.
Objective of the test was an improved understanding of the mechanism of tip vortex rollup as a
function of tip geometry, and the documentation of vortex strength, core size and tip vortex
kinematics. Excellent examples of vorticity contours were shown for the two tip configurations.
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The vortex trailed by the square tip rolled up very rapidly. The vortex trailed by the winglet rolled
up at a considerably slower rate. The data deserve further close scrutiny.

Berton, Favier, Maresca and Nsi Mba presented the results of airload measurements obtained
over rotor blades in hover by Laser Doppler Velocimetry. The velocity measurements were caried
out over a path taking into consideration the Kutta condition at the trailing edge (Equations de
bilan de quantitd de Mouvement et de Kutta - KME method). Besides determining the local lift,
the LDV data also allowed an assessment of the local profile drag. The tests were carried out in
IMFM's S1-Luminy wind tunnel with 1.5 m diameter model rotors having -8.30 of twist, the OA209
airfoil section, and four different blade tips outboard or 0.95R. The trajectory of the trailed vor-
tices was determined by smoke visualization and hot wire anemometry. In the examples shown,
there was excellent agreement between blade measurements by LVD and hub balance mea-
surements, both in terms of thrust and torque. A significant point was also raised about the choice
of integration path: while in a two-dimensional environment the determination of the local circula-
tion is independent of path, in the rotor environment the same integration can be significantly
influenced by nearby rotor wake elements.

Kube, Splettstoesser, Wagner, Seelhorst, Yu, Boutier, Micheli, and Mercker presented a status
report (25) about the Higher Harmonic Control Aeroacoustic Rotor Test (HART). The HART pro-
gram was conducted jointly by AFDD, NASA, ONERA and DLR in the German Dutch Wind Tunnel
(DNW). The objective of the test was to investigate the effect of Higher Harmonic Control (HHC)
on Blade Vortex Interaction (BVI) noise and vibration by both theoretical and experimental
methods. The tests were conducted on an DLR test rig, ROTEST II, with a 2 m Mach scaled model
of the hingeless MBB BO-1 05 rotor. The rotor balance measured both static and dynamic forces
and moments. The blades were instrumented with 132 pressure transducers and 32 strain
gages. Noise measurements were carried out by means of fourteen microphones (eleven
movable, and three fixed). Extensive flow visualization and Laser Doppler Velocimetry (LDV)
measurements were also made. Two different LDV techniques were employed for advancing and
retreating side blade vortex interaction events. Two different systems were also used to measure
in-flight elastic blade deflections. The test conditions included descent flight with a variation in
velocity from low to high speed, but emphasis was placed on a low speed descent condition
simulating landing approach at g = 0.15. A very large volume of data has been acquired. HHC
was shown to be effective in reducing BVI noise (5 db) at some cost in loading noise, but loading
noise is not as bothersome to human beings as BVI. The reduction in vibration, and, possibly
performance improvements require different HHC schedules. Differences in vortex structure
were observed as a result of HHC.

2.7 Session 6 - Acoustic Prediction Methods

Paper (26), by Beaumier, Prieur, Rahier, Spiegel, Demargne, Tung, Gallman, Yu, Kube, Van der
Wall, Schultz, Splettstoesser, Brooks, Burley and Boyd summarized the theoretical predictions
carried out in preparation of the HART test, and subsequent initial validation efforts. Predictions
were carded out by different teams using state-of-art European and US codes. The analysis
addressed blade deformations, wake/vortex geometry, sectional loads and noise and provided a
first insight into the mechanisms by which Higher Harmonic Control (HHC) may affect BVI noise.
Initial conclusions are that free wakes and accurate aeroelastic blade analyses are necessary to
understand the conditions leading to BVI. Generally, the methods for BVI analysis still need
improvement, and the authors conclude that, at this time, it is premature to propose, from pure
theoretical studies, a complete explanation of the mechanisms by which HHC may affect BVI
noise. The data, however, will be extremely valuable in identifying key effects which might be
exploited in future HHC investigations or in the definition of other advanced rotor blade control
concepts.

lanniello and De Bemardis (27) addressed quadrupole noise prediction methods and its treat-
ment through the acoustic analogy approach, comparing different forms of solution of the non-
linear term in the Ffowcs Williams and Hawkings equation. The authors recommend a three-
dimensional integration through a prescribed volume around a blade. The proposed method
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requires a significant investment in computer resources, but it is quite accurate. An example is
shown for a non-lifting rotor in hover, with tip Mach numbers up to 0.8 and an in-plane micro-
phone location, for which excellent results ware obtained by integration of the aerodynamic data
from a full-potential solver. A comparison between solutions on a Convex C3860 and the Cray
YMP showed the latter to be approximately four times faster.

Gennaretti, lemma and Morino (28) proposed a Boundary Integral Method (BEM) for the unified
aerodynamic and aeroacoustic analysis of rotors hovering at transonic tip speeds. The BEM
approach is recommended as it can be computationally more efficient than current CFD tech-
niques in addressing complex flow fields, such as a rotor wake in the presence of a helicopter
fuselage. The method is still under development, but a few examples are shown to illustrate the
excellent agreement between BEM, test evidence and existing numerical results based on the
solution of the Ffowcs Williams and Hawkings equation. While only non-lifting hover conditions
have been modeled so far, the calculated aerodynamic solutions are comparable to results
obtained by CFD methods.

Schultz, Lohmann, Lieser, and Pahlke (29) presented an overview of helicopter aeroacoustic cal-
culations carried out at DLR. Primary emphasis has been on blade vortex interaction noise (BVI)
and high speed compressibility impulsive noise. First the paper discusses low speed BVI noise
predictions with aerodynamic inputs from a Lifting Body Surface method (originally developed for
propellers) and the linear terms from the Ffowcs Williams and Hawkings equation. Next high
speed hover and forward flight noise is addressed, by a combination of 3-D Euler solvers and the
FW-H equation. Comparisons are made with UH-1 H and BO-1 05 model test data from DNW. The
aerodynamic results are not always in good agreement with the test evidence, and that is at least
in part due to inaccuracies in the wake model. The acoustic results, however, are in fairly good
agreement with the experimental data. Four different approaches to solve the quadrupole vol-
ume integral are compared for a hover case. While some methodology improvements are still
necessary, both the BVI and the high speed noise prediction methods yield useful results.

Toulmay, Falchero and Amaud (30) described the methods available to predict exterior noise,
from the French helicopter manufacturers point of view. They divided their requirements into four
different noise assessment categories: 1) Overall rotor noise, 2) Blade-Vortex Interaction, 3) Fan-
in-fin, and 4) Complete helicopter in flight. The presentation included a tape recording of noise at
various flight conditions. Foremost, the blade airloads must be correct, since airloads are the first
step in the chain of calculations. The paper discusses in detail the different methods of analysis
and shows several examples of test/theory correlation with wind tunnel and flight test data.
Fenestron noise in hover and main rotor rotational noise can be predicted fairly accurately, but
problems remain with computations involving aerodynamic interactions. Strut interference, caus-
ing fan-in-fin turbulence ingestion, will be investigated experimentally in the near future. In some
instances, as with engine noise and complete helicopter configurations, there is no substitute for
test.

2.8 Session 7 - Interference Problems

Syms and Zan (31) discussed experimental and numerical methods to assess interference effects
during helicopter operation from non-aviation ships, such as frigates. Data on the wake of a repre-
sentative ship superstructure were acquired by means of a small (1/300) scale wind tunnel model
for various head-on speeds. The measurement methods included hot-film anemometers, and
"flying" and'stationary probes. The ship wake data were then imposed on a simulated UH-60
Black Hawk to evaluate wake effects on helicopter force and moment variations in the presence of
different large scale separated flow features. As could be expected, the most dangerous condi-
tions are in the presence of a reverse flow region behind a frigate's hangar and above the flight
deck. The simulation also showed that the measured vertical velocity fluctuations had a greater
effect on rotor loads that any streamwise variations.

In paper (32), Newman described a recent investigation of rotor blade flapping motions during
engagement and breaking aboard ships. The uncontrolled motions of the rotor blades during
startup and shutdown in the presence of strong winds are referred to as "blade sailing" , and can
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be quite dangerous. The experimental investigation involved testing a small scale model of a
rotor, similar to the Westland Lynx rotor, on a structure representative of a ship's flight deck,
aligned at right angles to the incident wind direction. The assembly was tested in the settling
chamber of a wind tunnel up to speeds corresponding to full scale 47 knot winds. Records were
made of the flow environment and of the flapping behavior of the rotor at various rotational speed
and wind conditions. Subsequent analysis showed that the driving force behind blade sailing is
the vertical component of the wind and its variation over the rotor disc. Maximum flapping ampli-
tudes occur at rotor speeds approximately 10% to 15 % of the normal operating value.

2.9 Session 8 - Acoustic Prediction Methods

Baeder's presentation (33) reviewed the role and status of Euler solvers in the assessment of the
impulsive noise of helicopter rotors. While not yet usable routinely, Euler solvers can be con-
sidered "fairly mature" in providing the aerodynamic data necessary as input to Kirchhoff and
acoustic analogy methods for the prediction of far-field noise. While Euler solvers are not yet suf-
ficiently mature to allow the prediction of Blade Vortex Interaction noise under the complex three-
dimensional environment of the rotor flow field, they can be used to investigate promising
phenomena on a two-dimensional basis. Examples shown in the paper include the effect of
introducing a fast airfoil pitching motion, during BVI, to cause the blade-vortex encounter to occur
at a lower lift level. This airfoil pitch change reduces the pressure gradients in comparison to the
unmodified encounter. The entire encounter, and any consequences of the additional pitching
motion on the sectional forces and moments, can be modeled by means of CFD codes such as
TURNS.

Lyrintzis (34) presented a comprehensive review of the use of Kirchhoff's method in rotorcraft
aeroacoustics, starting from its the early applications to fields other than acoustics and a descrip-
tion of the development of typical formulations. The use of Kirchhoff's method in the prediction of
high speed helicopter noise has increased over the past 5 to 10 years because of the develop-
ment of CFD methods that can be used to evaluate the near-field aerodynamics. Several exam-
ples are shown comparing various methods of impulsive pressure predictions and test data. In
concluding, the author points out that simple portable Kirchhoff subroutines can be developed to
calculate the far-field noise from the near- and mid-field CFD solutions for rotor blades in high
speed flight.

In paper (35), Wells, Han and Crossley discussed the possible use of genetic algorithms in the
design of low-noise rotor blades. Optimization by genetic algorithm methods allows the investiga-
tion of designs combining highly diverse objective functions and under rules which avoid the local
maxima ,or minima, that limit other more conventional methods. Without claiming that the acoustic
prediction methodologies involved are totally reliable, the paper presents the results of optimiza-
tion calculations addressing thickness noise only, loading noise only, and a combination of the
two under constraints which allow variations in airfoil, planform taper, tip speed and number of
blades, without any constraint on performance. While the methods described are not sufficiently
mature for detailed design, it would be a mistake to overlook their potential applications to prelimi-
nary design.

Again regrettably, the very last paper in the Symposium was withdrawn.

3. DISCUSSION

The Symposium covered a variety of technical subjects in considerable depth, but this discussion
will be generally limited to broad issues, and will try to emphasize the applicability of current
research from a rotorcraft manufacturer's point of view.
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Are there significant trends in our research? A survey of the thirty four (34) papers presented
shows that:

o Seventeen (17) dealt with Computational Fluid Dynamics (CFD),
o Twelve (12) addressed roto•r noise,
o Twelve (12) addressed experimental investigations,
o Eleven (11) were survey papers.

This distribution reflects today's concirms with the complexity of the rotor flow environment, and
with the difficulty in understanding and quantifying some of the most important phenomena. We
can see that significant progress has been made, and we have good reasons to be proud of our
accomplishments, but in looking to the future we must seek the answer to difficult questions,
such as:

o Are we addressing the esF ential problems?
o Do we have a good mix of near-term and long-term research goals?
o What are, or should be, our priorities?

The subjects covered during the Symposium include most of today's concerns, including the
resolution of fundamental problems in Computational Fluid Dynamics, the contents and validity of
comprehensive rotor analysis code ., the coupling of comprehensive codes with rotor CFD, the
complexity and value of rotor wake mnodeling, and the results of extensive analytical and experi-
mental investigations. The subject of rotorcraft acoustics was addressed very extensively from
both points of view of noise predition and measurement. Relatively limited attention was paid to
interactional aerodynamics and op!imization, but that was not because of any "maturity" in the
methods involved, but rather bect use both represent challenges which cannot yet be met. A
discussion of the major subjects Inc, points of interest follows.

Computational Fluid Dynamics - J. Landgrebe's survey paper (2) set the stage for all the detailed
presentations that followed. In one way or the other, all papers concurred with Landgrebe's
message that CFD still has to overcome problems with:

o The efficiency of the fio' solvers,
o Grid generation,
o Turbulence modeling,
o Numerical diffusion.

At present, we envision a sigr,.ficant role for CFD in almost all aspects of rotor and windmill analy-
sis because CFD offers a unic ie insight, even when the quantitative results do not fully meet our
expectations. The range of CRF) applications covers the entire spectrum of advanced rotor con-
cepts and key phenomena. We have seen CFD used to quantify:

o Rotor blade flow environments, from effects due to advanced blade shapes to local 3-D
conditions, and transonic flow and blade- vortex interaction information needed to
evaluate rotor noi::e,

o Windmill flows, witm emphasis on blade root-end effects and stall control,
o Rotor wakes - M,,! promising, but not yet useful because of numerical dissipation

problems,
o Fuselage design issues, primarily aimed at the reduction of flow separation and

interactional aerodynamic effects,
o Airfoil design,
o Dynamic stall modeling, which remains a difficult challenge until transition and

turbulence modeling problems are resolved,
o Variable camber concepts, particularly necessary to quantify unsteady aerodynamic

effects associated with the motions of deployable blade surfaces.
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The most promising CFD developments addressed during the Symposium include:

o Hybrid grids,
o Split computation domains,
o Multi-block grids and Chimera type boundaries,
o Wake / vorticity capturing schemes,
o The coupling of rotor CFD with comprehensive rotor analysis codes.

While CFD needs to be improved to represent better the physics involved, it was recognized that
"cost effectiveness" is a very important issue in the application of CFD to actual problems. More-
over, "cost effectiveness" encompasses "accuracy " as well as "computational efficiency" and
ease in processing input and output information. The proper utilization of CFD has been of great
concern to the fixed-wing aircraft industry, long before it was seen as a viable alternative to sup-
porting rotorcraft design. Recently, Paul Rubbert (38) presented an excellent overview of the sit-
uation in his AIAA Wright Brothers Lecture on the role of CFD in airplane design. In airplane de-
sign a key element is time. The reduction in time needed to develop a new airplane is the best
contribution CFD can make to the process. Rubbert advocates the use of CFD in tackling only a
I= of the most critical (and challenging) flight regimes, and not the computation of trends which
could be obtained by other means.

In supporting rotorcraft design, the use of CFD is not "mature" ( i.e., both common and
successful), partly because CFD is a relatively new tool for us, and partly because the rotor flow
environment is significantly more complex than the flow over fixed wing aircraft. While we have to
continue pursuing difficult CFD challenges, such as rotor wake modeling, BVI and dynamic stall,
very useful data can be obtained IQdU by more limited and better understood applications, as
described, for instance, in References (15) and (39).

DynamicS,•all - Coping with dynamic stall remains an open research challenge, although over 20
years have passed since the start of systematic oscillating airfoil tests, e.g., references (40) and
(41). While tests are still necessary, we now expect Computational Fluid Dynamics to provide
some of the insight, if not the actual data, necessary to address dynamic stall and unsteady effects
in rotor design. Fundamental modeling issues will have to be resolved before CFD can be used
for detailed design support in unsteady aerodynamics. Having participated in a number of oscillat-
ing airfoil tests, I would alert the code developers to the extreme lack of repeatability, from cycle to
cycle, often observed in the recovery from dynamic stall.

It should be also noted that the test setup reported in paper (4) may provide dynamic stall data at
model rotor scale Reynolds numbers and at full Mach numbers. Oscillating airfoil data for the cor-
rect combination of scale and compressibility effects have not been available to date.

Windmills - Windmill research continues to be a source of data and methodology for rotor and
proprotor applications. Of particular interest are: 1) The developments in wake-vortex particle
methods, which could contribute significantly to the definition of efficient free-wake models, and
2) The research on blade root-end boundary layer and separation modeling, which could prove to
be valuable in the definition of inboard blade contours on future tiltrotor blades. The research in
windmill blade stall should provide additional insight into dynamic stall effects.

Comprehensive Codes - It was interesting to observe the variety of comprehensive rotor analysis
codes available today, and the great commonality among them, as they all employ similar ap-
proaches in the modeling of blade aerodynamics and dynamics. Today's comprehensive meth-
ods of rotor analysis are either "modular" in their structure, or consist of separate codes which can
be linked by the user. All can be coupled with blade CFD codes, and all are starting to take advan-
tage of computer assisted graphics in displaying results. And, finally, all the codes suffer from de-
cidedly uneven success when correlated with test data.

A specific problem that remains to be addressed before the CFD and comprehensive codes can
be fully coupled (without "correction" factors) is the overprediction of sectional lift-curve slopes by
the CFD codes. This is a well known consequence of ignoring viscosity, in the potential and Euler
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solvers, and the applicable examples presented during the Symposium confirm this trend. In the
longer term, when viscosity effects can be routinely accounted for, prediction errors due to the
absence of boundary layer effects should no longer be a problem. Examples of successful two-
dimensional Navier-Stokes calculations have already been reported (42), but comparable Navier-
Stokes solutions for rotor blades have not yet been practical. While many code developers rec-
ognize that the sectional (or local) lift-curve slope values calculated by their CFD codes may be
high, most of them do not appreciate the consequences of a 10% or 20% error in rotor blade
loading calculations when coupled with blade motions and elastic deflections.

Flight and Rotor Tests - Together, the test programs described during the Symposium provide
a staggering amount of experimental data, and probably hold answers to many, if not most, of the
problems we presently encounter in the development of advanced rotors. Only one major pro-
gram was mentioned and not described in detail, and that was the Flight Test of the Heavily In-
strumented UH-60 Helicopter (43). The data acquired during recent wind tunnel tests and flight
tests include:

o Blade surface pressures and strain gage data,
o Acoustic data,
o Higher Harmonic and Individual Blade Control (HHC and IBC),
o Main and tail rotor airloads,
o Results from advanced flow measurement techniques, documenting rotor wake

velocities, wake rollup, blade circulation and details of blade vortex interaction (BVI),
o Special purpose BVI tests.

Although it is an exciting development to have acquired such high quality and comprehensive
data, funding problems have typically beset all large test programs and have too often compro-
mised the adequate reduction, analysis, documentation and dissemination of test results. One
can only hope that the cooperative nature of most of the test programs reported at this time will
assure the support necessary to compile useful records of the most critical information.

Austic - Progress has taken place on three fronts: CFD, test, and aeroacoustics methodol-
ogy. The evaluation of rotor noise depends on an accurate knowledge of the time derivatives of
blade surface pressures, which will eventually be predicted by CFD. Very encouraging results
have been obtained in the evaluation of high speed quadrupole noise by various integration
methods. While high speed noise prediction by CFD methods was considered "mature" by some
of the speakers, the prediction of BVI noise was recognized to be a challenge not yet within
reach.

Independently of the relatively slow progress in Computational Fluid Dynamics and Computa-
tional Aeroacoustics, many of the advanced rotor tests reported during the Symposium will pro-
vide direct physical evidence quantifying the flow field phenomena, the time derivatives of rele-
vant pressures, and the associated rotor noise. The same tests should provide guidelines (not
clouded by computational difficulties) on the means to reduce rotor noise.

Interference - The two papers on interference (31) and (32) addressed ship flow environments
and their effects on helicopter operation and safety. Both dealt with difficult problems which
cannot be approached by conventional rotor analysis methods because of the complexity of the
flow environment (aerodynamic interference effects from ship structures), the lack of periodicity
in the events being modeled, and the wide excursions in blade airloads and motions. Both pa-
pers described methods which introduce measured flow field data into special purpose blade
aerodynamics and dynamics analysis codes, with very revealing results.

Q•imfi~zaton - The last paper (35) dealt with acoustics, but it introduced genetic optimization as a
non-intuitive method to determine which combinations of blade properties result in reduced noise
within given flight conditions. While the algorithms used to relate blade geometry and noise were
not necessarily valid throughout the design space, the approach generated interesting results,
significant interest, and a great deal of discussion. Genetic algorithms require a large investment
in computer resources, but are a promising development in advanced optimization methods.
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New Hrizon - The Russian papers on unsteady drag (5) and acoustic measurements (21) pre-
sented only a small sample of the experimental data, and analytical and empirical methods devel-
oped over decades in the former Soviet Union. Contacts with the Russian scientific community
are steadily increasing. The proceedings of the First Forum of the Russian Helicopter Society
(44), held in Moscow during September 1994, offer the first up-to-date overview of Russian
research and technology in the area of rotorcraft.

The most significant developments addressed during the Symposium were:

o Computational Fluid Dynamics applicationsdominate all analysis developments. CFD
has not yet fulfilled its promise, but it will eventually be the single most powerful tool
available to support advanced rotorcraft design.

0 Computational Aero Acoustics (CAA) does not lag far behind CFD in its development, but
it is not yet ready to support routinely the development of quiet rotors.

0 Testing techniques have evolved to yield an unprecedented amount of flow field,
airloads and acoustic details.

0 In Rotorcraft System Identification, today's methods and procedures permit only a
rudimentary level of correlation among Wind Tunnel, Flight Test, Analysis and CFD.

0 Windmill research continues to complement rotor research.

0 Our comprehensive rotor analysis codes are very similar. We have similar success in test-
theory correlation. The coupling with CFD codes will eventually make a significant
difference.

Are we after the right problems?

Generally, yes, in my opinion. Progress is being made in all relevant technologies, but many

challenges remain. Among them:

o The definition of advanced tiltrotor analysis methodology.

0 An emphasis on usable CFD, which starts with "application friendly" grid generation and
post-processing methods. Also, CFD methods should be routinely correlated with test
evidence, preferably for some generally accepted benchmark conditions, before being
extended to complex flows. Adaptive grids were mentioned but not explicitly
addressed.

o The overprediction of 2-D lift curve slopes by rotor CFD codes, in the coupling of CFD
and comprehensive rotor analysis, has been largely ignored. CFD and rotor analysis
cannot be meaningfully coupled until this and related difficulties are resolved.

0 A n understanding of how aeromechanics and aeroacoustics should interface with

design and manufacturing technologies to reduce rotorcraft development costs.

o The resolution of the numerical dissipation of CFD wakes.

o Better means to separate numerical problems from the physics modeling problems.

The definition of maneuver and transition rotor analysis methods.
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Do we have a aood mix of near- and long-term research goals?

For the near-term, the mix appears to be reasonably good. And in judging some of the research
we have to remember that the primary charter of Universities is educating students. Even more
than in the past, however, we have to make a continuing effort to remain aware of on-going devel-
opments, and will have to adjust the direction of research as necessary. A steady dialogue
among Industry, Government Research Centers and Universities is absolutely necessary because
our products, and the way we design and manufacture them, are changing faster than ever.
From the researchers and educator's points of view, what is at stake is not just the timely support
of emerging technology requirements, but also the career prospects of future engineering
graduates.

For the longer term, i.e., during the next decade, I can only suggest that the following develop-
ments are probable:

o Tiltrotor aircraft, including high-speed civil tiltrotors will become a reality.

o Low noise features will be essential for civil helicopter and tiltrotor designs. Acceptance
by the public of future civil rotorcraft depends on low noise (primarily low BVI noise) dur-
ing descent and approach to vertiports. We need practical solutions as soon as possible,
and will have to rely on test as long as analysis remains inadequate.

o Smart structure materials will be employed on rotor blades and other rotorcraft compo-
nents. The initial implementation of smart structure devices on rotor blades will probably
benefit from the experiences with Higher Harmonic Control (HHC) and Individual Blade
Control (IBC).

o Transition and maneuver flight modeling by comprehensive rotor analysis methods has
not been practical to date. Eventually, improved methods and faster computers will make
maneuver and transition analysis possible. Timing depends on funding priorities. The
comprehensive rotor analysis codes will have to be extended to non-periodic solutions.

o Advanced computers (parallel and distributed) are starting to have an impact on both
accuracy and efficiency (i.e., "wall clock time") of large calculations. The cost of comput-
ing hardware continues to drop. Difficulties remain, however, with the "user friendliness"
and robustness of large, mukdisciplan= computation methods.

o Comprehensive, advanced aerodynamics/dynamics modeling will be employed to an
increasing extent in rotorcraft flight simulation. Real-time comprehensive rotor analysis
calculations are not yet possible, and may not be desirable, but better algorithms and
faster computers will make it possible to introduce more accurate models in the flight
simulation codes.

o There is an increased interest in Remotely Piloted and Unmanned rotorcraft. While fixed
wing RPVs have been in use for some time, most recently, helicopter and non-helicopter
rotorcraft concepts have been investigated for their military and agricultural applications.

What should be our priorities?

Clearly, tiltrotor aircraft have not yet been recognized as a long-term opportunity by a significant
portion of the rotorcraft community. That will change, and new specific methods of analysis will
prove necessary to support the design of advanced tiltrotors. Fortunately, most current heli-
copter methodology will be applicable, although additional development efforts will be necessary
to address a variety of interactional flow environments involving wings and tail surfaces, large vari-
ations in rotor orientation, blade tip-fuselage proximity airloads, and all propeller design issues
ranging from whirl-flutter stability to high speed performance and vibration.
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A recent assessment of priorities in the development of tiltrotor technologies is described by H.
Alexander, et al., in reference (45). Not surprisingly, Alexander's study concluded that "Safety"
is always the first priority. It is followed by concerns with "Community Noise Outside Vertiports."
Passenger confidence, operating costs, fares etc. all play important but diminishing roles. To a
great extent, these conclusions also apply to helicopter operation in a civil transportation envi-
ronment. "Safety" can be related to the reduction in vibratory airloads and is an aspect of the
aeromechanics and aeroacoustics technologies we are concerned with, but it is not a clearly
quantifiable challenge. Community noise, on the other hand, is easily quantifiable (if not pre-
dictable) as a goal, and it is a challenge that we can and should take personally. Therefore, for the
near term, I believe that we should place a high priority on the investigation of the means to re-
duce Blade-Vortex Interaction noise during descent flight, in helicopter regimes. The reduction
of BVI effects is likely to reduce vibration as well as noise.

BVI noise is the most difficult of the technical challenges addressed during this Symposium, and
it is "multi-disciplinary," because it requires virtually allaspects of rotor analysis to be combined into
one accurate prediction procedure.

4. CONCLUSIONS

o The Symposium was very valuable. It summarized key developments in rotorcraft aerody-
namics and aeroacoustics technologies over the past decade.

o Analytical tools are becoming more accurate, Ma more difficult to use. The experimental
programs are providing an ever greater insight into the rotor flow field and the detailed
aerodynamic behavior of rotor blades.

o More information is becoming available on the interdependence of rotor aerodynamics,
dynamics and acoustics. Valuable aerodynamic modeling techniques are being pursued
in conjunction with windmill research.

o The reduction of rotor noise does not rank as high as Safety, but it appears to be the sec-
ond highest priority problem. It ranks much higher than passenger confidence and other
qualifiers. Safety is related to vibration, but through other disciplines.

o Computational Fluid Dynamics demonstrates great promise, but has been very difficult
to utilize in the support of rotor design. The unresolved issues that limit the application
of CFD in fix wing aircraft are even more of an obstacle in rotorcraft applications (grid
generation, turbulence modeling, lack of transition models, numerical dissipation of
vorticity, separated flow modeling, etc.). In the longer term rotor CFD will become more
usable, and will be fully coupled first with comprehensive rotor analysis codes and then
with blade Finite Element structural models. In the near term useful results will have to be
obtained from limited coupling.

0 A significant body of test data is now available to document rotor flow field and blade
aerodynamics. The data include blade dynamics, elastic effects, and acoustic measure-
ments. The investigation of higher harmonic control applications, and the measurement
of flow field velocities, blade pressures and rotor acoustics provide the basis for a better
understanding of the mechanism of noise generation and reduction. Reviewing and
documenting the data il likely to be a costly effort and will require an long term commit-
ment by the sponsoring organizations.
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5. RECOMMENDATIONS

o Place high priority on the prediction and reduction of rotor noise. This challenge includes
all analytical and experimental methods.

o Use the CFD and comprehensive codes to produce and document key trends.

o Pursue vortex particle methods in modeling rotor wakes for use in rotor analysis codes.

o Pursue oscillating airfoil data at model rotor scale conditions.

o Lift-curve slope problems with CFD code predictions must be resolved before rotor CFD
and comprehensive rotor analysis codes can be truly coupled, i.e., without "fudge
factors". Otherwise all aerodynamic effects, elastic blade deflections, induced power,
pressure gradients, etc., will continue to be quantitatively incorrect. Accurate pitching
moment and drag predictions by means of rotor CFD will also be, eventually, needed.

o We must try to obtain "interim" useful results from analysis. We cannot and should not
wait for al code features to be validated. Preliminary trends are often very valuable in
guiding design.

o Researchers involved in the development of advanced computation methods (CFD,
CAA, comprehensive codes, etc.) should keep in mind that while the eventual user of
their codes has to understand all the underlying physics, that user is not likely to tolerate
really unfriendly computer procedures or any significant lack of "robustness" in the
codes. Instances in which a complex and unreliable computer code must be used for
the sake of the competitive edge are few and far between. When the advanced methods
of analysis fail to produce results, industry has to resort to simpler analysis, and testing.

o Development costs, manufacturing costs, maintenance issues and regulations are
receiving greater and greater attention. Increasingly, traditional aeromechanics is justified
only as it can address product oriented issues.
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NEW DIRECTIONS IN ROTORCRAFT COMPUTATIONAL AERODYNAMICS RESEARCH IN THE U.S.

Anton J. Landgrebe
Division Program Leader, Sikorsky Program

United Technologies Research Center
United Technologies Corporation

411 Silver Lane
East Hartford, Connecticut, USA 06108

SUMMARY Limited computer power has led to many different types of

Recent research activities in the United States are present- aerodynamic methods with features determined by levels

ed that are representative of the directions of research for of complexity. The primary types of methods are listed

computational aerodynamics for rotorcraft. Emphasis is below:

given to Navier-Stokes methodology for airflow and air- Simple Momentum
load prediction, and specifically the fundamental technical Blade-Element Momentum
challenges associated with grid systems and achieving Potential -Lifting Line, Vortex Lattice, Lifting Surface
wake generation without numerical diffusion. Full PotentialEuler
Although the current rotorcraft CFD methods have not yet Navier-Stokes

generally demonstrated sufficient accuracy for the helicop-
ter industry, the recent rate of progress is encouraging. Some features characterizing the levels of increasing com-

1. INTRODUCTION plexity or operating regime are:

As stated in the theme for this 75th AGARD Fluid Hover/Steady Forward Flight/Maneuvers
Dynamics Panel Symposium, the importance of under- Airfoil/Blade/Rotor/Fuselage/Complete Rotorcraft
standing and accurately predicting the aerodynamic char- Two Dimensional/Tfree Dimensional
acteristics of rotorcraft is recognized, as well as the need Incompressible/Compressible
for improved phenomenological insight, better math mod- Inviscid/Viscous
els, adequate test equipment, and more precise and. 2. BACKGROUND
efficient numerical methods. This requires improvementsin Cmpuatioal luidDynmic (CF) ad coputrs. Accurate representation of the rotor wake and inflow is

necessary to improve blade airload prediction. Much prog-
The accurate prediction of helicopter airloads and airflow ress has been made since the author of this paper presented
remains an elusive challenge. Despite the recent advances the need for rotor wake research at the AGARD Fluid
in rotorcraft aerodynamic methodology through improved Dynamics Panel Meeting in 1972 [11 and an "Overview of
technology and high speed computers, limitations in pay- Helicopter Wake and Airloads Technology" [2] at the
load, range, forward speed, flight dynamics, aeroelastic European Rotorcraft Forum in 1986 and the International
stability, and structural loads, along with excessive noise Conference on Basic Research in 1988. Modeling of the
and vibration, still exist because of the inability to perform wake by hundreds and then thousands of vortex elements
aerodynamic associated design with sufficient accuracy. was made possible by the rapid progress of large main-
This is due to the complex interactive flow field of the heli- frame computers. Classical undistorted wake models were
copter which encompasses all of the aerodynamic chal- supplemented with more rigorous prescribed wake and free
lenges shown in the frequently used Figure 1. wake methods. Induced velocities at the blades and in the

The ultimate computational aerodynamics goal is to repre- wake were calculated using the Biot-Savart law in a
sent the entire rotorcraft (rotors, fuselage, etc.) and its flow coupled iterative manner with the blade airload solution
field, by the Navier-Stokes equations with a sufficiently based on potential theory. Examples of forward flight wake

detailed grid, time interval, and turbulence model to obtain geometry predictions by Egolf of UTRC are shown in

accurate solutions. However, this is awaiting the super- Figure 2.

computer of the future with vastly greater memory and In the 1980's, the use of modem computational fluid
speed capacity. In the interim, aerodynamicists have relied dynamics (CFD) techniques to predict airloads over the
on innovative assumptions to simplify the problem to the blade surface was initiated. The wake methods initially
extent required by the computer power available. The used a lifting line representation for each blade. To predict
selections of assumptions for a particular method or com- the blade chordwise as well as spanwise airloading, higher
puter code have been tailored to the immediate objective, level methods (vortex lattice, full potential, Euler, Navier
recognizing the limitations and constraints of the method- Stokes) are required. To directly predict the wake, Navier-
ology. Stokes methodology is required. The complex airloads

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin, Germany from 10-13 October 1994 and published in CP-552.
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predicted at UTRC (B. E. Wake) with a Navier-Stokes passage. The TURNS analysis has also been applied to
analysis, for a low speed forward flight condition, are rotors for acoustic predictions.
shown in Figure 3. Like other methods, the general agree- Navier-Stokes methods are beginning to be used for fuse-
ment with experimental data is not at the level of accuracy lage configurations. Narramore has applied ENS3D to Bell
required by the helicopter industry. Helicopter fuselages using a single-block grid. Berry has

Considerable progress has recently been made in develop- demonstrated CFL3D, INS3D, and OVERFLOW for a
ing CFD methodology for rotorcraft. To name all of the basic fuselage configuration. Detailed calculations of the
numerous contributors is beyond the scope allotted here, Comanche fuselage airloads were made by Duque and
and thus only representative names will be cited. By orga- Dimanlig using OVERFLOW. OVERFLOW has been
nization, key contributions in the U.S. have been made at applied to the tilt-rotor and a tilt-rotor with wing and body.
each of the major helicopter manufacturers, the NASA The rotor/body results will not be useful until the wake is
Ames and Langley Research Centers (Ames is the adequately captured.
designated lead Center for rotorcraft CFD) and universities Concurrently with aerodynamic code development, com-
(e.g., Ga. Tech., U. of Md., RPI, Iowa St., etc.), and prehensive multi-disciplinary codes (CAMRAD,
corporate and independent research organizations (e.g. 2GCHAS, RDYNE, COPTER, B-60 Series, etc.) have
UTRC, AMI, CDI). been developed. The integration and expansion of these

Rotorcraft CFD methodology development has continued codes to incorporate the wake, airflow, and/or airload
to proceed at a complexity level consistent with the rapid predictions from the CFD codes is a major future activity.
progress of computers. With the advent of supercomputers, Another forthcoming challenge is the development of a
methods for computer codes have advanced to full poten- first generation Numerical Rotor Test Facility. A CFD
tial and more recently Euler and Navier-Stokes research code will harness parallel computing technology for the
codes. In simplified terms, these three methods can be numerical simulation of the interactional aerodynamics of
distinguished as follows. The Navier-Stokes method is the rotorcraft.
ultimate method consisting of equations containing fluid The challenge for the future in aerodynamics is to achieve

viscosity, momentum, and energy considerations. The advanced rotorcraft designs that take into account the accu-
inclusion of viscosity is needed to rigorously compute rate prediction of airloads and the many aerodynamic inter-
boundary layer influence on skin- friction drag, tip vortex action effects that may influence the performance and
formation, and stall (b.l. separation). The Euler and full dynamic loading of the total vehicle. Aerodynamic interac-
potential equations do not include viscosity, and thus Euler tions among the rotors, airframe, fixed control surfaces in
and full potential codes either ignore or approximate it. In the rotor wake, auxiliary propulsion systems operating in
the full potential equations, fluid entropy is assumed and out of the rotor wake in proximity to the ground, and
constant and vorticity is not convected. It is thus necessary variations in these interactions with forward speed have
to couple a wake model. Although this is not ultimately been difficult to model during the design process. With the
necessary for Navier-Stokes methodology, current numer- enormous capacity of modem computers, however, these
ical diffusion due to insufficient grid density and turbu- aerodynamic interactions are being addressed with
lence models prevent accurate computation of the rotor increasing success. In the future, theoretical approaches
wake and its influence on airflow and airloads. to rotorcraft design will benefit tremendously from the

Advanced rotorcraft CFD methods are currently being rapid growth in the capabilities of Computational Fluid
assessed and used where feasible and sufficiently accurate. Dynamics (CFD). The supercomputers envisioned for the
The following is a list of some of the applications of current twenty-first century will have the capacity and speed to

deal adequately with the complex aerodynamic flow of aninterest that are being explored:enievhc.
entire vehicle.

Hover and cruise performance Tip design In this paper, recent advances and new directions in rotor-
Interactional aerodynamics Airfoil design craft CFD are presented. Emphasis is on CFD where the
Aeroacoustics Flaps, slats current fundamental challenges are grid methodology,
Blade vortex interaction Higher harmonic control wake generation without numerical diffusion, turbulence
Tip vortex formation Individual blade control modelling and aeroelastic and aeroacoustic coupling.
Fuselage drag (separation) Tilt rotorDynamic stall Aeroelastic coupling Considering the numerous research programs that havebeen conducted on the subject, only representative activi-
Navier-Stokes analyses (e.g., TURNS) and Strawn's adap- ties in the United States have been selected for inclusion in
tive Euler solver have been developed which attempt to this paper. Considering the extensive research activities by
capture the wake and predict hover performance. A major NASA and the Army at the Ames Research Center, under
technical hurdle for hover performance prediction is to the leadership of W. L. McCroskey and Y Yu (with R.
adequately resolve the tip vortex to at least the first blade Strawn, E. Duque, F Caradonna et al.), and the author's
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direct knowledge of the UTRC/Sikorsky activities (T. A. a multi-block method based on a system of embedded
Egolf, B. E. Wake, C. Berezin, et al.), most of the represen- structured grids. This Chimera grid approach uses inter-
tative activities are from these sources. connected sub-domains with grids that are selected for the

rotor blade (I grid) and the wake (2 grids). The blade gridThe intent of this paper is to show that the new directions shown in Figure 4 clusters points toward the airfoil surface

for rotorcraft CFD (coupled with the anticipated advances to capture the boundary layer flows, while the wake grid

in computers) have positioned rotorcraft aerodynamic places additional points in the wake's vicinity. This

technology at the forefront of major advances in the deter- ppach was recnty exte e bakmad and To
mintio ofrotrcrft irladsandairlowin he ext approach was recently extended by Ahmad and Duque to

uination of rotorcraft airloads and airflow in the next the forward flight regime for which the dynamic motion of
decade. the helicopter rotor blades was included through relative

3. COMPUTATIONAL FLUID DYNAMICS grid motion [9]. The Chimera embedded grid scheme
greatly simplifies the representation for arbitrary blade

In order to accurately predict the complex flows associated motions which is important in achieving trimmed flight
with the rotor wake, shocks, and blade and body-vortex conditions. The unsteady forward flight airloads and flow
interaction, and separated flow, Navier-Stokes methodolo- field of the AH-IG helicopter were computed using this
gy must be applied. The Euler form of the Navier-Stokes thin-layer Navier-Stokes code with moving embedded
equations can be used for relatively inviscid regions. With grids. The computed flow visualization using unsteady
advanced computers and computer networks, the current streakline particles emitted from the inboard and outboard
direction for rotorcraft Computational Fluid Dynamics blade tips is shown in Figure 5. The time history of tip air-
(CFD) is the solution of the Navier-Stokes equations in loading is shown in Figure 6. Differences in airloads at the
complete or Euler form, depending on the operating condi- tip and inboard on the blade, as well as a significant over
tion and region of interest. However, major technical prediction of power required, is attributed mainly to the
challenges persist such as achieving proper grid modeling need to improve the trim solution through a tighter airload/
for the different complex flow regions and alleviation of aeroelastic blade dynamics coupling and the need to reduce
the numerical diffusion of vorticity. numerical diffusion in the wake.

3.1 Grid Systems Simulation of the flow about the V-22 tilt rotor aircraft has

Grid methodology development has taken two paths based been conducted by Meakin [10] using a 3-D unsteady mul-
on structured and unstructured grids. Structured grid meth- tizone implicit Navier-Stokes code. Dynamic "Chimera"
ods work well for flow regions near bodies. They use overset grids were used to simulate the unsteady viscous
implicit solution methods that allow for larger time steps, airflow. A connectivity algorithm was included to dynami-
The grid can cluster near surface boundaries without severe cally establish domain connectivity among the system of
time step limits. However, current structural grid methods fixed and overset rotating grids. The V-22 geometry was
are not well suited for three dimensional grid adaption to decomposed into a system of overset grids, using novel
capture a vortex wake. Unstructured grids are adaptive and body-fitted grid topologies for the nose, wing/fuselage
can refine around flow features more readily than struc- intersections, wing tip and rotor tips. In all, 25 component
tured grids. As stated by Duque [3], three-dimensional grids were used, totalling more than 1.3 million grid points.
dynamically adaptive structured grids have not yet shown Particle trace simulation of the rotor wake structure is
an ability to adequately capture flow features in a true shown in Figure 7 for a 75 kt condition. The instantaneous
unsteady manner. In contrast, dynamic unsteady remesh- surface pressure on the fuselage and wing at one time step
ing and grid adaptation on unstructured grids, with the abil- is shown in Figure 8. The pressure waves on the fuselage
ity to freely remove and add points within regions of inter- and wing due the blade and wake passages were simulated.
est, is a major advantage of unstructured grids, although Validation of this code with experimental data remains to
they have higher computer requirements. Unstructured be conducted. Improved resolution of the vortical wakes
grid methods are particularly applicable for the wake of the and associated body interactions will be pursued with solu-

helicopter blade where the solution methodology needs tion adaptive overset grids for which the software is being
to resolve the connecting tip vortex and the vortex sheet. developed.

3.1.1 Structured Grids Duque and Dimanlig [11] have used the Navier-Stokes

Significant progress has been made in the development of code OVERFLOW to compute the airloads on the AH-66
structured grid systems for rotorcraft since the first rotor Comanche fuselage as shown in Figure 9. Actuator disks
Navier-Stokes code (NSR3D) was developed by Wake and were used to model the influence of the main rotor and fan-
Sankar [4] in the late 1980's. An early Navier-Stokes code tail on the fuselage. Berry etal. [12] compared four Navier-
for the hovering rotor is TURNS by Srinivasan et al. [5-7]. Stokes methods (CFL3D, INS3D, OVERFLOW, and
These codes use single-block grids with clustering near the VSAERO) for the prediction of the isolated fuselage
blade. Duque and Srinivasan [8] modified TURNS to use airloads.
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3.1.2 Unstructured Grids 3.1.3 Structured/Unstructured Grids

The unstructured grid solver permits adaptive grid refine- In order to utilize the advantages of both structured and

ment in order to improve the resolution of flow features unstructured grid methods, they have recently been corn-

such as shocks, rotor wakes, and acoustic waves. The bined by Duque [3] in a structured/unstructured grid solver

unstructured mesh generally allows for faster and efficient for helicopter rotor flows. A schematic of a 2-D structured/

grid generation around highly complex geometries, unstructured grid system with an unstructured background
Appropriate unstructured grid data structures facilitate the grid and a structured airfoil grid is shown in Figure 13.

insertion and deletion of points and enable the computa- Embedded structured grids are used with an implicit finite-

tional mesh to locally adapt to the flow field solution. In difference Navier-Stokes solver for regions close to the

the wake of a helicopter blade, unstructured grid methods rotor blade to capture the boundary layer flow field and

permit the addition and deletion of points to resolve the vortex formation. The structured grids lie within an

convecting tip vortex and vortex sheet. unstructured grid that uses an explicit finite-volume Euler
solver to convect the wake of a hovering rotor. In this

Strawn and Barth [13] developed the first unstructured grid hybrid code, the two grid systems overlap and interpolate
solver for predicting the aerodynamics of rotor blades. flow quantities at their boundaries (Fig. 13). Since the
This unsteady Euler flow solver is a finite volume scheme unstructured grid does not have to resolve the boundary
that computes flow quantities at the vertices of the mesh. layer, its inherent explicit flow solver does not inhibit
The code was applied to a hovering model rotor for which convergence. Although this first application demonstrated
surface pressure data was available. The grid was adapted the general feasibility of the method, the predicted blade
from 63,000 nodes to 260,000 nodes with 1.4 million tetra- pressures and resulting airloads exhibited some discrepan-
hedral elements. Approximately 10 hours of CPU time and cies that were attributed to the coarse wake grid used and
32 MW of memory were required on the NAS CRAY YMP the resulting poorly resolved tip vortex. For future inves-
computer at the NASA Ames Research Center. A cross tigation, improved grid resolution at tip vortex locations
section of the subdivided grid is shown in Figure 10. The and grid interface boundaries is recommended along with
resulting contours of vertical flow velocity are shown in dynamic grid adaption of the unstructured mesh and
Figure 11. The tip vortex was found to diffuse rapidly after application to forward flight.
270 degrees of vortex age where a change in the level of 3.2 Wake Prediction and Numerical Diffusion
grid subdivision was located. Discrepancies in the pre-
dicted blade airloading were attributed mainly to inade- Accurate wake prediction using a Navier-Stokes method is
quate grid resolution of the rotor wake system. currently inaccurate due to numerical diffusion and associ-

ated dissipation (hereafter referred to as numerical diffu-
In order to reduce the numerical dissipation that artificially sion). It has been observed that the calculated tip vortex
diffuses rotor wakes and acoustic signals, Biswas and excessively expands and loses vorticity with increasing
Strawn recently developed a new procedure for the simul- distance from wing and blade tips. This is generally attrib-
taneous -coarsening and refinement of the unstructured uted to insufficiencies in the grid resolution, order of
tetrahedral meshes [14]. An innovative data structure accuracy of the Navier-Stokes solver, and turbulence
allows the mesh connectivity to be rapidly reconstructed model.
after mesh points are added and/or deleted. These localgridr meshpodifatis eane thded andordesolutin o e r oto aks Srinivasan et al. [5] noted in their application of TURNSgrid m odifications enhance the resolution of rotor wakes toh v rn L H 60 a d B R rt rs h t "he tuc re f
and acoustic signals and reduce numerical dissipation in to hovering UH-60 and BERP rotors that "the structure of
the solutions. The method has been applied to the high- the captured tip vortex is diffused by numerical viscosity."speed impulsive rotor noise problem [15]. The final mesh Wake and Baeder [17], in their application of TURNS to
and computed pressure contours are shown in Figure 12. UH-60 and 3:1 tapered tip model rotors in hover, found that
Grid refinement is shown at the shock, near the blade tip numerical diffusion produced significant discrepancies in
and along the acoustic wave that propagates into the tip vortex location and structure near the following blade,
fared. algthe acorresponding pressuatpreonus s tow lre even with 950,000 grid points. Duque [3], with his struc-
farfield. The corresponding pressure contours show large tured/unstructured grid solver found that the grid system
gradients in these regions. Using a Kirchoff"does not adequately resolve the tip vortex core." He cited
propagate the acoustic pressures to the farfield, this dynam- maintaining grid resolution at the grid interface bound-
ic adaptive unstructured grid method achieved generally ai and the need for unstructured grid adaption to
good agreement with the experimental acoustic pressures convect the wake, as areas for future attention.
of a hovering model rotor with tip Mach numbers as high
as 0.95. For this hover application, excellent agreement The numerical diffusion problem has been addressed for
was shown with the structured grid Euler TURNS code the less complex tip vortex of the fixed wing. Strawn [18]
calculations of Baeder et al. [16], and thus the demonstra- developed an Euler adaptive grid method for computing tip
tion of the advantages of the unstructured grid approach vortex flow fields of rectangular wings. He concluded that
awaits a forward flight application, an Euler solver is insufficient to predict the structure of the
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tip vortex close to the wing and that viscous effects play an blade's Navier-Stokes domain within a full-potential
important role in the vortex roll-up process. An inviscid domain allows use of a potential wake model for the far-
model should be able to convect the vortex once it has field, and results in a 50 percent reduction in computer time
formed, but it is very difficult to obtain a grid independent requirement relative to a complete Navier-Stokes code.
simulation of vortex formation with an Euler solver. The 3.3 Parallel Processing
Euler model predicted too large a rotational core. An accu-
rate viscous-flow solution is required to resolve the tip vor- To provide the computational power needed to routinely
tex. Mariani, Zilliac et al. [19] applied a Navier-Stokes apply these advanced CFD codes to rotorcraft problems,
code to a rectangular wing. They found that a higher order the use of parallel processing will become more prevalent.
accurate differencing scheme is needed for the connective Most of the advanced CFD work with parallel processing
terms. For their selected grid with at least 230,000 grid has been performed by Government Labs and Universities
points, fifth order accurate differencing for the convective for non-rotorcraft problems. UTRC has been a pioneering
terms was shown to be essential in reducing numerical dif- corporate entity for rotorcraft problems, demonstrating the
fusion and achieving reasonable agreement with measured use of massively parallel processing for a. wide variety of
vortex flow velocities. disciplines, including the development of two massively

parallel rotorcraft CFD codes [27, 28]. Due to the current
B. Wake and D. Choi have recently confirmed at UTRC the economic environment and the difficulties, real or per-
need for combining higher order accuracy with an ceived, of using parallel computers, the near term future of
appropriate grid and number of grid points to reduce vortex parallel processing has changed direction. For many cor-
numerical diffusion. The NASA CFL3D Navier-Stokes porations, the purchase and use of dedicated massively
code was applied to a rectangular wing, and the resulting parallel large-scale systems is being replaced by the use of
tip vortex prediction is shown in Figures 14 and 15. Con- small coarse-grained systems based on networks of exist-
tours of flow velocity in Figure 15 show the excessive vor- ing workstations, allowing industry to capitalize on unused
tex diffusion which increases from the trailing edge (x = 1) compute cycles.
to 0.8 of a chord length (x = 1.8) behind the trailing edge
for a third order solution. The benefit of using a higher 4. CONCLUDING REMARKS
order differencing solution for the convective terms was Recent research activities in the U.S. have been presented
studied by using a model problem. In Figure 16 cross flow that are representative of the directions of research for
contours are shown. The tip vortex diffusion has been rotorcraft CFD, with emphasis on Navier-Stokes method-
reduced significantly by using 5th order accuracy. ology. Various types of grid systems are being evaluated

Hariharan and Sankar [20] recently extended a Navier- including a new hybrid structured/unstructured grid solver
Stokes solver from third to fifth order spatial accuracy and for helicopter rotor flows. The latter combines the advan-
applied it to a hovering rotor. They concluded that "the tages of a structured grid for the boundary layers of blade
higher order schemes can capture complex flow fields and body surfaces and an unstructured grid for complex
better." However, it remains to use the higher order flow regions. However, like all methods, it suffers from

scheme, in combination with a finer grid than the 60,000 numerical diffusion for vortex convection. The numerical
grid points used, to accurately convect the vorticity. diffusion problem is being addressed by grid resolution and

higher order solutions.
Turbulence modeling is recognized as another major Although the current rotorcraft CFD methods have not yet
challenge for accurate wake prediction. At this time, none
of the turbulence models are considered sufficient for tip generally demonstrated sufficient accuracy for the helicop-
vortex prediction. The models are currently believed to be ter industry, the rate of progress is encouraging. With thisovery disipaive.rate of progress and forthcoming computers, rotorcraft
overly dissipative. CFD technology appears to be on the forefront of the
While the grid, numerical diffusion and turbulence prob- capability for inclusion in the helicopter design process.
lems with Navier-Stokes codes await solution, rotor wake 5. ACKNOWLEDGEMENTS
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Abstract Introduction

The current status of computational methods in
predicting dynamic stall is summarized. Computed The term "dynamic stall" usually refers to the
results for unsteady, attached and separated, tur- unsteady separation and stall phenomena of aerody-
bulent flows over airfoils undergoing oscillatory mo- namic bodies or lifting surfaces that are forced to ex-
tion are presented. The compressible fo-m of the ecute time-dependent (unsteady) ramp or oscillatory
Reynolds-averaged Navier-Stokes equations is used. motion. It is a complex fluid dynamic phenomenon of
Numerical integration of the governing equations is practical importance and occurs on retreating blades
performed with an approximately factorized algo- of helicopter rotors, maneuvering aircraft wings; wind
rithm. The inviscid fluxes are evaluated using both turbine blades, and compressor cascades. As summa-
central differences and an upwind-biased method. rized in extensive reviews by McCroskey (Refs. 1-2)
The ability of several turbulence models, widely used and Carr (Ref. 3), the majority of the work on this
for the prediction of steady flows, is tested for the fundamental fluid dynamic problem is devoted to the
unsteady flows. Solutions computed with algebraic, case of airfoils oscillating with moderate amplitude
one-equation, and two-equation turbulence models in a uniform freestream. Quantitative information
are compared with experimental data. For the fully for dynamic stall of airfoils and wings in the form of
turbulent flows with tripped boundary layer most tur- unsteady surface pressure coefficients and integrated
bulence models predict lift hysteresis reasonably well. loads exists in the experimental investigations of Refs.
Some turbulence models give good qualitative agree- 4-11. The experiments of Ref. 4 are for a wide va-
ment with the measured drag and pitching moment riety of two-dimensional oscillating airfoils spanning
hysteresis loops. The computed results for untripped the wind tunnel walls, at a low Mach number com-
flows, where a small transitional region at the leading pressible flow regime 0.1 < Moo < 0.3, and various
edge exist, show that the key to the accurate predic- reduced frequencies. These measurements have been
tion of the unsteady loads at stall conditions is the used by many investigators as a test case to vali-
modeling of this transition region at the leading edge. date numerical results. In Ref. 5 two- and three-
A simplified criterion for the transition onset is used, dimensional dynamic stall measurements over a wing
and the transitional flow region is computed with a with NACA 0015 cross sections have been obtained
modified form of the turbulence model. The com- for M.. = 0.3. In Ref. 6 measurements on a pitch-
puted solutions, where the transitional flow region ing and oscillating NACA 0012 have been reported
is included, show that the small laminar/transitional for a wide range of free stream speeds. In Ref. 7 un-
separation bubble formed during the pitch-up motion steady measurements for an oscillating and pitching
has a decisive effect on the near wall flow and the Sikorsky SC-1095 airfoil have been reported. Three-
development of the unsteady loads. Finally, the nu- dimensional dynamic stall measurements for swept
merical solutions show some sensitivity to the kind of and upswept wings have been reported in Refs. 8 and
numerical algorithm used despite the reasonably fine 9. Measurements for pitching airfoils and wings have
grids used. been also reported in Refs. 10 and 11, respectively.

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin, Germany from 10-13 October 1994 and published in CP-552.
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The physics of dynamic stall has also been investi- are obtained with both a central difference method

gated by flow visualization studies. Freymuth12 per- with added artificial dissipation and an upwind- ,iased

formed smoke visualization studies for pitching air- numerical method based on Osher (Ref. 21,-) up-
foils in low speed incompressible flow. Recent exper- wind scheme. Time integration is performed with a
imental investigations 13"14 for 0.2 < Mco < 0.4 pro- factored iterative algorithm. The weak link in the
vide unsteady schlieren and Particle Diffraction In- computational methods for an accurate simulation of
terferometry (PDI) flowfield visualization, as well as these unsteady flowfields is the turbulence modeling.
unsteady field pressures and Laser Doppler Velocime- Of course, the transitional nature of the boundary
try (LDV) measurements. layer has always been neglected; instead th, flow is

The distinctive feature of dynamic stall is that approximated to be either completely laminar or com-

when the airfoil reaches fairly high angles of attack pletely turbulent on the airfoil surface. It was found

during a ramp motion or an oscillatory cycle, past the in Ref. 40 that such an approximation is not correct if

static stall angle limit, the generated unsteady flow- the flowfield is dominated by leading-edge separation.

field is characterized by massive unsteady separation In any case, a reasonably good turbulence model must

and formation of large-scale vortical structures. One be used to accurately calculate the nonequilibrium

important difference between this flowfield structure nature of the separated turbulent boundary layer and

and that generated by the static stall is the large hys- the associated unsteady time-lag features. Simple al-

teresis in the unsteady separation and reattachment. gebraic eddy viscosity models, such as the (jebeci-

As a result, the maximum values of lift, drag, and Smith model30 or the Baldwin-Lomax model,? have

pitching-moment coefficients can greatly exceed their been found to be inadequate. The objective here is to

static counterparts, and not even the qualitative be- identify a reasonably accurate and robust turbulence

havior of these can be reproduced by neglecting the model. Several turbulence models that are in use in

unsteady motion of the body surface (airfoil or wing). most Computational Fluid Dynamics (CFD) codes

Usually, dynamic stall is manifest by a steep decrease are considered for evaluation. It should b.ý noted that

of the pitching moment and increase of the drag co- other studies22- 27 have also considered a srnilar ex-

efficients. This feature of dynamic stall often leads ercise.

to the initiation of stall flutter. Stall flutter of heli- The following turbulence models are considered
copter blades, propellers and turbomachinery blades in the present study. The Baldwin-Lomax (B-L) al-
is an important problem in the design and develop- gebraic model, 3' the Renormalization Group (RNG)
ment of modern helicopter and propulsion systems. based algebraic model,32 the half-equation Johnson-
Carta and Lorber15 performed an experimental study King (J-K) model,33 ,34 which has been very suc-
of the aerodynamics of incipient tortional stall flutter cessful in computing steady separated flows, the re-
of propeller blades and found that small amplitude cently developed one-equation Baldwini-Barth (B-B)
oscillations near stall may be extremely unstable. model, 35 and the one-equation Spalart-Ailmaras (S-

Two different physical mechanisms that may ini- A) model.36 In addition the two-equation k - 0' and

tiate dynamic stall are leading edge separation and k - w3a models, with the modification proposed by
trailing edge separation. In both cases the occurrence Menter 39 in order to overcome free stream depen-
and progression of dynamic stall depends on a large dency inherent in the original k - w model, are also

number of parameters. The important ones are re- tested. The performance of all these models is evalu-

duced frequency or pitch rate, the airfoil shape, the ated for accuracy and robustness by usin1; them to cal-

Mach number, amplitude of oscillations, type of fno- culate the unsteady, two-dimension- I, viscous, flow-

tion (ramp or oscillatory), Reynolds number, three- fields of an oscillating NACA 0015 wi;g. The accu-

dimensional effects, and wind tunnel effects. To date racy of the calculated results is det rrmined by com-
most of the research in this area has been performed parison with the oscillating-wing ex•perimental data

for the simpler model problems of two-dimensional (Ref. 5) measured at the U. S. Army Aeroflightdy-
oscillating airfoils. As a result most of what is under- namics Directorate at NASA Ames Research Center.
stood about the characteristics and various regimes of The eventual objective is to use the turbulence model

dynamic stall has essentially come from experimen- that calculates the unsteady boun iary layer and flow

tal observations, which are mostly two-dimensional. physics accurately to simulate th tirree-dimensional

Attempts to calculate the quantitative effects of dy- dynamic stall of oscillating wing andl the retreating
namic stall abound in the literature (Refs. 16-28). blade stall of a helicopter rotor blade.
The purely laminar case seems to have been solved Recent experimental (Ref. 14) and numerical

(Refs. 16-18), although recent studies (Ref. 18) show studies (Ref. 40) of airfoil flows, for a range of
small-scale details of possible importance. However, Reynolds number from 0.5 x 1C to 1.0 x 106, have
the laminar calculations have not been validated with shown that the effect of the lead ng edge transitional
experiments, because purely laminar data are unavail- flow region is of primary importance to the overall
able. The flows with turbulent boundary layers have development of the suction sid, viscous flow region.
not yet been successfully predicted. Laminar/transitional separatio., bubbles form near

In this paper turbulent and transitional flows over the airfoil leading edge for angl.es of incidence as low
oscillating airfoils are computed. Numerical solutions as six degrees and alter significant ly the suction side
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pressure distribution and the boundary layer forma- same turbulence model which is used for the compu-
tion. These observations of the low Reynolds number tation of the turbulent flow. The computed results for
flow behavior stimulated our interest to investigate an oscillating airfoil show that modeling of the tran-
the effect of transitional flow on dynamic stall at a sitional flow near the leading edge decisively changes
higher Reynolds number of Re, = 4.0 x 106. the character of the pitching moment hysteresis loop.

Initially, the flow over an oscillating NACA 0012 The results show that the initial part of the down-
airfoil of Ref. 4 was computed with the upwind-biased stroke of the oscillatory cycle is in close agreement
scheme as fully turbulent. The solution showed poor with the experiment for the lift, pitching moment,
agreement with the measured loads, especially for and drag hysteresis loops. However, the prediction
the downstroke where not even qualitative agreement of the development of the flow during the remainder
with the pitching moment and drag coefficients was of the downstroke still shows substantial deviations
obtained. Similar observations were made in Refs. 25 from the experiments.
and 26 where only algebraic and half-equation models
have been used. In these references the computations
were performed at a slightly larger amplitude of os-
cillation than the experiment. In these investigations GOVERNING EQUATIONS
the larger oscillation amplitude was employed in or-
der to force the flow to separate enough and to obtain The governing equations are the Reynolds-

a hysteresis loop. Numerical experiments (Ref. 28) averaged, two-dimensional, Navier-Stokes equations

have also demonstrated that certain turbulence mod- considered in strong conservation-law form. These

els may reproduce the lift and pitching moment hys- can be written in a generalized body-conforming

teresis loops quite closely when the amplitude of the curvilinear coordinate system (7, r/, r) as follows:

oscillation is increased. However, the predicted drag 1
hysteresis does not agree with the experiment and the 9,Q + 8CqF + 9,G = 0"S (1)
surface pressure history during the downstroke has
large deviations from the experimental values.

In this paper it is demonstrated that it is impor- where =(x, y,t), = tq(x, y,t), Q = Q/J,andQ =
tant to take into account the leading edge transitional (p, pu, pv, e)T is the vector of conserved variables, and
flow not only for the lower Reynolds number regime F, G are the inviscid flux vectors given by
but also for the high Reynolds number. Solutions are
computed where the leading edge transitional region ( pU pV
is modeled. For the high Reynolds number regime, . 1 pu + p , puV + r/xP
transition is expected to occur very close to the lead- F = - )+ pvV + 7P
ing edge immediately after the adverse pressure gradi- (e + p)U - &tP (e + p)V - r1tp
ent region is encountered. The extent of the transition
region and the separation bubble is also expected to The vector S is the viscous stress vector in the r7 direc-
be very small. For the low Reynolds number regime tion and is considered in the thin layer approximation.
Re = 0.1 x 106 to 1.0 x 10' experimental investigations It is written as
(Ref. 41) have shown that transition occurs down-
stream of the leading edge suction peak, sometimes ( 0
in the vicinity of the midchord or close to the trailing S ! pmiUv + (g/3)m2 r7 )
edge depending on the airfoil shape and the Reynolds j Amiv, + (p/3)M2 77,
number. Reliable prediction of the location of transi- \imi m 3 + (it/3)m2m 4
tion onset for these cases requires more sophisticated
analysis which is still in the development stage, even where
for steady flows. Modeling of the transitional region
for these cases presents a difficult problem because
the extent of the transitional region is large. On the mi =:77/ +17
other hand, predictions of the transitional region for m 2 =r/xul + r/lV
complex geometries with Navier-Stokes methods re- -'1 L 1 a
quires enormous computational effort. Application M3 ) -(u + v2) . Pr(y- 1)
of the recently developed Parabolized Stability Equa-

tion (PSE) method (Refs. 42-43) is more promising m 4 =r/xu + ?7yV

for these cases. Therefore, the high Reynolds number where U and V are the contravariant velocity compo-
case was chosen in the present study to demonstrate nents and ý., ý,, 17,, 77y, ýt, and 77t are the coordinate
the effect of transition on the prediction of dynamic transformation matrics.
stall.

A simplified criterion for the onset of transitional In the above equations all geometrical dimensions
region is used. Furthermore, an effective eddy viscos- are normalized with the airfoil chord length, c, the
ity for the transitional flow region is obtained from the Cartesian velocity components, u and v are scaled by
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the freestream sound speed ac,,,, and the time t is nor- shocks where the pressure jump has steep gradients.
malized as tc/a.o; p is the static pressure normalized Both the implicit and explicit dissipation are scaled

by pco aoo 2; p is the density normalized by free-stream by the spectral radius. For the accuracy of calculated
density p,,.; e is the total energy per unit volume nor- solutions, the added dissipation coefficients are kept

malized by p00a 2,; a is the speed of sound; Re is the as small as possible.
Reynolds number; Pr is the Prandtl number; y is the
ratio of specific heats; and y is the viscosity coefficient Upwind-Biased Scheme

normalized by its free-stream value. The pressure is
related to the density and total energy through the The following upwind-biased, factorized, itera-

equation of state for an ideal gas, tive, implicit numerical scheme is used to compute
the Reynolds-averaged flow.

p = (y - 1)[e - p(u2 + v)/2 (2)

[I +he(v' + Af A-- P
The rotational speed w is obtained from the type e

of motion prescribed as w = da/dt. The reduced fre- x [I + hk ( +

quency parameter is defined as either k = &c/2UOc or -Re-'16fi,k)]p x (t +' -
irfc/UVl , where f is the frequency of oscillation and - f - Q[ k)+ h h 1 ( / tP• -i/ , :)^

Ucc is the free-stream velocity. Then = - , Q1i/ 2,k -,-1/2,k)

w = ee (2kU 0 /c)cos[(2kUg lc)t] for a(t) = ao + +hy 6PZk±1I2 - Gi,k-1l2)

alsin(Kt) where ce0 is the mean angle of oscillation, -Re-lh
and e 1 is the amplitude of the pitch. - -h( ,S+1/2 ik-1/2)]

(4)

NUMERICAL SCHEME In this equation, he = Ar/Ak, etc., Aý, A77, etc., are
equal to unity, Al = (OF/09Q), etc., are the flux Jaco-

Central Difference Scheme bian matrices, and A, V, and b are the forward, back-
ward and central difference operators, respectively.

The finite-difference, implicit, approximately fac- The quantities Fi+l/2k, Gi,k+1/2, and Si,k+1/2 are
torized Beam-Warming algorithm is used to integrate numerical fluxes.
the governing equations. Central differences are used
to compute the inviscid fluxes. The viscous terms are The inviscid fluxes ft and G are evaluated using

treated implicitly. The approximately factored algo- Osher's 29 upwinding scheme. The numerical fluxes

rithm is given by for a third-order accurate upwind-biased scheme are
given by

"{1+h6 j~ + (Dimp)i]} X

I +± h [6~B,, - ).AP 1
I ZR1 6,,M, + (Dip)] Fj+]/2,k = Fi+lf2,k + _ + 2 Atj+/9 kJ

+Atbfn~bPn nj1 [A-F+(Q3+/ , k t+ 2J j [ + 2AF(, + ) ,k]

+- I(Qik, Qi+lk) + 2 [AF+(Qi±l,k, Qi,k)

Here b is the central difference operator and h is the 1rAF_(Qi

time-step factor that determines whether the algo- -- I [AF(QikQi+lk)
rithm is first- or second-order time accurate. The 6

time index is denoted by n and AQ7 - = (Q•I -Q[). +2AF- (Qi+l,k, Qik)]

The explicit inviscid fluxes are given by Eij, Fi, (5)
and Sij is the viscous flux. The quantities A, B,
and M in Eq. (3) are flux Jacobian matrices oh- Here, F is the first-order accurate numerical flux eval-

tained from the linearization of the left hand side uated by Osher's scheme2 9 as follows:
and Di,,p and ceD denotes the implicit and explicit
dissipation terms, respectively. A Jameson-type44 ,
blended second- and fourth-order numerical dissipa- i+l/2,k = 1 [ Fk + Q''IF+ - F ]dQ

tion, based on the computed pressure field, is used to P + I /i2l k 2 -- 9 FQ

suppress high frequency numerical oscillations. For (6)
subsonic shock free solutions only the fourth-order
dissipation is used, while for transonic solutions the where Fq = F+ + F-, Fq (a and AF- F are
second-order dissipation is activated in the vicinity of the corrections to obtain high-order accuracy. For
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the linearization of the left-hand side terms, the flux this study averaging of the flow variables at the wake
Jacobian matrices A, B are evaluated by the Steger- cut is used.
Warming45 flux-vector splitting. The viscous fluxes
Sik+1/2 are computed with central differences. TURBULENCE MODELS

For both schemes, the errors introduced by the
linearization and approximate factorization of the left All flows computed in this part of the study
hand side of the numerical algorithm may be min- are assumed to have fully turbulent boundary lay-
imized by performing Newton subiterations at each ers on both the upper and lower surfaces of the
time-step durin. the unsteady calculations. The ap- airfoil, by neglecting the laminar and transitional
proximation to Q,+' at each subiteration is the quan- boundary layer. In the experiments of Piziali,5 , with
tity QP. When p > 2, during a given level of subit- which these calculations are compared, the bound-
eration to convergence, QP = '+1', but when p = 1 ary layer is tripped in the leading-edge region. For
and no subiterations are performed, then QP = Q', turbulent viscous flows, the non-dimensional viscos-
and ýp+i = -n+,. In the present study, the numer- ity p in the viscous flux vectors is calculated as the
ical experiments have demonstrated that because of sum total of the laminar and turbulent viscosity. It
the small time-steps used, the Newton subiterations is the determination of this turbulent viscosity that
are not required. It was also found that the two time- is of special significance and the focal point of this
level numerical scheme does not increase the accuracy present study. Two algebraic turbulence models, the
of the unsteady calculations. Johnson-King 33' 34 model, the Baldwin-Barth3" and

the Spalart-Allmaras36 one equation models, as well
In the normal practice of the thin layer approxi- as, two-equation turbulence models are used for cal-

mation for viscous terms, only the terms in the normal culating turbulent eddy viscosity and the unsteady
direction (S) are retained because of the large flow flowfield of an oscillating NACA 0015 airfoil. The re-
gradients in that direction. Calculations performed sults are used to evaluate their performance. The
retaining the viscous terms for the q7 direction alone details of how these models are developed are de-
and keeping terms for both the ý and q directions scribed elsewhere. 31- 39 The following paragraphs de-
showed very little difference between the solutions, scribe briefly the salient features of these models and
Therefore, all calculations are performed by retaining the specific versions used in the present investigation.
the viscous terms only in the 7 direction. The compu-
tational cost was not significantly increased for keep-
ing explicit viscous terms in both directions. How- Algebraic models
ever, numerical experiments have demonstrated that
implicit treatment of the viscous term, M of Eq. 3, Baldwin-Lomax (B-L) model
does not contribute to the accuracy of the solution
but results in increased computational cost.

This is a two-layer, zero-equation model. It is
Body-fitted C-type computational grids are used patterned after Cebeci-Smith model30 and introduces

in all calculations. These are generated using a hyper- a modification that eliminates the need to search for
bolic grid generator. The grids are clustered at the the edge of the boundary layer to determine length
body surface in the normal direction, leading edge, scale. It is the most commonly used turbulence model
and trailing edge regions. The spacing of the first available in most of the CFD codes. Its strength and
grid point at the surface in the normal direction var- weakness are well known in CFD community; it pre-
ied from 0.00002 to 0.000005 chord length and the grid dicts accurately the steady flows with little or no sep-
boundaries are located at 15 chords in all directions. aration and fares poorly if there is large separation,
The orientation of the moving frame with respect to either shock-induced or otherwise. It uses an inner
the fixed frame is changing at each instant of time. and outer layer formulation for determining the tur-
Therefore, after the grid is moved to the new location bulent viscosity with a smooth transition that spreads
at each time step all metrics are recomputed. over the two regions. It uses a classical mixing-length

hypothesis for the inner layer with a van Driest damp-
Boundary conditions are updated explicitly. For ing function to force the eddy viscosity at the wall to

subsonic inflow-outflow, the flow variables at the zero. In the outer layer, the length scale is fixed by
boundaries are evaluated using one-dimensional Rie- the location where the product of distance from the
mann invariant extrapolation. For the density, a sim- solid wall and vorticity reaches a maximum in the
ple first-order extrapolation is used. On the body sur- boundary layer. The Klebanoff intermittency factor
face a nonslip condition is applied for the velocities, is used to drive the eddy viscosity to zero in the outer
viz., the contravariant velocities in the body-fixed co- flow away from the wall. Some of the constants of
ordinates are set to zero. It should be noted that the the theory are determined by correlating with exper-
surface velocity is non-zero in inertial coordinates be- imental data. The details of the theory are described
cause of the body motion. For C-type grids used in in Ref. 31.



2-6

RNG model stress -u'w' in the streamwise direction. The eddy

This is another algebraic eddy viscosity model, viscosity is given by

proposed recently for the closure of the Reynolds av- V = Vt 1 - exp(- i) (8)
eraged Navier-Stokes equations. It is based on the I VJ
Renormalization Group (RNG) theory of turbulence32. where vt , Vto describe the eddy viscosity variation in
The model, although free from uncertainties related the inner and outer part of the boundary layer. The
to the experimental determination of empirical mod- inner eddy viscosity is computed as
eling constants, still requires specification of an in-
tegral length-scale of turbulence, similar to the B-L =D
model, which reduces the generality of the model. In = D2iy (-U'w')max (9)

this model the integral scale is assumed to be pro- D = 1 _ e-(y/A')

portional to the boundary layer thickness 6, and the
kinematic eddy viscosity is obtained by where the constant A+ = 15. The outer eddy viscos-

ity is given by
, 1 + g 0(y + 0.-- C (7) Vt. = o(X)[0.0168U'e* 7 ] (10)

where 6* is the boundary layer displacement thick-

where v = vt + V1, the subscripts t and I refer to the ness, 7 is the Klebanoff intermittency function given
turbulent and laminar components, respectively and by y = [1+5.5()6], and a(x) is obtained from the
6 is the boundary layer thickness. It is determined st o aas 6= 12 Y12 her Y12 isthenoral istnce solution of an ordinary differential equation which de-
as 6 = 1.2 Yi/l where Yich is the normal distance scribes the development of -Wu'wIma, along the path
from the wall at which the vorticity function F(y) of the maximum shear stress. It should be noted that
(see Ref. 34) attains its half amplitude. H is the the Johnson-King model reduces to the Cebeci-Smith
Heaviside step function and 0 is the dissipation rate, model3 ° when or(x) is identically equal to one, except
which is determined by assuming production equals A+ = 15 not 26.
dissipation for equilibrium flows. The parameter a =
0.0192 corresponding to the von Karman constant n = The effects of convection and diffusion on the
0.372 and the parameter C, = 75. The turbulent eddy Reynolds shear stress development are accounted
viscosity is then obtained by solving Eq. (7) at every from the solution of the following ordinary differential
point in the computational domain. In estimating the equation
eddy viscosity with this model in this study, the model
is applied only to the suction side of the airfoil (upper dg a, g( +)
surface) while the pressure side (having attached flow) dx 2UmLm 1
and wake regions are computed with the B-L model. (11)
Application of the model to both the upper and lower Cdif Lm L'- '1
surfaces essentially gave the same results as the one a, [0.7- (2)rn]
obtained by applying for only upper surface; so the i -t.,e

latter was used. Here Cdif and a, are modeling constants, u. is the
maximum average mean velocity,

Half-equation Johnson-King (J-K)model g = --- m]-1/2

The above two models, viz., the B-L and RNG Yeq U/)meq]

models, are termed equilibrium models, meaning that where L. is the dissipation length evaluated as fol-

the eddy viscosity instantaneously adjusts to the lo- lows:

cal flow without any history effects. The next three
models presented are called non-equilibrium models Ln =0.40y for Yin! 6 < 0.225 (12)
in which the calculated eddy visocity accounts for the Lm =0.096 for Yrn,/ >Ž 0.225
upstream history of the flow.

The boundary layer thickness 6 is determined in the
Since Johnson and King first introduced their same way34 as explained in the discussion of RNG

half-equation turbulence model 33 , there have been model. The equilibrium shear stress gq in Eq. 8 is
several modifications and/or enhancements to im- determined from the following equilibrium eddy vis-
prove their original model for separated flows. In cosity distribution
the present application to unsteady flows, the original
version of this model is used and is briefly described Vt,eq =to,_eq [1- exp(-_L )
in the following paragraphs. Ioeq

2rYj (13)

The Johnson-King model takes into account the Vti,eq =D2Fcy (-u-w"w),eq
convection and diffusion effects on the Reynolds shear Vo,teq =0.0168Ub6"7
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where U, is the velocity at the edge of the boundary
layer. DT

An implicit Euler method is used for the numeri- + (v + -t_)V2(VRT)

cal solution of Eq. 11, and the maximum shear stress 1 1
at each iteration level is updated using -(Vvt) • V(vRT)

O*1

This is a partial differential equation for the field

= 0,(X)n + (14) quantity RT =RTf3(RT), and
Vt0"t 11 =(c- -

It should be noted that the unsteady term is ne- Vt =c.,(ViT)DD 2
glected in the above formulation. Solutions with the
Johnson-King turbulence model are obtained as fol- t --pv
lows. First a convergent solution using the Baldwin- fm =DID2

Lomax turbulence model for the entire flowfield is ob- D1 =1 - exp(-y+/A')
tained. Then the Johnson-King model is applied only D2 =1 - exp(-y+/A+)
to the upper surface of the airfoil as using it for both ( a Ul W a2 W 2 8Ut
the surfaces did not change the results. To initiate P =Vt (-j + O i Tj - -3Vt 9xj
the solution o(x) in Eq. 10 is set unity and it is al-
lowed to change according to Eq. 11. It should be f2(y+) :C-1 + (1 - )( + DID 2 )
noted that the Johnson-King model reduces to the cC2  C12  1y+

Cebeci-Smith model22 when a(x) is identically equal y+ 1
to one. .DD 2A+ + • )'2

1

T+exp(-y+/At)Ds)}
One-Equation models + 2

An attractive feature of one- and two-equation where y+ = UrY/v and u, is the skin friction velocity.

models is that they can be utilized in a more straight- The constants of the model are:

forward manner compared to algebraic models in ei- ic =0.41, c•, = 1.2, c, = 2.0
ther structured or unstructured flow solvers. How- cp =0.09, A+ = 26., A2+ = 10.
ever, the accuracy and the numerical robustness of
these models needs to be further demonstrated. This model is applied to the entire flowfield to com-
Among the most widely used one-equation models pute the eddy viscosity.
are the Baldwin-Barth35 (B-B) and the Spalart-
Allmaras36 (S-A) models. The first model was de- Spalart-Allmaras (S-A) model
rived from the two-equation k - e model by intro-
ducing some simplifying assumptions. The Spalart- The second one-equation model used is the Spalart-
Allmaras model was developed based on dimensional Allmaras (S-A) model 36 . The eddy viscosity is ob-
analysis and empirical criteria. An advantage of these tained from the solution of the partial differential
field-equation turbulence models compared to the al- equation for T given below.
gebraic and half-equation models is that they do not
require evaluation of ambiguous length scales. On
the other hand, one-equation models require numer- Df
ical solution of only one partial differential equa- - cbl(1- ft2)SI

tion; therefore, they are less computationally inten- + 1 [V . ((V + i)Vf') + Cb2(VE)2]
sive compared to two-equation models. In this pa- C I

per the standard versions of the Baldwin-Barth and - 1 f. - :-b- A2] + ftiAU2

Spalart-Allmaras models are used to compute steady - -
2

and unsteady separated flows, here S is the vorticity magnitude and S = S +

B a l d w i n -B a r t h ( B - B ) m o d e l ,Xdf 2 f 2 = 1 - z •x • f l = 1 - , v

7.1 and d is the distance to the closest wall. The other

The eddy viscosity of the Baldwin-Barth one- functions of the model are:

equation model" is given by Vt = vcfpRT ,t
VC/.Jf3RT, where RT = k2/VE is the turbulent fi =c[2gtexp + g2d2

Reynolds number and RT is the modified turbulent A( AUj )
Reynolds number. The quantity AT is the solution of At2 Ct3 eXP(-Ct4X2 )
the following field equation gt =min(O.1, AU/wtrAx)
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where X = P/v and wt, is used here to denote the The free stream dependency of the original

vorticity at the wall at the boundary layer trip point. Wilcox k - w model has been investigated in detail

The constants of this model have been chosen the in Ref. 39, and it has been shown that the magnitude
same as in the original reference"6 . The constants of of the eddy viscosity can be changed by more than
the model are: 100% just by using different values for wf. This is

clearly unacceptable and corrections are necessary to
ensure unambiguous solutions. The standard k - w

Cbl =0.1355, cb2 = 0.622, a = 2/3 model developed by Wilcox has been modified in Ref.

Cbl + 1 +C cb2 39 so that the computed solutions are insensitive to
c.1 - + , cw = 2.0, c0' = 0.3 the freestream values of wf. This modified model is

_1 + C.3 1/6 called Baseline (BSL) k - w model. The BSL k - w
1 =0.41, f g= (g6 + ) model was further modified47 in order to improve the

6 w3 predictions of strong adverse pressure gradient sepa-
g =r + c.2(r' - r), r - SK2d 2  rated flows, this model is called Shear Stress Trans-

c 1 =1.0, c•2 = 2.0, c d3 = 1.1, ct4 = 2.0 port (SST) k-w model. In this paper, the SST k-w
turbulence model will be extensively tested for un-

The turbulent kinematic eddy viscosity is given as steady flows. This model has been tested in Ref. 47
for a wide class of steady separated flows and has

Vt = fll shown good agreement with experiments.

and the Reynolds shear stresses are given by -i-uj =
2vto-ij. Original k - w model

Two-Equation models The original k - w model is given by
Dpk = u4 9u Ok [

The most popular non-algebraic turbulence mod- =. - /*pwk + - [(P+Uk --
els are two-equation eddy-viscosity models. These Dt Ox1xj ýXx

models solve two transport equations, one for the tur- Dpw = 7w Tj -9ui O - 2 +O +9w ) O( W
bulent kinetic energy k and another one related to the Di = v j -xj +

turbulent length- (or time-) scale. Among the two-
equation models, the k - e model is the most widely The constants of the original Wilcox model are
used today. The original Jones and Launder k - f
model37 and its variations have been very successful
in a large variety of different flow situations, but it u'w =0.5, a•w = 0.5, O3w = 0.0750,
also has a number of well known shortcomings. From •* =0.09, K = 0.41, 7 W =#w/z* - w2/V/-
the standpoint of aerodynamics, the most disturbing
is the lack of sensitivity to adverse pressure-gradients.
Another shortcoming of the k - c model is associated
with the numerical stiffness of the equations when in- BSL k - w model
tegrated through the viscous sublayer.

The BSL model is identical to the k - w model of

The k - w model has been developed by Wilcox3" Wilcox38 for the inner region of a boundary layer (up
to overcome the shortcomings of the k-c model. This to approximately 6/2) and gradually changes to the
model solves one equation for the turbulent kinetic standard k - c model in the outer wake region. In or-
energy k and a second equation for the specific tur- der to enable computations with one set of equations,
bulent dissipation rate (or turbulence frequency) w. the k - c model was first transformed into a k - w
The k - w model performs significantly better under formulation. The blending between the two regions
mild adverse pressure-gradient conditions than the is performed by a blending function that gradually
k - c model. Another strong point of the model is changes from one to zero in the desired region. No a
the simplicity of its formulation in the viscous sub- priori knowledge of the flowfield is necessary to per-
layer. The model does not employ damping functions form the blending. The function also ensures that the
and has straightforward boundary conditions. This k - c formulation is selected for free shear layers. The
leads to significant advantages in numerical stability, performance of the new (BSL) model is very similar to
The k - w model has been validated extensively 39' 46  that of the Wilcox k - w model for adverse pressure
for many flow cases with and without adverse pres- gradient boundary-layer flows (and therefore better
sure gradient. For all cases it was found to perform than that of the k - c model), but without the unde-
equally well or better than the k-c model. The major sirable freestream dependency. For free shear layers
shortcoming of the k - w model is that the results of the new model is basically identical to the k-c model,
the model depend strongly on the freestream values, which predicts spreading rates more accurately than
wf, that are specified outside the shear-layer. the k - w model. The Baseline k - w model is
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Dpk - Oui _ Ok AS =0.85, o, = 0.5, 8 = 0.0750, =0.31
=Tj - )3*pwk + a [ (1 Uk+J0t)-

D-- = au-i !* =0.09, ic = 0.41, 7  S - 21V/:

Dpw__ = -[(M + I\ t) . The same convention of 0 = F1 cS + (1 F),K is
Dt Vt axj ..i uXj

1 ak Ow used here. The eddy viscosity is given by
+ 2(1 - )xj alk

where the constants of the model are computed as = - max(aw; QF 2)
FloW + (1 -F 1 )€K where F1 is a blending function as
defined in Ref. 39 and 0W and OK the constants for where 0 is the vorticity magnitude and F 2 = tanh2)wta9 max(2 lk- ; 5oov,,
the original k - Lo and the k - c model, respectively. (arg2) with arg2 = rn o.-T0 •, --
The following standard values for the k - c model are
used,

RESULTS AND DISCUSSION
01 0.85 , /pK 0.8 ,

k =1.0, = =0.0828, Fully Turbulent Tripped Unsteady Flows
)3* =0.09, c = 0.41, 7 K = )g3Kp_ _-K /xr3

For validation of unsteady, fully turbulent solu-
corresponding to the constants C,1 = 1.4, C,2 = 1.92 tions, the experimental measurements of Ref. 5 for a
of the k - c model. NACA 0015 airfoil are used, because in this experi-

ment, as opposed to that of Ref. 13, the boundary

k - c model layer was tripped at the leading edge to ensure a fully
turbulent boundary layer for attached, light stall and

The k - c model implemented here is based on deep stall cases. Oscillatory motions at sufficiently

the same formulation as the BSL model, except that high angles of incidence include both flow separation
the switch from the Wilcox model, constants ow, to during the upstroke and flow reattachment during the

the k - c model, constants OK, takes place not in the downstroke and they serve as a good test case for val-
wake region of the boundary layer but just outside the idation of turbulence models. The free stream Mach

viscous sublayer. With this formulation, the Wilcox number is Mo = 0.3 and the Reynolds number, based

model is only used as a sublayer model and the model on the airfoil chord length is, Re, = 2 x 106.
is referred to as a two-layer k - e model. The airfoil oscillates as a(t) = a0 + aisin(wt)

with a reduced frequency k = 0.1. The oscillation
SST k - w model amplitude remains fixed at or = 4.2' and variation

of the mean angle a 0 leads to different flow regimes.
Although the original and the new BSL k - w Attached flow corresponds to a 0 = 4'. The light and

model perform better in adverse pressure gradient deep stall regimes are obtained for a 0 = 110, and
flows than the k - c model, they still underpredict a0 = 15°, respectively. The discussion of unsteady
the amount of separation for severe adverse pressure results is divided into these three flow regimes. Af-
gradient flows. 46 In an attempt to improve matters, ter calculating the quasi-steady solution at the lowest
the eddy-viscosity formulation of the BSL model is angle of the pitch cycle for each of the conditions, the
modified to account for the transport effects of the airfoil is made to execute pitching oscillations rotat-
principal turbulent shear stress. The motivation for ing about its quarter-chord point. The unsteady flow
this modification comes from the Johnson-King (J- evolution is monitored. Generally two oscillatory cy-
K) model33 which has proven to be highly successful cles are computed for every case because the results
for adverse pressure gradient flows. The J-K model from the third cycle was found to be nearly the same
is based on the assumption that the turbulent shear as the second cycle.
stress is proportional to the turbulent kinetic energy
in the logarithmic and wake regions of a turbulent The results obtained with the central-difference
boundary layer. Johnson and King solve an equa- scheme were calculated using a 361x71 point C-grid.
tion for the maximum turbulent shear stress at each The first point off the surface is located at 0.00002
downstream station and limit the eddy viscosity in or- chord lengths. A complete oscillation cycle is
der to satisfy this proportionality. In the framework normally computed with 10,000 constant time-steps.
of two-equation models, the turbulent kinetic energy This number of time-steps per cycle corresponds to
is already known and it is therefore only necessary to a nondimensional time-step of At = 0.0108, based
limit the eddy viscosity to account for the same effect. on c and ao.. An explicit dissipation coefficient of
The resulting model is called Shear Stress Transport cc = 0.05 was used as the standard value. A para-
(SST) model. For the SST k-w model, the constants metric study of the grid size, the value of ce, and
Ow of the BSL model are replaced by the constants number of time-steps per cycle has also been done
0s as follows: for one turbulence model, for the light-stall case, to
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identify optimum values to be used for all calculations which develops at the peak of the cycle. The flow
and this discussions is presented in the section on the remains separated for a large portion of the down-
light-stall. Solutions are computed with the B-L, al- stroke and a recirculatory region of about half a chord
gebraic RNG, J-K, B-B, and S-A models for all of length is observed. As a result, more significant hys-
these cases. teresis effects than the previous case are obtained.

The hysteresis loops obtained from solutions using
Solutions are computed with the upwind-biased the central-difference scheme with the RNG, J-K,

scheme on a baseline 311 x 91 point C-grid where B-B, and the S-A, turbulence models are compared
the first point off the surface is located 0.00001 chord with the experimental data in Fig. 4. The hystere-
lengths. A grid refinement study was performed using sis loops obtained from solutions using upwind-biased
a 421 x 151 point grid where the distance of the first scheme and the baseline grid with the B-B, the S-A,
point from the surface is 0.000005 chord lengths. Dif- and SST k - w turbulence models are compared with
ferent number of time steps for a cycle was tested, and the experimental data in Fig. 5. The B-B model
it was found that solutions for the light stall obtained predicted the most separation and yields a lower lift
with 10000, 16000 and 40000 time steps gave nearly during reattachment but it gives good predictions for
identical load predictions. The results presented here pressure drag and pitching moment coefficients. The
are obtained using 16000 time steps, which corre- S-A model predicts the least separation and shows
spond to a nondimensional time step At z 0.0065 earlier flow reattachment. Even though the SST k -w
or a Courant number Cu ; 700. model with upwind algorithm predicts a closer agree-

ment for lift with experiment during the initial part
It should be noted that inspite of using reason- of the downstroke, it shows a very rapid lift recovery

ably fine grids for evaluating the turbulence models, similar to the S-A model used with central-difference
the numerical results presented here show some sen- algorithm. To verify if the solution is grid sensitive, a
sitivity to the type of numerical algorithm used. But solution computed on the refined 421 x 151 point grid
the results themselves are essentially grid independent with the SST k - w turbulence model is compared
for a given numerical algorithm, central-difference or with the baseline grid solution in Fig. 6. As seen,
upwind scheme. the two are nearly identical demonstrating that the

solution is not grid sensitive.
aQt) =40 + 4.2°sin(t)

a(t) =150 + 4.2°sin(Q)

This flow is essentially attached and very little

separation is found at the peak of the cycle and dur- The computed solutions show that this unsteady
ing the initial part of the downstroke. Solutions with flowfield is characterized by massive flow separation
the B-L, RNG, J-K, B-B, and S-A models obtained which develops before the peak angle of incidence.
with the central-difference scheme are presented in At peak incidence and before the downstroke the dy-
Fig. 1. This case is also computed with the upwind- namic stall vortex is shed and a trailing edge vortex
biased scheme using the B-B and SST k - w models, forms. Shedding of the dynamic stall vortex causes
and the hysteresis loops are compared with the ex- decrease in lift and pitching-moment. The flow re-
periment in Fig. 2. The loads computed with the mains separated for a large part of the downstroke
SST k - w model are in better agreement with ex- and significant hysteresis effects are obtained. It is
periments than others. The lift computed with the a challenge for turbulence models to be able to cap-
B-B model overpredicts the experimental values and ture flow separation and reattachment and yield good
the pitching moment hysteresis does not agree with quantitative predictions for these kinds of flows.
the experiment in either figure. The computed pres-
sure drag, however, is in good agreement with exper- The lift, drag, and pitching moment hystere-
iment. Comparison of unsteady surface pressures at sis loops obtained from computations with the B-B
two different times of a = 40 and a = 80 during the and S-A one-equation turbulence models with the
upstroke, computed by the two models, shows that central-difference scheme are compared with the ex-
the lift and pitching moment disagreements are not periment in Fig. 7. The lift hysteresis is overpredicted
caused by large differences of the computed unsteady by all models. The drag and pitching moment hys-
surface pressures, as shown in Fig. 3. Rather the vari- teresis loops indicate that only the solution computed
ation in the pitching-moment and the drag coefficients wit the B-B model is in quantitative agreement with
is due to a small trailing edge separation. The mag- the experiment. The lift, drag, and pitching moment
nitudes of the drag and and pitching-momont for this hysteresis loops obtained from computations with th(
case is an order of magniture smaller than deep stall B-B and S-A one-equation turbulence models an,
cases. the upwind-biased scheme are compared with the ex;

periment in Fig. 8 The lift hysteresis is predicted rea-
a(t) = 11' + 4.2°sin(t) sonably well by both models. The drag and pitching

moment hysteresis loops indicate that both models
The computed solutions show that this flow is delay the onset of separation. The loads comput(.d

characterized by moderate trailing edge separation with the B-B model show oscillatory behavior at the
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downstoke. Again, the B-B model predictions are in The various turbulence models produce different
closer agreement with the experiment. A smaller ex- sizes of dynamic stall vortex and separated flow. An
tent of separated flow is obtained with the S-A model, examination of the loci of the flow reversal point (x,)
resulting in smaller extreme values of drag and pitch- on the upper surface of the airfoil (Fig. 12) shows
ing moment. A more rapid flow reattachment was that at any given instant of time, the extent of re-
also observed. versed flow varies widely. The B-L model produces

the smallest extent of reversed flow over most of the
cycle whereas the B-B model produces the largest ex-

Predictions of hysteresis loops obtained from so- te oferevse flw The po odicatin 00rphse
lutins iththe wo-quaion urblene moelsus- tent of reversed flow. The position indicating 0' phase

lutions with the two-equation turbulence models us- denotes the mean angle of oscillation. It is apparent
ing upwind algorithm are compared with the experi- from this figure that the B-B model completes the re-
ment in Fig. 9. The k-c, the original k-w, and the
BSL k - w (where the free stream dependency is re- covery process on the upstroke only when it reachesmoSLd) did n w y(w ere tenfre strepam io. de enden for-, approximately the mean angle. For the large part ofmoved) did not yield enough separation. Therefore, the cycle, from 150 upstroke to 150 downstroke, the

the loads computed with these models significantly RNG, B-B, and S-A models predict nearly the same

deviated from the experimentally measured values, extent of reversed flow. The massive reversed flow

The solution obtained with the SST k-w model shows

large flow separation and the predictions agree about regions clearly increase the unsteady-lag effects.

as well with the experiment as the B-B calculations.
However, at large angles of incidence and during the The effect of transition
downstroke the loads show again oscillatory behavior.

A light stall case from the experimental results
Solutions computed with the B-B and SST k - reported in Ref. 4 is chosen to demonstrate the effect

models show development of a trailing edge vortex at that leading edge transition can have on the develop-
the end of the pitch-up motion. During the down- ment of the unsteady flowfield. In Ref. 4, measure-
stroke this vortex convects in the wake and another ments in the form of integrated aerodynamic loads
trailing edge vortex forms. The second vortex initially (C,, Cd, C,,) have been reported for a wide range of
grows in size and then convects in the wake and the flow conditions and airfoil shapes. In addition, un-
vortex shedding repeats. This vortical activity and steady surface pressure coefficients are given. In con-
the suction side separated fiowfield is shown by a se- trast to the NACA 0015 experiment of Ref. 5, in
ries of snapshots during the downstroke in Fig. 10. Ref. 4 boundary layer trips were used only for lim-
In this figure the flowfield is illustrated with particles ited number of deep stall cases. Unsteady solutions
which are released continuously from certain locations are obtained for a NACA 0012 airfoil executing har-
and they are convected with the local computed ve- monic motion a(t) = 10' + 5Ysin(wt), with a reduced
locity. The UFAT program48 is used to convect par- frequency k = 0.1, Moo = 0.3 with untripped flow
ticles over time, using as input the computed veloc- for a Reynolds number Re, = 4.0 x 106. The same
ity fields and grid locations over 200 equally spaced case was also considered in Refs. 25 and 26. How-
time instants during the oscillation cycle. During the ever, because significant hysteresis effects were not
downstroke the trailing edge vortex shedding causes obtained for the experimental maximum angle of in-
oscillations in the air loads. The computed solutions cidence, the amplitude of the oscillation or the mean
for this part of the cycle are sensitive to grid distri- angle were slightly increased for the computation. As
bution at the trailing edge and the wake region. a result, in both investigations a maximum angle of

attack larger than =max 150 reported by the exper-

The unsteady solutions presented for different iment was reached. Experimental uncertainties and
flow conditions show the following overall trends. The tunnel wall interference effects were cited to justify
B-B and SST k - w models overpredict the extent of this alteration of the experimental conditions. An-
separation with B-B model in the lead. The S-A other reason why the maximum angle of incidence
model tends to underpredict the extent of separation had been increased was to promote separation pre-
but not nearly to the degree of the standard k-w and dicted by the turbulence models. Hysteresis effects
k - c models. To better put the results in perspective, were obtained at these larger angles of incidence, and
the experimental pitching-moment data for all three it was concluded that massive flow separation at the
oscillatory cases are plotted to the same scale in Fig. trailing edge alone was responsible for stall.
11 and compared to the B-B and SST k - w model
solutions. As seen in Fig. 11, the discrepancies be- Fully turbulent flow simulations of the previous
tween experiment and computation for the attached section have demonstrated that the B-B model pro-
and light stall cases are very small in relation to those duces the most separation. The S-A model produces
for the deep stall case. It should be noted that the less separation compared to the B-B and the SST
drag and pitching-moment coefficients for the deep k - w models. The B-B and the SST k - w mod-
stall case is an order of magnitude larger compared els yield similar predictions, but the B-B model is
to the light stall and the attached flow cases. more computationally efficient. Therefore, this case is
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solved only with one-equation models. A solution ob- flow region extends only over a few streamwise com-
tained with the B-B model, which produces the most putational cells. A leading edge separation bubble
separation for the same oscillation amplitude as the forms at approximately 14 degrees during the up-
experiment 4 , still did not yield significant hysteresis stroke and increases significantly in size before the
effects. In addition, a counterclockwise loop for the peak of the cycle. The loads obtained from the lam-
pitching moment, as opposed to the clockwise loop inar/transitional/turbulent flow solutions are corn-
shown in the experiment, was obtained. The same pared with the experiment in Fig. 14. For compari-
procedure of Refs. 25 and 26 was followed again, and son, the loads obtained from a fully turbulent solution
the oscillation amplitude was "arbitrarily" increased, are shown in the same figure. The lift hysteresis loop
A solution with the B-B model was obtained with (Fig. 14a) shows good qualitative agreement with
an oscillation amplitude of 5.3'. For the S-A model, the experiment. Good quantitative agreement is ob-
which yields less separation, the oscillation amplitude tained for the upstroke but a more rapid lift recovery
was further increased to 5.5'. during part of the downstroke is observed. Similar

trends are shown for the drag and pitching moment.
The loads obtained with the B-B and the S-A It appears that the transitional solution predicts a

models are compared with the experiment in Fig. more rapid flow reattachment. However, there is good
13. The lift and pitching moment hysteresis rea- agreement with the experiment for the computed nose
sonably agree with the experiment. The computed down pitching moment and drag increase attributed
pressure drag, even though it follows the experimen- to the massively separated flow during the initial part
tal trends, underpredicts the extreme measured drag of the downstroke. It is also significant that the ex-
values. Also the phase angle where the computed treme values of the drag and pitching moment are
drag and nose down pitching moment increases lags closely predicted and the computed loads do not lag
the experimental values by approximately one degree. the experiment. Discrepancies obtained for the down-
Comparison of the measured unsteady surface pres- stroke are caused by uncertainties in transition mod-
sure measurements with the computed surface pres- eling and deficiencies of the turbulence model.
sure indicates that large discrepancies occur on the
suction side, and that the agreement of the lift and The surface pressure coefficient distributions for
the pitching moment with the experiment is coinci- three angles during the upstroke, a = 14.0', a =
dental. 14.50 and a = 14.90, obtained from the fully turbu-

lent and the transitional computations are compared
Careful observation of the experimental surface with the measured values in Fig. 15. At a = 14.00

pressure measurements shows that the lift drop, the (Fig. 15a) both the fully turbulent and the tran-
increases in drag, and nose-down pitching moment sitional solutions are in agreement with the experi-
are associated with a drop in the leading edge suction ment. The fully turbulent solution, however, slightly
peak. This suction pressure drop occurs because of overpredicts the suction peak. The surface pressure
leading edge flow separation. The two physical mech- distribution obtained from the transitional solution is
anisms that can force the flow to separate at the lead- in closer agreement with the experiment and shows
ing edge are either a shock or laminar/transitional the development of a leading edge separation bubble.
flow behavior. The progressive drop of the suction A very small region of transitional flow is found. As
peak shown in the experiment does not support the the angle of attack increases to a = 14.50, the experi-
shock separated flow assumption. Therefore, there is ment shows a large drop in the suction peak caused by
an indication that, even though the Reynolds number flow separation. Visualization of the computed veloc-
is large, the leading edge flow could be transitional. ity fields shows that only trailing edge separation was
Therefore, a rough approximation of the transitional obtained for the fully turbulent computation. The
flow behavior at the leading edge was performed with transitional solution, on the other hand, yields more
the following procedure. The transition onset is spec- separated flow and shows formation of a vortex-like
ified to occur immediately downstream of the suction structure. At a = 14.90, which is the peak angle
peak location. The flow from the stagnation point up of attack of the experiment, the suction peak is fur-
to the transition onset is computed as laminar. The ther diminished and the vortical structure generated
production term of the one-equation B-B model is set at the leading edge is convected downstream. At this
equal to zero for the laminar region. As a result, the angle the fully turbulent solution does not agree with
model yields an eddy viscosity of almost zero for the the experiment and shows further increase of the suc-
laminar region. Beyond the transition point, the full tion peak. It appears that the transitional solution
production term is utilized and the computed eddy properly captures the physical mechanism observed
viscosity rapidly increases downstream from the tran- in the experiment and shows development of a lead-
sition point until a fully turbulent value is reached. ing edge, vortical, dynamic-stall-like structure, as the

computed surface pressure coefficient demonstrates.
A 351 x 91 point C-grid with 170 points on the

suction side was used for the numerical solution. This
grid has refined resolution at the leading edge re-
gion. In the computed solutions the transitional
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The values of lift and pitching moment obtained role in the development of the unsteady separated
from the turbulent solution with an increased oscil- flowfield. Also, it was found to be necessary to in-
lation amplitude (Fig. 13) are coincidentally close to clude transition for most of the downstroke to ap-
the measured values. The computed drag coefficient, proximately 10 degrees where the flow reattaches. If
however, disagrees with the experiment. Therefore, it the fully turbulent solution is switched on at an ear-
is necessary to always compare lift, drag and pitching lier part of the cycle, the flow rapidly reattaches and
moment coefficients, when surface pressure measure- the loads converge to the fully turbulent values.
ments are not available. The fully turbulent solution
predicts attached leading edge flow and trailing edge Conclusions
separation. The transitional solution predicts a lead-
ing edge vortex-like structure and larger overall sepa- An evaluation of the ability of one- and two-
ration, compared to the fully turbulent solution. This equation turbulence models in predicting hysteresis
leading edge flow development affects significantly the equation turbulen t flow overesissuction surface flowfield and results in larger overall effects of unsteady fully turbulent flow over oscillat-
separation. However, this leading edge vortical struc- ing airfoils in the light and deep stall regime was con-

ducted. It can be concluded that none of the mod-
ture is not the same as a classical dynamic stall vor- els considered in this investigation is capable of ac-
tex, which is clearly observed in both experiments and curately predicting the deep stall case. However, the
computations for larger oscillation amplitudes or dif- B-B, the S-A, and the SST k - w models show a sig-
ferent pitch rates. This structure forms at about 14 B-B, the stand two-equation
degrees during the upstroke and bursts in the bound- models. For the light stall case the S-A model did not
ary layer. Around the peak angle of the cycle a rapid moels.forctelt stall ase theS-medid t
progression of the trailing edge separation towards the yield sufficient separation and underpredicted the ex-treme values of the unsteady loads. The B-B model
leading edge is also observed, shows slow recovery of lift hysteresis during the pitch-

down part of the cycle for the light stall and the at-
In Ref. 49, solutions were computed for. a tached flow cases. The standard k - e and the k - w

NACA 0012 airfoil oscillating with a smaller mean an- models did not predict separation even for the deep
gle of incidence am = 90 and with the same amplitude stall case. The SST k-w model gave good predictions
a, = 5' and reduced frequency. The leading edge for the attached and the light stall cases.
transition was modeled in the same way described
before and a significant improvement compared to a It was found that the leading edge transitional
fully turbulent solution was obtained for the unsteady flow is of primary importance to the overall devel-
loads and the surface pressure distributions. In or- opment of the unsteady flowfield, if the flow is not
der to confirm that the leading edge transitional flow tripped at the leading edge. A laminar/transitional
behavior is also independent of airfoil shape and re- leading-edge separation bubble developing during the
duced frequency parameter, a solution for a Sikorsky pitch-up motion produces a dynamic-stall-like vorti-
SC-1095 airfoil of Ref. 4 oscillating with a reduced cal structure. It was shown that a simple transition
frequency k = 0.2 is computed. The airfoil oscillates model significantly improves the predictions. How-
as a(t) = 14' + 2'sin(wt) and the same transition ever, accurate methods for transition modeling and
model is applied. The computed unsteady loads are prediction are still required. Finally, the numerical
compared with the experiment in Fig. 16. Hysteresis results show some sensitivity to the numerical algo-
loops for a fully turbulent solution are shown in the rithm in spite of using reasonably fine grids.
same figure. For this case, leading edge stall is pre-
dicted by both the fully turbulent and transitional so-
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Table 1: CASES COMPUTED

Turbulence Case 1 Case 2 Case 3 Case 4 Case 5

Model NACA 0015 NACA 0015 NACA 0015 NACA 0012 SC-1095

a=4o±4' ca=11o±4 a =15o±4° 
0 t= 10o±5* a=140 

±2°

B-L CD - Fig. 1 CD - Figs. 7,12

RNG CD - Fig. 1 CD - Fig. 4 CD - Figs. 7,12

J-K CD - Fig. 1 CD - Fig. 4 CD - Figs. 7,12

B-B CD - Fig. 1 CD - Fig. 4 CD - Figs. 7,12
Up - Figs. 2, 3 Up - Figs. 5, 6 Up - Figs. 8, 10, 11

S-A CD - Fig. 1 CD - Fig. 4 CD - Figs. 7,12 Up - Fig. 13,14,15
Up - Fig. 5 Up - Fig. 8

K - Up- Fig. 9 Up- Fig. 13

K - o) Up - Fig. 9

BSL Up - Fig. 9

SST Up- Figs. 2, 3 Up- Figs. 5, 6 Up- Figs. 9, 11

CD = Central Difference scheme

Up = Upwind scheme
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361 x 71 grid, central-difference scheme 311 x 91 grid, upwind-difference scheme
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-----RNG ----- k-0) SST I
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Fig. 1 Hysteresis effects for attached flow computed Fig. 2 Hysteresis effects for attached flow computed
with the central-difference scheme; M = 0.3, with the upwind scheme; M = 0.3,
a(t)= 4 + 4.2°sin(t), k= 0.1, Re 2 x 106. a(t) = 4* + 4.2 "sin(t), k =0. 1, Re= 2 x 106.

3-
80 up Turb. model

wB

" t•B B-B
4' 2 " up -- - - - k-0O SST

0~i-2
-2 I I I II

0 .2 .4 .6 .8 1.0
xlc

Fig. 3 Comparison of the surface pressure coefficient at a = 4' up and
ox = 80 up computed with the B-B and the SST k- co models.
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361 x 71 grid, central-difference scheme 311 x 91 grid, upwind-difference scheme
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() I I 0 (c) I III
0 
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6 8 10 12 14 16 6 8 10 12 14 16
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Fig. 4 Hysteresis effects for light stall flow computed Fig. 5 Hysteresis effects for light stall flow computed

with the central-difference scheme; M = 0.3, with the upwind scheme; M = 0.3,
a(t) = 11' + 4.2°sin(t), k= 0.1, Re = 2 x 106. a(t)= 11' + 4.2°sin(t), k= 0.1, Re = 2 x 106.
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1.4 -

1.2

Upwind-difference scheme
1.0 -__ 331 x 91 grid

C1  421 x 151 grid
.8 0 Experiments-Piziali

.6

AF(a) I

6 8 10 12 14 16
CC (deg)

.06 .08 -

Cd .02 Cm .04

0 .0.2
(b) (c)

-. 02 I I I I 0I I I I I
6 8 10 12 14 16 6 8 10 12 14 16
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Fig. 6 Effect of grid refinement on the unsteady airloads hysteresis computed with the upwind
scheme and the B-B model; M = 0.3, cx(t) = 11 * + 4.2 °sin(t), k = 0.1, Re = 2 x 106.
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361 x 71 grid, central-difference scheme 311 x 91 grid, upwind-difference scheme
.. ... B-L .. B-B.RNG 

S-A Turb. model

------- J-K - Turb. model 0 Experiments-Piziali
B-B
S-A

2.0 0 Experiments-Piziali 2.0

1.5 -- --1.5--

Cl 1.0 ' Cl 1.0 -

"-- .5

(a) (a)

0I I I0
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0 0

Cm -. 1 Cm -. 1

-. 2 -. 2

(c) -;(c

-. 3 I -. 3 I I
10 12 14 16 18 20 10 12 14 16 18 20

Cc (deg) cX (deg)

Fig. 7 Hysteresis effects for deep stall obtained with Fig. 8 Hysteresis effects for deep stall obtained with
algebraic, half- and one-equation models and one-equation models and computed with the
computed with the central-difference scheme; upwind scheme; M = 0.3, (x(t) = 150 + 4.2 °sin(t),
M= 0.3, aL(t) = 15' + 4.2°sin(t), k= 0.1, k= 0.1, Re = 2 x 106.

Re= 2 x 106.
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311 x 91 grid, upwind-difference scheme dynamic stall vortex
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1.5 ----.- atrailing edge vortex shedding

(a) a C 15.00 upstroke

CI 1.0 flow reattachment

.5 trailing edge vortex shedding'

.5 -"""•• . '"

(b) a =15.00 downstroke

.4 Fig. 10 Vortical flowfield development with B-B
model; M = 0.3, aX(t) = 150 + 4.2 0sin(t),
.3lk=n0.1, Re e =v2x 106.

Cd
.2

0 0i

(b) I 
=I50 owsrk

0..1

- - - -------
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Cm -. 1 Upwind-difference scheme

Cm -. 1 - 0 Attached flow
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(C) ------- SST k- c0 model I Turb. model
- .3 II II-.3 1 1 I 1 I

10 12 14 16 18 20 0 5 10 15 20
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Fig. 9 Hysteresis effects for deep stall obtained with Fig. 11 Effect of increased mean angle
two-equation models and the upwind scheme; on pitching moment.
M= 0.3, oa(t) = 150 + 4.2"sin(t), k= 0.1,
Re = 2 x 106.
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Edge Edge

270 Ree Edge 10.8
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flow
regions ;
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361 x 71 grid
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- J-K models

10890- B-B
0 .2 .4 .6 .8 1.0 S-A.
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Fig. 12 Locus of flow reversal point during the oscillatory cycle for different turbulence models
computed with central-difference scheme; M = 0.3, a(t) = 15o + 4.2°sin(t), k = 0.1, Re = 2 x 106.
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Fig. 13 Effect of increased oscillation amplitude on air- Fig. 14 Effect of leading edge transition on airloads
loads hysteresis for NACA 0012 airfoil; M = 0.3, hysteresis for NACA 0012 airfoil; M= 0.3,
(x(t) = 10' + 5°sin(t), k= 0.1, Re = 4 x 106. a(t) = 10° + 5°sin(t), k= 0.1, Re = 4 x 106.
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Fig. 15 Effect of transition on the computed surface Fig. 16 Effect of leading edge transition on loads
pressure coefficient for a NACA 0012 airfoil; hysteresis for Sikorsky SC-i 095 airfoil;
M= 0.3, (t) = 100 + 5°sin(t), k= 0.1, M= 0.3, a(t) = 14 0 + 2°sin(t), k= 0.2,
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1. SUMMARY dynamic stall vortex due to the coalescence of the
vorticity input by the unsteady pitching motion. The

A review of experimental results from an ongoing leading edge favorable pressure gradient in the flow is
study of the effects of compressibility on dynamic stall 0(102 - 103) and thus, the fluid encounters a region
of an oscillating NACA 0012 airfoil is presented. The of strong adverse pressure gradient immediately fol-
study shows that compressibility effects become sig- lowing the suction peak, which could by itself cause
nificant at a free stream Mach number of 0.3. Dy- flow separation. The large flow acceleration can in-
namic stall is accelerated above this Mach number, duce supersonic velocities near the leading edge. In
but increasing unsteadiness delays onset of stall even fact, it has been shown (Ref. 1) that compressibility
under compressible flow conditions. Interferometric effects appear in the flow at a very low free stream
images of the flow show that process of dynamic stall Mach numer of 0.2 Man airf sow ardramatic
occurs rapidly over a small angle of attack range. For Mach number of 0.2. Many airfoils show a dramatic

certain flow conditions, multiple shocks form in the change in the stall behavior under this condition, as

flow near the airfoil leading edge. The delay of stall the normal trailing-edge stall becomes leading-edge
has been shown to be due to delayed development stall. The dynamic stall vortex still forms, now in the
combined with modification of the adverse pressure presence of strongly compressible flow. Shocks can
gradient in the flow. Transition has been shown to form in the flow and interact with the airfoil boundary
significantly modify the observed flow behavior, and layer, possibly inducing premature flow separation,
thus is a very important factor to be considered, es- and leading to early formation of a dynamic stall vor-
pecially since it occurs near the vortex formation lo- tex. Thus, dynamic stall onset can occur from a com-
cation. Proper modelling of its effects is critical in pletely different mechanism than that observed from
dynamic stall flow computations. low speed experiments. The complexity of the fluid

mechanics issues of dynamic stall flow have defied a
LIST OF SYMBOLS proper and thorough understanding of the fundamen-

tal aspects of the process (Ref. 2 and 3). To this se-
C7 , pressure coefficient ries of issues needs to be added factors like the effects

S peak suction pressure coefficient of transition of the boundary layer (or shear layer),
c airfoil chord and the effects of Reynolds number on the state of
f frequency of oscillation, Hz turbulence in the boundary layer under compressible

Ur f flow conditions. In almost all cases, dynamic stall

M free stream Mach number occurs as leading edge stall near the location where
U. free stream velocity the flow undergoes transition, even when the chord
x,y chordwise and vertical distance based Reynolds number is in the turbulent regime.
a angle of attack The transition point moves upstream with increasing
a 0  mean angle of attack angle of attack, and the transition length decreases
am amplitude of oscillation with the increasing adverse pressure gradient(Ref. 4)
w circular frequency, radians/sec as the airfoil is pitched up. This ever changing transi-

2. INTRODUCTION tion behavior immensely complicates the flow physics,
and its proper physical modelling is a major require-

The performance of a helicopter is severely restricted ment for the study. Much of the disagreement be-
by the occurrence of dynamic stall on its retreating tween experimental data and computational results
blade; it is critical to avoid the consequent concomi- can be attributed to improper physical modelling of
tant strong pitching moment variations that are de- the effects of transition, and the role transition plays
structive to the vehicle. The retreating blade oper- in the dynamic stall process. However, since the rel-
ates in a strongly compressible environment at a high evant physics still eludes researchers, one is forced to
Reynolds number and its stall is a clear case of forced. make poor approximations to represent the flow, such
large amplitude, unsteady, flow separation. A char- as turbulence models based on equilibrium turbulent
acteristic feature of the flow is the formation of the flow.

Mailing Address: M.S. 260-1. NASA Ames Research Center. Moffett Field, CA 94035-1000,
U.S.A.

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin, Germany from 10-13 October 1994 and published in CP-552.
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An important connection between laboratory experi- technique of point diffraction interferometry, (PDI).
ments and full scale testing occurs through model ro- PDI uses an expanded laser beam to fill the entire
tor testing. Laboratory tests are generally performed field of view in a standard Z-type schlieren configura-
in 2-D flow due to their lesser degree of complex- tion, with the optics aligned to minimize astigmatism.
ity and questions have arisen concerning the appli- A pre-developed, partially transmitting photographic
cability of 2-D tests to the complex helicopter flow plate replaces the knife edge. In operation, a pin-
environment. But, it is worth noting that in a re- hole is created in situ in the photographic plate with
cent workshop on three dimensional oscillatory dy- no flow in the test section. This pin-hole serves as
namic stall(Ref. 5), it was concluded that two di- a point diffractor. During the wind tunnel test, the
mensional dynamic stall tests gave acceptable lift, light beam passing through the flow is deflected due
drag and moment distributions for calibrating three to density changes in the flow field and thus focuses
dimensional computational codes, except very near to a bigger spot around the pin-hole. The portion of
the wing tip. The consensus of the participants was this distorted light beam passing through the pin-hole
that the critical difficulty was in fact in accurately then becomes the reference beam and interferes with
predicting two dimensional dynamic stall. In a re- the portion passing around it (signal beam) to create
cent attempt to extend model rotor test data to full fringes in real-time, which are captured on Polaroid
scale rotors, the boundary layer was tripped and tests film. A schematic of the PDI system is illustrated in
were conducted(Ref. 6). However, tripping an airfoil Fig. 2. A large number of flow interferograms have
is a formidable task(Ref. 7) especially since the trip been obtained and analyzed to provide a quantitative
location nearly coincides with the vortex origination flow description. A custom interferogram image pro-
point and the consequences of the presence of a trip cessing package has been developed for the purpose.
in this sensitive compressible flow region are not easy
to separate. The experiments were performed at Mach numbers of

0.2, 0.25, 0.3, 0.35, 0.4 and 0.45. The reduced frequen-
The present studies are specifically aimed at under- cies were 0(steady), 0.025, 0.05, 0.075 and 0.1. The
standing the underlying processes of dynamic stall, angle of attack variation was a = 10' + 10' sin wt.
under compressible transitional flow conditions; the Some of the important results from this experimental
previous studies (Ref. 8 and 9) mainly concerned data base will be discussed in the next section.
with establishing the various loads and moment loops
for different airfoil shapes at high Reynolds numbers. 4. RESULTS AND DISCUSSION
The goal of this research is to eventually develop dy-
namic stall control concepts that are applicable to a 4.1. Qualitative Flow Description
practical helicopter. This paper reviews the results
of the research investigation being conducted in the 4.1.1. Effect of Mach Number
Navy-NASA Joint Institute of Aeronautics at NASA Figure 3 (Ref. 12) shows stroboscopic schlieren pic-
Ames Research *Center. tures of the flow over an oscillating airfoil at differ-

3. EXPERIMENTAL FACILITY AND FA- ent Mach numbers. These pictures obtained over
CILITY an exposure time of 1.5psec represent the instanta-

neous density gradient field without any history ef-

The experiments were conducted in the Compress- fects present, unlike most other flow visualization im-
ible Dynamic Stall Facilily(CDSF) which is a 25cm ages. The dynamic stall vortex can be seen as a dark
x 35cm test section wind tunnel with a specially de- circular structure at approximately 50% chord loca-
signed (Ref. 10) airfoil oscillating drive system. The tion in all images with lighter shades of gray towards
airfoil is supported between two optical glass windows the leading edge (due to the orientation of the knife
in the CDSF. The uniqueness of the model support edge); the streaks seen slightly downstream of the vor-
system provides unobstructed optical access to the tex at x/c = 0.7 are cracks in the glass. It is inter-
complete airfoil contour, which is critical since dv- esting that the angle of attack at which the vortex
namic stall events originate from the surface near the reaches this location is 15.1 deg. up to M = 0.25,
airfoil leading edge. The operating envelope of the but as the Mach number increases, the corresponding

CDSF is wider than the flight envelope of the present angle decreases monotonically; for example, it is 13.8

day helicopter. Also, the results are directly applica- deg. at M = 0.35, 12.7 deg. at M = 0.4 and 12.3
ble to that of a hscale model rotor. Fig. shows deg. at M = 0.45. This is photographic evidence that.

f 7 the angle of attack at which the dynamic stall pro-
the details of the facility. The airfoil angle of attack cess is initiated is independent of Mach number up to
can be arbitrarily set between 0 - 15 deg., with the M = 0.3 and decreases with increasing Mach number
amplitude and frequency of oscillation continuously beyond this value. Thus, it can be said that com-
variable from 2 - 10 deg. and 0 - 100 Hz respectively. pressibility effects set in at M = 0.3 and premature
The tunnel Mach number can be varied from 0 - 0.5 dynamic stall occurs at higher Mach numbers.
by a choked downstream throat. The airfoil used in
the tests is NACA 0012 with 7.62cm chord. The test Quantitative support to the above statement can be
Reynolds number ranged from 0.36x10 6 -0.81xl0e for found in the data presented in Fig. 4, (Ref. 12). Stro-
Mach numbers from 0.2 to 0.45. boscopic schlieren pictures were obtained for a wide

range of different conditions. The pictures were ana-
In addition to stroboscopic schlieren flow visualization lyzed by following the movement of the vortex center
pictures, quantitative experimental data was obtained along the airfoil upper surface. It can be seen that
using the recently developed (Ref. 11) real time (within experimental scatter) up to M = 0.3, the vor-
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tex trajectory as a function of the angle of attack is from the interferograms confirm that, a laminar sep-
nearly identical. However, for .41 > 0.3, the curves de- aration bubble is present under these conditions. As
part considerably, moving to progressively lower an- the angle of attack is increased, the bubble breaks
gles of attack as the Mach number is increased. This down and a vortical structure appears at a = 12.83'.
supports the conclusion that the threshold for signif- The static stall angle for M = 0.3.5 is 11.6 deg. and
icant compressibility effects is at M = 0.3. As M thus, the first indication that the dynamic stall delay
is increased above 0.3, the vortex originates at lower has ended and the dynamic stall process itself has be-
angles of attack and is also shed at correspondingly gun is seen in Fig. 6d, 1.2 degrees beyond static stall.
lower angles of attack. Thus, compressibility accel- The events that lead to the formation of dynamic stall
erates the initiation of the dynamic stall vortex and vortex occur very rapidly from this angle of attack,
hence, occurrence of deep stall. in a very small angle of attack range, (less than one

degree, shown in Fig. 6b - 6d). Thus, the complete
4.1.2. Effect of Unsteadiness details of the changes are not easy to capture; the ra-

pidity of the process and possible cycle-to-cycle vari-
Figure 5 (Ref. 13) is a plot of the dynamic stall an- ations make it a very challenging measurement prob-
gle of attack vs. reduced frequency for different Mach lem. The earlier schlieren data showed that the deep
numbers. The results discussed above can be seen in dynamic stall angle for this case was 15.2 deg.; thus,
this figure as well. It should be noted that for any by a = 16.02', deep dynamic stall has already oc-
given Mach number, as the reduced frequency is in- curred. However, the number of fringes on the lower
creased, the dynamic stall angle also increases. Thus, surface near the trailing edge shows that sharp gra-
even though dynamic stall occurs at lower angles of dients are still present there. The subsequent trailing
attack at higher values of M, dynamic stall can be edge flow evolution (such as vortex shedding, the oc-
delayed by increasing the reduced frequency in the casional propagation of the vortex upstream over the
compressible flow regime as well. Thus, increasing airfoil upper surface (Ref. 17), etc.) influences the
unsteadiness always delays occurrence of stall. The other details aspects of the separated flow like reat-
reason for this is believed to be the way in which tachment, hysteresis loops, etc.
unsteadiness alters the airfoil leading edge pressure
distribution (see Sec. 4.2.3) and thus, the vorticity 4.2.2 Effect of Mach Number
production there. Figure 7 presents interferograms for M = 0.3, 0.35,
Other noteworthy results include the fact that the 0.4 and 0.45, obtained at k = 0.05 and a = 12.06
vortex convection velocity was 30% of the free stream deg. Fig. 7a at M = 0.3, shows a laminar separa-
velocity for all cases studied. No shocks could be de- tion bubble is about to break-down at this angle of
tected in the images obtained in the schlieren studies attack. However, the effect is not detectable in the
for these conditions (see Sec. 4.2.4), but a small shock outer flow. Fig. 7b, at M = 0.35, shows the forma-
was observed for the case of a = 10o + 20 sin wt at tion of vertical fringes from x/c = 0.04 to x/c = 0.15.
M = 0.45 and k = 0.075, (Ref. 14). It has been shown in Ref. 17 that this state repre-

sents the onset of dynamic stall and that the vortex
Having identified the features of the flow after the is in its primitive stages of formation. The outer flow
vortex has formed, attention will now be focused on still is not affected by the major changes in the flow
the finer details of the flow. It is worth noting that field close to the airfoil. At M = 0.4, (Fig. 7c) the
for control purposes, the game is already 'lost' once dynamic stall vortex has fully developed and has con-
the vortex has formed. vected over the airfoil surface; it should be pointed out

that the imprint of the dynamic stall vortical region in
4.2. Flow Description from PDI Studies compressible flow is not circular, but some what oval

in shape. The outer edge of the vortex has reached
4.2.1. Dynamic Stall Flow Development about 30% chord; further downstream, the boundary

Figure 6 (Ref. 15) shows a sequence of interferograms layer has grown considerably in size. In contrast, Fig.

obtained over the oscillating airfoil for M = 0.35 and 7d shows that at M = 0.45, the dynamic stall pro-

k = 0.05. The fringes seen in it are constant den- cess has progressed to an extent where the vortex has

sitv contours of the flow. The stagnation point is on already convected beyond x/c = 0.5. In fact, deep
the airfoil lower surface, near the leading edge and the dynamic stall occurred for M = 0.45 and k = 0.05 at

fringes are seen to converge here. At a = 10.65', (Fig. a = 14.2 deg., but for M = 0.3, the corresponding
) aangle was 15.9 deg. These quantitative results sup-

6a) a moderately thick boundary layer is seen port the schlieren flow visualization discussed earlier.
the trailing edge. The fringes indicate that there is The corresponding global pressure distributions are
a slight local trailing edge separation; however, it ap- shown in Fig. 7e to 7h. These were derived by us-
pears to have no measurable effect on the overall flow. ing isentropic flow assumptions, even when a dynamic
The fringes at a = 12.110 (seen in Fig. 6b), after radi- stall vortex was present, (it is believed that the errors
ating from around the leading edge, turn towards the introduced do not result in a different interpretation
airfoil upper surface downstream of the suction peak. of the results at these Mach numbers). The dramatic
But, when they encounter the local boundary layer, influence of the vortical flow on the outer inviscid flow
they turn sharply again towards the trailing edge. A is clearly seen in Fig. 7g and Fig. 7h.
closer examination reveals that there is a small region

on the upper surface near the leading edge which is 4.2.3. Delay of Stall Due to Unsteadiness
enclosed by the fringes that physically appears like a
bubble. Pressure distributions (see Ref. 16) deduced Figure 8 shows the peak suction pressure coefficient,
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C,_.... plotted as a function of angle of attack for M 4.2.4. Formation of Multiple Shocks
0.3, for steady flow (k = 0) and the unsteady flow

cases of k = 0.05 and 0.1. The distribution for steady For certain compressible flow conditions, (e.g. M =
flow shows abrupt leading edge stall that is typical 0.45, k = 0.05, a = 100) a shock or a series of shocks
of NACA 0012 airfoil. The curves for the unsteady formed near the airfoil leading edge as shown in Fig.
cases show a delay of stall from that of steady flow, 11. The lambda shocks seen are characteristic of lam-
which increases with k. This clearly points out that. inar flow behavior. Interestingly, the flow does not
the airfoil develops less suction at comparable angles separate immediately once a shock forms. It seems to
of attack and thus, the airfoil experiences a lesser ad- be able to withstand the local adverse pressure gradi-
verse pressure gradient with increasing unsteadiness. ent caused by the shock for a small range of angle of

The peak suction eventually reaches a value higher attack before separating. A series of pictures for these
than that in steady flow, although the resultant ad- experimental flow conditions showed that flow sepa-
verse pressure gradient may not be much higher (see ration at the foot of the last shock eventually resulted
Fig. 10). It has been shown in Ref. 17 that for a in the dynamic stall vortex. At this time, the cause
transiently pitching airfoil, the suction pressure coef- of the multiple shocks is still under investigation. It
ficient remains at the maximum value during the time is believed that the first shock interacts with the lam-
when the dynamic stall vortex forms and organizes, inar leading edge boundary layer introducing a wavi-
and then drops as the vortex convects down the air- ness in the boundary layer thickness which seems to
foil: the same result is seen for the oscillating airfoil be sufficient for producing the expansion waves and
also. The organization time seems to depend on the compression waves necessary for the system to sus-
reduced frequency, since the amount of coherent vor- tain itself during a small angle of attack sweep of the
ticity introduced by the airfoil motion also depends airfoil.
on k. So, it can be expected that at higher reduced
frequencies, the plateau seen in the Cpm,, distribu- A map of the pressure coefficient distribution in the
tions lengthens, leading to a longer stall delay; this vicinity of the multiple shocks for the case shown
effect can be seen in Fig. 8. The peak suction drops above is presented in Fig. 12. The leading edge re-
gradually once vortex convection begins. gion has been magnified so that the flow variations
Figure 9 compares the pressure distributions at N~i due to the shocks can be analyzed. This unique quan-

= titative evaluation of the outer flow was made possi-
0.3 between the steady flow at a = 11.0 deg and un- ble by the fringe tracing/analysis algorithm developed
steady flow at k = 0.05 at a = 10.0 deg. It is evident specifically for this task. It is clear that the flow be-
that the two compare very well, with only a slight de- comes supersonic near the surface and that a region
viation in the bubble region. The agreement indicates of M > 1 (the sonic line corresponds to Cp = -2.76)
that the unsteady flow at a higher angle of attack is which is significantly wider than previously thought
similar to steady flow at a lower angle of attack, prior exists in the flow. In this region, 5 shocks are present.
to stall onset, pointing to a general lag of flow devel- The shocks terminate in the sonic line. The outer
opment in the unsteady flow. In this case for M flow, however, is subsonic: this is one of the key differ-
0.3, and k = 0.05, this lag is one degree. The plateau ences nompressibldnic tall flow tha cannot' ' ences in compressible dynamic stall flow that cannot
seen in the distributions points to the existenc of a be reproduced at low speeds. As the angle of attack
laminar separation bubble, since the pressure every- be repded t low pees Ahange of ttack
where along the bubble is constant. The pressure rises is increased, the shock pattern changes since the in-
normally after the bubble closes. The bubble forms teraction with the boundary layer changes. Eventu-
over the airfoil since the Reynolds number (360,000 ally, a dynamic stall vortex appears at the foot of the

840,000) of the flow was in the last shock. The x/c location at which this happens is
The00 other thellow diffens a in the ional regime. about 0.05 - 0.08, indicating that the dynamic stall
the uncertainty of the PDI technique. vortex does not form at the leading edge. This figure

attests to both the presence of the fine scale details

Figure 10 presents the pressure distributions for 0 < in the flow as well as the ability of the measurement

x/c < 0.05 for k = 0, 0.05 and 0.1 at. a = 10.0 deg. technique used in this research to capture them.
at M = 0.3. The plots show that the suction develops
over an oscillating airfoil at a reduced rate as the fre- 4.3. Role of Transition
quency of oscillation is increased and in fact does not
reach the steady state level at. the angle compared. As stated earlier, the dynamic stall vortex forms near
Past the suction peak, the pressure rises more slowly the point where the separating shear layer undergoes
in the unsteady cases. This delay of the airfoil flow transition. Thus, it can be expected that factors af-
development, with corresponding delay in the devel- fecting transition also affect the processes of dynamic
opment of the adverse pressure gradients can be seen stall onset and vortex formation. Applicability of low
to be one of the causes of dynamic stall delay that Reynolds number testing methods and test data to
is observed. It should be noted that each symbol in model rotors and eventually to flight Reynolds num-
Fig. 10 corresponds to a quantitative measure of the bers thus becomes a formidable challenge and suffers
instantaneous pressure as obtained from the interfero- from several limitations. Whereas this situation is not
gram. This is the first set of data to show the lessening new, it is nevertheless a major issue in model rotor
of the local adverse pressure gradient by unsteadiness testing, since the process of flow separation is partic-
in such detail and offers a reasonable explanation for ularly sensitive to the state of the boundary layer. A
the delay for stall. standard approach to simulate high Reynolds number
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results in the laboratory is to conduct tests by trip- stall process could even be accelerated, as was demon-
ping the airfoil boundary layer with the intent that strated in Ref. 18).
the flow subsequently develops as a fully turbulent
flow. It is important to recognize that despite the 4.3.3. Quantitative Analysis
vast number of previous experimental studies on trip-
ping in steady flow and the recommendations on the Figure 14 presents the variation of the airfoil peak
right kind of trips that have resulted, these schemes suction in the presence of the trip at M = 0.45 and
are not directly applicable to dynamic stall flow; and k = 0.05. The significantly increased suction levels
the use of steady flow tripping schemes for dynamic are proof that the airfoil was tripped successfully and
stall flow studies has not been satisfactory. a flow more representative of turbulent flow dynamic

stall was achieved in the wind tunnel. It is interesting
4.3.1 Description of the Trips to note that the Cpm,, values for both the untripped
The airfoil boundary layer at the vortex formation lo- and tripped airfoil exceed the critical value of -2.76;
Theatirfoil boundarylayerat the voortex0formatiene, t- thus, the flow in both cases becomes supersonic. The
cationlarger Cp values of the tripped airfoil flow suggest
trip height that was needed was much smaller than large cal of th ir flow suggest
this. Also, the trip used could radically change the that the local Mach numbers in this flow are higher.

stall behavior of the airfoil, Ref. 7. Thus, it was im- It is interesting to note that despite the larger Mach
perative that tests be conducted with a series of trips number, the shock system that results over the airfoiland that selection be based on which trip provided is much less dramatic (see Fig. 15 compared to Fig."turbulent" flow-like information. As part of this 12), once again attributable to the turbulent flow over

study, five different trips were studied in the CDSF. it. The corresponding pressure distribution obtained
Randomly distributed roughness elements (aluminum from a PDI image is shown in Fig. 15 for M = 0.45, k
oxide particles or grit) were glued on to the airfoil sur- = 0.05 and a = 10.Odeg. In comparison with Fig. 12,
face by a thin lacquer or adhesive, depending upon the (multiple shocks flow field over the untripped airfoil at

trip material. The trip height ranged from 170pm to the same conditions) it is seen that the local Cp values
about the height of the boundary layer, ; 50 pm. are higher and that the sonic line is much broader.
The length was either 3% chord, starting at 1% chord Its shape is also different, with a bulging front and a
location (near the leading edge) to 4% chord; or from longer tail extending to x/c = 0.15. Despite the larger
stagnation point on the lower surface to 4%7 chord Mach numbers, only two shocks (represented by the
point on the upper surface. PDI data was obtained dotted lines nearly normal to the surface) are seen in
for the flow over an oscillating with the different trips it. Further, there is no flow separation seen in this
installed, at several Mach numbers and reduced fre- case. This pair of figures graphically demonstrates
quencies. The trips were evaluated based on the cri- the importance of proper tripping of the boundary
teria of elimination of the laminar separation bubble, layer, especially in unsteady compressible flow. It is
delay of dynamic stall and the production of higher interesting that there is qualitative similarity of this
suction levels than the untripped airfoil. The trip that result to the turbulent computational dynamic stall
satisfied these conditions was accepted as the "right" studies of Ref. 19 and 20.
trip. This optimum trip was made from 22-36/am alu-
minium oxide particles deposited over a thin lacquer 4.4. Role of Adverse Pressure Gradient
coating installed with a total height of about 43pm A
from 0.005 < x/c < 0.03. Analysis of the adverse pressure gradient near the un-

tripped airfoil leading edge at M = 0.3 showed that
4.3.2 Qualitative Analysis dynamic stall was caused by the failure of the lami-

nar shear layer to reattach (Ref. 18) due to the levels
Figure 13a and 13b compare interferograms over the of this gradient. At higher Mach numbers dynamic
airfoil with and without the optimum trip at M = 0.3 stall occurred either from the above reason or from a
and k = 0.05 and a = 10.Odeg. The presence of the shock-induced separation. It has been shown in Ref.
laminar bubble (described in Sec. 4.2.2, Fig. 6) can 18 that dynamic stall is initiated over a transiently
be clearly found in Fig. 13a by studying the fringe pitching airfoil when the leading edge adverse pres-
pattern. In Fig. 13b, the fringe very near the airfoil dc reaches a critical value that
leading edge shows a closed loop pattern, which cor- sure gradient (d(xI1)

responds to a well defined suction peak. The fringes depends upon Mach number and pitch rate. Fig.
slightly downstream of the suction peak meet the up- 16 (Ref. 18) shows that the critical value of the
per surface over a small length of the airfoil region adverse pressure gradient decreases with increasing
rather than near a point as seen in Fig. 13a. This Mach number, once again indicating the strong in-
fringe pattern indicates the absence of the bubble; the fluence of compressibility on the process. It appears
corresponding pressure distributions confirmed this that compressibility weakens the ability of the bound-
interpretation (Ref. 7). Fig. 13c shows the flow ary layer to withstand the adverse pressure gradient,
field at a = 13.99deg. when the dynamic stall vortex even though the adverse pressure gradient value is
has fully formed and has convected past the x/c = smaller. Increasing the pitch rate seems to enable the
0.25 point for the untripped airfoil, whereas in Fig. boundary layer to withstand higher levels of adverse
13d, at the same angle of attack, the vertical fringes pressure gradients,(Fig. 10, Ref. 18). The results
which precede the dynamic stall vortex have just ap- seem to be true for both the untripped and tripped
peared, pointing very definitely to delay of stall that airfoil, leading to the conclusion that unsteadiness in-
was achieved due to the presence of the trip, (it is troduces certain changes to the leading edge vorticity
worth pointing that if improper trips were used, the layer and makes it behave differently.
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Figure 17 presents the adverse pressure gradient de- onset. This premature stall at, higher Mach numbers
velopment over the oscillating airfoil at M = 0.3 at k could be attributed to the inability of the compress-
= 0.05. For the untripped airfoil, the pressure gradi- ible boundary layer to withstand the adverse pressure
ent immediately following the suction peak is plotted, gradient in the flow. Increasing unsteadiness has a
It was found that the value of the pressure gradient beneficial effect in this regard, even in compressible
at the formation of the laminar, separation bubble is flow. Tests conducted to simulate higher Reynolds
about 40, at an angle of attack of about 7 deg. Dy- number flow situations by tripping the leading edge
namic stall is seen to occur at a pressure gradient, boundary layer have revealed some of the issues and
of 125 at a = 12.5deg. As the dynamic stall vortex concerns of tripping leading-edge-stalling flows.
begins to convect, the pressure gradient drops. In
case of the tripped airfoil, the dynamic stall process The various fluid flow physics issues that have been
begins at a = 13.5deg., when the pressure gradient uncovered by this investigation include formation of
is about 150. Thus, there is a slight delay of stall, multiple shocks, effects of leading edge pressure gra-
attributable to an improvement in the ability of the dient in unsteady flow separation as affected by the
boundary layer to withstand the forces inducing flow degree of unsteadiness, the delay of the leading edge
separation. The trends at other reduced frequencies pressure development with increase in pitch rate, and
were nearly the same, although at times the pressure the effects of boundary layer transition. The quan-
gradients at the angle of attack of dynamic stall vor- titative flow field data base that has been developed
tex formation were slightly less for the tripped airfoil will be of significant value to researchers involved in
when compared to the untripped flow. But, the val- flow modelling and in validating CFD codes devel-
ues were always higher than that at which the lami- oped to represent this complex and challenging flow
nar separation bubble formed in the untripped flow. phenomenon.
Some of the differences seen can be attributed to the
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Fig. 11. PDI Image of Multiple Shocks Over Untripped Oscil-lating Airfoil; M =0.45, k =0.05, (x 10.0o.
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EFFECT OF TURBULENCE MODELING ON DYNAMIC STALL COMPUTATIONS

Mustafa Dindar*, Unver Kaynakt

Turkish Aerospace Industries, Advanced Design Department
P.O. Box 18, 06692 Kavaklidere/Ankara TURKEY

Abstract ing slender lifting surface beyond its critical angle of
Dynamic stall phenomenon was studied numerically attack. Also, various experiments established that ei-

to investigate effects of turbulence modeling. An un- ther trailing edge oriented unsteady separation or burst
steady Navier-Stokes code capable of solving flow field of a leading edge separation bubble yields vortex-like
around an airfoil undergoing unsteady harmonic motion disturbances which entirely effect the forces and mo-
was used for this purpose. A comparative study con- ments acting on the surface. Besides its practical uti-
ducted between equilibrium and nonequilibrium turbu- lization as a lift enhancement mechanism , control of
lence models. It was found that, nonequilibrium effects post-dynamic stall effects, which differ from their static
play an important role in determining the separation counterparts, persist on overall practical importance of
and vortex shedding mechanisms of dynamic stall. First this phenomenon. We also note that, the reason for
of all, in light stall, inadequacy of equilibrium models delay of stall onset in a dynamic system stem from the
defeated by including nonequilibrium effects, and only formation of a vortex close to surface of the airfoil which
Johnson-King model could be able to produce light stall continues to provide lift above the static stall angle.
hysteresis loop that is similar to experiment. Secondly, The features of dynamic stall are characterized by de-
in the deep stall regime, vortex shedding mechanism gree of viscous-inviscid interactions taking place in the
was found to be greatly influenced by turbulence model. flow field. The intensity of a viscous-inviscid interaction

in a shear flow depends on extend of the viscous layer.
Introduction An interaction is said to be weak if various phenomena

Ever increasing demand in understanding the compli- can be studied separately and combined to give total ef-
cated nature of the problems in Applied Aerodynamics fect. Flows with shear layers can have weak interaction
has compelled researcher's motivation for many years. if these layers are either of O(5.3Re-'L) for laminar
Through the progressive stages of refined theories and flow or O([ln Re]-1 L) for turbulent flows6 . When vis-
approximations, primary emphasis was to understand cous layers rapidly thicken and become larger than this
viscous-inviscid interactions and their relations to flow magnitude, interaction is classified as a strong viscous-
separation, vortical flows and unsteadiness. Major op- inviscid interaction. McCroskey and Pucci collected
erational difficulties that are faced in today's fixed and dynamic stall regimes into four groups depending on
rotary wing aircraft, are due to our inadequate knowl- their viscous-inviscid interaction regions. They are:
edge of complex unsteady flows and lack of its projec- I) No Stall - Weak Interactions,
tion to design parameters. For instance, a helicopter II) Stall Onset - Mild Interactions,
often operates under severe conditions of flow separa- III) Light Stall - Strong Interactions,
tion and its own turbulent wake, which indeed intro-
duce most of the undesirable effects to the vehicle's IV) Deep Stall - Viscous Dominant.
flight envelope. Apparently, tomorrow's most effective Among the four, the most challenging and difficult ones
aeronautical devices will be built, once we expand our are the light and deep dynamic stall regimes. Light
knowhow on viscous, turbulent unsteady flows. Within stall, for instance, shows general features of static stall
this broad flow category, one notices dynamic stall phe- , but unsteady separation and the extend of strong
nomenon which has always been addressed and studied viscous-inviscid interaction are the primary features in
due to its importance in fluid dynamic devices. Our classifying this regime. Aerodynamic damping is the
knowledge of dynamic stall has expanded through the- strongest and boundary layer thickness is of the order
oretical, experimental and numerical efforts of numer- of airfoil thickness during the stall. Deep stall, on the
ous researchers"12'3,

4 . In Ref. 5 dynamic stall is defined other hand, is characterized by highly nonlinear pres-
as the break down of the flow field around an oscillat- sure fluctuations and large passage of vortical struc-

tures over the lifting surface. During the deep stall,
Research Assistant boundary layer thickness can be of the order of airfoil

t Reseach Scientist chord length. The similar qualitative picture of these

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin, Germany from 10-13 October 1994 and published in CP-552.
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two regimes is that both light and deep dynamic stall where Q = J- [p, pu, pv, e] is the vector of dependent
poses difficulties, such as resolution of temporal and variables. Inviscid and viscous flux vectors (E, F, Ek
spatial scales and effect of turbulence, when prediction and 4•) are not repeated here and can be found in
methods are under consideration. Ref. 17

Principal developments in Computational Aerody- Numerical boundary conditions are applied on the
namics were made with increasing computer power and airfoil surface and outer boundaries. On the airfoil sur-
improved numerical algorithms. Solution of unsteady face adiabatic, no-slip wall boundary conditions are im-
interactive flows have taken their share from this devel- posed by setting contravariant velocity components to
opment as much as the computer time was available, zero ( U = 0, V = 0 ). Then, Cartesian velocity com-
Consequently, various aspects of dynamic stall prob- ponents are found from,
lem were studied in different flow field conditions and
appeared in technical publications. In Ref. 8 deep dy- u = J-'(-7t + y77t), v = J-1 (ig? -•i) (2).

namic stall was studied in incompressible, laminar and Pressure on the airfoil surface is obtained by solving the
turbulent flows. There, it was concluded that numer- normal momentum equation
ical analysis lacked certain accuracy to indicate some
of the important features of dynamic stall observed in p(8, 77t + u8.• + v8?77y) - pU(77uý + 1vY) =

experiment. Ref. 9 wrote Navier-Stokes equations in
terms of vorticity and stream function for incompress- (OG + ýy )pE + (022 + 17y2 )p, = (3)
ible, laminar flows. Impressive similarity between nu-
merical simulation and experiment stressed the ability J-'I 2+ ±y2p .
of computational tools in unsteady flows. To cover more
practical applications of dynamic stall, compressibility Density is extrapolated from the field and the total en-
effects were studied in Refs. 10 and 11. For Mach num- ergy is found using the perfect gas relations. At the ex-

bers above 0.2, where assumption of incompressible flow ternal boundaries locally one dimensional flow assump-

vanishes, it was found that compressibility has predom- tion is made to describe the incoming and outgoing

inant effect on formation and growth of the leading edge characteristics. Therefore, at the inflow boundary, all

vortex. Spatial and temporal accuracy of a compress- the conservative variables are fixed at their freestream

ible Navier-Stokes solver was studied in Ref. 12 for a values, and at the outflow boundary zero-order extrapo-

deep dynamic stall case (which is also a case of this lation is used for conservative variables except pressure

paper) with laminar flow assumption. Another deep which is held fixed.

stall case in Ref. 13 was used to study turbulence ef- In order to eliminate the need for generating a new

fects. Surprisingly it was concluded that effect of a grid at each time step, a fixed grid is rotated with the

higher-order turbulence model (k - e) was minimal in airfoil ( Fig. 1 ).

their particular case of study. In Ref. 14 incompress-
ible full Navier-Stokes equations were used to study
deep dynamic stall at low Mach numbers. Qualitative
agreement between experiment and computation were
reported.

The purpose of this paper is to present some of the
recent results obtained with different turbulence mod-
els, in two important regimes of the dynamic stall phe-
nomenon. In the light of these results","6 , it is further O O W0 0

desirable to pursue comparison studies, along with the
recent developments in turbulence modeling, in order
to point out a robust methodology for the unsteady
problems of rotorcraft aerodynamics, such as dynamic
stall.

Computational Method Figure 1: Unsteady airfoil motion

Reynolds-Averaged Navier Stokes equations are writ- New points at each time step are found by using ro-
ten in inertial frame of reference using general time- tational transformation matrix, and the metric of coor-
dependent coordinate transformation. dinate transformation are computed from

T+ aQ + a+ = Re-R(O6-,V + 8FP) (1) 6 = -Gx - ýYY, 77t = -77•xi - 17iYt (4)
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Grid speeds are computed at each time step from xt = it is in fact dangerous to use these models, for instance,
&y and y, = -&x, where & is the instantaneous angu- in airfoil design "4 . Recently, a algebraic turbulence
lar speed of the sinusoidal oscillation of angle of attack model, namely Johnson-King model, was formulated
given by a(t) = a0 + ai sin(wt). Here, a 0 is the mean to capture important "nonequlibrium" effects of the
angle of attack, a, is the amplitude and w is the circular separated flows24' 25 by solving a differential equation
frequency. of the streamwise development of the Reynolds shear

Governing equations are solved using approximate stress. The performance of Johnson-King model rel-
factorization algorithms of LU-ADI due to Obayashi ative to "equilibrium" models was illustrated for the
and Kuwahara'5 and diagonal algorithm due to Pulliam three airfoil cases of the 1987 AIAA Viscous Transonic
and Chausee17 . The algorithms are first order accurate Airfoil Workshop, Reno, Nevada. Since then, model is
in time and second order in space. In order to control further improved to account for some of the deficiencies
numerical stability implicit smoothing terms are added arising in weak shock/boundary-layer interactions26.
to the basic algorithm. Details of these algorithms can Three dimensional extensions of Johnson-King model
be found in their original papers. is reported by Abid et al." using p.d.e approach and

Kaynak2 s using streamwise o.d.e approach for vorti-
Thrbulence Modeling cal flows about delta wings. A brief outline of the

these models ( i.e, Baldwin-Lomax, Cebeci-Smith and

Accurate predictions of airfoil performance up to and Johnson-King models ) will be given in the following

beyond stall require that the turbulent boundary lay- subsections of the paper.

ers and wake be correctly defined. For high Reynolds Cebeci-Smith and Baldwin-Lomax Models
number flows the accuracy of results depends on the
validity of the closure model that is used to describe Both in Cebeci-Smith and Baldwin-Lomax models,
the turbulent shear stresses. When unsteady turbulent the boundary layer is a composite two-layer structure

flows are considered, it is the minimum requirement for consisting of inner and outer layers. In the inner layer,
Reynolds-averaged equations that the averaging time they assume the eddy viscosity distribution as

interval must be long enough to resolve characteristic 2 cq(3a)
time of the principal eddies and short enough for the 

2 hi = (D(y) IT

characteristic time of the unsteady mean flow' 9 . Usu-

ally, experiments provide some quantitative information where y is the normal distance from the wall and tc=0.41
which permits the identification of these time-scales in is the Karman's constant. The near-wall damping term
certain cases 20 . Another point that should be carefully D is given by
examined is the safety margins of steady-flow turbu-
lence models in unsteady flow predictions. When the D = 1 - exp[-yYU-/WA+] (3b)

turbulence structure is unaffected by externally induced with A+=26, and the wall-friction velocity u, = '
unsteadiness, there is a critical frequency below which (r/,)/2 .The difference between these two models is
steady-flow turbulence models can also be used to pre- in their definition of outer eddy viscosity. Cebeci-Smith
dict unsteady turbulent flows 19 . Such critical frequency model uses the Clauser formulation
ranges for zero-, and adverse pressure gradient flows are
given in terms of turbulent burst frequency based on 1o = C'qebi7CS (3c)
outer scales21. Apparently, detailed analysis of these
factors are beyond the coverage of this paper and addi- where q, is the magnitude of the boundary layer edge
tional information can be obtained from their original velocity, b" is the incompressible displacement thickness
review papers. given by

The so-called first-order approach turbulence models, 6i*= o (1- q)dY (3d)
in which the Reynolds stress tensor is defined in terms J (3
of the mean flow quantities, have formed the basis of the here the magnitude of the mean velocity is q = (u2 +
various zero-, one- and higher-equation models. Mostly, v2 )1/ 2 .
zero-equation models found wide range of application Baldwin-Lomax model, on the other hand, in an at-
areas due to their simplicity. For instance, Cebeci-Baldin-omax3 mdelswer use in tempt to eliminate determination of 6* as the length
Smith22 and scale, uses an alternative expression
Reynolds-averaged two- and three-dimensional steady
and unsteady Navier-Stokes solvers. The weakness of /C (q,.. -

the zero-equation or "equilibrium" models is that they 4"o aymaxCBLminFFm,, ( 4- , )YB
are not suitable for flows with massive separation, and (3e)



4-4

here function F(y) is the moment of vorticity defined Recently, Johnson29 devised a straightforward way of
as + estimating Clauser's outer eddy viscosity without de-

F(y) = ylII 1 - exp(--L)] (3f) termining 6" as length scale. Based on the observation
S26! of moment of vorticity distribution, F(y), in Navier-

where w is the vorticity and the quantity yma, is evalu- Stokes solutions, he suggests the following outer for-
ated at the normal distance where function F(y) takes mula for eddy viscosity,
on its maximum. The values of CBL and a are 1.6 and
0.0168, respectively. Finally, Klebanoff intermittency Vto = u(s)eCi • +f Fmax (3m)
factors are given by 11 +CjI

cs = 1 + 5.5(y)s] where H is the Coles wake parameter given by
1 [KFm .. _ ,] (3n)

7BL = [6-1 (3g)Ymax and C,, is 1.82 for cosine wake function and C 1 is the

tuning parameter which is reported to be 0.9 for cur-
Johnson-King Model rent computations 30 . Determination of length scales for

The Johnson-King model accounts for the convec- outer formulations will be explained in the next subsec-
tion and diffusion effects by solving a differential equa- tion. The parameter oT(s) provides the link between
tion governing the development of the maximum shear the assumed eddy viscosity distribution, and rate equa-
stress derived from the turbulent kinetic energy ( t.k.e tion for the streamwise development of the maximum
). An eddy viscosity distribution is assumed across the Reynolds stress. An equation for -u'v' can be obtain
boundary layer that is functionally dependent on the from the turbulent kinetic energy equation by making
maximum Reynolds shear stress. Using an isotropic the assumption that the ratio of maximum shear stress,
turbulence assumption, the total Reynolds shear stress 7m = -u'v'm, to maximum t.k.e, km = !(u 2 +v' 2 ), is
at a point may be assumed to be in the following form: constant. Therefore, along a path s in the streamwise

direction, turbulent kinetic energy equation for an in-
r = v~(3h) compressible boundary layer reads

Here, vt and w are the eddy viscosity and vorticity at aTm __m a /22
a point. Note that the total Reynolds shear stress r as 0t + qmn Lm (tm,eq1 - Tm1

1
2) - aiDm (3o)

defined above is in fact -r/p, but the above definition 9 L

is used here for convenience. The following blending Furthermore, if steady flow assumption is applicable
formula for inner and outer layer eddy viscosity formu- then above p.d.e reduces to only directional derivative
lations is used to set the eddy viscosity: of -m, which is indeed an o.d.e of the form

Vt = vtý,[1 - exp(-Vti/vto)] (3i) ds -L(Tmeq - 1/2)

which behaves like the inner and outer formulas for
small and large y values respectively, and smoothly Here, the subscript "eq" denotes the equilibrium value
blends the inner and outer regions. It also makes corresponding to o(s)=l, qm is the magnitude of the
vt functionally dependent on vt, across the boundary mean velocity at r = 7m, and Dm is the diffusion term
layer. The inner formula is given by (see Johnson and King 24 for its modeling). Further-

more, the modeling constant a, and the dissipation
vti = D2n y-"'v~mll 2  (3j) length scale Lm are given by

where D is given by a 7 = 7n, Lm 7 .m3/--2

D 1 - exp [- y - --uv' ,./vm A ] (3k )a = , m,(

where a, is taken as 0.25, and Cm is the dissipation. The
However, the constant A+ is taken as 15 as opposed to dissipation length scale Lm is assumed to scale with
26, to account for the different y dependencies of the y in the inner part of the boundary layer, and with
two formulations. the boundary layer thickness 6 in the outer part. The

The Johnson-King model24 uses Clauser's outer eddy diffusion term is modeled as
viscosity formulation similar to Cebeci-Smith model, Tm 3/2

ef" = (~s~ t(31[1 -6[).7 (3r)='t ---u(s)oaq,,6i>" (31) Dm -- ai6 [0.7 - (y/6 )mI 3]
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where Cdif is modeling constant taken as 0.5. Results and Discussion
Once the above rate equation ( Eq. (3o) or (3p)

is solved, the link parameter a(s) is determined at a In this paper, computations were performed for
specific location by iteratively satisfying the following the NACA0012 airfoil with C-type grid of dimensions
relation: 9q157 x57 in static stall and light stall computations , and

Vi. =r,1T (3s) 215x60 for a deep stall computation (Fig. 2). A min-

where vi is given by Eq.(3i). Having satisfied the above
relation, a(s) is found from

(3t) = i: Of ,(3e
Vio~eq

Here, Loeqdenotes the outer eddy viscosity as deter-
mined from Eq.(31) or Eq.(3m) by setting a(s)=1, and
vt 0,,n is determined while iteratively satisfying Eq.(3t).

Determination of Turbulent Length Scale ..

It is apparent from the given outer eddy viscosity
formulations that the extend of the viscous layer will
mainly be determined by the turbulent length scale.
This, in turn, posses certain problems to which it can be
predicted in terms of mean flows parameters in Navier- Figure 2: C-type hyperbolic grid around NACA0012
Stokes applications. Baldwin-Lomax model tries to airfoil
eliminate this problem by using quantity ym,,, in place
of bi'*. Despite its convenience in practical problems, imum normal spacing of 0.00001c at the airfoil surface
the well-known two-maxima problem of function F(y) was chosen to guarantee at least one or two grid points
avoids accurate computations of ymax,,, Although a cor- in the viscous sublayer. Outer boundary extend of the
rection method is suggested in Ref. 31, for this problem, grid was exponentially stretched to 20 chord lengths
its applicability and generality to different flow prob- from the airfoil surface to avoid reflection of bound-
lems is uncertain. ary conditions. Although, much finer grid resolutions

Recently Stock and Hasee32 developed a method for will enhance the solutions, current computational cost
predicting the boundary-layer thickness using Coles ye- of the study confines us to use a rather medium grid.
locity profiles. In this method, the boundary-layer edge Computational experiments with the code revealed that
is found from the relation that reads a particular solution can be resolved in time if a suffi-

6 .3ya (3.) ciently small time step ( 0(0.001)) is chosen. Also,
before unsteady computations code has been validated

thus, 6j* can be obtained from Eq. (3d) using numer- for steady state ( see Ref. 16 )
ical integration. A further extension of this technique Sai tl
is made by Johnson"9 . Based on the observation that Sai tl
streamnwise distribution of function F(y), in Navier- Relative differences of dynamic stall phenomenon
Stokes solutions, a collapse of data F(y)/Frný: can be could be best understood, if they are compared with
obtained if Y1/2, which is the normal distance at which their static counterparts. Therefore, here a static stall
F(1 1 ) attains its half amplitude, is used for scaling the case of NACA0012 airfoil will be investigated. The flow
normal distance y ( iLe, Y/Y112 ). This, in correlation to case is, M.=0.3 and Re = 4 x 106. Experimental data
same behavior of data when 6 is used in place Of Y1/12 with wind tunnel corrections available from Mc~roskey
(i.e, y/S ) permits the method to compute boundary et al.'. Fig. 3 shows the comparison of C1 - a curve for

layer thickness from Baldwin-Lomax and Johnson-King turbulence models

6 = 1. 2y,/2 (3v) with experiment. Although results of Baldwin-Lomax
are in agreement with experiment up to 13', onset of

The factor 1.2 is a calibration constant found by numer- static stall is delayed and the resulting C1 values are
ical experimentation. The advantage of this technique above the experimental limits. Also, in Fig. 4 pitch-
is twofold if it is used in the outer eddy viscosity for- ing moment coefficients resulted from Baldwin-Lomax
mula given in Eq. 31, where 6j* is eliminated. Further model unable predict negative damping portion of the
details of this method can be found in Ref. 29. static stall. On the other hand, Johnson-King model
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cL Static Stall lent diffusion have been shown to be very important16

20 E-• periment in order to obtain reasonable solution to dynamic stall
-- Johnson-King problem. Similar results were independently obtained

1. Bald-in.-Lom . in Ref. 12 for a deep stall case. Therefore no attempt

-Al has been made to use laminar flow assumption in either
light or deep stall computations.

"Turbulent flow calculations for this case using
Baldwin-Lomax and Cebeci-Smith models are shown.

in Fig. 5. During the upstroke motion of the airfoil
0.0

.o '. . . " . .. CL C- -C Hysteresis

-5 a 5 10 15 20 25 2.0 - H

cc

Figure 3: Comparison of predicted and experimental 1.5 -- 0s p

static C1 - a curve, M o, = 0.3, Rex, = 4x10 s - B- c-model10
produced quite accurate C1 - a curve compared to ex-

periment before and after the stall ( Fig. 3 ). Further-
more, qualitative nature of the Cm - a curve obtained 0.5

with Johnson-King model is similar to those of experi-

ment (Fig. 4). Here, inadequacy of equilibrium model 0.0
highlights the importance of nonequilibrium effects in 0 2 4 6 8 10 12ý 14 16

predicting flows with relatively large separation region.
Figure 5: Comparison of predicted and experimental
C1 - a hysteresis for light dynamic stall of NACA0012

Static Stall airfoil, B-L and C-S models
0.020

0.0\ / both models give similar trends lying close to experi-
ment. The difference between the two models during

.0.020 the upstroke motion comes from using different initial

-0.040' conditions. This is for numerical experimentation, and
-0.imn A results would have shown similar trends, had they been

-0.060 -Jonsoa-King started from the same initial conditions. Also, one cy-
-0.080 - cle was completed because of the computer time limi-

-0.100 tations. Although the upstroke motion was captured,
the downstroke motion and the overall hysteresis loop

-0.12 are v .... i both models.
-5 0 5 10 o 20 25 very inaccurate in both models.

a In all these calculations, the similar features of the

flow is that around the maximum angle of attack a very
Figure 4: Comparison of predicted and experimental tiny region of separation was forming at the trailing

static C, - a curve, M,, = 0.3, Re.o = 4x106  edge but due to inadequately modeled viscous and tur-

bulent interaction, the light stall hysteresis loop could

Light Stall not be obtained. One may tend to conclude that this
is because of the inadequacy of the turbulence models,

Case-7 of Ref. 7 for the light stall of the NACA0012 but use of free air grid without corrections on the exper-
airfoil was chosen as the test case. The flow condi- imental data could also be a restricting point. To check
tions for this case were Moo=0.3, Re=4x l0s. The this aspect of the problem it was decided to increase the

airfoil is oscillated according to the formula a(t) = mean angle of attack of the harmonic motion by 1' so:
ao + a•1 sin(2M0okt) where k = wc/2U0 0 is the reduced that some kind of wall corrections are included. A re-

frequency, w is the circular frequency, and a0 and a, sult of such a computation using Baldwin-Lomax model

are the mean angle and the amplitude of the oscilla- for a mean angle of attack a 0 of 160 is shown in Fig. 6.
tion. The parameters of the harmonic motion for this The solution is basically the same as its counterpart in
case are k =0.1, a0 = 10' and a, = 5°.Effects of turbu- Fig. 5. At this point, it was concluded that the prob-
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C, C17 a Hysteresis
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Figure 6: C1 - a hysteresis for light dynamic stall of
NACA0012 airfoil, B-L, J-K models

Figure 8: History of force and moment coefficients for
light stall of NACA0012, B-L, J-K models

ably the equilibrium turbulence model was inadequate
and nonequlibrium effects might be important. Use of
Johnson-King model this point as shown in Fig. 6. The
hysteresis loop produced by this model is quite similar
to the experiment demonstrating the need to include
nonequlibrium behavior of the Reynolds shear stress in
the calculations. The moment hysteresis curves for the
B-L and 3-K models are given in Fig. 7. Whereas the B- ,0I

0.2-.• 1.4 .

1..0/

0.0

So , Figure 9: Computed cr - a variation during the light
-0.1 stall
-0.1 0.

-o•.rium. effects take place that alter the level of the maxi-
mum eddy viscosity. Probably this helps to set up the

Figure 7: C - or hysteresis for light dynamic stall of strength and location of the stall vortex more realisti-

NACA0012 airfoil, B-L, 3-K models cally. Finally, the particle traces on the airfoil showing
the stall vortex is presented in Fig. 10. Here, the lo-

L model gives a very inaccurate prediction, J-K model cation of the vortex indicates this to be a trailing edge

produces the correct shape of the curve including the stall and its interaction region, which is in the order of

negative pitch damping. In Fig. 8, a time history of C, the airfoil thickness, is a typical of the light stall regime.

and Cm coefficients for Baldwin-Lomax and Johnson-
King models are compared with experiment. To further Deep St
illuminate this point, the link parameter u(s) ( Eq. (3t))
is given in Fig. 9 that shows the a(s) - a sequence in To complete the discussion of dynamic stall, it is fur-
the turbulent boundary layer during the harmonic mo- ther desirable to go one more step and analyze the deep
tion. The change in u(s) in the downstroke is particu- dynamic stall. Behavior of this regime is known to be
larly interesting. It is seen that after the midchord and the large vortex-like disturbance from the leading edge
around the trailing edge of the airfoil strong nonequilib- region and the shedding of this vortex over the upper
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recovered back to experimental limits with a sharp in-
_ _crease, further trajectory the Cl-a curve diverges from

.. the experiment and as a result predicts totally inaccu-
_ ----- rate hysteresis loop of the deep stall. Johnson-King

model, on the other hand, throughout the downstroke
Sistays close to experiment and produce highly accurate

results compared to Baldwin-Lomax model. This in
- • comparison to light stall case studied in previous sec-

tion, shows that nonequilibrium turbulence effects not
__..... - -only help the formation of the stall vortex but also pre-

-- dict its proper shedding form the lifting surface. The
__moment hysteresis curves are given in Fig. 12. Here,

cN CM-Alpha Hysteresis
0.:0

Figure 10: Instantaneous particle traces showing the
location of light stall vortex 0.10 - l l ,

0.0 -Z I

surface of the airfoil 7. Also, overshoots in suction pres- .0.10C

sure and large amounts of hysteresis loops of force co-
efficients are the remarkable qualitative features. -0.20 Zý Experiment

The model problem in this part was chosen as the - Johnson-King V
Case-8 of Ref. 7. The flow conditions are Moo=0.3, - - Baldýin-Lom..
Re=4x106 , k=0.1, a 0 = 10°, a1 = 10'. Fig. 11 -0.40 ,

shows the C1 - ca hysteresis curves for Baldwin-Lomax -5 0 5 i0 is 25

and Johnson-King models compared with experiment. a

Performance of two models shows very similar trends
Figure 12: Cm - a hysteresis for deep dynamic stall of
NACA0012 airfoil, B-L, J-K model

CL CL-Alpha Hysteresis
2.0 the results are comparable to experiment only in terms

E) Experimen• of qualitative nature of the problem. History of C1 and
-- Johnson.King - Cm coefficients are also given in Fig. 13. One should1.5

- - Baldwin-Lomax 7 C, rzExp.

0.0 . 1Co Io C:

00 15 20 25u_,

Figure 11: C1 - a hysteresis for deep dynamic stall of -

NACA0012 airfoil, B-L, J-K model

during the upstroke motion but predict lower C, values o .I . .. .
at the maximum angle of attack. Behavior of two mod-
els for the downstroke motion is completely different Figure 13: History of force and moment coefficients for
from each other. Baldwin-Lomax model, for instance, deep stall of NACA0012, B-L, J-K model
shows steep decrease in C, at a = 20' exceeding the
experimental data. Although C1 values around ca = 180 be aware of the fact that the experimental data 7 are
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phased-averaged over a large number of cycles whereas concluded that enhancements in predicting flows with

computations reflects only the results of the first cy- large regions of unsteady separation, as in the case of
cle. Had the computations continued over a few cycles dynamic stall, is achiveable through better turbulence
more, a more reasonable quantitative comparison could modeling.
be obtained.
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1. SUMMARY
The paper presents the results obtained from the analysis C1  profile lift coefficient
of experimental data on the profile drag for pitch Cd profile drag coefficient
oscillating airfoils, as well as the technique developed for Cm profile moment coefficient
application of these data in calculations of helicopter main AC1  unsteady increment amplitude profile lift
and tail rotors. The effect of the unsteady airflow on the coefficient
profile drag was not taken into account. The reason is that ACd unsteady increment amplitude profile drag
it is very difficult to obtain experimental data. The coefficient

existing analytical techniques of obtaining unsteady airfoil cC

aerodynamic characteristics in a drained wing section ACm unsteady increment amplitude profile

allowed to determine only an average per cycle value of - moment coefficient

the profile drag. The problem of defining the profile drag Cli nondimensionl unsteady increment
of pitch oscillating airfoils has been more completely i-harmonic amplitude profile lift coefficient
solved by V.E. Baskin. He has developed and successfully C-di nondimensionl unsteady increment
applied his unique method of defining aerodynamic i-harmonic amplitude profile drag coefficient
characteristics of airfoils oscillating in the airflow. This C-mi nondimensionl unsteady increment i-harmo
approach has allowed to determine not only the pitch nic amplitude profile moment coefficients
moment and lift values, but the instantaneous value of the C11 inertia force coefficient, affecting on the
profile drag as well. The data obtained from the measuring section
experiments has been used to develop a method capable of CdI inertia force coefficient, affecting on the
calculating rotor shaft horsepower with due account of the meria s ection
profile drag characteristics. The analysis for forward flight merin section
conditions has been made by using the main rotor disc inertia moment coefficient, affecting on the

vortex theory. It has taken due account of the values of the measuring section

pitch oscillating airfoil lift coefficient as well. The paper CIl total force coefficient, affecting on the

presents comparison of the instantaneous profile drag measuring section
values versus the angle of attack data obtained from CdE total force coefficient, affecting on the
calculations and experiments. measuring section

CmZ total moment coefficient, affecting on the
2. LIST OF SYMBOLS measuring section
M Mach number, Cdo profile drag coefficient by averaged angle of
Re Reynolds number, attack in steady flow
Clmax maximum value of airfoil steady lift (P 0 average value of the airfoil pitch

coefficient A(P amplitude of pitch oscillation
Cts airfoil steady flow stall angle of attack k = co)/W adjusted frequency

C ~os airfoil steady zero lift angle of attack W instantaneous airfoil velocity on the current
dCy / dcc airfoil steady lift coefficient derivative with blade section

respect to angle of attack 0) angular frequency of harmonic angle of
dCm/ dc airfoil steady longitudinal moment coeffici- attack of the current blade section

ent derivative with respect to angle of attack c airfoil chord
Aoci induced wash at central cross section 0 = (0t airfoil movement rate

measuring section t time
Cdi induced drag at central cross section n number of aerodynamic coefficient unsteady

measuring section increment harmonics, used in calculations
cc angle of attack co dimensionless averaged per rotor revolution

current blade section angle of attack

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin, Germany from 10-13 October 1994 and published in CP-552.
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nondimensionl averaged per rotor revolution The profile drag was obtained using the flow impulse
losses measuring method, which makes it possible to

current blade section angle of attack estimate only the change of average values of the drag.
m number of azimuth subintervals per one rotor According to the plot the unsteady unseparated flow

revolution increases profile drag by 30-50 percent in direct and
0i phase shift of aerodynamic coefficient reverse flows. In separated flow changes in profile drag in

unsteady increment i- harmonic unsteady conditions increase even more. This fact makes it
KMi coefficient, reflecting the effect of Mach possible to make a very rough estimation of unsteady

number on the aerodynamic coefficient effect on profile drag. The experimental investigation
unsteady increment i-harmonic amplitude carried out by V.E. Baskin and V.R Lepatov in TsAGI has

Kki coefficient, reflecting the effect of adjusted made it possible to define these data much more
frequency on the aerodynamic coefficient accurately. The new method of measuring has made it
unsteady increment i-harmonic amplitude possible to obtain not only average data, but instantaneous

c'r main rotor angle of attack values of profile drag as well.The experimental data

t rotor advance ratio obtained has been used to develop the semi-empirical

S rotor thrust coefficients method for calculating unsteady airfoil data, including the
profile drag. Combining of this method with the methods

C rotor power coefficients of helicopter main and tail rotors calculating has allowed

a rotor solidity ratio to investigate the effect produced by the blade section

V climb rate unsteady profile drag on the helicopter required power.

Ne helicopter engines power 4. DETERMINATION OF INSTANTANEOUS

3. INTRODUCTION UNSTEADY DRAG OF PITCH-OSCILLATING

Helicopter main and tail rotors are characterized by blade PROFILE USING EXPERIMENTAL DATA.

cross section operation in substantially unsteady conditions The method of pressure distribution measuring on the pitch
oscillating or recipe-rotating infinite-wing section has been

inuntill quite recently the best one for calculating unsteady
which the methods,for calculating of the effect produced airfoil data [6,7]. This approach enabled to define the lift

by unsteady airflow on airfoil lift and pitch moment are and the pitch moment of the airfoil, but the unsteady

presented. The free-wake analysis used for rotor
calculations are the best now for solving the problem. profile drag has not been measured. In the method the average value of the profile drag has been obtained by
Howewer, calculations of unsteady blade section profile a ti

drag with accuracy sufficient for practical use can not be measuring the changes of the flow impulse values, caused

carried out now using any theory. On the other hand, the by oscillating wing.
experimental data for two-dimensional harmonicexprientl at fo to-imesina hamoic In the experiment, aimed to define unsteady pitch
oscillating wing sections profile drag [6,7]may show itsessential change. For example VR230-10-1.58 airfoil oscillating airfoil data, that was formulated and carried outessentiale cange measrementxdamplie t and reersefolos by V.E. Baskin and V.R Lepatov there was used theprofile drag measurement data in direct and reverse flows method of defining the finite - wing central measuring

section lift, pitching moment and drag (fig.2). The width

.15 .15 3

-17- steady -t- steady -*- steady

.12 -.- unsteady k=.05 .12 -.- unsteady k=.05 .24 - unsteady k=.05

.09 ' unsteady k=.30 .09 unsteady kV.30 18 " unsteady k -.30

Cdo ___Cdo _____ / Cdo.
.06 .06 .12 _____

.03 .03 .06

0 3 6 9 12 0 3 6 9 12 180 183 186 189 192
Angle of attack, deg. Angle of attack, deg. Angle of attack, deg.

Forward flow, M=0.4 Forward flow, M=0.6 Reverse flow, M=0.4

Figure 1 Average per cycle profile drag of the pitch oscillating airfoil V-230-10-1,5 versus its angle of attack
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of the central section was equal to ten percent of the wing and induced drag Cdi were obtained at each dxxperimental
span, and aspect ratio was equal to five. The approach mode and aerodynamic airfoil data were determined:
made it possible to measure both the average value of the
drag and instantaneous drag values of the wing measuring Aai = f(O,k,qpo,Anp)
section. With the use of a special device, driven by (2)
hydraulics, the wing under investigation peformed Cdi = f(0, k, 0po, Atp)
harmonic pitch oscillations with variable amplitude and
angular velocity at various mean pitch values. The strain Uusing the calculated functions and after transformation
gauges built into the measuring section balance were used of experimental data, the author has determined the
for measuring of forces and moments. unsteady airfoil data in the form of aerodynamic

coefficients versus instantaneous angle of attack , adjusted

frequency and oscillation amplitude for the fixed values of
Mach number:

C1 = f(a, k, Acp)

Cd = f(c, k, AŽp) (3)

Cm = f(a, k, Ap)

W= '+measuring section 5. EXPERIMENTAL UNSTEADY AIRFOIL DATA. 'DEFINITION FOR HELICOPTER ROTOR
CALCULATION

On the basis of experimental study [8] and papers [6,7],
Figure 2 The schema of the device for finite-wing for helicopter rotor aerodynamic calculation purpose the
central measuring section lift, pitching moment and author has developed the method of experimental unsteady
drag definition airfoil data definition including the profile drag. The

method developed was reported at the Branch Conference
In order to take into account inertia forces and moments, on Rotorcraft Aerodynamics and Dynamics, that was held
arising on the oscillating wing the investigation was in 1987 in TsAGI. It was used for the main and tail rotor
carried out in two steps. During the first step a sealed aerodynamic data difinition and control system loads
casing was put into the measuring section to isolate it calculations for helicopter simulation purposes[10].
from the flow. Thus inertia forces and moment affecting
the measuring section were measured and recorded on the The essence of the developed method is the following:
storage medium. In the second stage the hermetic casing
was taken off and the measures were repeated in the same 1. The rotor blade section aerodynamic data are difined by
operational conditions. The values of total forces and summing up of its steady values, determined for an
moments , affecting the section were recorded again. After instantaneous angle of attack and Mach number, and the
synchronizing of the two records aerodynamic forces and unsteady increments of these coefficients determined for
moment affecting the measuring section were picked out. the current values of adjusted frequency, pitch oscillation

amplitude and flow velocity derivative.

Cl(0',k'c'po'Aq)=Cl-(0'k'Po'Atp)-ClI(O'k'q.'At'p) 2. The aerodynamic coefficient unsteady increments are
Cd(e,k,(po,Aqp)=Cdz(O,k,qp.,Ac)-Cd,(0,k,y.,ATp) 1) determined in the form of amplitudes and phases of Furie

series expansion, from which constant the component and

two first harmonics are retained.

Cm(O,k,qo, ANp) = Cr_(O,k,cpo,Acp)- C=1(O,k,cpo, Ap)
3. In order to extend a limited experimental data to the

In processing of experimental data obtained by the method majority of airfoils used in helicopter rotors the harmonic

the aerodynamic force and moment coefficients acting on amplitudes of aerodynamic coefficient unsteady increments
the measuring section should be transformed into airfoil are connected by a formula with the steady values of the
data as a function of central cross-section angle of attack data characterizing airfoil at a current value of Mach
and the profile drag should be determined. For this number: Clmax,cXs, aos, dCy/dot, dCm/ dx
purpose the author has used non-linear unsteady finite-
wing computation method developed by S.M. 4. While calculating lift and pitch moment coefficients
Belotserkovsky on the basis of vortex theory [9]. pitch oscillating and airfoil vertical motion unsteady

effects are taken into account separately.
Basing on the parametric calculations there were
determined the functions connecting wing geometric pitch 5. The unsteady flow velocity changes are taken into
and angle of attack of measuring section centre section. account by using Y. Johnson formulas showing that the
Using these functions the measuring section induced wash unsteady flow velocity changes can be approximated
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into acco-unt by defining the Theodorsen function for the
instantaneous adjusted frequency values in the current
blade section. 1

Cdn =--JCd x sin(0 x n + (Ddn)d0

The stated principals have been realized in the form of the C 0

following mathematical relations:

Cm, -- JCm x sin(O xn+(m,)d0
Cl(a,M,k, Ap) = C1(ct,M)+ ACI (cO, M, k, AT) 7E 0

Cd(a,M,k, AT) =Cd(a,M) + ACd(aO,M,k, AT) (4) This methodology was adjusted and tested therough

Cm(a, M, k, Atp) = Cm(a, M) + ACm(aO, M, k, AT) comparison with the results of experimental investigation
presented in papers [6,7,8]. In the paper [10] there is a

Aerodynamic coefficient unsteady increment values AC1, detailed compa-rison of unsteady airfoil calculations data
ACd, ACm are defined from the expressions: for all typical, helicopter rotor blade section flow

operational conditions including stall, reverse flow and
variable flow velocity versus blade azimuth. As the

present paper is devoted to investigation of the unsteadyS~profile drag variations, the figures 3 and 4 show some
ACm (aM,k, AT))=[Cm, + Cmi X results comparing calculated instantaneous profile drag

i dC values with their experimental data.
x sin~cot + d~mi)] x Clmx -x K§rn x xkd x x Figure 3 shows the effect of adjusted frequency on the

profile drag for the average angle of attack equal to 9.5
degrees and variable pitch amplitude equal to 4.5 degrees.

Figure 4 shows the effect of adjusted frequency on the
Mkprofile drag for the average angle of attack equal to 24.5

,Cd (Mo, M, k, AT) = [Cdo + Cdi X degrees and variable pitch amplitude equal to 4.5 degrees.

The data are given for two adjusted frequency values
x sin(o0t + (Ddi)] x KMd x Kkd x Cdo :k=0.09 and k=0.47. The figure shows, that the proposed

method of unsteady profile drag determination gives
satisfactory results for the use in helicopter rotor
calculations.

n
ACm(xo, M, k, AT) = [Cmo + Cmi X The presented results have been obtained by using the zero

i1l and the two first harmonics of aerodynamic coefficient
dCm unsteady decrements in Furie series expansion. This

x sin(o~t + Ol)]x Clma x i KMm x Kkm limitation is connected with the running speed and
operational memory values of used computer.

where:
Let us estimate the unsteady effect on profile drag. The

12Z c~ixdO figure 5 shows the diagrams of aerodynamic coefficient
0 x x 1 unsteady increment harmonics of Furie series expansion

2•0 • o s(M)-°os(M) for the operating conditions. Unsteady profile drag
increments are calculated by dividing the corresponding
harmonic value by steady profile drag value obtained for

Cl AT) = C the average angle of attack. The first bar of the diagram

CImax x dC1  shows the maximum differe-nce between unsteady profile
d&r drag and its steady value calculated for the average angle

of attack. Evidently, the two first profile drag unsteady
Cdi (rzoAN) = Cdi increment harmonic have the highest value. That is whyCd (c, M) the assumed calculating limitation consisting of two

harmonic is quite reasonable.It is also evident, that the
profile drag average value increase versus steady profile

Cmi (ox,ATp) = Cmi drag determined for the average angle of attack makes up
dCm to 27... 33% in unseparated flow conditions and 7...22%
&a for stall in the range of adjusted frequency 0.09...0.47. The

profile "drag unsteady increment first harmonic makes up
1 2n to 11..18% for unseparated flow conditions and 7...33%

CIn =- fC1 x sin(O x n + (ln )dO for stall conditions (depending on the adjusted frequency)
C o compared to its steady value calculated for instanta-
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a = 9.5 *; Ac= 4.5; k = .09 a= 9.5; Ac= 4.5 ; k =.47
.2 .2

steady date ---- steady date

- unsteady model uncteady model

/0 /. 4 o t est data .14 o t est data 4•
Cd Cd /

.08 .08

.02 .02 -
3 6 9 12 15 3 6 9 12 15

Angle of attack, deg. Angle of attack, deg.

Figure 3 Adjusted frequency effect on pitch oscillating airfoil profile drag a,= 9.50
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Figure 5 Harmonics of profile drag unsteady increment for the pitch oscillating airfoil
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neous angle of attack values in stall conditions. The calculations with model rotor experimental data obtained
second harmonic value chenges from 11 to 17% depending in a wind tunnel. However, there are problems
on the adjusted frequency average angle values. The explained by the fact that in model experiments Re
maximum difference between unsteady profile drag and number similarity with both full-scale rotors and airfoil
its steady value, obtained for the average angle of attack, experimental characteristics used in rotor calculations
as it is shown in the diagram, makes up 50% for usually cannot be achieved. In order to approach to full-
unseparated flow and 25...33% for stall conditions, scale blade dimensions the experiments for airfoil data
Comparison of unsteady profile drag with its steady measuring are carried out with Re number approaching
value, defined for the instantaneous angle of attack, as to those of the full-scale rotor, At the same time the model
presented on the figures 3 and 4, shows that the blade Re number is much smaller. The adjustment of these
difference between them may change in wide range: experimental data to small Re numbers was made using
82...10)4% for the unseparated flow and 23...30% for stall the procedure, suggested in paper [12] on the basis of
conditions. experimental investigation of Re number effect on airfoil

characteristics.
6. THE UNSTEADY PROFILE DRAG EFFECT ON
THE ROTOR REQUIRED POWER VALUE. Figure 6 shows the comparison of model rotor
Basing on the method of the unsteady airfoil data calculations with experimental data [14] for the hinged
definition and using the formulas presented in papers rotor with 4 meter diameter, pitch-flap coupling and no
[10,12], which take into account the airfoil aerodynamic cyclic pitch control. Using test results the thrust and
characteristics changes in the yawed flow conditions, torque moment coefficient curves versus angle of attack
the forward flight helicopter performance were calculated. were obtained for advance ratio Igt = 0.35. In order to

evaluate the unsteady effect, the calculations were carried

.4 out using both steady airfoil data and unsteady ones.
Ssteady model

The rotor thrust coefficient curve shows its typical".3 unsteady model increase in flow separation area for angle of attack.3____
--- test data values higher than -15 degrees, when unsteady effect is

Ct/a - taken into account. In deep stall conditions (xr = -60) the
account of unsteady effect gives the 41% increase of lift
coefficient compared to the steady airfoil data. In
unseparated flow conditions the unsteady effect account
gives a slight rotor thrust coefficient decrease of 6.5%,

.1 -as a result of airfoil lift coefficient average value
decrease.

0 ! Interesting results were obtained while evaluating the

-20 -16 -12 -8 -4 0 unsteady effect on the rotor torque moment, shown on the

4otor angle of attack,deg same figure. The curve shows that the unsteady effect

.0016 steady account in unseparated flow conditions leads to the 5%
s model rotor torque moment increase, improving agreement

between the results of calculations and the experimental
-4-- unsteady model data. In the stall flow conditions (ccr = -6') the torque.00 14

--o- test data moment due to unsteady effect increases by 16%.

.0C1p oLet us consider the agreement between calculations and
flight tests results. Figure 7 presents the Mi-26 helicopter
forward flight required power in standard conditions at 0

and 6000 m altitude. The figure shows, that the
.001 calculations with unsteady effect account have good

agreement with flight test data. On the same figure the
required power calculated for rotor blade airfoil steady

.0008 characteristics is also presented for comparison. The
-20 -15 -10 -5 0 comparison shows, that in low flight conditions (the lift

Rotor angle of attack, deg coefficient value of .15) the best endurance required power
value with unsteady effects account is 19% higher than

Figure 6 Comparison of calculated data with the the one calculated for the steady airfoil data. As flight

model main rotor experimental characteristics, speed increases, unsteady effect becomes less, decreasing
the difference in power to 10%. In high altitude flight

The most accurate blade unsteady flow effect estimation conditions (the lift coefficient value of 0.235) unsteady

may be carried out by comparing the results of
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flow effect account gives 8...9% difference at the best at the industrial conferences held in TsAGI in 1983 and

endurance and maximum flight speed. 1987. Combined operation of the main and tail rotor and
helicopter powerplant was taken into account in

Figure 8 compares flight test and calculated vertical climb calculations. The curves presented show that the account
rate value around the best endurance flight speed in OEI of unsteady flow effect allows to improve the agreement

conditions for the Mi-26 helicopter with low AUW[15]. of the computed and flight test data. In contingency
The figure shows that calculations with the account of engine power rating the calculated power reaches
profile drag unsteady chenges provides good agreement
with flight test date, while those calculations using the
steady airfoil data give an increase of vertical climb rate 13000
by 2 m/s because of underestimation of forward flight "l/" steady model
required power. -,4-- unsteady model

12001] -<>- test dataNe, hp 30000
ql• steady m0dd ]t/{•=.2•Sunsleadymod test data N, hp 11000 4

20000 __ _ lOOOO
',1/(•=.150 ¢

10000
e• 8000

0 2 4 6 8 10

Time, see
0 95
0 50 100 150 200 250 300 • steady model

Speed, knda --• unsteady model

Figure 7 Unsteady airflow effect on the 90 -o-- test data

rotor required power for the heavy transport
helicopter Mi-26 n, %

Figure 9 compares flight test and calculated data, for the 85: • ""• ] •

Mi-26 helicopter pitch pull-up landing in case of one -•o •.

engine failure. Calculations were carried out using
methodology developed by he author and presented

8O
I,

Vym/s -*- stead},moad

Sunsteady moddStest data 7•
• 0• i Time, sec 10

S• Figure 9 Changes in required powerplant and main

Srotor rotational speed of the heavy helicopter Mi-

-3 26 in landing with an engine failure determined by
Scalculations and in flight tests.

So
-6 Jl/ the value of 10450 hp, which correspond to statistically

average engine Some discrepancy of the engine power
-9 [ curve character is caused by the fact that helicopter c.g.

0 50 100 150 200 250 position has not been maintained and the trajectory data
Speed, km/h were taken directly from flight tests. Nevertheless, the

curves show, that calculations without unsteady profile
Figure 8 Unsteady airfloweffecton clambratio drag account give 1% lower than actual main rotor
after engine failure for the heavy transport r.p.m.value in pitch pull-up landing and the engine spool
helicopter Mi-26 up to maximum power is delayed by 0.5 seconds.



5-8

13. Ivtchine V.A., Przhebelsky V.V. The Reinolds
7. CONCLUSIONS Number Effect on the Helicopter Main Rotor Blade
Basing on the investigations done the following conclusi- Airfoil Aerodynamic Characcteristics. B.N. Uriev

ons may be drawn: Memorial Conference Proceedings.
14. Pavlov A.S. Flow Stall Investigation of the Hinged

1. Unsteady effect account resulted in the profile drag Main Rotor Model Blades. TsAGI Technical Report
average increase by 27...33% in unseparated flow N.4447,1980.
conditions and by 7...22% in stall conditions in the range 15. Litvinov B.A., Tsygankov G.M. Fuel Consumption
of adjusted frequency values of 0.09...0.4 with respect to And Minimum Flight Speed Investigation Results for the
the steady profile drag, determined for the average angle Mi-26 Helicopter in High Altitude Flights LII Technical
of attack. The unsteady profile drag first harmonic Report, N 378-87P, 1987.
increment value was 11...18% in unseparated flow
condition and 13... 17% in stall conditions. The second
harmonic value changes from 11% to 17% depending on
the adjusted frequency and average angle of attack. The
oscillating airfoil unsteady profile drag value may increase
by 23 ...... 104% depending on operating conditions with

respect to its steady value determined for the instantaneous
angle of attack value.

2. The oscillating airfoil unsteady drag account causes the
main rotor power profile drag increase by 5...20%
depending on flight conditions.
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1. SUMMARY 0 With blowing and suction [4] the negative effects
In the present numerical investigations the unsteady of the dynamic stall process could be reduced.
flow about a helicopter airfoil section under deep dy- 0 With a pneumatic pulsating airfoidevice [5] the
namic stall conditions has been influenced by dynamic onset of dynamic stall could be delayed and the
airfoil deformation. First attempts with a dynamic va- onst charamicrstall could be
riation of the airfoil thickness have already shown the poststall characteristics of the flow could be
favorable effects on the dynamic stall phenomenon: the
dynamic stall onset could be shifted to considerably More recently various methods including airfoil leading
higher incidences within the oscillatory loop. In the edge deformation have been investigated to calculate
present paper the extension of this method to more ar- and measure the effects on dynamic stall [6]. In this
bitrary types of dynamic deformations is discussed and case the investigations have been done in incompressi-
the influence of a dynamic change of the airfoil leading ble flow.
edge curvature (nose droop) is investigated in detail.
Special emphasis is placed on the variation of the In the present paper numerical investigations are car-

Machnumber. It is shown that for incompressible flow ried out on the basis of a 2d-Navier-Stokes code using

(Ma- = 0.1) the shedding of a dynamic stall vortex can structured and deformable grids. This method has been

be avoided at all. At a slightly higher Machnumber proven successfully for rigid airfoils under deep dyna-

(Ma, = 0.3) however the complete suppression of the mic stall conditions [7]. In DLR-Gottingen a design

dynamic stall vortex is a much more difficult task. The tool has been developed to calculate the surface of ar-

present results show the way how to proceed success- bitrary bodies and wings [8]. This tool is also very

fully also in the compressible flow cases. suitable to be applied for arbitrary time-dependent air-
foil deformations. A variation of the leading edge of a

Further it is obvious that the concept of deforming air- NACA 23012 airfoil with respect to time has been
foils has considerable potential in other areas of heli- developed with this method. The deforming and oscil-
copter aerodynamics, i.e. reduce or even avoid shock lating airfoil has then been investigated under deep
motion on the advancing side and therefore reduce the dynamic stall conditions. The results are compared with
problem of compressibility noise radiation. rigid airfoil data.

2. INTRODUCTION For the representation of the highly unsteady flow
quantities like vorticity-, Mach- and pressure-distribu-

Helicopter blades in high speed forward flight encoun- tions a video movie has been developed [9] which is
ter extremely complicated unsteady flow phenomena, shown during the presentation. The paper does include
i.e. rapidly moving shock waves up to shock induced only a selection of the most important results of the
separation on the advancing side and cyclic separation calculation procedure.
and reattachment (dynamic stall) on the retreating side
due to very high incidences during this part of the cy- 3..TIME-ACCURATE NAVIER-STOKES CODE
cle. For the calculations a time-accurate 2d-Navier-Stokes
The design of rigid airfoils for these different flow en- code has been used and further developed to be appli-
vironments can therefore only be a compromise. Furt- cable for flow cases with unsteady flow separation and
heron the design of helicopter airfoils is mainly based vortex shedding [10]. The algorithm of this code has
on quasi-steady assumptions. the following main features:

In the past several attempts have been made to influ- * approximate factorization implicit
ence the flow about wings and blades by both active (Beam/Warming-type)
and passive control devices: * central differencing

"* With nose drooping on fixed wings [1],[2] high- * structured and deformable grid
speed stalling was influenced favourably.

"* With a leading edge slat [3] the dynamic stall * improved farfield conditions (vortex correction

vortex could almost be avoided. * eigenvalue-scaled numerical damping

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin, Germany from 10-13 October 1994 and published in CP-552.
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"* algebraic turbulence model (Baldwin/Lomax) edge (nose droop) in spanwise direction. The wing has

"* fixed transition an NACA 23012 airfoil section at both edges and a
smooth variation to a nose droop configuration in the

To start the unsteady calculations numerical data in all wing midsection. The wing is defined by a total of 21
grid points have first to be determined on the basis of airfoil sections which are equally spaced in spanwise
a corresponding steady Navier-Stokes code. These direction. Details of the airfoil shapes are displayed in
steady data are obtained at the minimum incidence Fig. la.
within the oscillatory loop. The present results have It is very straightforward to apply such a wing design
been obtained with as much as 50 000 time steps per for the problem of a dynamically deforming airfoil:
cycle. One and a half cycle were sufficient for a con- Assuming the spanwise wing axis (y) is replaced by the
verged cyclic result. time-axis (t). Then the constant spacing in spanwise

direction is replaced by a constant time step: The 3D
4. VARIABLE CAMBER AIRFOIL DESIGN wing surface is changing to a time-dependent defor-
Recently a new geometry preprocessor (E88) has been ming airfoil.
developed in DLR-Gottingen as a purely mathemati-
cally explicit function generator to create solid 3D a axima dforntio
modelling with emphasis on airplane and other aero-
space vehicle boundary definition [8]. This software 910

allows to provide data of single or combined solid.I
surfaces for whole aircraft or its components, with 11

special surface metrics as required by grid generators
for flow simulation. Many studies have been performed
using this tool and aerospace industry has expanded it
to create very complex configurations. The advantage
over standard CAD tools is the availability of pheno- I I I I
mena-motivated parameters to vary the shapes in opti- I I
mization cycles, these parameters being developed . - ±
within aerodynamic research and therefore carrying 5" is, zs" l" s"
aerodynamic knowledge base in such fields like trans- Defamation area
onic fluid mechanics or hypersonic aero/thermodyna-
mics. Because of explicit function evaluation without Fig. 2: Dynamic airfoil deformation with respect to time.
any iteration or interpolation, this method is extremely
fast. A full aircraft solid surface can usually be defined
within a few seconds on a workstation. 5. DYNAMIC DEFORMATION STRATEGIES

With the strategy described in the previous section a
considerable number of additional parameters exists
which are free to be varied. Fig. 2 shows the sinusoidal
incidence variation of a helicopter blade section as
function of time:

ax = %+ a1 sin 2.it.T

with

t. U_ (0* 2 T; _f.
T -T= = -- .T; 0c* =c 2.-re U_

as the dimensionless time T, reduced frequency 0o* and
normalized time T respectively.

In the following investigations the deep dynamic stall
case with:

Ia cx0 = 150 , a, = 100 has been verified.

The deformation of the airfoil can now be placed wit-
hin a prescribed time window of the oscillatory cycle

Fig. 1: 3D-wing design. (deformation area in Fig. 2). The extension of this ti-
Variation of NACA 23012 section for nose droop (Fig. la). me-window has been chosen to be AT = 0.5. A second

parameter is the location of the time-window within the
Presently the code is being extended to the 4th dimen- oscillatory cycle. In the present case this window has
sion: Variation of certain selected parameters with time been placed symmetrically to T = 1.25 i.e. to the ma-
allows to create moving or pulsating surfaces, with di- ximum incidence ax = 250.
rect applications in unsteady aerodynamics. In the pre- The global calculation procedure is then as follows:
sent study the tool has been applied to create airfoils
with dynamically changing shapes. For this task only * start the calculation with the determination of
the 3D version of the code is necessary. Fig. I shows steady initial data at T = 0.75 _ (x = 50 with the
a 3D wing design with a variation of the airfoil leading NACA 23012 airfoil section.
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"* start the unsteady calculation with the rigid airfoil in the airfoil deforming case. Fig. 4a displays vorticity
y to the beginning of the deformation area, i.e. distributions for a small Machnumber Ma. = 0.1 and
T = 1.0, cc = 151T Fig. 4b for a higher Machnumber Ma- = 0.3 The

" continue the unsteady calculation with a variable lefthand sequence of figures shows results for the rigid

airfoil to the maximum deformation which is airfoi, the righthand sequence shows results for the

coincident with the maximum incidence deforming airfoil.

cc = 25'.

" continue the calculation further from the maxi-
mum deformation back to the basis airfoil at
T = 1.5,a = 1501,

complete the cycle from T = 1.5 toT = 1.75
with the rigid airfoil.

In the deformation area the deforming airfoil is defined
by 11 sections, which are located after constant time-
steps corresponding to constant spanwise steps along
span of the 3D wing section (Fig. 1). With the corre-
sponding 11 sections the airfoil is changing its shape
back from the maximum deformation at a = 250 to the
basis airfoil at cx = 1501,. For the time-steps between
the defining airfoil sections the grid is recalculated by
a linear interpolation procedure between adjacent sec-
tions.

6. GRID-GENERATION PROCEDURE
For the calculations a curvilinear coordinate mesh has
been used. The mesh is fixed to the moving airfoil
surface and to the outer boundary in a space fixed fra-
me of reference, i.e. the mesh is allowed to deform with
respect to time. To calculate the mesh for each time-
step would be very time consuming. A simple linear
interpolation procedure has therefore been developed
to determine the mesh at arbitrary time-points: In areas
of rigid airfoil motion (Fig. 2) the mesh about the
NACA 23012 airfoil at the extreme incidences
cx = 50 and cc = 15i0` is interpolated. Progressing in
time into the deforming area of Fig. 2 the mesh is in-
terpolated lineary between the adjacent deformed airfoil
sections at the instantaneous incidence. After the de-
formation area has been left the interpolation is again
done for the rigid airfoil at the corresponding incidence.
Fig. 3 shows the calculated meshes at the extreme in-
cidences: ax = 50 (NACA 23012 rigid) and a = 250
(maximum nose droop).

7. DYNAMIC STALL CALCULATIONS, RE-
SULTS FOR RIGID VERSUS DEFORMING
AIRFOIL

The following discussion of results concentrates on
four different cases: Fig. 3: Calculated meshes in extreme incidence positions:

upper figure: NACA 23012 rigid: a = 5'
1. rigid NACA 23012 airfoil at Ma- = 0.1 lower figure: Nose droop: a = 250.
2. Deforming airfoil at Ma,, = 0.1 In the incompressible rigid case (Fig. 4a) the dynamic
3. rigid NACA 23012 airfoil at Ma- = 0.3 stall vortex develops shortly before the maximum inci-

4. Deforming airfoil at Ma, = 0.3 dence (a = 250) and is lifting off from the airfoil sur-
face already at the beginning of the downstroke motion.

The deformation strategy is described in Fig. 2, the This vortex lift-off is coincident with a breakdown of
nose droop variation is displayed in Fig. 1. the lift in the oscillatory cycle as will be demonstrated

in section 7.3. The deforming airfoil, right sequence
7.1 Vorticity Distribution of figures in Fig. 4a, does not show any sign of a
Fig. 4 shows sequences of vorticity distributions just concentrated vortex even during the high incidence part
before, at and after the maximum incidence which of the cycle. Only a thickening of the vorticity layer
corresponds to the maximum nose droop deformation can be detected on the upper surface.
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In the higher Machnumber case of Fig. 4b considerable dence is reached. At the beginning of the downstroke
differences can be observed compared to Fig. 4a. The a counter-rotating vortex is created at the trailing edge
dynamic stall vortex is now developing at a conside- (dashed curves) separating the primary vortex comple-
rably lower incidence in the rigid case and it is already tely from the airfoil.
lifted off the airfoil surface before the maximum inci-

NACA 23012 NACA 23012 RIGID: 5 TO 15 DEG
NOSE DROOP: 15. TO 25 DEG

0.5 0.5

0.0 0.0

-0.5 -0.5

= 24.51t
- I.O - ' . . . . . -1.0 , ,, , . . . . . , ,

0.0 0.5 1.0 1.5 0.0 0.5 1.0 1.5
X X-

0.5 0.5

0.0 0.0

ALPHAO = 15.00 AMP = 10.00 OMS = 0.30
a 25.00t MACH = 0.10 RE = .3450E7

0.0 0.5 1.0 1.5 0.0 0.o 1.0 1.5
X -X

0.5 0.5

0.0 0.0

-0.5 0.5

a = 24.51U

-1. .1.0
0.0 0.5 1.0 1.5 0.0 0.5 1.0 1.5

X -X

Fig. 4a: Vorticity-distributions at high incidence motion.
left: rigid NACA 23012 airfoil, right: nose droop,
Ma. = 0.1
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In the deforming case however the development of a airfoil surface. So a much less negative effect on forces
concentrated vortex is delayed considerably within the and moment can be expected for this case as will be
loop and starts beyond c.•. But in this case the vortex outlined in section 7.3.
is weaker and stays nearly completely attached to the

NACA 23012 RIGID: 5 TO 15 DEG
NACA 23012 NOSE DROOP: 15 TO 25 DEG

0.5 0.5

0.0 -0.0

-0.5 0.

a= 24.51t
•*1.0 * . . • . . . ' ' 1.0 " ' . . • ,

0.0 0.5 1.0 1.6 0.0 0.5 1.0 1.5
Xx -

0.6 - 0.5

f 0.0 -0.0

-0.5 -.

ALPHAO 15.00 AMP : 10.00 OILS 0.30
a 25.00t IACH = 0.28 RE = .3450E7

-1.0 0.0 0.5 1.0 1.5 -1. 0 '. 1. 1.5•'

0.5

0.0 0.0

0. u-0.5

a = 24.514
1.0 -.0.0 0.6 1.0 1.5 0.0 0.5 1.0 1.5

X X -

Fig. 4b: Vorticity-distributions at high incidence motion.
left: rigid NACA 23012 airfoil, right: nose droop,
Ma- = 0.3
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The reason why such severe differences occur between then moving downstream during the continuation of the
the two Machnumber cases Ma- = 0.1 / 0.3 is on the cyclic motion until it is shedded into the wake. At
first view not quite obvious. Looking into the details ct = 23.1,1, the vortex has reached the trailing edge.
of the flow at the airfoil leading edge a small superso-
nic bubble has been found in the higher Machnumber Fig. 5a(right) shows the corresponding plots for the

case which is completely avoided at Ma- = 0.1 (see deformable airfoil case. All pressure distributions do

section 8). not show any sign of severe separation or vortex shed-
ding. Looking at the details in the leading edge area

The results given so far show already the strong po- shows, that the adverse pressure gradients remain ne-
tential of a dynamically deforming airfoil compared to arly unchanged during the incidence variation and si-
the rigid case. At least in the incompressible case a multaneous nose drooping of the airfoil.
concentrated vortex could be avoided completely. And
also in the higher Machnumber case the flow is much Results obtained for the higher Machnumber case dis-
smoother and the vortex stays attached to the airfoil played in Fig. 5b show similar tendencies but also
surface during the entire motion. some remarkable differences in the details.

Fig. 5b(left) displays again the pressure distributions
7.2 Pressure Distributions for the rigid airfoil. The development of a dynamic stall
In the next sequence of figures the surface pressure vortex is now initiated earlier within the cycle. The
distributions are shown for both rigid and nose droop movement of the vortex takes place in a similar way
airfoils. Again the two Machnumber cases as in the incompressible case. With airfoil deformation,
(Ma- = 0.1/0.3) are compared. Fig. 5a displays re- Fig. 5b(right) a strong effect of a dynamic stall vortex
sults for the low Machnumber and Fig. 5b for the hig- is not visible in the pressure distributions. However
her Machnumber respectively, compared to Fig. 5a the adverse pressure gradient at

In all figures the pressure distributions have been plot- the leading edge is still steepening with increasing in-

ted for some selected normalized times in correspon- cidence and nose drooping. This is a compressibility

dence to instantaneous incidences in the high upstroke effect which is caused by the development of a small
and downstroke regions. supersonic bubble sitting at the airfoil leading edge and

which can not be avoided by the present dynamic de-
Fig. 5a(ieft) shows first of all the typical development formation of the airfoil leading edge. Details of this
of pressures during the formation and initial movement leading edge flow situation will be discussed in section
of the dynamic stall vortex. The adverse pressure gra- 8.
dient at the leading edge is increasing prior to separa-
tion. Then between ca = 24.501 and 25' the leading Only in the trailing edge region and beyond the maxi-
edge pressure peak is broken down and a smooth mum incidence i.e. at the beginning of the downstroke
pressure maximum (ct = 250) is formed. This pressure motion the effect of a dynamic stall vortex is visible in
peak is the effect of the dynamic stall vortex which is the pressure distribution (see Fig. 4b).

14.0 -- c=18.1,
Ma=O.1 --------- c=20.9,0

- - -a=23.l"o

•-=24.5,0

9.0 -- x- a=25.0
o--=24.58

-......... a--=23.18

/ \.

4.0 "

-1.0 .................. ..

0.0 0.5 1.0 0.0 0.5 1.0

x/c x/c

Fig. 5a: Surface pressure distributions at Ma. = 0.1.
left figure: rigid NACA 23012 airfoil.
right figure: nose droop.
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14.0 -- ,=18.l)

Ma=0.3 ......... a=20.9"o

-cp ot=23.1i)
--- a=24.5"u

9.0 --- ,a=25.0
ae=24.58

......... a-=23.18

40 \ \

4.0.,, -/ / -,

.-... .........

-1.0
0.0 0.5 1.0 0.0 0.5 1.0

x/c x/c
Fig. 5b: Surface pressure distributions at Ma. = 0.3.
left figure: rigid NACA 23012 airfoil,
right figure: nose droop.

7.3 Force and Moment Distributions remain large. Also in this case the maximum lift is
Of practical importance is the influence of the dynamic reached with the nose drooping airfoil. The peaks in the
airfoil deformation on force and moment loops. Fig. 6 drag and pitching moment loops are reduced conside-
shows lift-, drag- and pitching moment-distributions rable. But the negative peak in the cM-curve including
versus incidence for both incompressible (Fig. 6a) and a small area of negative aerodynamic damping could
compressible (Fig. 6b) cases. The results for the de- not be completely avoided.
formable airfoil are compared with the rigid airfoil case
(dashed curves in Fig. 6). In the incompressible case A number of additional calculations have been carried
the reduction of the hysteresis curves to flat loops is out to minimize the negative c.-peak by shifting the
very remarkable: this kind of behavior is known from deformation area either more into the upstroke or into
inviscid flows and is therefore the indicator that strong the downstroke region respectively. But in both cases
viscous effects due to the development and shedding the results could not be improved, i.e. the negative
of a dynamic stall vortex is completely avoided. c,-peak was again increased and the area of negative

In detail one can figure out the following features: damping was enlarged.

1. the maximum lift is nearly unchanged in the de- 8. INFLUENCE OF COMPRESSIBILITY
formable airfoil case. The benefit due to the dy- All the results discussed so far have clearly shown that
namic incidence variation of the airfoil is kept. the dynamic deformation of the airfoil leading edge has

large benefits for the incompressible very low Mach-
2. the severe increase of drag in the rigid airfoil case number flow case. For helicopter rotor blades this me-

is completely avoided. ans, that the benefits are large for very high advance

3. the pitching moment does not show any negative ratios where the uncoming flow velocity is reduced to
peak as in the rigid case. This negative peak which very small values. For higher Machnumbers the benefit
is occurring within a very short time range has of a dynamic nose drooping is still remarkable but
strong negative effects on the blade structure. emphasis should be placed on a further improvement
Furtheron if the moment curve is traversed in a of the results also for compressible cases.
clockwise cycle, which is the case for the rigid It has already been mentioned in the previous section
airfoil, negative aerodynamic damping may lead that during the upstroke motion of the airfoil a small
to a dangerous stall flutter situation during this supersonic bubble develops very close to the airfoil
part of the cyclic ioop. leading edge. Fig. 7 shows Iso-Machcontours at the

Fig. 6b shows the corresponding results for the com- airfoil leading edge (Ma. = 0.3) at o: = 211`
pressible flow-case. The effects come out to be similar (Fig. 7a) and at a slightly later time at a = 2301
as in the previous case, but the hysteresis loops still (Fig. 7b).
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Fig. 6: Lift-, drag- and pitching moment-loops.

Fig.6a (left): Ma. = 0.1 Fig.6b (right): Ma- = 0.3

At the lower incidence (Fig. 7a) in both rigid and de- position where the bubble was located. In the defor-
forming cases a super sonic bubble is visible (white ming case however the supersonic bubble is still exi-
spot in the figure) which is sitting at almost the same stent and is even enlarged. Later in the cycle (at the
leading edge position. At the higher incidence, Fig. 7b, downstroke motion) a breakdown of the bubble ac-
the bubble has disappeared in the rigid airfoil case and companied by flow separation does occur also in the
the flow is separated directly 'downstream from the



defornirn case. The separation is much smoother as bubble completely and therefore try to avoid separation
for the rigid airfoil. over the entire cycle of airfoil oscillation. A strategy

The compressibilityv effects in form of a small super- towards this coal could be to reduce the curvature of
sonic bubble obviously lead to the reduced efficiency the airfoil in the region where the bubble is located.
of the airfoil deformation in the compressible compared This should be possible since as can be seen in
to the incompressible case. To improve the effect of Figs. 7 the bubble is ncarlv stationary located and does
deformation it therefore must be tried to suppress the not change its size.

supersonic
ubl supersonic

bubble

Fig. 7: Machnumber contoursr at 31rth'il leCdirig Ce during up.ucke:
upper figures: rgid airfoil. lower tlgureie noue drtop

Fig.7a (left): x 21°0 Fig7b rlht: = 2t

9. CONCLUSIONS, FUTURE ACTIVITIES loop is reduced, negative aerodynamnic damping and the
With numerical calculations the flow about dynamical- tendenc\ to dangerous stall flutter is deminished.
lv deforming airfoils under deep dynamic stall condi- Comparisons between incompressible how and a low
tions has been investigated. It was shown that with a Machnumber case show influences of a small superso-
nose drooping of the airfoil very eood results can be nic bubble emanatine at the airfoil leading edee durine
achieved in reducing or even completely avoiding the the upstroke motion. This bubble could not be avoided
development and shedding of a dynamic stall vortex, by the nose drooping and seems to be the reason for the
These effects have severe impact on the force and mo- sliehtly reduced effectiveness of the drooping proce-
inc hysteresis loops: The maximum lift is nearly un- dure in compressible flow. In future investigations
changed but the negative peak in the pitching2 moment some emphasis will be placed on avoiding the bubble
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completely. This may be accomplished by a reduction AIAA-paper 83-2533, Oct.1983.
of the airfoil curvature at its location. 4. McCloud, J.L.; Hall, L.P.; Breadyj.A.

Future work will also be concentrated on the develop- Full-Scale Windtunnel Tests of Blowing Boundary
ment of measures to realize deformation strategies on Layer Control Applied to a Helicopter Rotor.
blade models. A 2D model could be a first candidate NASA TN D-335,Sept.1960.
to check the predicted data in real flow. Different de- 5. Geissler, W.; Raffel, M.
sign tools are envisaged to realize a deforming airfoil Dynamic Stall Control By Airfoil Deformation
leading edge either by conventional means [2] on the Proceedings of the 19th European Rotorcraft Fo-
basis of hydraulic actuators or by more sophisticated rum, Paper No. C2
means on the basis of smart structures and/or smart Sept.14-16, 1993, Cernobbio(Como), Italy
materials technologies. The latter tools are of great in-
terest if one wants to finally apply the deformation 6. Yu, Y.H.; Lee, S.; McAllister, K.W.; Tung, C.
strategies on a real helicopter rotor blade. High Lift Concepts for Rotorcraft Applications

Paper at the 49th American Helicopter Society
In addition to the influence of the dynamic stall process Annual Forum,
at the retreating side of the rotor one can also think St.Louis, MO, May 19-21, 1993
about influencing the advancing side of the cycle. In
highspeed forward flight the rotorblade encounters 7. Geissler, W.; Vollmers, H.

transonic flow at the blade tip. Moving shock waves Unsteady Separated Flows on Rotor-Airfoils
are present at this part of the cycle which are respon- - Analysis and Visualization of Numerical Data -

sible for compressibility noise radiation. A suppression Proceedings of the 18th European Rotorcraft Fo-

or at least reduction of the shock wave by local airfoil rum, Paper No. 79

deformation could have considerable benefit in noise Sept. 15-18, 1992, Avignon, France

reduction. 8. Sobieczky, H.
Multiblock Grid Generation
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REVIEW of RECENT AERODYNAMIC RESEARCH on WIND TURBINES with
relevance to ROTORCRAFT

Data (and riddles) on DYNAMIC INFLOW, FLOW FIELD OF YAWED
ROTORS, and ROTATING 3-D STALL

H. Snell' and Th. van Holten"•

• Netherlands Energy Research Foundation ECN
Westerduinweg 3, P.O.Box 1, 1755 ZG Petten, Netherlands

'1 Delft University of Technology, Faculty Aerospace Engin.
Kluyverweg 1, 2629 HS Delft, Netherlands

1. SUMMARY helicopters.
A review is given of recent research on the
aerodynamics of wind turbine rotors. The Apart from the obvious similarities between
following subjects are covered in extenso: the rotors and aerodynamics of wind

turbines and rotorcraft, there are also
- The induced velocity field of rotors, typical differences. The disc loading of
including dynamic inflow and yawed flow wind turbines is high, so that normal
effects. operation is often close to the turbulent

wake state, with values of the induction
- Stall delay on rotating blades. A new factor a = vi/U around 1/3. This implies
boundary layer formulation is outlined close proximity of the free vortex sheets
applicable to this phenomenon. to the disc, and large self-induced

deformations of the wake configuration.
Without any further discussion, also some Linearization applied in helicopter
references have been given concerning aerodynamics must often be questioned for
recent wind turbine research on: wind turbine applications. In the case of a

hovering rotor the loading is also high in
- simulation methods of atmospheric an aerodynamic sense (i.e. there is a large
turbulence, influence of self-induction on the wake
- dynamic stall effects, comparisons configuration). In the case of the
between theory and experiments, helicopter this results in a contracting
- Effect of several types of blade tips on wake, whereas the high loading on a wind
radiated noise. turbine rotor results in wake expansion.

A high blade loading of turbine rotors is
2. NOTATIONS another typical feature. In fact, stalling
a induction factor v. / U is often used as a means of limiting the
C,,.. drag coefficient of entire rotor power absorbed from the flow. Stalled flow
Cy axial force coefficient of blade is thus effectively part of the operational

section envelope of the turbine.
R rotor radius
r local radius
t time Finally, the rotor dimensions of a turbine
U free stream velocity are generally larger than those of
V total resulting velocity at blade rotorcraft. The scale of the turbulence

section experienced by wind turbines, operating
v, induced velocity in disc plane close to the ground, is for that reason
a solidity more comparable to the radius. A strong
7 time constant, or shear stress "rotational sampling effect" (in rotorcraft

literature sometimes referred to as
other notations explained in figures "rotating frame turbulence") is therefore

always present.

3. INTRODUCTION During the "pioneering phase" of modern
This paper presents a review of recent wind turbines - roughly from 1970 until
aerodynamic research related to wind 1980 - much aerodynamic knowledge was
turbine rotors, which may not be very well borrowed from aeronautics, in particular
known outside the "wind community" but may from the field of helicopters. In a later
nevertheless have relevance for rotorcraft phase, dedicated R&D programs have emerged,
as well. directed at the specific aerodynamic

problems of wind turbines where the need
The requirements for a long, maintenance- was felt to improve upon the available
free life and low first cost of wind rotorcraft knowledge.
turbines have stimulated the development of
accurate prediction methods of extreme For the "helicopter community" the results
aerodynamic loads and fatigue spectra. of this work may be interesting, since well
Furthermore, a considerable amount of known theoretical models have in this way
research has been done in order to reduce have been verified in flow regions outside
aerodynamic loads by proper control systems the usual range of parameters. Some
and by flexible rotor systems which employ unexpected discrepancies between models and
the same principles as hingeless experiments have indeed shown up.

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics ofRotorcraft"
held in Berlin, Germany from 10-13 October 1994 and published in CP-552.
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4. SOME REFERENCES TO RELEVANT RESEARCH windtunnel models were used, the most
WICH IS NOT FURTHER DETAILED IN THE PAPER important experiments were performed on the
Apart from the projects discussed in the Tjaereborg 2 MW turbine (60 meters
paper in some detail, other relatively diameter) in Denmark.
large scale research projects on
windturbines have recently been completed. Data were measured under the following
For lack of space they could not be conditions:
included in the present review. It may - fast pitching steps
nevertheless be useful to give here some - emergency stops by feathering
relevant references, without pretending to - yawed operation
be exhaustive. These research subjects
were: The most interesting results were found for

the case of small pitching steps. For this
- Modeling of inflow turbulence, as "felt" reason we will concentrate on this case in
by rotating blades: ref.l, based on the the following. Complete results of the
earlier work of ref.2. project will be published in the final

report on the project, not yet available.
- Experiments on dynamic stall and
comparisons with theory: ref.3. 2) Theoretical methods.

The theoretical methods covered a wide
- Noise research, in particular the range of different approaches:
influence of several types of tip shape:
refs.4 and 5. I. Free-wake models. Three different models

were investigated, based on either vortex
lattices, vortex particles or on a

5. DYNAMIC INFLOW EFFECTS IN AXIAL FLOW description in terms of the acceleration
potential.

5.1. Background of CEC-research on dynamic
inflow II. Comparisons were made with a simple
Research on dynamic inflow effects of wind prescribed-wake model, where the wake was
turbines was initiated after it had been modeled as a vortex tube with varying
observed that sometimes large, unpredicted vortex strength.
blade loads occur during fast braking of
wind turbines by blade feathering. The III. Several engineering models were
phenomenon was qualitatively explained as a investigated as well. These were based on
"dynamic inflow" effect. blade element - momentum theory, modified

by formulating them as first-order
Apart from the effect of dynamic inflow, differential equations to simulate the time
blade forces during transient operating lag. Three different models were
conditions may also be influenced by investigated, where the time constants were
unsteady profile characteristics. However, derived from three different theoretical
the typical time scales of dynamic inflow analyses.
effects and of unsteady section
aerodynamics are well separated. The Before results of the comparisons are
possible influence of unsteady profile shown, a brief decription of these models
aerodynamics may be estimated, e.g. using will be given.
the ONERA-model (ref.6). From such
exercises it can be concluded that during Free-wake, lifting surface model using
typical pitching steps of wind turbines the vortex particles (National Technical
unsteady profile characteristics play a University of Athens)
minor role.

The computercode GENUVP of NTUA is a time-
There is a long history of inflow modeling marching code based on a consistent
in helicopter aerodynamics, see Chen combination of the boundary element method
(ref.7). One of the most successful methods and the vortex particle method. The
for the estimation of dynamic inflow boundary elements consist of distributed
effects for helicopters is based on the dipoles on the solid surfaces of the flow.
work of Pitt and Peters (with a large and The boundary conditions of non-penetration
ever growing number of associates, see i.a. determine the intensities of these
ref.8, based on the earlier ref.9). distributions. The vortex particles are

used to simulate the generation and
However, in view of the above mentioned evolution of the free vorticity. The
differences between the helicopter rotor vorticity shed along the edges of the
and the highly loaded turbinerotor, blades is locally integrated and assigned
research was initiated by the CEC, within to point vortices (or equivalently, to
the Joule-program, on dynamic inflow fluid particles carrying vorticity). Next
effects in the case of wind turbine rotors. the evolution of these vortex particles is
The aim of this research program was to followed by integrating the vorticity
generate an experimental database of transport equations in Lagrangian
typical dynamical inflow effects as coordinates. For further details, see
encountered by highly loaded turbinerotors, ref.10.
and compare this with the predictions
obtained by several theoretical methods. Free-wake, lifting surface model using

vortex filaments (University of Stuttgart,
5.2. Brief description of experiments and IAG)
theoretical models

In this free wake code (ROVLM) the blade is
1) Experiments. covered with panels on which a constant
Although several wind turbines and dipole strength is assumed. The induced
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velocities are calculated with the Biot and equation with the addition of a time
Savart law using the vortex strength derivative of the induced velocity:
corresponding to the differences of the
dipole strengths on adjacent panels. Due to dv2
the external flow field and the induced 4 R f(r/R) - = Cý'_ U2 - 4 vi (U vi)
velocities at the blade, points from the dtv v
separation edges move downstream and build
up the panels of the free wake which are The value of the time constant f(r/R) is
deformed in such a way that the forces on deduced from the equations for the
the wake vanish. The kinematic boundary cylindrical wake mentioned above (ECN,
condition on the blade is fulfilled in the simple prescribed wake model):
model. For further details, see ref.ll.

27r [i - (r/R) cosO] dO
Free-wake. lifting line model using the f(r/R)=2r/ [
acceleration potential (Delft University of 0 [1+ (r/R/)2 - 2(r/R) cosf]'/
Technology, Inst. Wind Energy)

The function f(r/R) equals 1 for r/R=0 (the
This code (PREDICHAT)is based on an rotor centre) and 0 for r/R=l, the rotor
unsteady lifting line theory which was edge. Hence the time constant for the rotor
originally developed for helicopter rotors centre position equals 4R/U, while at the
(ref.12). In order to modify classical rotor edge the time constant equals zero,
lifting line theory in such a way that it so that the equilibrium relations always
becomes usable and consistent under hold there. This can be seen to be a
unsteady and yawed flow conditions, a natural consequence of the cylindrical
rigorous matched asymptotic expansion vortex wake model. In fact, the only
method was applied to derive lifting line vorticity inducing axial velocity at the
theory from first principles. This was tip is the vortex in the process of being
facilitated by using the acceleration released, while at the rotor centre a large
potential for a description of the flow portion of the wake, and hence of the time
field. When this theory is applied to history, causes axial induced velocity.
rotors, analytical expressions are derived
for the complete, time varying pressure For large induced velocities, particularly
field associated with the rotorblades. As a for v./U >.5, the blade element momentum
next step the corresponding velocity field theory is not valid, the turbine operates
is found by numerically integrating the in the socalled turbulent wake state. In
acceleration of fluid particles coming from the actual implementation a model for the
far upstream and finally reaching the near latter effect is used for a > .38, where
field of the rotor. Although the Laplace the right hand side of the above
equation for the pressure field is derived differential equation is replaced by:
by linearizing the flow equations, in the
present code PREDICHAT the most important r.h.s. = Cý,_ U - 0.96 v, + 0.5776 U
non-linear effects are taken into account.
This is achieved by letting the path Differential equation model based on Pitt &
followed by the particles completely free, Peters time constants (Garrad, Hassan &
which simulates the free-wake effects. Partners, UK)
The method is computationally very
efficient, because use is made of closed This model is based on the same ideas as
form solutions for the pressure field. It the previous model.
is a free-wake method which may be run The time constant, however, is taken from
conveniently on a normal PC. For further the method of Pitt and Peters (ref.8). The
details, see ref.13. original method is on an global disc level.

For a disc of radius R the apparent mass is
Simple prescribed wake model (Energy given approximately by potential theory
Research Foundation Netherlands ECN) (Tuckerman, ref.15) as 8/3 pR2 , but is in

the present method applied on blade element
The induced velocities in both axial and level. This results in a differential
tangential direction are calculated with a equation for the axial induction factor a:
cylindrical vortex sheet model. The vortex
distribution on the cylindrical wake is 16 (r 2

3 
- r. 3 ) da a V2

obtained by the time history of the shed - -- = CY - 4a(l -a)
tip-vorticity which is related to the axial 37TU (r2 - r12) dt U2

force on the blade. With the Biot-Savart
law the induced velocities can then be In contrast to the earlier described
found. It is assumed that the wake extends differential equation model by ECN, in this
up to four rotor diameters downstream, case the time constant grows linearly with
Inputs that may be semi-empirically r (together with the area of the respective
adjusted are the axial convection velocity annuli).
and the effective diameter of the
cylindrical wake. For further details see Differential equation model with two
ref.14. different time constants (Technical

University of Denmark)
Differential equation model, with time

contant based on the simple Prescribed wake The induced velocities in axial direction
method (Energy Research Foundation are calculated with the blade element-
Netherlands ECN) momentum equations with the addition of a

time derivative of the induced velocity.
The induced velocity in axial direction This is similar to the models given above.
within an annulus of the rotor disc is TUDk however uses two differential

equations. These have the following form:
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y + 7, dy/dt = x + k. r. dx/dt flexibility of the blades. The bundle of
other lines gives an impression of the

z + r2 dz/dt = y levels found from the computational
results.

with k 0.6 and: Similar results are shown in fig.2 for the
rotorshaft torque.

~1~ = -400

(1 - 1.3 a) U

72 = (0.39 - 0.26 (r/R)') .r,

This amounts to one short and one longer 30
time scale for the decay. The time E------------

constants weakly depend on the radius of .

the blade element. The time constants are -----............
derived from an actuator disc - vortex ring 200 4
program which includes the effect of wake
expansion.

5.3. Results
Typical results of the comparisons between 0o 10 20 30 40 50
the experiments and the theoretical models
are shown in the figures 1 and 2.

800 7 Fig.2. Measured and predicted rotorshaft
-- torque. Measured data: irregular full

700 - -- line.
---- - ------- Both the measured and the calculated curves

show that there is indeed a large overshoot
of the forces and moments due to the

500 .dynamic inflow effect. The overshoot damps
. out in approximately 10 seconds which, as

400 would be expected, corresponds very roughly
to convection of the wake vorticity over a
distance of between I and 2 diameters.

300

Closer examination of these and other
2001 I . results reveals the following:

0 10 20 30 40 50 60

time[s). - the equilibrium ranges (i.e. the
difference between the equilibrium values)

Fig.l: Measured and predicted flapping predicted with the differential equation
moments at blade root. Measured data: models are consistently lower than those of
irregular full line. the measurements, while those of the wake

models compare very well with the
What is shown here is the effect of measurements.
pitching steps on several forces and
moments measured on the Tjaereborg - In contrast to this, it appears that the
windturbine. During these transients, after dynamic ranges calculated by the
an initial period the blade pitch angle is engineering models (the differential
first increased at a fast rate of approx. equation models) are in good agreement with
3.5°/s, next maintained constant for about the measured values, whereas the dynamic
30 seconds and then decreased to its ranges calculated with the free wake models
initial value at the same fast rate. The are consistently lower.
measurement period extends over a total of
60 seconds. Measured values for blade and - The differential equation models differed
shaft loads have been averaged over a mainly in the value of the time constants
number of realizations, and over the three chosen, and the variation of the time
blades in order to filter out stochastic constants with radius. These differences do
wind influences and deterministic effects not really show up in the comparisons with
such as (average) windshear and tower the measured blade loads.
shadow.

For the case discussed here the average 5.4. Discussion
windspeed was 8.7 m/s. The value of the
calculated equilibrium induction factor a = 5.4.1. One of the striking results is, that
v,/U may serve as an indication of the the differential equation methods show a
loading situation. This factor was a = 0.34 relatively poor performance as far as the
before the pitching steps were applied, equilibrium predictions are concerned. This
whereas a = 0.23 was calculated after the problem has no relation with the way in
first transient. which the dynamic effects have been

modeled. In fact, the straight-forward
Fig.1 shows the flapping moments at the application of very classical blade
blade root. The irregular full line shows element-momentum theory appears to be the
the measured values. It must be realized weak point I
that the response shown by the experimental
line includes flapping motions due to
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This observation is found in the literat re
more often (e.g. Viterna and Corrigan, 'W
ref.16). At present it is sometimes -ro
suspected that such problems might be of a
rather more fundamental nature than just
the incorrect "tuning" of for instance a
tip-correction factor.

For instance, Van Kuik (ref.17) doubts the
internal consistency of any disc-type model
of the flow, when no attention is paid to
the edges of the disc, where singularities
might occur (similar to the "nose suction"
of aerofoils or "edge suction" on
wingtips).

Apart from this there may be other t B

inconsistencies, inherent in the way these
inflow models are coupled to blade-element
theory. The momentum models as well as Pitt
and Peters's theory try to predict the Fig.3: Definition of induced velocity at P;
socalled "induced velocities" which, in sum of contributions of vortex systems A
combination with a blade-element and B.
consideration, will yield the forces on the
blade. "Induced velocity" as used in this In the case of a swept wing analogous
sense is a typical lifting-line concept. It effects, mathematically resembling the
is not a measurable physical quantity, but above unsteady effects, occur. Although not
rather a theoretical concept, originating analyzed in ref.12 and 18, from the theory
from Prandtl's classical lifting concepts it is clear that a wing relative to which
for the straight wing in steady flow. the streamlines are curved must in

principle experience similar phenomena,
It is well known that lifting line theory making the classical lifting line concepts
as classically formulated breaks down in less valid.
the case of swept wings and in unsteady
flow, among other reasons due to From this brief summary it will be clear
singularities occurring along the lifting that in unsteady, yawed or circular flows
line if analyzed correctly. In rotating the concept of "induced velocity" is more
flow, where the streamlines relative to the of a theoretical notion - though
blade are curved, no singularities occur, mathematically well defined - than a
but nevertheless lifting line theory is physical quantity that can be measured at
neither strictly valid, some place in the field.

By Van Holten (ref.12, 18) the lifting line At present it is thought that the above
theory for swept wings and for unsteady considerations deserve more attention and
flow was investigated in a more rigorous caution when inflow models of rotors are
way, using a matched asymptotic expansion used such as Pitt and Peters' or vortex-
technique. It was found that in classical tube models and conceptually comparable
lifting line theory a term is neglected ones. What is to be determined by such
which is not important for the straight models (if the calculated velocity is
wing in steady flow, but which is essential consequently used in a blade-element
in more complicated situations. method) is the "induced velocity" in the

lifting line sense, and not a real,
From the asymptotic theory it appears that physical velocity.
the complete flow field in lifting line
theory (the "composite field") should be Other models used during the above
considered as a sum of three contributions: described dynamic inflow calculations do

not suffer from these conceptual
1) The "far field", corresponding to the difficulties. The free-wake models using
contribution of the free trailing and shed flow field descriptions in terms of either
vorticity in the wake. vortex lattices or vortex particles

(refs.10 and 11) are both essentially based
2) The "near field", corresponding to the on lifting surface theory, where concepts
velocity field of a two-dimensional like "induced velocity" (in Prandtl's
unsteady profile, including its wake of sense) and "two-dimensional section
shed vorticity, characteristics" do not play a role, and do

not even have a meaningful definition.
3) The "common field", to be subtracted The third free wake method (ref.13) using
from the far field, which cancels the the acceleration potential for the field
singularities in unsteady flow, and at the description is based on an unsteady lifting
same time prevents a double count of the line theory where all the three earlier
shed vorticity near the wing. mentioned field components are correctly

taken into account.
The situation is schematically depicted in
fig.3 for the unsteady case. "Induced 5.4.2. Also disappointing is the relatively
velocity" in Prandtl's sense is the poor performance of the elaborate free-wake
difference between 1) and 3). methods, as far as the dynamic effects are

concerned. This has led to an in-depth
discussion about questions of stability,
convergence and accuracy of these methods.
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The free vortex wake models are based on an 6. VELOCITIES AND FORCES IN YAWED FLOW
exact formulation of the inviscid flow
equations. However, the numerical 6.1. Theoretical models and experiments
discretization procedure into either vortex For wind turbines yawed operation may
lattices or vortex particles warrants strongly affect load spectra of the blades
special attention. An exception to this is and shaft. The same Joule-program as
the free-wake lifting line method based on described above on dynamic inflow also
acceleration potential theory, where no covered an investigation of load prediction
discretizations of this type are necessary. methods associated with yawed flow

situations.
Such a discretization artificially
introduces singularities in the description Again measurements were performed using the
of the flowfield. Nevertheless, in a case Tjaereborg windturbine (60 meter, 2 MW).
where the position of the singularities is Additional measurements were performed on
fixed in space (linearized theory) or is windtunnel models, at Delft University of
prescribed beforehand as a function of time Technology, Institute for Windenergy.
on the basis of experiments ("prescribed
wake methods"), it can be shown that the The more elaborate free-wake vortex models
correct inviscid limit is approached when were the same as used during the "dynamic
the number of discrete vortex elements is inflow" research. These free-wake models do
increased indefinitely, not require any essential changes in order

to analyse yawed flow.
In the case of freely convecting vortex
elements ("free wake") there may occur a Simpler engineering models were essentially
computational stability problem due to the implementations of the "Pitt and Peters"
very irregular flow field associated with method (ref.8). The Pitt & Peters model is
the discretized singularities. For this a description in terms of first and higher
reason artificial desingularization (or: harmonics of the relation between dynamic
"regularization") is used in both the free- disc loads and inflow, based on an
wake vortex methods by the introduction of expansion solution of the (yawed) flow
a "cut-off" length: close to the singular across an actuator disc.
points a regular flow field is substituted
in place of the almost singular flow field 6.2. Results
near the discrete singularities. In A comparison between measurements and the
principle there is no guarantee that the prediction by "Pitt and Peter" type models
convergence characteristics are still is shown in fig.4. The figure shows the
maintained under these circumstances. contribution of the blade bending moments

to the restoring yaw moment of the
A simple test case has been used to obtain Tjaereborg turbine at 32° and -51" yaw
some insight in this question. The test angle respectively. The comparison shows
case consisted of a two-dimensional strip fair agreement, but certainly not very
on which vorticity is continuously good. Although not shown in the same
distributed in such a way that the self- figure, the results of the free wake
induction is constant along the strip, calculations show the same general
Although the test case is mathematically behaviour.
very simple and possesses an exact solution
in closed form, in some respects it is very 250 Ca.c.
demanding for the numerical solution ,=-1°-
methods. What is in fact tested is, how
accurately a numerical calculation will
predict the free convection of vorticity in 125
the edge region of the vortex sheets.

E
It was concluded that a free wake analysis
will be stable as well as convergent if "+3
care is taken that, when the grid size and
time steps are decreased, at the same time //
the cut-off lengths are reduced such that a 125 "'_/
specific ratio between all these quantities
is maintained.

The finally remaining question is then, how -250
accurate the numerical free wake analyses 0 90 IR0 270 360
are in the case of a practical choice of od"I
grid size and time step. This proves to be
the weak point. The problem is not of a Fig.4: Contribution of blade bending
fundamental nature, but is associated with moments to restoring yaw moment at 32° and
the speed and capacity of the presently -51° yaw angle. Comparison of measurements
available computers. In conclusion it can and calculations. Definition azimuth angle:
be said that in those flow regions where see fig.5.
the deformations of the free vortex sheets
are large the grid size would probably have Windtunnel experiments (ref.19) made it
to made much smaller than is practically possible to do measurements of the inflow
feasible at present. itself, at different positions directly

behind the rotor plane. Information at this
level is very important to improve the
modeling. Some data of the tunnel, the
model and the measurement setup are shown
in fig.5.
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Front view 1) The hot wires used for the flow
C.0.OBm measurements were placed in a vertical

8" position, so that the resulting velocity in
a horizontal plane was measured.
Simple skewed vortex tube models show that
in-plane induction velocities will occur,
apart from the perpendicular induction

ev velocity which is being sought primarily.
These additional in-plane velocities are
often neglected in blade-element analyses,
although they will definitely influence the
advancing-retreating blade effect.

Top view An order of magnitude estimate showed
however, that the influence of the in-plane

htr induction on the hot-wire measurements
___._-_e ___ cannot explain the noted discrepancy

between windtunnel and prediction.

2) The situation of a wind turbine rotor
is, as already stated in the introduction,
somewhat different from a helicopter rotor.
In the case of the mentioned windtunnel
tests, there was no flapping motion of the

IIHIIV blades so that the "rolling" and "pitching"
moments of the rotor were much larger than

A.1.12 usual for a rotor with flapping freedom.
Also, the shed vorticity associated with
the advancing-retreating blade effects will
be much stronger. Especially the latter
Dhenomenon is not considered in the

Fig.5: Windtunnel setup and notations. Pitt/Peters model. At present a further
investigation of these effects by

Fig.6 shows the measured axial velocity at comparison with detailed free-wake
a number of radial stations, as functions calculations is being done.
of the azimuth, for a yaw angle of 30%. The
measurements have been averaged over one
revolution of the rotor. Apart from the tip 7. THREE-DIMENSIONAL SECTION
sections (90% and 95% radial position) the CHARACTERISTICS, AS INFLUENCED BY BLADE
induced velocity appears to have a maximum ROTATION
in the "upstream" region of the disc.
contrary to theoretical predictions ! 7.1. Background of research into stall

characteristics
yaw misalignment 30 deg It is well known that the influence of

(VI • rotation on the profile characteristics of
- rotorblades may be appreciable, especially

"�A near stall. In particular the inboard parts
.� �~ - - of a rotating blade may show a much larger

"- .. C1,._ than would be expected on the basis ofS0.20 .8 • i
o. two-dimensional section characteristics.

-9 In the case of wind turbines the phenomenon
is very important for the prediction of

0 o o•performance and loads, because blade
loadings are generally high. Operational

"- 05 conditions often occur where the inboard
.- - - - -part of the blades is on the verge of

stalling or is indeed stalled, for instance
U 30 60 go 12 1 0 240 270 30 330 O when stall-regulated rotors are employed.

azimuth [deg) It was recently pointed out by Corrigan

(ref.20) that stall delay due to rotation
Fig.6: Measured axial induction is also important for the performance and
distribution, wind tunnel. load prediction of highly loaded lifting

rotors such as used in tiltrotors and
6.3. Discussion of the discrepancies highly maneuverable helicopters.
between theoretical and experimental
results. A theoretical and experimental
A number of intriguing questions thus investigation of the phenomenon was done in
remain for further research, the Netherlands, by ECN, NLR and TUD under
Several hypotheses have been put forward to a contract by NOVEM.
explain the qualitative disagreement
between the windtunnel measurements and 7.2. A boundary layer theory for rotating
calculations of the field of inflow, so far blades
in vain however. Nevertheless, the search The essential core of the research was a
for an explanation has been very fruitful, new formulation by Snel (ref.21) of the
because it was instrumental to uncover boundary layer equations on a high aspect
several effects that appear to have been ratio rotating surface similar to a
overlooked often in the literature on rotor rotorblade (for notations, see fig.7). An
flow calculations, order of magnitude analysis of the terms

occurring in the boundary layer equations
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leads to the conclusion that in attached au au 1 ap 1 aT,
flow the usual two-dimensional boundary u - + w - - - + - - + 2 n v
layer equations are recovered, exact up to as az p as p az
terms of the order Oic/r) : (chordwise momentum)
au aw
- + - = 0 + O(c/r)2  8v Ov 1 8p 1 aT (u-Or)2

as az u- + w- + +
(continuity equ.) as az p ar p az r

(spanwise momentum)
au au 1 al 1 air

u - + w - = - - - + - - + O(c/r)
2  

We see that in the chordwise momentum

as az p as p az equation a Coriolis force has appeared,
which couples this equation with the radial

(chordwise momentum) flow. Furthermore, it appears that the
radial flow terms are no longer smaller in
magnitude than the terms in the chordwise
momentum equation, and may therefore no
longer be neglected. The radial flow is
clearly driven by centrifugal forces in the

r case that u << nr, and by the radial
pressure gradient.

In the equations as they are shown, a few
V terms have been kept which are of a smaller

v order than in fact would be relevant in the
present order of approximation. Strictly
speaking, in separated flow the centrifugal

u term in the spanwise equation might be
approximated by n2 r 2 . The advantage of the
above given formulation is, that is covers

S- re both attached flow as well as separated
flow, and gives a smooth transition in
between.

Looking at the resulting expressions, the
physical explanation of the differences
between 2D stall and 3D separation on

Q rotating blades can now be understood as
follows. Significant radial flow can only
develop in regions of strongly retarded

Fig.7: Rotating boundary layer analysis, flow (with respect to the blade) such as

notations, separation regions. Flow towards the tip
develops at the suction side of the blade

If desired, one can also set up a spanwise and results in a Coriolis force in the main
momentum equation for the velocity flow direction, which acts as a favourable
component v in radial direction. One can pressure gradient. This decreases the
see from the equations above however that displacement thickness of the separated
to first order the chordwise flow is not boundary layer, leading to less decambering
coupled with the radial flow component v, and higher lift coefficients.
and the situation is essentially two-
dimensional. Apart from the physical insight provided by

the above given equations, there is also a

Furthermore, it appears that all the terms mathematical advantage in this formulation.
in the spanwise momentum equation are of In all the equations the advection operator

order O(c/r) or smaller compared with the (i.e. the non-linear left hand sides of the

chordwise momentum equation. Hence, the momentum equations) remains two-
boundary layer effects associated with the dimensional. The system of equations can
radial flow are weak. be simultaneously solved in a way which is

similar to the usual two-dimensional

In the case of separated flow, the boundary layer calculations, along

situation is different, however. Now the chordwise strips. In the boundary layer

fluid is essentially transported with the equations, the chordwise momentum equation

blade. Physically one may reason that the is coupled with the spanwise equation

chordwise pressure gradient is small through the Coriolis acceleration. In the
compared to its value in attached flow. computational procedure, this coupling term

Under these assumptions an order of can be handled in a way analogous to the

magnitude consideration leads to the term expressing the chordwise pressure

conclusion that, neglecting terms of gradient.
O(c/r)2 /3 , the relevant boundary layer
equations become as follows: The above boundary layer equations were

implemented in a 2D viscous-inviscid strong
interaction code, meaning that the

au aw chordwise pressure gradient is derived from
- + - = 0 (continuity equ.) the inviscid outer flow, while taking into
as Oz account that the outer flow is strongly

influenced by the development of the
boundary layer. The code in question was
the ULTRAN-V code, developed at NLR for the
prediction of unsteady viscous transonic
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flow about oscillating aerofoils (refs.22 computations were performed for an 18 %
and 23). thickness section, at an assumed Reynolds

number of Re = 0.5 *106 and natural
7.3. Experimental verification and results transition with a downstream limit of 50 %
Computational results were compared with chord.
experimental data, derived from ref.24. A
few results are depicted in fig.8 and 9.

-4 r/R-30 *,.' 55 % 75 %0

CP 30.41 18.12 12.94

3-2

-1

Fig.8: Experimental pressure distributions
for the rotating blade (circle) and the
non-rotating blade (cross).

NLR ULTRAN-V calculations ----- c/r= 0.09 NLR ULTRAN.V calculations ----- clr= 0.11

FFA HA T section at 55% radius c/r= 0.16 FFA HAT section at 55% radius clr= 0.16
Alach=0.15 Alpha=25 deg. --- c/r=-0.25 Mach= 0.15, Re= 0.5E6 c/r= 0.25
Re =0.5E6 Xt =0.5 chord -- -- I/r= 0.37

5.00 2.000

-Cp \ Cl .
k ~~1.750--

4.00 
L750

1.500

3.00 1.250.-

2.00 - _ O1 0

0.750
1.00 - -------- ---•

0.500

0.00 - .0.250

.01.00.1.00 al ha (deg)

0.00 5.00 10.'00 15.'00 20.'00 25.00
0.000 0.250 0.500 0.750 1.000 1.250

Fig.9: Calculated pressure distributions
for rotating blade, geometry of fig.8.

Fig.8 shows measured pressure distributions It appears that the agreement is
at several radii of a wind turbine blade, qualitatively good. Quantitatively however,
for the rotating as well as the non- there is a discrepancy, because in the
rotating case. The measurements were computation a smaller value of c/r had to
performed in the 12 * 16 m windtunnel of be taken in order to reproduce the measured
the China Aerodynamic Research and pressure distributions.
Development Centre (CARDC), using a blade
of approx. 2 m length (ref.24). Especially In future it is, among other possible
at small values of d/r it is very clear refinements, intended to better represent
that separation may be suppressed almost the three-dimensional environment. For the
completely by the 3-D rotational effects, determination of the radial pressure
Calculated results of the effect of gradient, it was until now assumed that the
rotation are shown in fig.9. The spanwise pressure gradient is proportional
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to •rf. This assumption is certainly Without any further discussion, also some
unjustified near the root and near the tip, references have been given concerning
where rapid changes in the bound recent wind turbine research on:
circulation will occur.

- simulation methods of atmospheric
Another possible improvement will be, to turbulence,
make a formal asymptotic expansion of the - dynamic stall effects, comparisons
boundary layer equations in terms of c/r, between theory and experiments,
and include the next higher order terms. - Effect of several types of blade tips on

radiated noise.
For the time being, the results of the
investigations were synthesized into a As far as dynamic and yawed inflow is
simple engineering formula. For this concerned, it is concluded that qualitative
purpose several calculations were made with understanding is reasonable. "Engineering
the ULTRAN-V code for a test rotor built models" as well as very sophisticated
and tested by the Delft University of computer methods are now available, and the
Techology equipped with a NLF(1)-0416 prediction tools have been subjected to a
aerofoil, as described in ref.25. The fair amount of experimental validation. The
computations were made for a Reynolds models are in general capable of providing
number of one million at a "corrected" useful engineering estimates.
spanwise position to account for the
earlier mentioned discrepancies between At the same time, the comparison with
test and theory. In the resulting formula, experiments has revealed that there are
similar to engineering formulae for also a few fundamental problems to be
unsteady aerodynamics or dynamic stall, a solved yet:
correction is expressed in terms of the
difference between the 2D measured - Even the most classical blade-element
liftcoefficient and the inviscid lift analyses are not always reliable, perhaps
coefficient, by multiplying this difference due to more basic, conceptual problems.
with a factor and adding to the 2D value: These problems might be related to the way

in which blade element considerations are
cl. 3D = cl,= + f. (cl,,v - c 1 .2D) usually combined with inflow models like

momentum theory, "Pitt & Peters", or
The multiplication factor f is for the time "vortex tube" models.
being only a function of c/r:

- The hope that sophisticated computer
f = tanh{3 .(c/r) 2) methods for free-wake analyses already have

improved this situation is not yet
Typical results obtained by this fulfilled.
engineering formula are shown in fig.10.

Thanks to recent theoretical work on
xl01 rotating boundary layers, a good350 0.. qualitative understanding now exists of

0000 0 stall delay. For reliable calculations to
-0 - be made, higher order terms will probably

have to be added.

250 -. _._.
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Dynamic Stall Simulation Applied to Vertical-Axis Wind Turbines

K F. Tchon
Arrow Research, 6111 Ave. du Boise, Suite 4J

Montreal (Quebec) H3S 2V8, Canada

S. Halle and I. Paraschivoiu
J.A. Bombardier Aeronautical Chair Group, Ecole Polytechnique de Montreal

C.P. 6079, Succursale Centre-Ville, Montreal (Quebec) H3C 3A7, Canada

1. SUMMARY unsteady phenomenon is characterized by dynamic delay of
The dynamic stall on a NACA 0015 airfoil performing a stall to angles significantly beyond the static stall angle and
rotation motion characteristic of Dan-ieus vertical-axis wind by massive recirculating regions moving downstream over
turbines is simulated using laminar and turbulent Navier- the airfoil surface, leading to lift overshoot, force and
Stokes solvers. The numerical results are compared with moment hysteresis as well as loss of aerodynamic damping
experimental data and show the importance of an adequate as described by McCroskey (Ref. 1). It is encountered in the
turbulence model to realistically simulate such a Darrieus wind turbine context when the maximum
phenomenon. The differences between a Darrieus rotation operational speed is approached and that all the blade
motion and a pure pitching motion are also discussed. sections exceed the static stall angle. The whole blade

operates then under dynamic stall conditions causing
2. INTRODUCTION structural fatigue, and even stall flutter leading to
Environmental concerns combined with advanced technology catastrophic failure. This phenomenon can thus become the
have made wind turbines a viable commercial option for primary limiting factor of such a turbine and must be
large-scale power production. Those modem turbines either accounted for to accurately predict aerodynamic
use a horizontal-axis of rotation, like the traditional farm performances and provide aerodynamic loading information
wind pump, or a vertical-axis, like the curved-blade Darrieus to structural dynamic codes.
wind turbine (Fig. 1). Although horizontal-axis turbines are
the most common presently, the vertical-axis design offers an An adequate numerical model cannot consider the flow

advantageous alternative due to its independence from wind evolution as a succession of steady states, as in classical

direction and its mechanical simplicity. However, this quasi-steady methods, and must be able to capture the

simplicity does not extend to the rotor aerodynamics and its unsteady aerodynamics of a vertical-axis rotor blade, and

blades can operate in a dynamic stall regime. The dynamic more particularly the dynamic stall phenomenon. Semi-

stall term refers here to the stalling behavior of an airfoil empirical models developed for helicopter aerodynamics,
when its angle of attack is changing rapidly with time. This such as the Gormont, MIT, and indicial models, can

axis of rotation

Darrieus turbine
blade-• path of the blade

section

blade' - .- -.section..- "

Wind
Wind

Fig. 1 Darrieus type vertical-axis wind turbine.

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin, Germany from 10-13 October 1994 and published in CP-552.
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significantly improve the prediction of global aerodynamic = l, -k X -* X (5)
loads in dynamic stall conditions. Although their application 2
range is essentially limited to the type of airfoil and motion VV n = (Qkx x - u.) s (6)
used in the experiments from which they were derived, these
models were successively modified to predict the where V is a constant while s and n are respectively the
aerodynamic performances of a Darrieus wind turbine (Ref. unit vectors tangent and normal to the wall. The
2). However, these models cannot predict local compatibility equation and the vorticity transport equation
aerodynamics such as the pressure distribution and help us are solved simultaneously in order to use the redundant
understand the physics of the dynamic stall phenomenon. information on the stream function to determine the vorticity
For such tasks, the computational fluid dynamics (CFD) on solid walls (Refs. 9 and 10). For multiply connected
approach is growing more and more popular with the domains, an additional condition has to be imposed on each

increasing power of computers. Several Navier-Stokes internal boundary to determine the constant ?Pb
solvers have been used to simulate dynamic stall, but most of dQ2
the studies were concerned with helicopter retreating-blade f(wou- vVw). ndC = 2AL - (7)
stall or agile fighter aircraft and have thus considered

pitching airfoils (Refs. 3 to 7, among others). However, the where 4 is the area enclosed by the internal boundary. This
physics of the flow around a wind turbine blade is condition is deduced by integrating the momentum equation
significantly different and should also be investigated, along the internal boundary and by requiring that the

pressure be a single-valued function (Ref 10). In order to
That is why a research project was initiated at Ecole avoid second order derivatives of the stream function and
Polytechnique de Montreal to develop a Navier-Stokes solver simplify boundary conditions for the pressure equation, the
able to simulate the flow around an airfoil in Darriens field pressure is computed using a modified pressure, which
motion, i.e., the combined translation and rotation motion can be related to the total pressure head (Ref 8).
corresponding to the path of a Darrieus rotor blade cross
section as shown in Fig. 1. The present paper describes the Spatial discretization is achieved by the streamline upwind
numerical simulation of the dynamic stall on a NACA 0015 Petrov-Galerkin finite element method (Ref. 11). To have a
airfoil in Darrieus motion using both laminar and turbulent better control over the node distribution, the mesh is
solvers. composed of a structured region of quadrilateral elements

only in the vicinity of solid boundaries and an unstructured
3. SIMULATION METHODS region of triangular elements everywhere else. A layer of
The governing equations of the laminar and turbulent infinite elements surrounds the domain to project the
solvers, along with a brief description of the corresponding external boundary to infinity (Ref. 12) and simple Dirichlet
algorithms, are presented in this section. conditions, i.e., 4' = w = 0, are imposed on this boundary.

Temporal discretization is achieved by second order accurate
3.1 Laminar solver finite differences in conjunction with an implicit iterative
The laminar simulation was performed by a finite element scheme. The resulting discrete system is non-linear and is
solver developed by the J.A. Bombardier Aeronautical Chair solved iteratively for each time step using a Newton method.
Group at Ecole Polytechnique de Montreal (Ref 8). This The linearized Newton systems are solved by the GMRES
solver is based on the two-dimensional incompressible minimum residual method (Ref 13) with an incomplete
Navier-Stokes equations expressed in a stream function- triangular factorization preconditioning. The resulting solver
vorticity formulation and a non-inertial frame of reference has been validated on rotating cylinders. Full details of the
rotating with the airfoil. This formulation is composed of the algorithm and its validation are given in Ref. 8.
stream function compatibility equation

v7+0 = (1) 3.2 Turbulent solver
The JA. Bombardier Aeronautical Chair Group is presently

and the vorticity transport equation working on the implementation of turbulence modeling in the
aco stream function-vorticity solver. For the present paper,

+V(ou- vVCo) = 0 (2) however, a new finite volume solver developed
at independently by the first author (Refs. 14 and 15) was used

where t is the time, v is the kinematic viscosity and u is the for the turbulent simulation. This solver is based on the two-
flow velocity vector. The perturbation stream function 4p and dimensional time-dependent compressible Navier-Stokes
vorticity o are defined respectively by equations expressed in a conservative form on arbitrary

-k x Vp-= u - u, +Qk Xx (3) moving grids. These equations can be written in the
following non-dimensional form

wo-k-Vxu+2Q (4) Q +V-V.(F- G) =0 (8)

where k is the unit vector orthogonal to the plane, x is the at
position vector, u. is the free stream velocity vector and Q is where Q is the conservative state vector, while F and G are
the angular rotation speed of the non-inertial frame of the convective and diffusive flux tensors respectively
reference. Initially, the vorticity has to be imposed and the
stream function is determined by the compatibility equation.
On solid walls, both Dirichlet and Neumann conditions, p1 F p(u - v) 1 [ 0 1corresponding to the no-slip requirement, are imposed on the Q = pu, F = pu(u - v) + pi , G = I (9)
stream function pE LpE(u - v) + pu Lu.-



8-3

where i is the unit tensor, u is the flow velocity vector, v is multiple of AtCFL. The cells are then marched at their own
the grid velocity vector, p is the density and E is the total local time steps, but they all, ultimately, reach the same time
energy. The pressure p is given by the equation of state for a level at given intervals. The temporal accuracy is maintained
perfect gas by interpolating the necessary intermediate states for

[(10) connected cells marching at different time steps.p = (7 -1)p[E -L' = (y7-1)pT (0
The resulting solver was implemented using object-oriented

where T is the temperature. The shear stress tensor 't and concepts and the C++ programming language. Object-
the heat conduction vector 0 are given by orientation facilitates the implementation of complex

S] algorithms by introducing a degree of self-awareness to the
=(p +,,) Vu+(Vu)T--iV'n 1  61) elementary programming modules. For the present solver,

(, ., these modules, called objects, are the nodes, the faces and
0 =--Y--+-.'- VT (12) the volumes of the computational mesh. Full details of the

P Pr Pr, ) algorithm and its validation are given by Tchon in Refs. 14

where y is the ratio of specific heats taken as 1.4 while Pr and 15.

and Prt are the laminar and turbulent Prandtl numbers and
are set to 0.72 and 0.9 respectively. The molecular or 4. RESULTS AND DISCUSSION
laminar viscosity u is determined through Sutherland's law In the present paper, the laminar and turbulent solvers are
while the turbulent viscosity u, is determined using the k-w used to numerically simulate the flow around a NACA 0015
model of Wilcox (Ref 16). This model was chosen because airfoil in Darrieus motion (Fig. 2). The parameters of the
it seems to give better results for adverse pressure gradient experimental study of Oler et al. (Ref. 20) were used, i.e., a
flows than other two-equation turbulence models. This tip speed ratio A = OR/ u, of 2.5 and a chord to radius of
model is also mathematically simpler and computationally rotation ratio ciR of 0.25. The experimental blade
more robust because its local formulation does not require Reynolds number Reb = p,. Rc /lu. of 67000 was used for
damping functions to integrate the transport equations the turbulent computations but a reduced value of 6700 was
through the viscous sublayer. Initially, the flow is considered used for the laminar computations. To have a better
uniform and isentropic. On solid walls, no-slip conditions, understanding of such a motion, it is interesting to consider
u-v = 0, and adiabatic conditions, VT- n = Vp- n = 0, are an equivalent pitching motion characterized by an effective
imposed. At the exterior boundary, non-reflective conditions flow velocity vector that is the resultant of the blade velocity
are constructed from local one-dimensional Riemann vector and the wind velocity vector (Fig. 2)
invariants as described by Jameson and Baker (Ref. 17). u. = u. - 2k x R (13)

Spatial discretization is performed by an upwind cell- Fig. 3 presents the evolution of the effective flow velocity
centered finite volume scheme on the same type of hybrid modulus u, and angle of attack a. in function of the azimuth
mesh as the stream function-vorticity solver. Quadrilateral 0, as well as the evolution of the corresponding effective
cells are used wherever steep one-dimensional gradients are Reynolds number Re, = p,,u, c 1,u,. seen by the airfoil. As
expected, such as in boundary layers, because they are better shown on this figure, the airfoil spends a substantial fraction
suited for high stretching ratios. Elsewhere, triangular cells of the period at an effective angle of attack much superior to
are used to efficiently control the mesh density, particularly the static stall angle and is thus undergoing deep dynamic
on complex geometries. The upwind scheme is an extension stall. Note also that the effective Reynolds number has a
to moving grids of Roe's method that intrinsically satisfies maximum value of 93800 when the blade Reynolds number
the geometric conservation laws (Ref. 18). Temporal is set to 67000. Such a Reynolds number, combined with the
discretization is performed by backward Euler differencing rapid motion of the airfoil, leads to non-negligible
and the solution is advanced in time using an explicit turbulence, particularly in the wake, and justifies the use of a
scheme. The major disadvantage of such a scheme is that the turbulent solver.
maximum allowable time step is limited by a CFL-like
stability condition. For each cell, the maximum allowable
local time step AtCFL is computed by taking into account the
characteristic wave propagation speed as well as the
characteristic diffusion speed. The maximum allowable - 0 =0° or 3600
global time step is then taken as the minimum value of the -- k x R,
local time steps AtOL. It is thus controlled by the smallest " •
cells of the computational mesh and can become excessively
small for high Reynolds flows that require severe node R,/c R
clustering near solid walls. One way to alleviate this u. 0=900 270'
problem is to march the solution in each cell at the maximum - ---..--.---

allowable local time step. However, this procedure is not
time accurate and is only used to accelerate the convergence
to a steady state. To simulate an intrinsically unsteady 'rotation disk
phenomenon such as dynamic stall, a time accurate local
stepping has to be used. In the present solver, we use such a 0 = 1800
procedure recently introduced by Kleb et al. (Ref. 19) and
called temporal adaptation because of its similarity to spatial
adaptation by grid embedding. In this procedure, each cell is
assigned a local time step equal to the closest power-of-two Fig. 2 Darrieus rotation motion.
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evolution of the normal and tangential force coefficients,
5CN = 2FN / puc and C. = 2FT / p~u'c respectively, is

4 F presented in Fig. 5. Note that a positive normal force F,
acts radially outward and a positive tangential force F, acts

U__ 3 in the direction of motion of the airfoil. During the first or
u. 2 upwind half rotation, dynamic stall occurs in the interval

1 25°<0<195°, corresponding to ae =-7°--23°-9°, on

0 .. ........ .. the inner surface, i.e., the surface located inside the rotation
0 90 180 270 360 disk. During the second or downwind half rotation, dynamic

30 stall occurs in the interval 230°_< 0 360% corresponding to

20 ae =220 -23*- 0, on the outer surface, i.e., the surface
10 located outside the rotation disk. This dynamic stall
a 0 generates multiple alternating leading-edge and trailing-edge

vortices, causing the peaks in Fig. 5, and stalling conditions
-10 prevail over most of the rotation. Since the flow velocity
-20 relative to the airfoil varies not only in direction but also in
-3 9 0 magnitude, there is a significant variation of the vortex

-0 90 1 160 . 70 ma36e0iicn arao
strength and velocity. The unusually great number of shed

100,ooo0 - vortices is simply a direct consequence of the duration of the
8o,0o0f stall phenomenon and the variation of the vortex velocity.

Re 60 For reference only, we also plotted in Fig. 5 the experimental
40,000 =700 data of Oler et al. (Ref 20) obtained for a blade Reynolds
20,000 Re= -67oo number of 67000, i.e., 10 times higher than the

o0computational one and for which the turbulence effects are
0 90 270 360 no longer negligible. Curves obtained from both pressure

0. and strain gage measurements are presented, giving thereby a
bound on the experimental error caused by an insufficient
number of pressure sensors, play in the drive train and slight

Fig. 3 Evolution of the effective velocity, angle of twisting of the blade. The computed normal force seems to
attack and Reynolds number forA = 2.5. loosely follow these experimental curves but its evolution

presents multiple peaks caused by stall vortices that do not
appear in the experiments. This discrepancy is typical of

The computational mesh for the laminar case was composed
of a structured region of 3120 quadrilateral elements around
the airfoil, an unstructured region of 10308 triangular
elements elsewhere and a layer of 20 infinite elements
located at 80 chords from the mesh center (Fig. 4). The
airfoil surface was covered by 260 elements with a minimum
thickness and length of 0.0002c and 0.0003c respectively.
Note that the square trailing-edge of the NACA 0015 airfoil
has been rounded in order to avoid sharp gradients at this
location. For the turbulent case, the mesh was essentially the
same except for the location of the first nodes off the wall.
In order to guarantee a good mesh resolution in the viscous
sublayer, these nodes were placed at an average
y+ = y(p r),u of 1.0, where y is the normal distance
from the wall and rT, is the wall shear stress. The Darrieus
motion was simulated by decentering the airfoil from the
center of the mesh by a distance R and simply performing a
rigid body rotation of the mesh about its center at an angular
speed 92. The laminar stream function-vorticity solver
computes the solution in the non-inertial frame of reference
rotating with the mesh while the turbulent solver computes
the solution in the fixed inertial frame of reference.

4.1 Laminar flow
Using the laminar stream function-vorticity solver and a
blade Reynolds number of 6700, the flow was computed
from rest up to a non-dimensional time t u. / c of 10.08,
corresponding to one complete rotation. The implicit time
step was fixed at 0.0014 to be able to follow the flow
evolution correctly. A detailed description of the results can
be found in Ref 8 and only the features relevant to the
comparison with the turbulent case are presented here. The Fig. 4 Computational mesh.
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c. The bubble bursts and generates a leading-edge vortex at
- aminar computations 0 = 80* while the trailing-edge reverse flow has only
o strain gage measurements (Ref. 20) progressed up to mid-chord.
* pressure measurements (Ref. 20) d. The leading-edge vortex reaches mid-chord at 0 = 100*

20 and passes over the trailing-edge at 0 = 1200, generating
thereby a trailing-edge vortex. A secondary leading-edge

10 vortex can also be spotted as the main leading-edge
CX o0 vortex progresses downwind but it is much smaller in

intensity.
-10 e. The reattachment of the boundary layer starts at 0 = 1400

and is completed at 0= 170'.
0290 180 270 360

Similarly, from the analysis of Fig. 8, the history of the
5• dynamic stall on the outer surface of the airfoil during the

2.5 downwind half rotation can be decomposed in the following
C..... . ... stages:

a. A very mild reverse flow at the trailing-edge starts to
-2.5 progress upwind and a leading-edge reverse flow bubble
-s5 fappears at 0 = 200*.

0 90 180 270 360 b. The bubble bursts and generates a leading-edge vortex at
0* 0 = 210' while the reverse flow has progressed upwind

only 10% of chord from the trailing-edge.
c. The leading-edge vortex reaches mid-chord at 0 = 250'

Fig. 5 Laminar case - Evolution of the normal and and passes over the trailing-edge at 0 = 2700, generating
tangential forces. thereby a trailing edge-vortex.

d. The reattachment of the boundary layer starts at
comparisons between laminar computations and turbulent 0 - 2800 and is completed at 0 = 3500.
experiments and was also observed in Refs. 3 and 7. In
laminar computations, the boundary layer has less energy and Note in Figs. 7 and 8 that two peaks can be spotted at the
separates at lower angles of attack. The vorticity is then trailing-edge in the wall pressure and friction distributions
shed in a succession of small vortices over a long period of outside the separation regions, i.e., at 0 = 2700 on the inner
time instead of a big vortex over a small period of time as in surface and at 0 =1200 on the outer surface. These peaks
the turbulent experiments. This qualitative comparison correspond to the acceleration of the boundary layer caused
confirms that turbulence changes the flow structure and by the formation of the trailing-edge vortices during the
stresses the need for turbulence modeling, separation on the opposite surface.

4.2 Turbulent flow Thus, although the k-w model was designed for fully
The turbulent simulation was performed at the same blade turbulent flows and not for combined laminar, transitory and
Reynolds number of 67000 than the experiments. Since turbulent flows as in the present case, it, nonetheless,
these experiments were conducted in water, the free stream significantly improves the results by comparison with the
Mach number had to be limited to 0.1 to minimize laminar computations. More precisely, the separation starts
compressibility effects in the turbulent solver computations, later and the flow stays separated for a shorter period of
Due to the rotation motion, the corresponding Mach number time, resulting in the generation of only one pair of
on the airfoil surface is around 0.25. The resulting flow contrarotating leading-edge trailing-edge vortices during each
stays subsonic during the whole rotation with a maximum half rotation, as observed in the experiments (Ref. 20). This
Mach number around 0.7 near the leading edge. Starting improvement can also be seen in Fig. 9 that compares the
from rest, the flow was computed up to a non-dimensional computed normal and tangential forces with experimental
time of 20.16, corresponding to two complete rotations, but data. The maximum absolute values of the computed normal
the results are presented only for the second rotation. The force are reached when the leading-edge vortices pass mid-
explicit time step was limited to an average value of chord, at 0 - 1000 and 0 =2500, and these values match the
4.45x 10-6 by a CFL-like condition. To illustrate the flow experimental peaks of 16.0 and 10.0 respectively. The stall
structure, the evolution of the computed non-dimensional following each of these peaks seems more severe than in the
vorticity k" V X u c / u, is presented in Fig. 6. The evolution experiments but its duration matches overall the
of the wall pressure C, = 2 (p.u - p. ) / pu', and friction experimental stall intervals of 100°-< 0<5140%
Cf = 2r -r / pu2_ distributions, presented in Figs. 7 and 8, corresponding to a, = -20*- -23*, on the inner surface and
shows the formation of the stall vortices and their trajectory 265:50:5<290', corresponding to a, = 180' 230, on the
on the airfoil surface. From the analysis of Fig. 7, the history outer surface. The comparison of the computed and
of the dynamic stall on the inner surface of the airfoil during experimental tangential forces is, however, less conclusive
the upwind half rotation can be decomposed in the following because, as indicated in the experimental study (Ref. 20), the
stages: measurements of this component are much less accurate.

a. A reverse flow at the trailing-edge starts to progress Finally, it is interesting to point out the differences between
upwind at 0 = 300. the dynamic stall on an airfoil in Darrieus motion and the

b. A leading-edge reverse flow bubble appears at 0 = 600. dynamic stall on an airfoil performing an equivalent pitching
motion based only on the variation of the effective angle of
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Fig. 6 Turbulent case - Evolution of the vorticity field from 0 = 50 to 360' (from top to bottom and from left to right
with 50 between each frame).
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to convect the wake away from the airfoil: the vortices move
- turbulent computations away faster and the stall is shorter. That is why the complex

strain gage measurements (Ref. 20) flow around a Darrieus vertical-axis wind turbine blade
* pressure measurements (Ref. 20) should be simulated by an airfoil performing a full rotation

20 motion and not a pure or combined pitching motion.

10.o5. CONCLUSIONS

CV 0 ,, The dynamic stall on a NACA 0015 airfoil in Darrieus
rotation motion has been numerically simulated using two

-10 -Navier-Stokes solvers and the results were compared with
-20 ....... I experimental data. The first solver assumed laminar flow

0 90 180 27t 360 and predicted a premature boundary layer separation and the
5 generation of a succession of alternating leading-edge

trailing-edge dynamic stall vortices that were not observed in
2.5 the experiments. This discrepancy is typical of comparisons

S*between laminar computations and experiments conducted in
Cr 0 turbulent conditions, stressing the need for turbulence

-2.5 modeling to realistically simulate dynamic stall. The second
solver used a k-w turbulence model and faired much better.

-5 ..., ... .. . . .t. . . .. .
0 90 180 270 380 The dynamic stall occurred much later than in the laminar

0° case and was initiated by a reverse flow progressing upwind
from the trailing edge followed by a burst of a reverse flow
bubble at the leading edge. This stall generates only one pair

Fig. 9 Turbulent case -Evolution of the normal and of contrarotating leading-edge trailing-edge vortices during
Fing.ntl 9 frb tcase veach half rotation as in the experiments and the computed
tangential forces. normal force fairly matched the experimental data.

attack a,. Firstly, such a pure pitching motion is not able to The analysis of the results also showed the distinct features
take into account the variation of the effective flow velocity of the Darrieus motion compared to a pitching motion, i.e.,
and Reynolds number that results in a much higher peak in the variation of the effective flow velocity and Reynolds
the normal force, indicating a stronger stall vortex, during number seen by the airfoil and the asymmetry of the wake
the upwind half rotation than during the downwind half. convection during the upwind and downwind halves of the
Secondly, the flow structure generated by a rotation motion is rotation.
different from the flow structure resulting from a pure
pitching motion or even a combined pitching and fore-and-aft Finally, although the flow conditions considered in the
motion that would take into account the velocity variation, present study are not typical of actual turbines, the chord to
This is best illustrated by the asymmetrical convection of the radius ratio being too high and the Reynolds number being
stall vortices during the two halves of the rotation (Fig. 10). too low, the turbulent solver showed its potential for the
During the upwind half, the wind tends to convect the wake prediction of the dynamic stall phenomenon. The next step
towards the airfoil: the vortices stay near the airfoil and the in the development of this solver will be the automatic
stall lasts longer. During the downwind half, the wind tends spatial adaptation of the computational mesh.
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STALL HYSTERESIS AND 3D EFFECTS ON STALL REGULATED WIND TURBINES:
EXPERIMENT AND MODELLING

H.A. Madsen, F. Rasmussen
The Test Station for Wind Turbines

Riso National Laboratory
Roskilde, DK-4000

Denmark

1. SUMMARY implemented stepwise, from small 15-30 Kw machines in the
beginning and til todays prototype machines in the range of

The stall regulation is used for control of maximum power 700-1500 kW rotor power and a rotor diameter from 50-60
and loads on a major part of wind turbines today of sizes up m.
to 50-60 m in diameter. Operation with the blades partially So far, the general experience has been that the dynamic
or fully stalled is for this type of machines a part of their loads do not increase dramatically during operation in stall
normal operating regime. Aeroelastic calculations below stall and that a properly designed stall regulated rotor can limit
using 2D airfoil data give satisfactory results but in stall and the power output effectively above the design wind speed for
above stall the calculations indicate self excited flapwise maximum power. On the other hand, aerodynamic perfor-
vibrations. Fortunately, they are not in general confirmed by mance predictions and aeroelastic loads predictions are

measurements. This discrepancy seems to be due to dynamic generally quite uncertain for operating conditions in stall and
stall effects and the 3D airfoil characteristics for the rotating post stall. Shortly, it seems that the use of two-dimensional
blade. Such airfoil characteristics have been measured on a (2D), steady airfoil sectional data which are based on wind
19 m stall regulated rotor and the deviations from 2D data tunnel measurements are not adequate for use in calcula-
are considerable. High normal force coefficients are mea- tions in stall and post stall.
sured at the root end and the lift curve has no negative slope One of the first experimental evidences of the deviation
up to 25-30 deg. angle of attack. Considerable stall hysteresis between on-rotor three-dimensional (3D) airfoil data and 2D
has been measured in normal operation and in particular data was presented by Rasmussen [1]. On the basis of
during yawed operation. Measurements in a 4x4 m wind measurements of the flapwise blade bending moment at
tunnel on the same blade has been carried out in order to different radial positions along the blade span and measure-

determine the airfoil characteristics without the influence of ment of the total rotor thrust, a 3D airfoil data set was
rotation. This comparison indicates that rotational effects are derived for the blade. A considerable variation of the airfoil

of some importance for the discrepancy between 2D and 3D characteristics along the blade was found with high normal
data. A CFD calculation on a simplified model of a rotating force coefficients CN at the root.
blade and at a low Reynolds number indicates that rotation These observations initiated in 1987 a more detailed experi-
does reduce the thickness of the separated boundary layer, mental investigation of the local airfoil characteristics on a
resulting in an increased lift. Although the use of a stall full scale stall regulated rotor Madsen [2] and key results
hysteresis model in aeroelastic calculations generates damp- from this work will be presented in the present paper. In the
ing and eliminates the selfexited vibrations, the problem still same period experimental programs with the same main
is to predict dynamic stall events, which have the correct subject "study of the on-rotor airfoil characteristics" were
power spectral characteristics, initiated in different countries, Butterfield [3], Ronsten [4],

Hales [5] and Bruining [6]. So, a number of sources with
experimental data on 3D airfoil characteristics are available

2. BACKGROUND/INTRODUCTION today and it should be mentioned that presently a project is
ongoing within the International Energy Agency (IEA) which

From the beginning of the development of modem wind aims at collecting some of these data in a common data

turbines in the late seventies, two different development base.
paths for the regulation of maximum power and blade loads The present paper will focus on the characteristics of the 3D
have been followed. The first one is the pitch regulation data and stall hysteresis, and ongoing research at Riso on
principle, where the incidence on the blade at high wind is exploring these phenomena will be presented.
controlled by pitching the blade towards feather.
Stall regulation is the other main principle and the maximum 3. STALL REGULATION
rotor power and blade loads are here limited by a proper
stall along the blade. The typical design layout of a stall regulated wind turbine is
However, during the past there has been considerable a three-bladed rotor with a fixed hub and connected to an
concern about the applicability of the stall regulation princi- induction generator through a gearbox. This gives an almost
ple due to the fear for self exited blade vibrations during constant rotational speed and for increasing wind speed the
operation in stall. This concern has had a clear impact on the effective angle of attack at the blade will increase with
development in the way that stall regulation has been highest slope at the inner part of the blade due to the

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin, Germany from 10-13 October 1994 and published in CP-552.
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relative low tangential velocity of the blade in this region, moment and the simulation is based on a state-of-the-art
Figure 1. At a certain wind speed the stall angle for the aeroelastic code developed by Petersen [9].
airfoil will be reached and the blade will be stalled progres- It is clearly seen that the blade is going into self exited high
sively over a wider part for an increased wind speed. flapwise vibrations (stall induced vibrations) causing high
The optimal characteristics of the power curve for a stall blade bending moments when compared with normal
regulated rotor is a steep slope before stall and a constant operation in the beginning of the time series. The reason for
power for increasing wind speed above stall. The measured the stall induced vibrations is found by looking at the

power curve for a 37 m diameter rotor depicted in Figure 2 instantaneous CL as function of the angle of attack (a)
has such good characteristics. The blade planform and twist during the simulated time interval, shown in Figure 4.

are important parameters for the stalling characteristics, but It is seen that during the simulated time interval the CL
the airfoil type and its characteristics is the most crucial (shown for the mid part of the blade) is in a region where
factor. Typical airfoil families used are: NACA 44XX, the slope of the CL vs. a curve is negative. This results in a
NACA 6 3 n-2 nn, NACA63n-4nn and more recently airfoils, negative aerodynamic damping for the flapwise vibrations of
designed specifically for wind turbines; the SERI airfoils the blade and the amplitude will increase gradually unless the
Tangier [7] and the FFA airfoils Bj6rck [8]. structural damping is high enough to limit the vibrations at
Contrary to the limited rotor power, the blade flapwise mean some stage.
loads will continue to increase as function of wind speed However, with a few exceptions the stall induced vibrations
after stall, however with a lower slope than before stall. Also are not confirmed by measurements on stall regulated rotors.
the stochastic part of the flapwise loads will increase by This fundamental question has initiated much research effort

operation in stall and deep stall but in most cases not on the aerodynamics of the stall regulated rotor.
dramatically. As mentioned in the introduction, concern has STALL INDUCED VIBRATIONS O A 600 kW ROTOR

been on the possibility of high stochastic loads during 600

operation in stall and deep stall, emerging as stall induced
vibrations. I2
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Figure 2. Measured power curve of a stall regulated Figure 4. The CL as function of angle of attack for the time

rotor. series shown in Figure 3. The two parameters are

for the mid span of the blade.

3.1 Stall Induced Vibrations
The result of a short time series aeroelastic simulation of a
stall regulated rotor operating at a wind speed between 15 -

20 m/s is presented in Figure 3.
The parameter shown is the blade root flapwise bending
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4. OBSERVATIONS ON ROTOR AERODYNAMICS be mounted on balances, attached to the main spar in the
blade as shown in Figure 5. The segments, each 0.5 m in

A number of experimental programs with the main objective spanwise width and with NACA 63n-2nn airfoils, are located
to get insight into rotational airfoil characteristics, have been close to the root of the blade, at the mid span and at the tip,
carried out in various countries during the last 5-8 years. respectively, as illustrated in Figure 6. Accelerometers
Surface pressure measurements on a rotor have been made mounted at the base of the balances are used for subtracting
by Butterfield [3], Ronsten [4], Hales [5] and Bruining [6]. the inertia force component of the total force signal from the
Integration of the pressure data has provided the basis for balance.
deriving the lift and drag characteristics at different spanwise For measurement of the inflow relative velocity vector W, a
stations on the blade. five hole pitot tube is mounted on a pipe about one chord

length in front of the leading edge of the blade section,
immediately outboard of the actual segment, Figure 6.
Finally it should me mentioned that the turbine can be run
at two different rotational speeds, 36 rpm and 47 rpm.

4.1 3D Airfoil Characteristics
3D airfoil data is in this paper defined as airfoil data on a

i/ rotor contrary to 2D data which could either be measured as

sectional data in a wind tunnel or computed on basis of an
airfoil code.
The measured CL CD curves as function of local angle of
attack a, are shown in Figures 7 and 8 for the mid and root
segment, respectively.

Figure 5. The principal layout of the test blade. 2. BACE SEGMENT 2 (6E RADIUS)T(O2 AHICSN.

SC PROTOR PAS.

SC! 20 WIN TUNNEL.
2. WIN TUNNEL, _

2.._________
.. . . ... . .• . . .... .....

-0.0SL 1
-S 0. 22 F.0 10.0 12S.2 20.0 222 223.0

ANGLE OF ATTACIK (DEG.)

Figure 7. Measured CL CD vs. local angle of attack a1

curves on the mid span of the blade.

BLAOE SEGMENT 1 (37 R RADIUS) (21 THICKN.)

2.2-

='C ROTC2 EAO.
SC• OO ES .. ROTOR EAS.

SC 20 ((INI TLMEL!

2.0

-2 .0 A e 5.0 12.2 12.O 202. 22.2 3C.0
ANGLE OF ATTACK (DEG.)

Figure 6. The test blade installed on the 19 m diameter Figure 8. Measured CL CD vs. local angle of attack a1
wind turbine. curves at the root of the blade.

At Risoe, a different technique has been used for a full scale A discussion of the angle of attack measurement with a pitot
19 m diameter stall regulated rotor, Madsen [2]. One of the tube and its interpretation is included in the main report on
blades has been rebuild so that three blade segments could these measurements, Madsen [10]. Several possible correc-
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tions of the measured local angle of attack a, can be argued. Figure 9 is shown a time trace of the measured angle of

At this point is just noted that the only correction introduced attack and relative velocity on the mid part of the blade for

to the measured a, is the addition of a constant a0. The the turbine in normal operation. Considerable variations in
constant was determined from comparison of a computed both parameters are seen and this is due to an instantaneous

rotor power curve as function of effective angle of attack ae yaw error, wind shear, tower shadow and rotational sampled

at the pitot tube, using a blade element momentum code, turbulence. It can also be seen that a, and W1 typically are
with the corresponding measured power vs. a1 curve. To get in counter phase.

coincidence between these curves below stall a value of a0  In Figure 10 is shown the power spectrum of the measured

equal to -10 was determined. stochastic part of a1 during normal operation at 10.9 m/s.

The measured CL CD curves are compared with 2D wind Most of the energy is centered around 0.8 Hz which corre-
tunnel data of Abott and Doenhoff [I1] for similar airfoils, sponds to the lp for the rotor (operating at the high rota-

NACA 632-215 in Figure 7 and NACA 634-221 in Figure 8. tional speed, 47 rpm.). However, smaller peaks are also seen
The wind tunnel data are for a Reynolds number (Re. no.) at frequencies corresponding to 2p, 3p and 4p of the rotor.

equal to 3 million while the Re. no. of the rotor data is 1.3 The reason for the energy of the spectrum being centered

million for the mid blade segment and 1.1 million for the around lp, 2p etc. is the so-called rotational sampling of the

root segment (operation at the low rotational speed of 36 turbulence Kristensen and Frandsen [12] which is an impor-

rpm). tant phenomenon for the stochastic loading of the rotor.

Considerable deviations are seen when comparing the 2D For comparison is also shown the spectrum derived on the

and 3D data. The type of stall is quite different in the two basis of a simulated three-dimensional turbulence wind field

data sets as the 3D lift curves have no negative slope up to using the model of Mann [13]. A good correlation is found
a, about 30 deg. The post stall values are much higher for between the measured and simulated spectrum of a and this

the 3D data, in particular for the root section. However, for also holds for the spectra of the relative velocity, Kretz et al.

this section the drag values are also much higher than the [14].

2D values in the post stall region. The deviations below stall
are expected mainly to be due to the interpretation of the PS0 OF ANGLE OF ATTACK ON ROTATING BLADE AT 70 RADIUS

measured a,. For example, the lower slope of the 3D CL 100
curve in Fig. 7 could be due to some influence from the SPECTRUM ONLY OF THE SrocHAC PART

upwash of the bound circulation on the blade. Of course, the WIND SPEED 10.9 n/s

same uncertainty due to the interpretation of a, must be
expected in the stall and post stall region, but if it is assumed

of the same magnitude as below stall it would not change the
general tendency in the deviations between the 2D and 3D -

data. 0.1

V)

4.2 Unsteadiness of the inflow 0.01
A part of the basis for understanding the aerodynamics of a PITOT MEASUREMENT

rotor operating in turbulent wind conditions is the knowl- 3D TURBULENCE SIMULATION

edge about the unsteadiness of the inflow seen by the .5 (.ND
Frequency (Hz)

rotating blade. The axial component u of the turbulent wind
will mainly give variations in a on the blade. On the other Figure 10. Power spectral density of the stochastic part

of the angle of attack for operation at 10.9
35.0 om/s.

RELATIVE VELOCITY

S4.3 Stall Hysteresis

The unsteadiness of the inflow as described above will

influence the aerodynamics of the rotor and unsteady effects

•20.0 LOCAL-AN"OFATTA( ^ such as dynamic stall must be expected to be important for
the dynamic loading of the rotor. Typical values for the

15.5 reduced frequency, k=(.c/2V are 0.05 - 0.2.
Stall hysteresis measured on the mid segment of the blade
during normal operation and in 300 yawed operation,

14D 144 14. 152 1•. S 1A respectively, measured on the mid segment of the blade is
TIME bo.

shown in the Figures 11 and 12. The figures reflect that even
Figure 9. Variations in angle of attack and the relative for normal operation, considerable stall hysteresis can occur.

velocity during normal operation. For yawed operation, the loops become more regular, and

this is because the variations in a and W then are more

hand, the horizontal component v causes variations in both harmonic.
a and the relative velocity W because the rotor cannot follow

the rapid changes in the wind direction. This means that the 5. ANALYSIS OF THE PHENOMENA
rotor in most of the time operates with a yaw error ranging

from a few degrees and momentarily up to 20 - 30 degrees. Two main conclusions on the observations described above

The measurements with the pitot tube on the rotating blade in Section 4 can be made; 1) the 3D data measured on a

have provided detailed insight into this unsteadiness.In rotor operating in real turbulent wind conditions deviate
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2.0 __element/momentum theory and coupled with a stall hystere-
OUASI STE DY CN sis model; 2) a multi-degree-of-freedom structural dynamics

- INSTANTA O$S CN DU ING model and 3) a three component turbulent wind field
2.,,, - NPMA1 M• PAT TCN

simulation model as e.g. Mann [13].

1.50- 5.1 The Phenomena

The characteristics of the 3D on-rotor data are both due to

1.0 3D effects and unsteadiness of the inflow. Harris [14] lists

the following five parameters that should be considered when
0.60 •studying 3D effects (equivalent to spanwise or radial flow

effects):

0.0076
00 5.0 10.0 15.0 20.0 20.0 the potential

LOCAL ANGLE OF ATTACK (DEG) - outer flow
- chordwise pressure distribution

Figure 11. Measured stall hysteresis on the mid segment - sparwise pressure distribution
of the blade during normal operation. (The - spanwise pressure distribution

same time interval as in Figure 9) - the coriolis force field

For the stall regulated wind turbine rotor the following
parameter is assumed also to be important:

2.50 - interaction between stalled and attached flow regions

2.00 _____In the on-going research at Riso to analyze and explore these
phenomena, different tools are used comprising the de-
scribed on-rotor measurements, wind tunnel experiments and
CFD.

1.00 5.2 Wind Tunnel Measurements
To get insight into the influence of rotation on the aerofoil

OUASI ST DY CN2 data, the blade with the three separate blade segments as de-
"INSTANTAN OUIS CN scribed in section 4 has been tested in a wind tunnel. TheIN YALOD :ONDITION

e.oo wind tunnel is of the return type and has a 10 x 7.5 x 7.5 m
0 0.0 10.0 15.0 20.0 25.0

LOCAL ANGLE OF ATTACK (DEG) test section with a jet of 4x4 m blowing through. The blade

Figure 12. Measured stall hysteresis on the mid segment was mounted horizontally on a rig outside the test section

on the blade during yawed operation. with the segment mid on the blade centered in the jet.
Measurements were carried out at a tunnel speed around 30
m/s corresponding to a Re. no. of 1.6 million. This is a little
above the field test Re. no of 1.3 million. The blade was
instrumented as during the field tests and with the five hole

considerably from 2D data measured under steady conditions pitot tube. A measurement of the blade pitch was carried
and 2) the unsteadiness of the inflow is high enough to out in parallel in order to validate the pitot angle measure-
trigger unsteady effects such as stallhysteresis. Concerning ment.
the deviations between 3D and 2D data they can be summa- Both static and dynamic pitch tests were carried out. In the
rized as; 1) an increasing 3D CLmax towards the root of the static tests, a was held constant in a time interval of 5 - 10
blade; 2) the 3D post-stall CL values are higher than the 2D seconds before change to the next step. Other static tests
data and 3) the character of the CL vs. a curve in stall and were carried out with a very slow continuous change of a. A
post stall is different in the 3D data as almost no intervals comparison of the CN curves measured in the windtunnel
with negative slope is found. General speaking, it seems that with the 3D CN curve measured on the rotor is shown in
the different measurement programs [3] - [6] mentioned Fig. 13. Two CN curves from the wind tunnel measurements
above give results which can confirm these main findings. are presented, the one as function of a from the pitot tube
The issue that naturally follows is then to analyze and and the other as function of a from the blade pitch angle
explore the phenomena behind the 3D data and stall measurement. It is seen that there is a rather good correla-
hysteresis. Then to use this knowledge to derive simple, tion between the two methods of measuring the angle of
engineering models that can describe the phenomena attack.
satisfactorily and can be coupled to aeroelastic models. Comparing the wind tunnel data with the rotor data the
At the present stage aeroelastic computations on wind main deviations are found in the post stall region where the
turbines can be carried out with satisfactory accuracy below 3D CN curve exceeds the wind tunnel data with 10 - 20 %.
stall whereas above stall the results are uncertain. This is Also the form of the curves are somewhat different in this
mainly related to the lack of proper models for dynamic stall region.
and 3D aerodynamic effects. The main parameter causing this deviation is assumed to be
A state-of-the-art aeroelastic code for wind turbines such as the influence from the rotation (centrifugal- and corriolis
the one developed by Petersen [9] has three main elements; forces) although differences in flow unsteadiness and the
1) an aerodynamic part based on strip theory or blade
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2.00 probably small because the particular section is mid on the
CN WIND TUNNEL (PITCH EAS.) blade where the blade twist is small.To get more detailedSCN ROTOR rEA:;. ( PITOT)

- CN kIND TUNNEL (PITOT) insight into the stall and post stall region of the wind tunnel
measurements, the data are shown in Figure 14 as binned
values over a short time. Two distinct levels for CN in the

post stall region are clearly seen, with the high level closer to
zi.eo •the values from the rotor measurements. The high level is

probably a stage where a suction peak still exists at the
leading edge whereas the lower level corresponds to leading
edge separation. The parameter(s) which trigger the jump

between the two levels have not been identified uniquely but
0 ..... o..0 2.0 it could be due to a laminar separation bubble very close to

o. e . ANGLE OF ATTACK1(DEG.C 20.) the leading edge. During the rotor measurements there are
indications of the two levels but over a much shorter a

Figure 13. Comparison of CN curves for the mid seg- interval. The general experience with rotors having these
ment oftheoblade.r Win measure-ents, respeairfoils is that different levels are often found both in the

power curve and in the flapwise blade root bending moment

curves,
Oscillating pitch experiments were carried out in order to
study the stall hysteresis. The pitch activation was done by
hand and thus neither pure sinusoidal, nor completely

2._ _ 00 constant in amplitude. Data from a run with a 1 Hz oscilla-
tion corresponding to k =0.07 and with an amplitude of
approximately +-5 deg at 5,10,15,20,25average pitch angle
is shown in Figure 15.

zt " •Presently, three different CFD codes at Riso are used to
analyze and explore the wind turbine aerodynamics. The first
one is a 2D code based on the vorticity/streamfunction
approach, Christensen [15], the second is a 2D/3D finite

.. NWIND TUNNEL (PITDT) volume code , Sorensen [16], and the third one is the
commercial code FIDAP which uses the finite element

ANGLE OF ATTACK (DED.) discretization principle.

Figure 14. The data from the wind tunnel tests binned
over a short time interval.

2 .00-

1. 60

0.5.
0.00]•

0, e ' .. .. .. . 0.. .... . 0 .... a

PITCH ANGLE OF ATTACK (DEC.)
Figure 16. The grid used for the computations. The

Figure 15. Stall hysteresis loops measured during 1 Hz chord length is 1.0 and the spanwise length

pitch oscillations in the wind tunnel. Ampli- is 10.0. Axis of rotation is the y axis.
tude +- 5 deg at 5,10,15,20,25mean angle
of attack and a reduced frequency k = 0.07.

CFD calculations have been applied both on the overall

spanwise pressure gradient between the wind tunnel and the rotor flow as well as on the flow over a single blade/airfoil,
rotor measurements can have some influence. The unsteadi- Madsen [17].
ness in the wind tunnel experiments were mainly due to In principle two types of calculations are carried out; 1)

flapwise vibrations of the blade which was supported at both turbulent flow computations at the full-scale Re. no. which

ends. The influence from the spanwise pressure gradient is typically is 1-4 million.; 2) laminar flow calculations with Re.
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no. in the range from 1000-50000. 16. The computations were carried out, respectively, with
The first type of calculations have so far been used only on and without the influence from the corriolis force field and
2D problems to calculate stall and post stall characteristics of in both cases without the centrifugal forces.
different airfoils. The accuracy of these computations are still The velocity profile for the chordwise component ux and for
not satisfactory, mainly due to an inadequate turbulence the spanwise component uz at a line perpendicular to the
modelling for massive separation. 2D calculations are also chord plane and through the trailing edge, mid span on the
performed on dynamic stall problems and such analyzes seem blade, is shown in Figure 17 and Figure 18. A flow towards
to give valuable information for example when a measured the tip is seen in the boundary layer, Figure 18, when the
time series of a, W on the rotor is used as input.The second corriolis forces are included. The effect of this spanwise flow
type of calculations are used on more complex problems, seems to be that the corresponding ux profiles are slightly
typically 3D, where the real calculations of type one are too more steep. In other words, the thickness of the recirculating
time consuming and require too much computer capacity. boundary layer decreases and an increase in lift must be
Although the results of the second type of calculations expected.One of the problems by such simplified models is
cannot bee used directl,y it seems that they can provide some that the boundary conditions, which do not correspond to the
insight into the different phenomena. Presently such calcula- real problem can distort the results. In the present case, the
tions are used to study the interaction between stalled and fixed uz velocities at both ends of the model are non physical
attached flow regions along a blade and to study the influ- and will influence the spanwise pressure gradient.
ence of rotation.
As an example, the results of a calculation of type two is 6. STATUS ON ENGINEERING MODELS FOR 3D
shown in the Figures 16, 17 and 18. The simulation is EFFECTS AND DYNAMIC STALL
intended to show the mechanism of the influence of spanwise
flow in combination with massive separation. The research on analyzing and exploring the phenomena

UX AT PLANE PERPENDICULAR TO THE CHORD AT THE TRAILING EDGE behind 3D effects and dynamic stall has as one of the targets
LAMINAR -- RE=100e to end up with engineering models for inclusion in aeroelastic

1.2 TATINN models. This is also the objective of a comprehensive EU-

1.00 ___O_• G funded JOULE 2 project "Dynamic Stall and 3D effects"
081TA TIO ........ which is being conducted by several European research

0 PREESSU ESDTRAIL. N N S T ION organizations in common.
0 0SIDE 

' iD

0.61 /The present status on these effects is that there is still a long
way to go before reliable models based on thorough under-

0.40 /standing of the phenomena have been developed although

0.20• many aspects of dynamic stall have been described, McCros-
0.00 key [18].

-0. .. Concerning steady rotational 3D effects the first correction

-0.2 - I formula for conversion from 2D to 3D data have been-0."2 0I -0. 10 -0.00 0. t0 0.20 0.30 0.40
Y-C presented, e.g. by Snell [19].

Figure 17. The ux (chordwise direction) profile at a line Dynamic stall models developed for use on helicopters on

through the trailing edge and perpendicular the basis of oscillating 2D airfoil measurements have been

to the chord plane of the airfoil. the starting point for wind turbine analysis including unsteady
aerodynamics, Rasmussen et al. [20]. The blade of a helicop-
ter in forward flight is undergoing large cyclic variations in

UZ AT PLANE PERPENDICULAR TO THE CHORD AT THE TRAILING EDGE flow conditions during each revolution, from fully attached
LAMINAR -- RE=100 flow to fully separated, followed by reattachment.

0.08 The semi-empirical dynamic stall models aims at describing

8.06/ by engineering methods the associated flow phenomena. As

0.R4 described by Ericsson and Reading [21] this is the dynamic
PRESSUP SUCTION' delay of flow separation and the upstream movement of the"8.82 /_separation point followed by the formation and downstream

Se S .N_"--" _ -T - .... travel of the leading edge vortex. The rate of change of angle
- -TRAIL NG

-0,02 E of attack is an important parameter for most of the corre-
sponding events in this description of dynamic stall.

-0.04ROTATIN The engineering methods seem to give an accurate repre-
-0.86 R.. IONIIOTA IN N sentation of the consecutive events obtained during such

-0.08 - CNPA ING ,. .tests in wind tunnel (even for wind turbine airfoils), however
-0.20 -0.10 -0.80 8.0 8.20 0.3. 0 0.40 the flow condition for a wind turbine blade is somewhat

Figure 18. The uz (spanwize direction) profile at a line different. It does not undergo repeated cyclic variations

through the trailing edge and perpendicular including reattachment for each cycle, but rather operates

to the chord plane of the airfoil. around a partly stalled condition, as it was illustrated in Fig.
11. This modification of the series of events for the airfoil
being part of a wind turbine blade might be an important

The problem is a rotating, straight, non-twisted blade at a issue.It is easily shown that the occurrence of stall induced
constant geometrical angle of attack equal to 8 deg. along vibrations in the simulation example in Fig.3 is eliminated by
the blade, constant inflow velocity boundary conditions along inclusion of a simple time lag dynamic stall model, Oye [22]
the blade and zero spanwise velocities vz at both ends, Figure and/or assumptions on measured airfoil data corresponding
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to those in Section 4.1, which reduces the problem of stall angular acceleration parameters to essentially curve fit
induced vibrations to a representation of dynamic stall and measured data, can be tuned to reasonably match both
3D effects. However, it is not in general possible to predict hysteresis loops and power spectral densities. However, as
in details correct response characteristics by using such a these methods are based upon experiments and aiming at
simple model, Rasmussen et al. [20]. extrapolating these to real operational conditions, this
The open air field test and the wind tunnel tests described in suggests the application of Neural Networks to perform an
the preceding sections offers an excellent opportunity to test equivalent procedure. This method has been applied by
the dynamic stall models separately, by running the model Kretz [25] to both the wind tunnel measurements from
with the measured flow characteristics as input. Such a test Section 5.2 and the rotating blade measurements in Section
is illustrated in Fig. 19, from where it is obvious that the 4.1. The work until now seems to indicate that the reproduc-
measured dynamic stall loops are not well represented by the tion of measured dynamic stall characteristics is quite good
simulations.The deviation is further illustrated in Fig. 20, down to reasonable details and that the application of
which gives the power spectral density of measured and routines "learned" from wind tunnel experiments on the
simulated signals.The important difference is at the higher rotating blade measurements works with less accuracy ,
frequencies, where the energy is underestimated. Changing which on the other hand should reflect the rotational effects.
the time delay factor changes the shape of the hysteresis
loops and the energy at lp, but has little influence on the CONCLUSIONS
higher frequencies. As the output from the dynamic stall
model "activates" the wind turbine structural dynamics, the The analysis performed within this paper reveals that
correct energy at all frequencies is important in order to get dynamic stall and three-dimensional aerodynamic effects are
correct overall turbine response. of major importance for wind turbine flow characteristics,

2.0 and the prediction of loads in stall. Rotational blade airfoil
section measurements correlated with measurements of local
inflow conditions have given a unique opportunity for direct

1.......Model a 3.0 test of dynamic stall models, models for rotational samplingM rof turbulence and for investigations of the 3D aerodynamic

1.6 - effects. The rotor tests have been supported by correspond-
ing stationary measurements with the blade in wind tunnel.

1.4 The general tendency is that lift coefficients are increased in
the 3D rotational case in-particular at the inboard stations.
The measured dynamic stall characteristics has a chaotic
content that is not very well represented by semi-empirical
"models developed for helicopters. This could be due to

10 15 20 25 differences in characteristics of the unsteadiness of the inflow
ANGLE OF ATTACK (DEC.) where it has been shown that the stochastic part of the

Figure 19. Comparison of the CN vs.,al curve simulated unsteadiness is high for a wind turbine.

with a time delay stall hysteresis model and
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Abstract

This paper presents a numerical model for viscous-inviscid interactive computations of rotor flows.
The model presented is fairly general, as it allows for both steady and unsteady calculations. The basic
methodology for deriving the outer inviscid solution is a fully three-dimensional boundary element
method. The inner viscous domain, i.e. the boundary layer, is described by the two-dimensional
Navier-Stokes equations. For the interactive procedure a blade strip approach is used. The outer
inviscid solution provides the distribution of induced velocities to be used as boundary condition for
the Navier-Stokes solver. The outer solution is then updated with new boundary conditions, arising
from the viscous effects. For unsteady flow calculations a time marching procedure is used. Some
preliminary results are presented for the rotor blade of a wind turbine.

1 Introduction
The most used model for aerodynamic performance predictions of rotors and propellers is the combined
blade-element/momentum theory which has undergone a long period of development since it was for-
mulated by Glauert [1]. The advantage of this model is that it is easy to implement on a computer,
it contains most of the physics of rotary aerodynamics, and it has proven to be accurate for the most
common flow conditions and rotor configurations. The main drawback of the model is that it needs mea-
sured airfoil data, and that it is based on the assumption of axisymmetric flow conditions in which blade
elements are assumed not to interact on each other. The problems of the model are most pronounced
at operating situations far from the design point. For a wind turbine such a situation may e.g. occur
when the wind changes direction. This causes periodic variations in the angle of attack and invalidates

the assumption of axisymmetric flow conditions. Thus, both the airfoil characteristics and the wake are
subject to complex 3-dimensional and unsteady flow behaviour.

In this respect the ultimate goal is to perform a full rotor calculation by using the 3-dimensional Navier-
Stokes (NS) equations. Although such models are under development, a complete mesh-independent NS
solution including both the boundary layer and the far-field wake demands prohibitive computing costs.

To achieve an affordable compromise between accuracy and computing costs we here present a model
based on viscous-inviscid interaction. In the model the flow field is divided into an inviscid domain,
represented by a Boundary Element Method (BEM), and a boundary layer region, modelled by a set of
2-dimensional Navier-Stokes equations, each representing a strip of the blade. The interaction is carried
out through a coupling in which the Navier-Stokes solver, through the displacement thickness, provides
an injection velocity for the BEM. The BEM, in turn, determines a velocity distribution on the edge of the
viscous domain which is employed as boundary condition for the Navier-Stokes solver. In this respect the
coupling is weak, but since the Navier-Stokes algorithm in itself represents both the viscous domain and a
part of the inviscid near-field, the interaction mainly serves to provide induced velocities, arising from the

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin, Germany from 10-13 October 1994 and published in CP-552.
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3-dimensionality of the inviscid far field, at the outer edge of the viscous domain. Therefore, a converged
solution is expected to be obtained in a few iterative cycles. The main advantage of the interactive
model is that the BEM and the Navier-Stokes algorithms are kept separate, such that existing codes
(provided they are correctely validated) can be used straightforwardly, with only minor modifications on
the boundary conditions.

This paper is organized as follows. In § 2 the boundary element model for the inviscid flow is presented.
The Navier-Stokes equations for the viscous flow are derived in § 3 and the interaction technique discussed
in § 4. In § 5 some results for the flow past the rotor of a wind turbine will be presented and compared
to the experiments.

2 The Boundary Element Method
Consider a rotor blade subject to a rotational speed 0 and an uniform inflow q•, with respect to an
absolute (inertial) reference system. The flow around the blade can be analyzed in a blade-fixed reference
system (Fig. 1). The time dependent inflow relative to the blade at a distance r from the axis of rotation
is given as

qi. = q. + f l T. (1)

The time-dependent flow around the blade in the blade-fixed reference system is described in terms of
the perturbation potential O(x, t)

q(x,t) = qi,(x,t) + V(x,t), (2)

The perturbation potential satisfies the Laplace equation, due to the hypothesis of incompressible and
initially irrotational aerodynamic flows

V20 = 0. (3)

The domain of definition of the above equation is an open space, the exception being the vortex layers

shedding from the blades trailing edges. From Green's second identity Eq. 3 can be transformed into

JSL On J n

with the Green's function G satisfying V2G = 6(x - x*), where 6(x - x*) is the vector Dirac delta. The
solution of this equation is the point source potential in unbounded space: G = 1/47r 11 X - X" I1. The
boundary condition in Eq. 4 is assigned through the normal derivative of the potential, i.e. the tangential
velocity at the blade surface.

Eq. 4 is the basis for constructing our numerical solutions. Further modelling is needed, though. This
is related to the flow conditions at the trailing edge line. For incompressible flows the conservation of
mass and the momentum across the wake yield, respectively,

On] = 0, (5)

Ap = 0. (6)

Eqs. 5 and 6 are independent of the wake point and assumed to hold in the limit of the wake point
approaching the trailing edge. In the original model, Morino [2] employed the following trailing edge
condition
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Ad'e = A(7)

which is an implicit assumption of Eq. 6 at the trailing edge. The condition of zero loading at the trailing

edge is probably the best candidate to set a numerical Kutta condition.

2.1 Numerical Solution
The body surface is divided into quadrilateral panels. The collocation points are located at the centroids

of the quadrilaterals. The potential is assumed to be constant over each panel and equal to its value at
the collocation point.

A straightforward discretization of Eq. 4 leads to an implicit form of the potential discontinuity in
which the potential is determined at each time-step, whereas the potential discontinuity at the trailing

edge is taken from the previous time-step and treated with appropriate delays. The set of equations is

assembled into the system

YV(t,) = R(t•) + FA0(t.- 1 ), (8)

where R is the known term and Y the influence matrix. The matrix F provides the influence of the
wake panels. A different discretization technique in which the potential discontinuity at each blade strip
is treated explicitly, is presently under investigation.

For stationary solid bodies, the influence matrix Y is constant and the matrix F, which depends on
the wake geometry, has to be computed at each time step (free wake analysis). By using a wake-relaxation
method, the wake points are updated with the following Euler scheme

zw(tn + At) + L,(tn) q- (tn)At. (9)

The calculation is started with a prescribed wake. Calculation of the influence coefficients and the solution
of the system of equations are the two major computational tasks of this procedure.

2.2 A Trailing Edge Condition
The analytical condition of Eq. 7 can only be applied, strictly speaking, in a limiting case and takes a
different form when a finite number of panels is used.

Preliminary calculations have shown that Eq. 7 does not work in rotating environments, since it
leads to a non-unique pressure at the trailing edge line. This result is somewhat independent of the
grid refinement. The inaccuracy is believed to be due to the effect of the numerical discretization, the
prescribed wake panels, and the large radial velocities induced by the blade tip vortices. This anomaly can
be observed better by sweeping and twisting the blade, while reducing its aspect-ratio. Other examples
can be found in the literature, e.g. in Ref. [31 for marine propellers and in Ref [4] and [5] for helicopter
rotors.

In a time-true solution A0 can be updated from the previous time-steps by using the concept that
the doublet strength is convected downstream.

The values of the doublet at the first row of wake panels can be found by requiring the following
relationship at the generic blade strip i

S= (10)

where Fi is the section circulation. Since Eq. 10 does not assure that Eq. 6 is satisfied at the trailing
edge, a Newton-Raphson scheme based on the iterative correction of the potential discontinuity is used.
At each time-step a correction is introduced as

Aok+l = Aok + JikAPk, (11)
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with
Jk= [0- (12)

leading to
ok+l(t) = Y- 1 [.nt: + FA:k+1(tn_.)] (13)

where k is the iteration count. The derivatives are approximated numerically by first-order finite dif-
ferences. In general, one needs to know the trailing edge pressure pkl- corresponding to the solution
Atk-1. At the start of the procedure Morino's solution is assumed, e.g a trailing edge pressure P0

corresponding to Ao°.
Since the above correction not always proved to converge, a different numerical treatment of the

integral equation is under investigation. The iterative correction is time consuming.

2.3 Off-Body Analysis
The interaction model, as well as the free wake analysis, requires the calculation of a velocity distribution
on specified grid points in order to provide appropriate outer boundary condition to the inner viscous
flow solver. The calculation of grid-pomnt velocities can be accomplished by taking the gradient of Eq. 4
with respect to the coordinates of point x*

Iq0 (VG)-VG-Žn dS + AO (VG)dS. (14)
fSB On n an

In discrete form Eq. 14 can be written as

q(t) = bX + co(t) + f Ak(t), (15)

where the matrices b, c and f are influence coefficients depending only upon the geometry and the
configuration of the wake.

2.4 Calculation of Surface Pressure
With the solution of the vector system (Eq. 8) the surface velocity potential is known at the panel control
points. Derivation of the potential yields the surface velocity and hence the surface pressure. The surface
velocity comes from the numerical solution of Eq. 4, whereas the pressure coefficient is deduced from the
Bernoulli equation. For incompressible flows the pressure difference in the inertial reference system is
determined from the following expresssion

P - P-='[V) ( ).V

3 The Navier-Stokes Model
To handle separated boundary layers, which is the typical situation for e.g. stall-regulated wind turbines
operating at high wind velocities, the Navier-Stokes equations are employed to describe the viscous
flow field. Furthermore, to reduce computing costs, the computations will be carried out as a coupling
between the 2-dimensional Navier-Stokes equations, with a later extension to a quasi 3-dimensional
formulation, and the BEM algorithm. In order not to involve the pressure explicitly and to facilitate the
implementation of boundary conditions in the interactive process the vorticity/stream-function form of
the Navier-Stokes equations is employed. In Cartesian coordinates (x, y) the vorticity transport equation
is written as

+, 0
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82 2 0 2
a K-[(1 + -)w] +-V a2 -[(1 + - )w], (17)

_X2  Dy-

where t is time, v is the kinematic viscosity, and the Reynolds stresses are modelled by the eddy-viscosity
vt. Denoting the velocity components in the x- and y-direction as u and v, respectively, the vorticity, w,
is defined as

8v OuW = Tz - Tyy (18)
Dx Y'

and the stream-function, V, is given by
D0, D0¢ (19)

u- y' v=-"

Combining Eqs. 18 and 19 a Poisson equations is obtained for 0 as follows

,2¢ 0+2 (20)

A transformation from the Cartesian coordinates, (x, y), to a boundary-fitted curvilinear mesh is carried
out by introducing the general transformation

ý = ý (x, Y), 27 = q (x, Y),

where (ý, 71) denotes the coordinates in the curvilinear system.
Applying the chain-rule of differentiation and making the variables dimensionless by the chord length,

c, and the local freestream velocity, U0, the governing equations 17 and 20 are formulated in strong
conservative form as follows

,1[- ) () " ) () w

RI [ C \j w +D +7 - j a () 2' + e , (21)

- aL+ +'Y + . /3 + J-w, (22)

where Re = Uoc/v is the Reynolds number, e = 1 + Pt/v, and J- 1 is the transformation jacobian. The
metric coefficients are defined as follows

a=-j (x,,+y,), (= ( + j-' ) (xeYý j=-7 1 (Y'7+ x)" (23)

The streamfunction is now defined as

=V _U (24)

where superscript c denotes contra-variant components

u' = y, u - X17v, Ve = -Y0 + XOv (25)
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The airfoil is embedded in a single-block C-grid, with ý-coordinates defining the airfoil and the outer
contour of the mesh. The transformation to the boundary-fitted mesh is performed such that Aý = A77
= 1. At the airfoil the usual no-slip condition is assumed, with the corresponding boundary conditions
for w and 7 obtained from their definition equations. At the outer boundary of the viscous domain the
boundary conditions are provided from the inviscid BEM computation. Denoting by Ure = (Uie, Vte) the
inviscid velocity vector at the edge of the viscous domain the boundary conditions for the stream-function
is determined from the following Neumann condition

S= (YtUie - XViO). (26)

This condition is applied also at the outflow boundary. The vorticity is by definition zero at the edge
of the viscous domain and at the outflow boundary the vorticity is assumed to be convected out by the
local velocity field.

The eddy-viscosity is modelled by the Baldwin-Lomax turbulence model [6]. This model is a two-layer
algebraic eddy-viscosity model, patterned after that of Cebeci-Smith, which avoids the need of finding
the edge of the boundary layer and the displacement thickness.

The governing equations 21 and 22 are discretized by employing central difference expressions for the
Laplacians and either simple upwinding or a so-called plus/minus upwinding for the convective terms [7].
The latter upwinding technique assures the solution to be second order accurate when a steady solution is
obtained and formally first order accurate during the time-stepping. The discretization is carried out on
a semi-staggered grid, with the vorticity located on cell-centers and the streamfunction on cell-vertices.
The time-stepping is performed by an ADI technique. The coupling between Eqs 21 and 22 is performed
as a predictor-corrector scheme, where the momentum equation is employed as the predictor and the
Poisson equation for the streamfunction acts as the corrector.

In the present work the interaction has only been carried out between the BEM and the described
2-dimensional Navier-Stokes algorithm. To take into account rotational effects and spanwise flow in
the boundary layer, a quasi 3-dimensional model will be implemented later. This model is based on
approximating the 3-dimensional Navier-Stokes equations by the following expressions (see [8])

S() Oz -° (27)
&Z Qiz - ?U -'_O--*

where z denotes the spanwise distance, measured from the axis of rotation, 0 is the rotational speed, and
w is the spanwise velocity component. As the model not yet has been employed in combination with the
BEM, no further details will be given here.

4 The Viscous-Inviscid Interaction
The fully three-dimensional geometry is divided into strips (blade elements) along the span. The blade
tips are excluded from the interaction. At each blade-element the flow field is split into two overlapping
domains. The inner domain is extended to include all possible viscous effects. In general, there is no
problem in capturing the boundary layer, but if the inner domain is large, it might include one or more
wake spirals. This may happen in the case of a hovering rotor or a wind turbine operating at high tip
speed ratios, in which case a blade vortex interaction must be taken into account. The two domains of
the blade strip are sketched in Fig. 2.

Assume that a complete three dimensional solution of the BEM has been computed. A velocity
distribution Ur, (outer boundary condition for the viscous flow) is then computed from Eq. 14. For each
blade-element we next perform a Navier-Stokes calculation with the outer boundary condition given and
the the boundary conditions on the blade surface determined from the no-slip condition.

The Navier-Stokes equations are solved by a time stepping method and yield a surface injection
velocity distribution. The convergence of the method is ensured by the time-marching procedure. Note
that the viscous and inviscid velocities are the same at the matching surface and that the displacement
thickness and the updated injection velocity are determined from the Navier-Stokes algorithm. The
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injection velocity, which is the proper inner boundary condition for the BEM at the next iteration, is

given as follows
1 d ,

Vb=- 1 (pUIw c*), (28)
p ds

where 6" is the displacement thickness and the index 'w' denotes that the velocity is evaluated at the

wall.
The advantages of the interactive procedure can be summarized as follows:

1. The BEM solves for a fully three-dimensional flow and accounts for the main rotational effects at

a lower cost than a full three-dimensional Navier-Stokes calculation on the entire domain.

2. The BEM and Navier-Stokes codes are kept separate, thus interaction only occurs from the point
of view of the boundary conditions.

5 Preliminary Results
The test case is the experimental wind turbine rotor blade described in Ref. [9]. The blade is untapered,
untwisted, with constant chord c = 0.5 m, radius r = 5.0 m; it has constant cross section given by the
airfoil NLF(1)-416. The blade length is 4.4 m from the root to the tip. In the experimental case the blade
was rotating at 80 rpm. We have considered a uniform wind speed of W = 8 m/s. The Reynolds number
for the NS solver has been taken equal to 106. Fig. 4 shows the result at the spanwise section 0.7r. The
results of our viscous-inviscid interaction are compared with the experimental three-dimensional field
data, and the pure inviscid solution taken from the boundary element method.

The BEM has been run with a grid 25 x 15 (750 panels) and two wake spirals (300 panels on the
wake). The Navier-Stokes grid is 206 x 45 (9270 grid points). The outer boundary condtion on the NS is
given on the external C-contour (296 points). The mesh is based on a first-guess angle of attack (Fig.3).
The result presented is a double sweep BEM + NS.

6 Conclusions and Perspectives
It has been shown how in principle the interaction between a BEM solver and a Navier-Stokes solver
can be performed on a rotating blade. The progress in the development of this methodology has been
hampered by some fundamental difficulties in the BEM. The circulation computed by the BEM with the
Kutta condition of Eq. 7 is not enough to provide the correct lifting characteristics to the blade strip,
whereas the iterative condition has not been fully validated (the result shown in Fig. 5 is less accurate
than a pure 2-D inviscid calculation). Some difficulties in performing the VII have been identified when
reducing the grid size. Problems of convergence may also occur. As the Navier-Stokes solver requires
the appropriate circulatory flow, the interaction seems to be of increasing difficulty with the decreasing
grid size. However, a small grid size is strategic in order to assess the validity of such a procedure over
a pure two-dimensional calculation. The Kutta condition has to be solved efficiently in presence of the
blowing velocity. Once this problem has been overcome, the next step is to perform a strong interaction,
by sweeping between BEM and NS until convergence. The use of a quasi-three-dimensional Navier-Stokes
model is the final goal.
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Figure 3: The Navier-Stokes Grid.
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Figure 4: Surface pressure distribution for the NLF rotor blade at 70% span. The VII is compared with the
inviscid solution (obtained by using an iterative Kutta condition and the experimental 3-D field data.
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Investigation of the Yawed Operation of Wind Turbines
by means of a Vortex Particle Method
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1. SUMMARY what concerns the modelling of the wakes of the blades.
A fully three-dimensional non-linear aeroelastic numerical Following closely the developments made in the past for
investigation of the response of horizontal axis wind turbines helicopters in forward flight, the aerodynamic models for wind
during yawed operation was carried out. The numerical tool turbines are classified into prescribed and free-wake models.
used, consists of a time-marching method based on the No doubt that free-wake models are more suitable to give a
coupling of an unsteady free-wake vortex particle model and detailed understanding of the different excitation mechanisms
a 3D beam-type structural model. The investigation led to a related to yaw. This is due to the complexity of the case of
complete data base of numerical results concerning the yawed operation. In particular, as the blade rotates fluctuations
Tjaereborg wind turbine for which extensive full scale of the local angle will result load vibrations, that can be
measurements of very good quality exist. Among the points significant especially if the incidence enters the stalling
that were given particular attention are: the effect of the root envelope of the corresponding airfoil. These fluctuations of the
vortex, the coupling with the shear of the inflow and the tower incidence are due to: (a) the lateral component of the inflow
effect on the dynamics of the blades. Herein the most velocity which has an alternating effect on the magnitude of
significant results are presented and discussed. the relative with respect to the blade velocity, (b) the shear of

the inflow that acts on the axial velocity component, (c) the
2. DYNAMICS OF WIND TURBINES IN YAW AND tower that decreases furthermore the axial velocity relative to

MODELLING the blade when it passes in front of it and (d) the structural
The operation of wind turbines in yaw constitutes a special flexibility that contributes to the velocity diagram the rate of
case of dynamic excitation that consists of a combination of deformation as an additional velocity term. These fluctuations
different mechanisms. As a whole this combination leads to a of the velocity result a time variation of the circulation around
non-linear response that is not fully understood basically the airfoil considered. In its turn this variation will lead to
because of its close connection to three-dimensional effects on extra vortex emission in the wake that will feed back to the
one hand and dynamic stall on the other. Due to its frequent velocity diagram different induced velocity. Moreover if the
appearance especially in cases of non-flat terrain applications, amount of the shed vorticity varies, also the velocity field in
yawed operation is of particular importance from the design the wake will vary which means that geometry of the wake
point of view. It certainly affects the performance (energy becomes important. Several important cases could be
production) as well as the availability of the wind turbines, mentioned: (a) Case of uniform inflow, no tower effects, no

As in all physical problems, the most appropriate methodology flexibility effects, (b) Case of sheared inflow, no tower effects,

for a better understanding, is a combination of measurements effects, no flexibility effects, (d) Case of sheared inflow, tower

and theoretical calculations. Because the corresponding effects , no flexibility effects, a () Case of sheared

experiments are difficult to realize, the number of available inflow tower effects and flexibility effects included.
complete data bases is small. Even smaller is the number of
campaigns that someone could rely on during his Based on the above remarks, it is easy to see that during
theoretical/numerical investigations. Fortunately, in Denmark yawed operation strong aerodynamic and aeroelastic
an extensive campaign of high quality full scale measurements interactions take place that justify the choice of elaborate
taken from the 2MW wind turbine at Tjaereborg. This models and in particular free-wake models. In this sub-class of
campaign covered a wide range of cases with dynamic inflow free-wake models, we can distinguish the potential approach
effects. Some of them were made available to us. Based on that considers the wake as a surface of discontinuity (Ref 6),
these data, we carried out our numerical study (Ref 1). the vortex-filament models that represent the wake by a set of
In most cases the existing theoretical work on the subject, thin vortex filaments (Ref 4,5) and the vortex particle model
concerned mainly the evaluation and improvement of that represents the wake as an ensemble of blobs that carry
engineering tools of rather simplified structure such as the vorticity (Ref 7). The model that was used in the present work

engieerng tolsof athe sipliied trutur suc asthe is a later version of the GENUVP code also used and outlined
blade element model (Ref 2). The reason is clear: In practice in Ref 7. The difference consists of the aeroelastic coupling

only aeroelastic calculations leading to load spectra of wide it a be typeructural ode atree-dimensona

range make sense. This type of calculations are extremely time wind simulaor.ltmcoresp nd a tational menvionmn

consuming so any complication in the modelling would render wind simulator. It corresponds to a computational environment

the work more a research than a design procedure. More that supports the research carried out on Aerodynamics at

elaborate theoretical models however do exist (Ref 3-7). They NTUA.

were developed rather recently as tools for applied research. In brief GENUVP is defined along the following guidelines:
In their basic features, they are all variants of the panel or According to Helmholtz's decomposition theorem (Ref 8)
boundary element method, differing the one from the other in the velocity field is made up of an irrotational part

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotoi-craft"
held in Berlin, Germany from 10-13 October 1994 and published in CP-552.
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representing the disturbance due to the presence of the boundaries and surface vorticity on vortex sheets whereas

solid boundaries and a rotational part representing the sources are used in order to give the displacement generated
disturbance due to the wakes. In order to determine the by the thickness of the bodies. In order to reduce the

irrotational part a Neumann boundary value problem for computational cost, the blades are considered to be lifting

the Laplace equation is solved. On the other hand the surfaces, i.e. of zero thickness. Therefore they are represented
rotational part of the velocity field is determined directly solely by dipole distributions. Source distributions were used

as convolution of the vorticity contained in the wakes, only for ths- non-lifting tower.
As the fluid is assumed inviscid, there is no link between
the irrotational and the rotational part of the velocity
field. In order to bring these parts into contact, a link can
be defined that models the vorticity emission process
observed in real flows. Mathematically this link is based
on the Kutta condition (more exactly on an appropriate
formulation of Kelvin's theorem). The fulfilment of the
Kutta condition, permits to define quantitatively the

conversion of the bound-vorticity into free-vorticity. This
mechanism constitutes the inviscid analog of the vorticity ,,U 00

production process already existing in all the
conventional aerodynamic models. U,

In the discrete formulation, singularity distributions are defined
on all solid boundaries (sources on the nacelle and tower,
dipoles on the blades) in order to generate the potential part of
the flow, whereas the wakes of the blades are approximated by
vortex particles that are continuously generated along the
edges of the blades. Next these vortex particles are convected
downstream by the flow. This is performed by solving the azimuthal angle= 0
vorticity transport equations by means of a Lagrangian
procedure.

In the sequel, the most important findings of this campaign are Z
presented together with a concise presentation of the model.
As a general conclusion one could say that the comparisons

between predictions and measurements on one hand showed
the robustness of the model and on the other hand its ability
to reproduce in a consistent way the reality.

3. THE NUMERICAL METHOD
Figure 1: The configuration of a Horizontal Axis

3.1 GENUVP: A Free-Wake Aerodynamic Model Based Wind Turbine
on Vortex Particle Approximations

In the case of a wind turbine, S will comprise the solid
GENUVP consists of a GENeralized Unsteady Vortex Particle bndare of the difr components swll

computational tool that can perform unsteady calculations k' B

around a configuration consisted of NB three-dimensional as the wakes S., k=l...N.-1 shed by the N,-1 blades (The

bodies B., k=1 ... N, that move independently the one from the tower is set last in the list of components. Moreover index w

other. Each component Bk, can be either non-lifting (as the is used to designate quantities defined on the wakes). Thus,

nacelle and the tower) or lifting (as the blades), according to MR N,-1

its operational characteristics. For the purposes of the present (2) aD - = U Sk + U SW.

work the configuration of a wind turbine is formed by the k=1 k=1

tower and the blades as shown in Fig 1. Also in the same
figure the convention regarding the basic operational For an inviscid fluid, a wake can be represented either by
characteristics such as the rotation speed of the turbine 6, the means of a dipole distribution, and thus included in the
position of zero azimuthal angle and the inflow velocity. irrotational part of the flow field, or as a vorticity carrying

Let D denote the flow field and S its boundary. According to (vortex) sheet in which case it will appear in U.(:;t) (Ref 11,

Helmholtz's decomposition theorem, the velocity field ii(-;t) 8). This dual interpretation of a wake permits us to have the

can be given the form (Ref 9): following hybrid formulation:

The numerical model is defined as a time marching
(1) it(!;t) = Ui(i;t) + Uji(;t) +Vp(;t, xED, tŽO algorithm. In fact the computations follow the gradual

where Vq)(-;t) represents the irrotational part of the flow, generation of the wakes, as part of the response of thewher Vc(;t repesets he rrottioal art f te fow, wind turbine to all the different external excitations.

U,';t) is the inflow velocity and U.(-;t) is a div-free field

induced by the free vorticity. For an incompressible fluid, During a time step of the scheme, first the wakes that
were generated up to that time, i.e the old or far partsV~p(.;t) is included basically to account for the non-entr,' S, k=...N -l, are convected downstream leaving a

boundary conditions. Because pQ(-;t) is harmonic, it can be B

represented by source and/or dipole distributions defined on S gap in the near vicinity of the shedding body. Next this

(Ref 10). Dipole distributions are used to generate lift on solid gap is filled by the new or near part of the wakes S•
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(Fig 2). In GENUVP the near-wakes are represented as material conservation of i(-;t), equivalent to Kelvin's
strips on which dipole distributions are defined. On the theorem:
contrary the far-wakes are represented as spatial d,)](lJ;t) a 0
distributions of vorticity. This means that as time passes, (4) & V:)]
the model treats the wakes within different physical dt t&
contexts. In particular, at the end of each time step as the Note that the superficial material time derivative is defined
near wake is convected it becomes part of the far-wake. with respect to the mean velocity Cm(.;O (3b) also yields an
In other words the dipoles of the near-wakes are evolution equation for the intrinsic surface vorticity §=Ny
transformed into vorticity. That is why the whole scheme wherevlto eqation fo i the nint normal torTand Nit
is termed hybrid. The passage from the "potential" metr Because , ti is the unit normal to th and wl its

interpretation to the "vortical" can be reasoned metric. Because this equation is similar to the well known

qualitatively, as being part of the deformation process Helmholtz evolution equation for the vorticity, §(.;t) is

that the wakes will undergo. A more rigorous identified as part of the spatially distributed vorticity t (.;t)

justification is given bellow. (Ref 12). In case E is open, in addition to &-;t), there is also
a line term defined along the boundary aE of Z).
Summarizing, for a vortex sheet EQ(), the generalized vorticity

n.ae Swfu ýwk is defined as follows:

(5) CzYIt) VAall(iet) = yi)jr (ztA~i~) +

"surface vorticity

line vorticity

where 8,(.) and 8a,(.) denote the surface and line Dirac
functions defined on the interior and the boundary ofQ(t)Figure 2: The hybrid modeling of a wake respectively and •(.,t) denotes the unit tangential to8EI

vector (Fig 3). Note that if jI(.;t) is constant then there is no
surface term and the line vorticity is reduced to a closedThe potential interpretation considers a wake E (t) to be a
vortex filament along (gE. This situation appears in the case

moving surface on which the potential of the flow and the ofie ntant diol distribution whichrs in factcthe
tangntil t ZQ)velcit coponet ae dsconinuus for of piecewize constant dipole distributions which is in fact thetangential to I:(t) velocity component are discontinuous (for coc aei EUPfrti itn ufcs

incompressible fluids the normal to Q(t) velocity remains

continuous). According to the above analysis, (p(-;t) will be represented by

This means that E(t) can be represented by a dipole means of: a source distribution o(.;t) defined on the tower,

distribution I(-;t). Let Y=..(E;t), t=(1,E2) EACR2 , t0O bound dipole distributions lik(.;t) defined on the blades and

denote the Lagrangian representation of E(). Then: free dipole distributions p,(.;t) defined on the near-wakes of
iLagrangiand representtionof (;t) The n:'(; theblades SA. As explained in the sequel a(.;t), i.Lk(.;t) andlL(;t)=-fJq]J(E;t) and ~Ji(E;t)= VzR(E;t) wherefl>JQ-;t)

denotes jump on E(t) (Fig 3). The evolution of E(t) is Iw(.;t) constitute the unknown degrees of freedom at every
time step. It is noted that also unknown is the exact geometry

determined by its equation of motion as defined by the mean

velocity Um(.;t) on E(t) and the zero pressure jump condition of the near-wakes S$.A

obtained by applying Bernoulli's equation to the two faces of In order to determine the unknown fields of the problem there
E(t): are two types of conditions available:

(a) the kinematic conditions and more specifically the
(3a) non-entry conditions on all the solid surfaces, and the

a&t conditions of material motion of the near-wakes S,, (as

(3b) a(P(t) +in (3a))
(3b) "-(-•z;t) + UM(iz;t)'[u•]1(iz;t) = 0 (b) the dynamic conditions, i.e. the requirement of zero

pressure jump throughout the vortex sheets S. (as in
(3b) or (4)).

Let Unk(';t) denote the rigid body velocity distribution defined
•" g-on S, and V7 the unit normal to Sk. Then the non-entry

•.,condition for. YeSk and k=l...N, takes the form:

S~(6) =•t -- (iý;t).

av gýo-cmo

In the discrete formulation, a(.;t), Rk(.;t) and 1i,(.;t) are
defined with reference to surface grids of boundary elements.

Figure 3: Definition of surface vorticity on a Let Sk, e=1 ... E, and S;, e=1 ...E,,, denote the elements ofSk
vortex sheet and SA respectivel (E. and E,, are the number of elements

that form S. and S,,). The boundaries of these elements will
Condition (3b) can be recast in Lagrangian form to give the be denoted by ask and aS: (Fig 4). Assuming that a(.;t),
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Ipk(.;t) and is(.;t) are piecewize constant, the aerodynamic time steps). There is enough evidence both theoretical and
discrete degrees of freedom will be their intensities at the experimental, showing that the evolution of a vortex sheet is
boundary elements oe(t), pi(t) and 1

4
k(t) respectively, unstable in time. This is due to the singular character of the

The application of (6) to the centers e of the velocity field that it requires the calculation of Cauchy type
Theappicaionof 6) o te cntes x oftheelements integrals. Consequently some kind of smoothening is required.

covering the solid boundaries Sk, gives the discrete equations A ttogaComs h stbe and onsstent is isA method to accomplish stable and consistent calculations is

to introduce particle approximations for the vorticity (Ref
13,14,15). In this case,

........ ..... 9) 64(9 t)....: ....... ......
O ...: ............ / where Qi(t) and ZJ(t) denote the intensities and positions of

"the vortex particles, J(t) the index set for the vortex particles
and Cj(t) the cut-off function that ensure the necessary
smoothening. By selecting (Ref 16):

"(10) Q(r) = 3e()

U,(.;t) takes the form:

Figure 4: The notations of the boundary element
grids (11) i(Jt = JA- f 1 (3-Z(tY )

wherefrom a(t) and pe4(t), e=l...Ek are determined. As
regards R4(t), they are determined by applying (4) along the where
so called emission lines, i.e the parts of the border of the
blades wherefrom the wakes originate. These lines usually (12) f4(r) = 1 -e (

include the trailing edge, the tip and the root of the blades.
The leading edge is also included in the case of stall. This Thus instead of calculating the geometry of the vortex sheets
option was left apart throughout the work presented herein. By and the dipole distributions they carry, we follow the evolution
interpreting (4) as a Kutta condition, it results that at all of the vortex particles defined by the following dynamic
boundary elements Sk of the near-wakes, I4,(t) must be set ofutioneg
equal to the corresponding bound dipole intensity, i.e. the equations:
dipole intensity of the element on Sk that is adjacent to S;.
As regards the geometry of the near-wakes S,, this is
defined by the Lagrangian kinematics. According to (3a),S __(t) = ff(Z~t)
will be convected by the local velocity. (13) &

I The last point to be considered, concerns the rotational part of d•p() = (•.(0 "V)ff(
the flow 0(.;t) and in particular the process of transforming & dt Zj;0
the dipole distribution of the near-wake into vorticity. Let,
•w(';) denote the vorticity contained in the far-wakes of all
blades. Then Equations (13) concern the evolution of the far-wakes. As the

ca ! A near parts still retain their character as vortex sheets their
(7) U ;= (9(t;)A(o--) (x-) determination is different. Let Cf denote the mean velocity

f 47c IX0-Y; at a point Y,, along the vorticity emission line of a lifting
t)I body. The geometry of the near part of the corresponding

wake SA is determined kinematically through the following
where D.(t) denotes the support of the free vorticity relation:

(8) ca,#;t) VA(Q,(,F;t) = (14) YA =Y + At-Ol

*N-1 E. NT-i where XA -_, denotes the width of S. in vectorial form

Sas. t lw ( e(Xw) (Fig 5). Finally the intensity of the dipole distribution of S.L as2'( ID(*r(w is determined by means of the dynamic condition (4).
k=1 e=l n=1 According to (4) and because the model uses piecewize

according to (5). In (8), the three summations run respectively constant dipole distributions, piw(t) must be set equal to the
the blades, the elements on each near-wake strip and the time bound dipole intensity of the element adjacent to the e. near-
steps already passed. Also note that only line-vorticity terms wake element.
are included. This is due to the piecewize approximation ofare dincluded.Thistibus dueAto lthe h p w ize a oxtimatin o Due to the time dependent character of the problem, the wakes
the dipole distributions ~i•(.;t). Although it is not strictly as well as the vortex particles they include in their far parts,

said, (8) suggests that the wakes are interpreted as a collection well be vortex grticley is in that far parts

of panels that formed all the near-wake strips throughout the will be constructed gradually. This means that vortex particles

time interval [0,NT-At] (where NT is the current number of will be created as the near parts of the wakes evolve. In order
to make this approach compatible with the dynamics of vortex
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- , "S SU=t
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-)n)

convect near wake integrate vorticity

to get new particle

Figure 5: The mechanism of vortex particles generation

sheets, Upt) and Z/t) are defined as follows: The calculations of loads. The calculation of the unsteady
loads on the rotor blades was based on Bernoulli's equation.

(15) diJ =fdS AZJ = fj wAY dS For a thin lifting surface this equation takes the form:

In the above relations, the integration covers for every vortex (16) 21(60U) + U (A;.tK•(•,,- IP](;t)
particle the surface of an element of the near part of the wake a p
considered.

where -[(p] (=p) denotes the surface dipole distribution,
U7=(.;t) denotes the mean velocity, [EpJ(.;t)=V[qcpJ denotes the

THE FLOW CHART OF THE GENUVP MODEL tangential velocity discontinuity and ýpj(.;t) the pressure jump.

In the discrete problem equation (16) is applied to the control
For every time step ( t = n'At ) points. Due to the piecewize approximations used for the

A. POTENTIAL CALCULATIONS dipole distributions, I[ul is calculated through a zero-order

i + t + + difference scheme (Ref 12). Let [pD,, e=l(l)Ek, k=l(1)NB,
A ad denote the calculated values of the pressure jump. Integrating

0. Initialize Sl and Ow (through the values of ) along over the corresponding elements, the calculation of the loads
the emission lines of the lifting bodies) is obtained as follows:

Iterative schemes for the near wake: v,.•, ks4
1. Calculate 0 (H-fulfilment of non-entry boundary for every element, F() = - I I.

conditions) NB
2. Calculate the emission velocities U0 along the for every body, Fk(t) = e-[p]']JSkI

emission lines e=1

3.1 Correct $o, where ISkel denotes the area of S,. In addition to these loads
3.2 Cohect f (H-fulfement: of thE Kand because of the thin-wing approximation that was made for
4. Check for convergence: 6I['I <e h lds h utonfrei loadd

5. FIRST OUTPUT: Force and velocity calculations the blades, the suction force is also added.

Due to the essentially inviscid character of the modellingB. TCrete C UA O vortexparticadopted, it can only predict the "inviscid" part of the loading.
1. Create new vortex particles The rest, i.e. the loads due to viscous effects must be
2. SECOND OUTPUT: Wake structure and velocity superimposed. In this connection an approximate a-posteriori

profiles in the wake

3. Move and deform all the Vortex Particles scheme, similar to the one used by the classical strip theory
3.1 Calculate the velocities and deformations induced at was applied. This scheme is based on the calculation of the

3.1 C utex Prthle vlocimations iradial distribution of the effective angle of attack. Next the
t.2Checkfor Vortex-Ptic lacan adrag coefficient CD is estimated from given airfoil data.
accordingly Finally the drag forces are integrated over radial strips and

3.3 Produce the new far-wake thus an account of viscous effects is obtained.
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3.2 The Aeroelastic Coupling U,
Measurements' as well as prior numerical investigations, u. ii.

clearly showed that flexibility effects are important in the case
of yawed operation. In order to take them into account , +U U,+UU

GENUVP was coupled with the structural dynamics of the
rotor. To this end, the beam approximation was used to give
the flexibility characteristics of the blades. The coupling
between the structural and the aerodynamic part of the
problem was realised in the time domain by performing
consecutively aerodynamic and structural time steps. Two ._ý \t
coupling interfaces were defined: the first communicates to the -JXR

structure the loads as calculated by the aerodynamic model,
and the second communicates the blade deformations together
with their rates, to the aerodynamic. Because of the different - NxR
character that the aerodynamic and structural part have, the -Rx+u-
stability restrictions for the two parts are not the same. In fact

the structural part is much stiffer demanding a time step o o
smaller than that used for the aerodynamic calculations. azimuthal angle =0 azimuthal angle= 180

Consequently, in order to cover the time interval Figure 6: Typical velocity diagrams for 00 and
corresponding to one aerodynamic time step, several structural 180F azimuthal angles
steps must be performed. In all cases reported herein, the
calculations were realised by repeating the sequence: one
aerodynamic step followed by several structural steps. Such a and 8 clearly show this effect. As expected, there is a phase
marching scheme signify the choice of an explicit time shift so that the two peaks do not appear at azimuthal angles
integration for the aeroelastic problem. More elaborate and in 00 and 1800. The phase shift is about 450 and is due to the fact

particular implicit schemes can be easily defined. They will that the wake of the turbine is inclined with respect to its axis.
require an iterative exchange of information between the In fact there are two interacting mechanisms of excitation with

aerodynamic and structural part that should converge before 900 lag the one from the other. The first is due to the lateral

the calculations proceed in time. There is no doubt that such velocity with peaks at azimuthal angles 0Q and 1800 and the

a scheme would increase the computational cost a fact we second is due to the wake with peaks at azimuthal angles 900
took seriously into account because of the number of runs that and 270'. The fine tuning of the 450 phase shift is determined
had to be made (Further details can be found in Ref 17). by the details of the configuration (e.g. the pitch, the twist

distribution e.t.c). In Fig 8 the dependence on the value of the
4. RESULTS yaw angle is shown. As expected for larger yaw angles the
The main body of the tests concerns the Tjaereborg wind amplitude of the fluctuation increases. For larger yaw angles,

turbine for which extensive full scale measurements exist of a second local fluctuation is seen around the azimuthal angle
very good quality. The machine is upwind oriented and pitch 2700 as a result of a more intense interaction with the wake.

regulated. The diameter of the 3-bladed rotor is 60 meters, In particular, most of the local fluctuation is due to the root
rotating at 22RPM. In order to have a clear idea of the vortex as shown in Fig 9. The effect of the root vortex is

different effects, the following simulations of yawed operation moderate and has to do with the fact that the design point of
were performed: (a) uniform inflow, no tower effects, no the turbine corresponds to inflow velocity equal to 9m/s. At

flexibility effects, (b) sheared inflow, no tower effects, no higher velocity the intensity of the root vortex is expected to
flexibility effects, (c) uniform inflow, with tower effects, no equally increase together with its influence on the axial forces.
flexibility effects, (d) sheared inflow, tower effects included, Because of the special significance of the root vortex, its
no flexibility effects, and (e) sheared inflow, tower effects and placement is given in Fig 10b. Compared to the configuration

flexibility effects included. In the sequel a representative part of the wake in the case of zero yaw, a deviation with respect
of the results obtained, is given, to the direction of the inflow velocity is remarked. In what

As an introduction to the presentation of the results we concerns the calculations, this deviation is a direct

thought useful to start with a brief discussion on the basics of consequence of the velocity deficit that changes the pitch

the yawed operation of wind turbines. Let us assume that the angles along which the shedding of vorticity takes place. In
our calculations, this is ensured by the freedom we give to the

corotatondis exactlytokwisehand tigshe aws. a e prsiti ost wake to deform in shape. It is noted that flow visualizations
corresponds exactly to what Fig 1 shows. The first and most

critical point is the role of the lateral component UY of the cared out by FFA revealed similar wake shapes.

inflow velocity. Fig 6 shows two typical velocity diagrams for Having the above remarks in mind we proceed with the

azimuthal angles 0' and 1800, in the case of uniform inflow, discussion on the influence of the other parameters of the

These two azimuth positions constitutes the positions where problem. A summary of results is given in Fig 11, where for
the effect of the lateral velocity due to yaw reaches its peaks. different operational conditions, the variation of the flapping

The difference is clear. At 0° azimuthal angle U is added to moment at root due to aerodynamic forces is given for yaw

the circumferential component of the effective velocity U,,. angles 00, +32' and -32'. In Fig 1 Ia, the ideal case with no-

On the contrary at 180" aiimuthal angle Uy is subtracted. In shear, no-tower and no-flexibility effects is shown giving a

fact this additive/subtractive role is conserved respectively simple 1800 phase shift in the azimuthal angle. In Fig 1 lb, the

throughout the lower/upper half of the rotation of the blade. blades are treated as deformable beams. As seen in the figure,

As a result, U, will exhibit a periodic variation that results an the result of the flexibility is the decrease of the amplitudes.
increase of the axial force in most of the lower part and a In Fig 1 Ic the effect of shear is examined. As expected for

decrease in most of the upper part of the rotation. Fig 7 zero yaw, there is a peak at 1800 azimuthal angle because the
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inflow in the upper part of the rotation is larger in comparison a) an advanced prediction methodology was established,
to the inflow in the lower part. When this effect is coupled b) a detailed data-base was produced regarding the
with yaw then the peak is shifted, of course differently for behaviour of a specific wind turbine.

positive and negative yaw angles respectively. Again we have According to the evaluation performed the following
the superposition of two excitation mechanisms with phase lag conclusions can be made:
of 1800. As a result not only a phase shift of the peak takes
place but also a modification of the amplitude. More a) In general the predictions can be considered satisfactory
specifically, in the case of negative yaw, the sheared inflow both in quantitative and qualitative sense: the model
acts as an amplifier for the peak whereas in the case of gives values comparable to measurements and the
positive yaw it decreases it. In Fig 1 ld the flexibility effects behaviour of the wind turbine as revealed by the model
are added. Again there is no significant remark to make. In is similar to the experimental one.
Fig 1 le the effect of the tower is examined. For a more clear b) However difference between measurements and
vision of the tower effect in Fig 12 the azimuthal variation of calculations does exist giving hints for possible

the induced velocity in the axial direction is given for the improvements. In this respect the following points are of
whole span of one of the blades. As expected the tower will interest:
induce extra deficit around the zero azimuthal angle. • The time-integration scheme used for the aeroelastic

Compared to the calculations without tower effects, it can be coupling could be made implicit.
remarked that this effect is significant for a range of about 90'. - The blades of the rotor should be turned to thick
Due to the rotation of the blades even at zero yaw, the tower wings so as to get a better flow field and also to
effect is non-symmetric. This asymmetry becomes more prepare the necessary input for viscous corrections.
pronounced when yaw is imposed. For positive yaw the ° In the case of thick blades, the coupling of the outer-
minimum is shifted at an azimuthal angle of about 150 inviscid region with an inner viscous layer could
whereas for negative yaw, there is no real shift of the improve the flow predictions on the blades and
minimum but a distributed decrease for about 30' before the consequently the prediction of the loads. This is true
zero azimuthal angle. When flexibility effects are added to this especially when stall occurs.
case (Fig ilf), a distortion of the shape of the curves is
noticed especially after the blade has passed the zero
azimuthal angle. Fig 1lg and Ilh complete the results by Acknowledgements
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Figure 11: Effects of sheared inflow, tower existence and elastodynamic deformation on the loadings in yawed
operation
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Figure 12: Radial distribution of the induced velocities on the blade at several azimuthal positions with and
without tower influence. (phi=O: blade oriented to the ground)
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Figure 13: Loadings calculations for real cases of yawed operation
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Mthodes de calcul a~rodynamique appfiqukes aux rotors

d'hficopt~res At IONERA

M. Costes, P. Beaumnier, P. Gardarein, J. Zibi

ONERA, BP72, 92322 Chhtillon Cedex, France

1 SUMMARY principales de I'appareil (cofit 6leve, restriction du
domaine de vol aux vitesses modhrees, ...). En

This paper presents the aerodynamic methods which are contrepartie, l'h6licopt~re a une capacite unique de vol
used currently at the Applied Aerodynamics Department vertical et 'a tr~s basse vitesse, ce qui explique son succ;_s
of ONERA for the computation of helicopter rotors in dans I'accomplissement de missions difficiles telles que
hover and forward flight. They cover a wide range of la desserte des plateformes phtroli'ares, le travail ahrien,
algorithms, from classical blade element theory to more l'6vacuation sanitaire,..
complex unsteady three-dimensional methods, each of La complexit6 de l'h~licoptbre se traduit naturellement
them being well adapted to deal with a particular par des difficultes au niveau de sa simulation numbrique,
problem related to the helicopter main rotor. Typical et les mhthodes de calcul. ahrodynamique utilishes dans
applications for blade loads and dynamics, wake lea applications h6licopt~re sont ghneralement en retard,
geometry, pressure distribution, performance prediction au niveau de ]a complexit6 des 6quations r~solues, par
and parametric optimisation are shown. Finally, the rapport aux modbles numh~riques utilisbs pour les avions
future trends in terms of CFD applications in the field of 'a voilure fixe ou les turbomachines. Cependant, l'un des
helicopter rotors at ONERA are given. caracteres propres 'a is simulation de l'hhlicoptbýre est la

necessit6 de ma~itriser simultanhment plusicura
2 PRINCIPALES NOTATIONS disciplines scientifiques en raison de l'etroite interaction

qui exiate entre elles, si bien qu'il eat nhcessaire
.Vrmtr 'vacmn d'utiliser des algorithmes de calcul bien 6prouvbs pour

g .......... ara~te Wvacemntde l'helicoptbre effectuer un couplage entre ces modbles et repr~senter au
Rco micux les phbnom~nes qui apparaissent sur l'appareil.

F FN L'objectif principal de cette communication eat deN NFM=-. ....... figure de m~rite du rotor presenter les methodea de calcul aerodynamiqueP 2S
10 Fp operationnelles 'a 1ONERA dana lea applications aux

z rotors d'helicopt~res. Dana uric premiere partie, lea;
Z- 2.. coefficient de portance du rotor particularites de l'6coulement sur l'hdlicopt~re sont

1/2 p S p(R~o) preaentees, en insiatant davantage sur le rotor principal.

100 C cefcntLa deuxi~me partie traite du rotor d'h6licopt~re en vol
C-.cefiin de couple du rotor d'avancement, pour lequel differentes m~thodes de

1/2 pS PR (R co)2  
calcul sont utilisbes suivant l'application visee. Ce sont

une methode de type elsiment de pale, capable de fournir

3 IN RODU TIONune estimation des performances du rotor et de la
3 IN RODU TIONcinematique de la pale, une methode de calcul du sillage

discretis6 par un reseau de segments tourbillonnaires, et
La configuration particuli~re de l'helicopt~re, avec sa une m~thode de calcul tridimensionnel instationnaire par
voilure tournante sustentatrice et propulsive, en fait un resolution de l'6quation du potentiel complet des
cas unique reuniasant preaque toutes lea difficultes vitesses. La troisi~me partie traite du rotor d'helicoptbre
connues en aeronautique, aussi bien dana le domaine de en vol stationna.Iire, pour lequel on dispose soit d'une
I'adrodynamnique aubsonique et tranasonique, que de ]a methode element de pale, soit d'une m~thode de
mecanique des structures et la mecanique du vol de resolution de l'equation du potentiel avec representation
I'appareil. Ceci explique pourquoi cc type d'appareil n'a Lagrangienne des nappes tourbillonnaires. Dana une
venitablement connu son developpement et son essor que quatri~me partie, l'application d'une methode
pr~s d'un demi si~cle apr~s lFavion 'a voilure fixe. Cette d optimisation numerique it ]a definition de nouveaux
configuration eat 6galement la cause des limitations rotors eat presentee, illustrant sinai l'utilisation d'une

mhthode de calcul helicoptbre 'a ce probl~me. Enfin, la
iThis work is supported by the French Ministry of Defence cinqui'ame et demibre partie conclut cette

(STPA, DRET) commuunication en prhsentant lea perspectives

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin, Germany fr-om 10-13 October 1994 and published in CP-552.
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d'6volution de ces diffurentes mhthodes et les nouvelles fonctionncment complexe du rotor principal fait que,
m6thodes en cours de validation, dressant amnsi one pour des conditions de vol donn~.es de l'hdlicoptZ-re, la

perspective des possibilit~s d'utilisation des m~thodes cin~matique des pales est une inconnue suppk~mentaire,
de calcul aerodynamique pour la definition et l'6tmde des d~tennin~e par 1'6quilibre des pales so nivcau dcs

rotors d'hMlicopt~res. articulations de battement et de trainee sous; l'ffet des
efforts a&'odynamiques et des efforts d'inertie, et par
l'ajustement de la loi de commande de pas pour assurer

4 GENERALITES SUR LES les conditions de vol d~sjr~es. La tendance actuelle ý
HELICO TERESremplacer des moycox articuh~s, tr'es complexes, par des
HELICO TERESmoycox de type "hingeless" ou "bearingless" oýt les

articulations sont remplacdes par une sooplesse

4.1 Introduction concentr~.e, complique encore le probl~me. Enfin, les
pales se d~forment sous l'effet des charges

La cllue d 111icpt~e pet gn~rlemnt tre a~rodynainiques et des efforts d'inertie, phdnom~ne
La cellole den trhoicop6ets peut gpa ndr:lemn fuelgere d'autant plus important quc l'utilisation de mat~riaux

rocorprinipa en terois r a&i~me Lenrtos principaxlefslae et composites se g~n~ralise. Les interactions entre

rotore porincipaet lessrotor des forLes arotosrncmipalet l'a~rodynamique et la dynamique de la pale peuvent

arrssires forisn laesusentaiel desfre VapprodynmiL e rto donc avoir tine importance pr~pond~rante pour certaines

prncispal en asIasurtentgate tl rpion, depapria ertr conditions de vol, et dans ce cas il est indispensable de

orientation de la force normale d~veloppfu par lc disque -rnr ncmt cculaear~atqed ao

rotor, permettant aussi le pilotage en tangage et roulis de precise dans les calcols.

l'h6licopt~re. Le rotor an-i~re, ou tout autre dispositif
6quivalent (fenestron, NOTAR, ...), est destin6 ý contrer 4.3 AMrodynamique du rotor principal
le couple do moteur qui s'exerce sur lc fuselage par
reaction, et pen-met 6galement Ie pilotage de lFappareil en Les probl~mes purement a~rodynamiques qui
lacet. apparaissent sur le rotor principal sont eux-mames tr~s

complexes. En premier lieu, lea pales en rotation peovent
recouper leur propre- sillage, avec notamment tin

4.2 M16canique du rotor principal tourbillon d'extr~mit6 tr~s intense dfi ý ]a concentration
de circulation en extr~mitd de pale. Ccci perturbe

Le rotor principal est Ia partie a~romilcanique la plus fortement 1'6coulement incident et peut induire des

complexe de l'hMicopt~re. En raison de la rotation des interactions pale-tourbillon, sources de bruit impolsif. Ce
pales, les efforts adrodynamiques croissent de fagon ph~nom~ne apparait essentiellement k basse vitesse et en
quadratique do centre ý la fronti~re externe do disquc vol de descente, et eat done fortement p~lnalisant en
rotor. DI en r~sulte l'apparition de contraintes m~caniqucs approche et k l'atterrissage. L'influence du sillage do
isnportantes au niveao des attaches de pale. rotor eat 6galement tr~s importante en vol stationnaire,
L'introduction d'un vrillage n~gatif permet car, n'6tant convect6 que sous l'effet de ses; propres
d'uniformiser la distribution des efforts en envergure. vitesses induites dans cette configuration de vol, il reste
Cependant, ls tenue m~canique des pales n'est rendue proche du disque rotor et conditionne fortement
possible quc par lintroduction d'articulations ou d'une 1'6coulement incident sur les pales. Ceci montrc qoc,
souplesse concentr~e entre le moyco et les pales, afin pour ces conditions de vol, one repri~sentation tri~s
d'att~nuer ces efforts. L'introduction de larticulation de r~aliste do sillage toorbillonnaire des pales doit &re.

battemnent a etc tine etape decisive dans le obtenue pour evaluer correctement les performances do
d~veloppcment des h~licopt~res. Elle permet k Ia pale de rotor. En vol d'avancement, 1'6coulement est
battre librement dans le plan form6 par sa ligne quart de instationnaire et transsoniquc en extr6mit6i de pale
corde et l'axe de rotation do rotor principal. La avsnqante et des ondes de choc apparaissent. Celles-ci
combinaison du battement et de la rotation de Ia pale limitent la. vitesse de l'hMlicopt~re, car 1cm' apparition
mntroduit alors on effort dans Ie plan de la pale augmente fortement le niveso vibratoire do rotor, la
(acc~l~ration de Coriolis), qui est annolY par p uissance consomm~e et le bruit rayonn6 par le rotor (en

l'introduction d'une articulation de trainee dans cc plan particulier lorsquc la vitesse d'avanccmcnt est suffisante
du disque rotor. En vol d'avsnccment, Ia dissymitrie de pour que la d~localisation des ondes de choc apparaisse,
vitesse enire Ia pale avangante et la pale reculante cr~c correspondant k on moovement sopersoniqoc de I 'onde
tine dissymdtrie lat~rale de portance. Celle-ci est de choc: attachfu ý ]a pale). En pale rcculante, lea
partiellement compcns6c par l'anticolation de battement viteases d'attaque sont faiblcs, et m~me n~gatives dans

par effet gyroacopique (Ia pale monte do c~t6 de Ia pale Ie cercle d'inversion oii les sections de pale soot
avangante et descend do c6t6 de Ia pale reculante, attaqu~es par 1cm' bord de foite. Au contraire de Ia pale

diminuant ainsi les incidences locales en pale avanyante avanyante, les incidences sont 6levlcs en raison de
et les augmentant en pale recolante). Une variation 1'6quilibre do rotor en roulis, les sections de pale poovant

cycliquc de la commande de pas permet alors m~me fonctionner au-deli de 1cm' incidence de portance
d'6quilibrer Ie disque rotor en roulis et de piloter maximale ;des ph~nombnes complexes de d~crochage
I'hMlicopt~re par inclinaison do disqoc, rotor. Ce dynamnique apparaissent alors, avec on effet de
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surportance tourbillonnaire qui permet aux profils de la Cette m~thode de type 616ment de pale calcule la

pale de fonctionner au-del'a de leur portance maximale position d'6quilibre de la pale en prenant en compte sa

stationna ire. souplesse de fagon ka assurer les conditions de vol
desirees (efforts globaux 00 commandes imposees), a

partir d'ume description simple des pales et do moyco du

4.4 L'appareil complet rotor. Elle fournit 'a la fois one estimation de ]a
cin~matique de la pale et de ses deformations, ainsi que

L'appareil complet introduit un degr6 de complexit6 les performances du rotor.
suppl6mentaire qoi doit 6tre pris en compte dans one

mod~lisation r6aliste du rotor [1). Le fuselage pr~sente

des regions d'6coulement d6colin difficiles 'a simulet-, 5.1.2 Description de la m~thode

notamment en aval du milt rotor. Il modifie la g~om~trie

du sillage du rotor, et plus particuli'arement 'a basse En supposant le moovement des pales p~riodique, R85

vitesse, pertorbant ainsi l'6coulement incident sur les decompose les diverses inconnues du probl~me (angles

pales. De m~me, le sillage du rotor est en interaction avec rigides et deformations) en s~rie de Fourier. De fagon 'a

le fuselage, venant m~me heurter ses parois, en diminuer le nombre d'inconnues, chaque degr6 de libert6

particulier au. niveau des empennages, cc qui a on effet est d~compos6 sur one base modale de deformation

important poor le contr~le de l'h6licopt'are en vol. Le prd.alablement calcul~e, qui comprend en pratique les N

passage do sillage do rotor principal 'a proximit6 do rotor premiers modes propres de ]a pale en rotation (N pouvant

arri~re cr~e 6galement des perturbations impulsives de aller de 5 ka 8 selon le cas). L'6quilibre do rotor est obteno

l'6coolement incident, cr~ant ainsi on bruit d'interaction par resolution des 6quations de Lagrange

'rotor principal-rotor amrrcr. d ( arT aT ,au Q
dt aqi aq.

4.5 Consequences coii l'on a:

La complexit6 a~rodynarnique de l'h~icopt'are rend sa - 1'6nergie cin~tique T directement exprimde en
simulation num~riqoe compl'ate cofiteuse et difficile. fonction des inconnocs do probleme,
Celle-ci n~cessite la maitrise de techniques num~riques- 'nri61squ Uqisexim Fadds
6volu~cs, notamment en raison de la cin~matique - l'6nerg de ~latie U qoi st xprides 'at 'aid des
complexe des pales en moovement relatif par rapport ao
fuselage mais 6galement les ones par rapport aox autres. assimilans la pale 'a one poutre se d6formant en

Un calcul de l'h~licopt~re complet avec prise en compte flexion et en torsion,

de tous les ph6nom'anes par m~me m~thode nest done -les coordonn~es g~ndralis~es qi d~crivant la pale

pas r~aliste 'a l'heure actoelle, en particulier poor les en rotation, et qoi sont en pratique les contributions
applications. Une approche indirecte divise Ic probl'ame temporelles (d~composdes en s~rie de Fourier) des
global en plusieors probl'ames plus simples, poor N modes de, d~formation,
lesquels des m~thodes de calcul spdeialis~.cs sont
d~velopp~es, la simulation de l'Hilicopt~re complet (00 les; efforts g~n~ralisuis Qi relatifs 'a ehaque

m~me de son rotor principal) 6tant obtenue en cooplant coordonn~e g~n~ralis~e qi, qoi sont calcul6s 'a

ces m~thodes entre elles. A lFheure aetuelle, settle cette partir des efforts a~rodynamiques s'exerqant sor Ia
approche est viable au niveso des applications pale.
indostrielles; poor fournir des r~sultats de calcul do
champ a~rodynamiqoe aotour de l~hlieopt'are. Le syst'ame non lin6aire form6 par les 6quations de

Lagrange est r~solu par one m6thode iterative (m6thode

de la s~cante).
5 LE ROTOR D'HELICOPTERE EN Do point de vue adrodynamique, ]a pale est assimil6e '

VOL D'AVANCEMENT une ligne portante, et les coefficients a~rodynamiques

CV C. et Cm sont los dans des tichiers de polaires de

5.1 Le code de calcul R85 profils obtenues 'a partir d'essais en soufflerie. Diverses
corrections peuvent Etre apportdes 'a ces coefficients
a~rodynamiques afin de micox simuler l'6ceoulement niel

5.1.1 Introduction sor l11niicopt'are, fortement tridimensionnel en extrimit

de pale. Par exemple, des corrections d'attaque en fl~che
Le code de calcol R85 a W d~veloppsi par Eorocopter sont effectu~es de faqon 'a pouvoir traiter des pales de
France pour disposer d'on outil rapide d'analysc et de gdom~trie non rectangulaire. Deux modhles de sillage

definition des rotors d'h~licopt'ares [21, [3]. La sont disponibles dans le code poor simuler 1'6coulement

Direction de I'A~rodynamique de l'ONERA coop~re indoit 'a travers le disqoc rotor. Le premier est Ie mod'ale

avec ECF poor 1'6valuation et l'am~lioration de cc code, lin6aire semi-empirique de Meijer-Drees. Un mod~le

afin d'6tendre son domnaine de validit6 et d'amdliorer sa plus rialiste de sillage a 6t introdoit par Ie couplage do
precision et son efficacitd. code R85 avec Ie code METAR (§5.2).
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5.1.3 Risultats de calcul
I I -, CAM PACNE S I W

Un important effort de validation du code R85 a 6t Torsion(*)
effectu6 au cours des demni~res ann~cs [41, en utilisant .r 09
plus particuli~rement les r~sultats obtenus au cours des / 09

essais ROSOH it S2Ch [5) et au cours de la 1lrt 0.m

campagne d'essais k SIMA. La puissance consomm~e
par le rotor est en g6n~ral assez bien estimde par Ic calcul
utilisat le mod~e de sillage le plus sophistiqu6, donnant

ian 6cart moyen avec I 'experience inf~rieur ý 5%, sauf -.- ...

aux fronti~res du domaine de vol (Fig. I)

11 imre CAMPAGNE Si1MA
Rotor 7A, MOR=0.646. CxS/Sor =0.1

- Essals ---- catcut R85/METAR souple avec: corrections de paroi 45 90 135 1142 225. 270 315 360

Z2 1

19 Fig. 3 Calcul des deformations de torsion par R85

I p=0.4 U04

/ 5.2 Les codes de calcul METAR/MESIR

440.

13 i . 5.2.1 Introduction

II L'importancc particuli~re du sillage tourbillonnaire dcs

145 75 4425 "0 5 C pales a d~jit &6 soulign~e, en raison notamnment de son

influence importante sur l'6coulement incident sur lea

Fig. I Puissance calcuk~e par R85 pales. En particulier, le tourbillon d'extrdmitd de pale,
tr~s intense, est convect6 beaucoup plus lentement quc le
reste de ]a nappe sous le disque rotor, et son influence est

Les efforts a~rodynamniques locaux sur les pales sont pr~pond~rante. De plus, le syst~me tourbillonnaire

6galement assez proches des mesures exp~rimentales pennet line premniere prise en compite des effets
pour les sections allant du pied de pale it 95% du rayon tridimensionnels qui apparaissent en extr~mitd de pale,
(Fig. 2 ). Au delk, des 6carts plus importants et notamnment de, simuler la chute de portance en

apparaissent :ces dcarts sont attribu~s ka la conjugaison extr~mit6 de pale.
des efforts tridimensionnels partiellement mod~lis~s par Deux mod~Ies de simulation du sillage tourbillonnaire
l'approche ligne portante et des deformations de pale qui du rotor principal de l'hMlicopt?~e sont pr~sent~s dans
pouvent 6tre importantes, notamnment en torsion. cette partie, les codes METAR et MESIR. Ce dernier est

une Evolution du premier dans lequel Ia g~om6lrie du

I I-CAMPsillage est mise en 6quilibre. Ccci signifie que METAR,

777, . 2..... ... . .. qui impose a priori la g(~om~trie du sillage rotor, est
C2.M 2C 2.M 2adapt6 au calcul de l'h~licopt~re en croisi~rc (param~flres

'/H 0.5 ,/H 0.975 d'avancement sup~rieurs it 0,25), tanidis que MESIR
permet de traiter les probl~mes du vol ka basse vitesse ou

I/ j.en descente. pour lesquels des interactions

S.~ pale-tourbillon apparaissent.

5.2.2 Le modile METAR

________________ _______________ Ce code de calcul a 6t d~velopp6 par Eurocopter

42 1B 02. M2 02 312 W. 6 N0 11 IN, M2 n2 02' 3s France. La pale est toujours repr~sent~e par une ligne

portante, utilisant les polaires de profils bidimensionnels

Fig. 2 Calcul des efforts agrodynamiques par R85 des sections de pale pour Evaluer les efforts
a~rodynamiques. Le sillage 6mis par chaque pale eat
repr~sent6 par des lani6res tourbillonnaires (Fig. 4 ),

De fait, l'amplitude des deformations de torsion en ces lani~res pouvant 8tre radiales (pour mod~liser lea
extr6mitA6 de pale est en g~n6ral sous-estim~e par rapport variations de circulation Ie long de Ia pale) ou
ka 1'exp~rience (Fig. 3 ), montrant lea faiblesses actuclics tangentielles (pour mod~liser les variations temporelles

de la m~thode de calcul. de circulation).
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totale en cc point, dgale k la somme de la vitesse induitc

- -Laniere radiale et de la vitesse d'avanccment de I'helicoptere,
contrairement A METAR o~i cette vitesse de convection,
uniforme, est la somme de la vitesse d'avancement de
l'h~licopt~re et de la vitesse induite moyenne k travers le

disque rotor. Le processus de misc en 6quilibre est
-x - poursuivi pendant trois r~volutions de pale afin de

permettre ý la d6forrnation du sillage de s'6tcndre de
fa~on consistante stir les trois tours de rotor pris en

compte dana le calcul. La matrice d'influence eat alors

I - calculee pour cette nouvelle geometric de sillage, et ii est
---- -L~aniere tangentietle necessaire de converger ha nouveau sur lea valeurs de la

- circulation sur la pale. Ccci termine ]a description d'une
iteration compl~te de misc en 6quilibrc du sillage, et ]e

Fig.4 Mogliatio dusillge ar MTARprocessus est poursuivi jusqu'a convergence sur ]a
Fig.4 Mosliatio dusillge ar MTARgeometric du sillage, pour laque]]e la vitesse locale est

La g6.ometric de cet ensemble de lani~res est figde ct cangente en tout point dc la nappe.
suppos~e connuc a priori, de forme h~licolfdale, de sorte La mechode MESIR a 6t6 appliqu~e 'a l'h6licopti~re
que chaque tourbillon est convectd vers l'aval a ]a SA349 Gazelle en vol de palier basse vicesse. La
vitesse de l'helicopti~re augmentec d'une vitesse induite geometric du sillage (Fig. 5 ) montre nettement lea
moycnne, donnde par la. formule de Meijer-Drees. En deformations locales de la nappe, avec en parciculier

6couemet icomresibl, lirifuene d ce lai6Ts 1enroulement en extremit&, conforme aux observations
de geometric connue, en chaque point de la pale ct pour ex-ietls
chaque azimut, est enti~rcment d6fmici par une macrice eprmnte.

d'influcnce Mi, obtenue en appliquant ]a loi de Biot et

Savart en chaque point de discr~tisation de la pale. La
vitesse induite par le sillage Vi sur lea; points de la pale

eat alors donnee par

V. M.. r (2)

oil r- eat le vecteur qui definit la repartition de circulation

sur la pale pour l'ensemblc des points de discretisation
du disque rotor, en envergure cc en azimut. Fig. S Sillage de la Gazelle calculi par MESIR

Dans le code METAR, le mouvement de ]a pale eat Cette amelioration de la representation du sillage par
suppose connu (ka partir d'un calcul R85 ou de resultats rapport a tine geomen-ic figee se traduit naturellement par
experimencaux). Le programme effectue des iterations de tine meilleure evaluation de 1'6volution azimutale des
fagon 'a trouver la repartition de circulation permettant de charges dans une section de pale (Fig. 6 ). En
converger sur lea vitesses induites. Le modele METAR particulier, lea forts gradients de portance autour des
a 6galement 6t6 couple aui code R85 afin de prendre en azincuts 90' et 27O*, dus 'a des interactions entre la pale
compte de facon plus realiste l'influence du sillage du et le sillage, sont beaucoup micux calcules par MESIR
rotor sur l'&iuilibre de la pale. que par METAR.

Cz- ~~Expdrience Tq9

5.2.3 Le modile MESIR EI

Afin de simuler les interactions pale-tourbillon,
I'ONERA a developpe une mdchodc de misc en
oCquilibre. du sillage conscruite 'a partir du modi]c
METAR et baptisee MESIR [6], [7]. En effet, cc type
de probl~me ne peut 6cre trait6 s~ricusement en imposant i
une geometric dc sillage figee, car il s'agit de CZ.M2

configurations de vol ka basse vitesse oii lc sillage passc

trha pr~s des pales, lea variations locales de vitesses

induites ne pouvant alors plus Etrc n~glig~es.

La misc en 6quilibre du sillage est effectu~e de faron%
iterative jusqu'k la convergence du processus, en

demarrant avec tin sillage fige calcule par METAR.

Ainsi, pour tin azimut de calcul donne, la vitesse induice
par l'ensemble du sillage et des pales cat calcul~e en tout N

point du sillage en utilisant Ia formule de Biot et Savart. Fig. 6 Comparaison de la partance en rIR=O,89 pour
Chaque point du sillage eat alors convecte ka ]a vitesse la Gazelle
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La m6thode MESIR, par sa capacit6 ý calculer la implicitemnent les acc~l~rations d'entrafinement et de

g~om~trie des nappes tourbillonnaires, est un outil Coriolis dans les 6quations. Apr~s passage aux

pr&cieux pour le calcul des interactions pale-tourbillon. coordonn~es de calcul, lea 6quations s'6crivent

Cependant, elle ne permet pas le calcul des pressions sur 4g ( P) q; P(Ir Uj) = 0 (3)
les pales, indispensable pour une estimation correete du 01 ~
bruit d'interaction pale-tourbillon. Un couplage avec une [21+( T+U-)a
m~thode potentiel, ARHIS [8] ou FP3D) par exemple P 1- iL 2  +( +11 (4)

(§5.3), permet d'atteindre cet objectif. 0Tj
Dans les nouvelles coordonndes de calcul ddfinies par le

maillage sur lequel eat discrdtis6 le problkme, l'dquation
5.3 Le code de calcul FP3D de conservation de Ia masse (3) est sous as formne

conservative. Ceci eat obtenu grice 'a une identit6 non

5.3.1 Introduction triviale, [15], assimilable 'a une relation de conservation
gdomdtrique [16]. Dana ces equations (3) et (4), lea

Le code de calcul FP3D a 6t6 initialement ddvelopp6 te-roes U soot lea composantes coon-avariantes de la

pour simuler les 6coulements tranasoniques qui vitease dana le rep'ere de calcul, exprimdes par:

apparaissent en extrdmit6 de pale avangante [9]. Dc U, . V . + ~ 0(5)
nombreuaea applications [7], [10], [11], [12], mootrent T

is g~ndralit6 du mod'ale potentiel pour simuler tine
grande partie des phdnom~oca non viaqueux qui oi soot lea composantes de Ia vitesse de ddplaccment

Ti
apparaissent aur un rotor d'hdlicopt~re. du maillage dana le repdre de ealcul et g jI letenseur
En effet, lea 6coulementa tranasoniques sur un rotor mdtrique fondamental.
d'hdlicopt~re restent moddrds, mdme pour le vol de
croisi~re rapide. le nombre de Mach maximum exeddant
rarement 1,3. Dana ces conditions, l'6coulement peut 5.. Discr~tisation de I'6quation
8tre consid~r6 comrne isentropique. En dehors du aillage,
1V6coulement eat alora irrotationnel, en premiýre

approximation. Sous ces conditions d'isentropie et Discretisation temporelle
d'irrotationnalit6, Ie champ de vitesse ddrive d'un
potentiel, et la rdsolution dea 6quations de Ia dynamique L'algorithme de calcul utiliad a 6t6 initialement
des fluidea se simplifie eonsiddrablement, puisqu'elles ddvelopp6 par Steger et Caradonna [17], [18], et une
ne ddpendent plus que d'une variable, le potentiel dea prcmiere application aux rotors d'hdlicopt~re effeccmde
vitesses 0a, tout en gardant le comportement non lindaire par Strawn et Caradonna [19]. L'6quation de
des phdnom~nes. Le principal inconvdnient du mod~lc conservation de la masse eat discrdtisde sous forme
potentiel eat son incapacit6 'a capturer lea nappea implicite, en utilisant une diffdrence dhieenL!rde du

tourbillonnaires, dont l'influence eat fonidamentale pour premier ordre en temps. Afin de rdsoudre une 6quation

certaines applications hdlicopt~re. 11 eat alors necessaire pour le potentiel comroe seule ineonnue, lea termes de
d'introduire une influence du sillage dana lea conditions densit6 et de flux sont lindariads au premier ordre en

aux limites du calcul [13]. Une moddlisation du sillage fonetion du potentiel, lea opdrateurs de lindarisation

directement dana Ie champ potentiel eat cependant 6tant obtenus 'a partir de l'dquation de Bernoulli. Le

possible par l'intermddiaire d'un potentiel de Clebach syst~me lindariad s'6crit alora
[14]. Dana le cas cootraire, l'6quation du potentiel eat h n~h n1 a~~ 1ga, +_.
rdsolue sur un maillage entourant une pale isolde, I- +p h 5 a n+n~ I 0n)J
l'influence des auti-es pales et du sillage 6tant prises en 2--Lpnj
compte dana lea conditions aux limites de l'6quation. h'+ h n1 Pn

-- P ( U j) j (6)
5.3.2 Equations 2-7

Lea 6quations de conservation de Ia dynamique des h( ~n+1(n-,n) +
fluides, masse, quaotit6 de mouvement et 6nergic, sont h

6crites dana un rdfdrentiel Galilden. Leur expression
dana tin rep'are non Galilden odeessite I'introduction de 2- fl ~nin1 ' n-l1

termes suppldmentaires dana lea dquations, termes qui hn+ n n,-) -- n + O-n1
peuvent atre assez complexes pour tin rdfdrcntiel liH' 2-y hL na h n-1 ~ -

tine pale d'hdlicopt~re. 11 eat done beaucoup plus simple P

d'6crire lea &luationa dana Ic rdfdrentiel Galilden lid ka Au second membre de l'6quatioo, apparait l'dquation dc
F'air au repos. Un ehangement de coordonndes eat alors conservation de la masse sous sa forroc explicite, Sinai
odeessaire pour exprimer ces 6quations dana un syst~me que lea termes explicites de lindarisation de Ia dcositd.
de coordonndes li ka la pale, ce qui revient 'a introduire Dana cette formulation, lea deux termes de densit6 soot
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lin6aris~s afin d'avoir une solution consistante en temps. Le calcul des termes m6triques conditionne la qualitd de
Ce syst~me peut 8tre invers6 it l'aide d'une factorisation ]a solution obtenue. En particulier, la msithode

approch~e, donnant la solution du prob1Z~me 'a chaque pas discr~tis~e doit 8tre capable de donner la solution exacte

de temps, pourvu que ce dernicr soit suffisamment petit, pour un 6coulement non pcrturb6. Ceci impose des

Une am6lioration peut Wte apporte ka la m~thodc, en conditions de cons istance que doivent vdlrificr les
convergeant les lin~arisations effectu~cs par une m~triques discr~tis~es [22]. Au contraire dui

methode de Newton. A convergence la valcur du bidimensionnel, ces conditions sont difficiles 'a satisfaire

potentiel obtenue est la solution exacte de l'6quation dc en tridimensionnel. C'est pourquoi un tenne correctif,
conservation de la masse sous sa forme implicite. Le correspondant 'a l'erreur de la solution pour un

systeme lin~aire 'a r~soudre a un second membre 6coulement non perturb6, est soustrait du second
simnplifi6 par rapport 'a (6), puisque seule la forme membre de l'6quation. Une approche puremcnt volumcs

explicite de l'6quation de conservation de ]a masse pour finis est dgalement possible en appliquant le th~orZ~me de

le demnier "pr~dicteur" connu y apparait. Ccci est obtenu la divergence de Gauss au potentiel des vitesses. Ccci

par lin6arisation du seul premier terrne de densit6 et des perniet de s'affranchir totalement dui calcul des terrncs

tennes de flux par rapport au dernier "pr~dicteur" connu. m~triques.
Pour d~marrer le processus, in premier "pnidicteur" est

n6cessaire, et une 6quation sensiblement diff~rcnte doit

6tre r~solue. Pour cela, on utilise g~n6ralement (6). Conditions aux limites

A la surface de la pale, une condition de transpiration est

Discretisation spatiale introduite, permettant soit d'assurer ]a tangence de
l'6coulement 'a la pale, soit d'imposer ]a composante de

La discr6tisation spatiale de l'~quation est obtenue 'a vitesse normale 'a la pale afin de simuler les
l'aide de differences finies centr6es, exactes aui second modifications de l'6coulement incident induites par Ic
ordre. Pour les zones supersoniques de 1'6coulcmcnt, sillage tourbillonnaire et les autres pales du rotor.

cette discr6tisation centrde est inadapt~e en raison du Darts la premiýre section de calcul, .une condition
caract~re hyperbolique en espace de l'6coulement dans d'6coulement de perturbation bidimensionnel est
ces r6gions. II est alors n~ccssaire d'introduirc dans Ie introduite.
schema cette influence amont par un d~centrement de ]a

densit6, obtenu 'a laide du schema d'Engquist-Osher Pour in 6coulement potentiel, l'6galit6 des pressions

[20], [21]. En pratique, on utilise tine version extrados et intrados au bord de fuite fait apparaitre inc
'1monodimensionnelle" de ce schema suivant chaque discontinuit6 du potentie] en cc point (condition de

direction de ligne de maillage, cc qui donne Joukovski). Le sillage apparait comme une surface de.

suffisamment de dissipation num~rique pour obtenir inc glissement, A travers laquelle la vitesse tangentielle et Ic

solution stable avec choc. potentiel sont discontinus. Dans le sillage, tine 6quation
de convection de ]a circulation est appliqu~e afin de

Calcu desm~trquestransporter cette discontinuit6 de potentiel vers l'aval et
Calculdes m~riquescorriger ainsi les d~rivcies dui potentiel 'a la traversie dui

Plusieurs approches peuvent 8tre utilis~es pour le calcul sillage. Cette 6quation de convection est obtenue 'a partir

des termes m~triques. La plus simple consiste 'a inverser de l'&iuation de Bernoulli en exprimant Ia continuit d~e

la. matriee des ddrivuies des coordonntics dii maillage par rsinkltavsede]coperpretn a

rapport aux coordonndes de calcul. L'autre approche, nappe.

moins commune, se ddduit d'une interpretation "volumes Une analyse des valeurs propres du syst~me diffdrentiel

finis" de I'6quation (3), qui donne la signification construit 'a partir de l'dquation montre que celle-ci est

siivante aux, termes de l'&iuation hyperbolique, et sa solution est done domin6e par Ics
I.....phdnomines propagatifs, la vitesse des ondes dans tin

- le terme Vrg, inverse dii Jacobien dui changement pln ora klasfce ist datdge
de variables, est 6gal aui volume de Ia cellule plnnra aI ufcei=se6at6ae'
616mentaire sur laquelle l'~quation discrdtis(~e est U ± a'~/". A la frontibre exteme dui maillage, des

r~solue, conditions de non r~flexion sont done appliqudes afin

-~ ~ ~ r le tre i\gA A k rpsetn stne d'6viter quc ]a r6.flexion des ondes ne viennent perturber

de flus t hme U rvr leg f~~repnt~ens let termues Ia solution. Elles sont obtenues 'a partir d'une

d16e flxaie traver le t frone i rtir s6 dest ceslhul lin~arisation de 1'6quation dui potentiel pour une onde se

c'~entak-ires le I probut claie duiscrti est vitsohti propageant dans une direction donn~e et sont de Ia
c'es-'adir leprouitscalirediiveceurvitsse forme:

avec la surface orieniiic duilimitans la frontibre de Ia

cellule. 0,+(U±- F9") 0 +VýT+Wqp 0 (7)

On en d~duit alors que Ic calcul des termes m6Lriques Cretos detoi
petit 6galement 8trc effectu.6 uniquement 'a partir des Cretos detoi
composantes de la surface normale aux facettes des Dscretosdetoi n nrdie asl
cellules de calcul, divisies par le volume de Ia cellule de Decortin dnrpiot tinodisdasI
calcul. code FP3D afin de capturer des conditions de saut plus
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proches des relations de Rankine-Hugoniot au niveati La Fig. 7 montre ]a repartition de lignes iso-Mach
des ondes de choc. Cette correction tr~s simple est instantan~es calcul6es et mesur~es ka l'azimut 90', pour
semblable ka celles d~critcs dans [23] et [24] tin param~tre d'avancemcnt gL=0,4. Un bon accord entre

PY1=P Y-Ie -A ý(8) le calcul et l'experience peut 8tre observ6. En particulier,
ke.Ia diminution de l'intensitc6 des 6coulements

transsoniques apporthe par la formne parabolique en

Correction de couche limite flche de l'extr~mit65 SPP8 apparait clairement Suir
l'exp~rience et Suir le calcul.

Une correction de couche limite a 6galement 6t -Kp
appliqu&e au calcul FP3D, en utilisant tine technique 2.0 ; w=90'

simple de couplage faible. Le calcul de couche limite est -Calcul FP3D 0

effectu6 avec le code CCLT ddvelopp6 par Cousteix et avec corrections .

Houdeville au CERT/DERAT [25], qui simule tine d'entropie 0.

couche limite turbulente et instationnaire par tine Cacu FP3D
m~thode int~grale. Le calcul FP3D) fournit Ics conditions sans correction 0.0 -

aux limites pour le calcul visquetix, et ]'cffet de d'entropie

d~placement de la couche limite est introduit dans les x+x Exp~rence Si MA
conditions de transpiration du calcul potentiel de fagon
explicite en temps. xlc

002 . 1 . .

5.3.4 Applications de la niethode -Kp
1200

La 116me campagne d'cssais r~alis~e par I'ONERA et0
ECF 'a SIMA, Sur les rotors 7A et 7AD munis chacun'de
plus de 100 capteurs instationnaires distribuuis Sur 5 Le

sections de mesure, a foumi des r~sultats exp6rimcntaux 0.5 +

tr~s complets et d'excellente qualitd pour les 0.0 D

configurations de vol du rotor 'a grande vitesse :dile a -.

done 6t utilis~e de faqon extensive pour vatider la
m~thode FP3D [13]. Un des buts de ]a validation est de .

v&-ifier que la m~thode de calcul est capable de -1.0

reproduire correctement l'effet d'tine variation de______________
g~.om~trie de ]a pale Stir les caract~ristiques dea 0. 09 0. 10

1'6coulement ;ceci constitue tine condition prodalable 'a Kp
l'utilisation d'un tel outil pour la definition de nouveaux w. ~~ 150,
rotors.

Lo

I-.Ca 
lcul FP3D 

+

00 0.4 09 0. 1.0

. _...._.. Fig. 8 Coefficient de pression calcu1g et mesurod sur le

rotor 7A (M(OJR=0,6 4 6 gooO 45 r/R=O,975)

Experience S1 MA La Fig. 8 montre tine comparaison calcul-exp6ricnce du

coefficient de prdssion en extr~mit6 de pale avanyante,
qui petit 8tre consid~r6 comme satisfaisant 'a l'exception

....... .... -... ... d'tine surestimation de l'intensiti6 des chocs, ceux-ci se
trotivant positionn~s trop en aval vis-is-vis die

________ ___ ____ 'exp~rience Sur la corde du profil. Malgroi lincertitude
~ . apportee par le modi~le de sillage titilis6, ceci illustre les

S~ .~ limitations die la formulation isentropique et non
visquetise. Un calcul avec corrections d'entropic est

Fig. 7 Comparaison des lignes iso-Mach calrulees et 6galement pr~sentc6 Sur cette m?ý_me figure, montrant tine
mesurodes sur les rotors 7A1 et 7AD (V=320 Ion/h, 16ghre ani~lioration dans le calcul de la position des

W=901)chocs.
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x/c=O,03 07R=0. 70 supprimer le terme de trainee induite du calcul, ce qui

6 permet d'avoir une estimation de l'erreur due 'a

K~pi-K~pe 1'integration des pressions sur la train6e 'a partir d'un
calcol ka bas param~tre d'avancement oiti la trainee en

CALCULfluide parfait est nulle (absence de choc). La contribution

4 de la trainee visqueuse dans le calcol do couple est

2 5.\obtenue par la formule de Squire et Young 'a partir des

3 4 T6sultats du calcul de couche limite. La contribution du

2 frottement ka ce terme de train6e visqueuse peut
6galement atre obtenue par integration du terme de

5 2 frottement. Le couple calculd (Fig. 10 ) est ldg~rement
EXPERIENCE plus faible que celui mesur-6 en soufflerie. La non prise

II I I I I I I en compte;de la partieinterne de lapale Ousqu'i 60% du
30 90 150 210 270 330 rayon) peut expliquer cela. Par contre, ]'augmentation du

Fig 9 oeficen depresin dffreniele ourle couple n~cessaire au rotor avec le param'etre

Fig.r 9L oenfiier de pressiontdfernile pour=3 le=% davancement est bien reproduit, car ce tcrme provicnt
roto OLSen ol d decent (x/=3%r/R=0%) essentiellement des ondes de choc en exn-s~mit6 de

L'application du code FP3D 'a des interactions pale.

pale-tourbillon necessite un calcul de I ecoulement C
incident par le code MESIR. De plus, un traitement plus

pr~cis de ces interactions est n~cessaire, avec calcul des .0

vitesses induites par les tourbillons en interaction en tous ~
lea points de ]a pale, alors que l'influence du reste du

sillage est prise en compte de faqon simplifi&e par un SCI

calcul d'incidence au point "quart de cordc".

L'application de la m~thode au rotor OLS de ITUS Army FROITT5MENT

(Fig. 9 ), montre un assez bon accord avec lcs r~sultais

exp~rimentaux obtenus; dans ]a soofflerie du DNW. En

particulier, les oscillations de pression diff(~renticlle

caract~ristiqueo de l'interaction pale-tourbillon (dues 0a 0,10 0,45 0.5

une brusque modification de l'dcoulement incident Fig. 10 Evolution du couple en fonction de la vitesse

indoite par le passage proche d'un tourbillon) aunt (Rotor S2Ch non portant, pales droiles)

captur~es en phase avee I 'expdrience par Ie calcul;

toutefois, certaines d'entre elles ont leur amplitude

amortie par rapport 'a 1'exp~rience, indiquant que la 5.4 Couplage Dynamique-A~rodynamiq
distance d'interaction ou l'intensit6 do tourbillon ne sont ue
pas suffisamment bien calculkes. Ccci illusure la

difficult6 de ce type de calcul qui est fortement Les m~thodes expos~es jusqu'a present ne pcrmettent

d~pendant do modZ~Ie de sillage utilis6, pour lequel des pas de trailer simultan~ment Ie problme de la
paamtrs mpriue tl qe e hox u ayn e dynamique des pales souples et cclui dc
para~trs emiriucs elsquele coixdu ryonde 'a6rodynamnique 3D, c'est-ý?-dire d'6valuer les effcts de

r~gularisation, de ]a discr~tisation, ... peuvent avoir one l'a6rodynamique 3D sur les ddformations des pales.
influence importante sur les r~sultats, obtenos. Aucun C'est dana cette optique qo'est meni~e one 6tude

ajustement de ceo paraminres de fayon 'a reproduire au concernant le couplage itdratif entre le code de

micux les r~sultats exp6rimcntaux n'est effectu6 dans dynanioque R85 et le code d'a~rodynamique FP3D.

notre approche, leur choix d6pendant uniqoement de icdne

considerations purement nwom~riques. R8TEA~ (sillage + mouvement de pale)

Lin des objeetifo principaux do d~veloppement dcs
m~thodes num~riques eat ]a prevision de grandeurs Cz st/au Cm 3D
facilement utilisables dana on procesous de d6finition.
En particulier, la puissance 'a foumnir au rotor e.st le critbre
principal qui int~resse les burcaux d'6tudes. Une Fig. 11 Sch~ma du couplage R8S/FP.3D

premi~re application de la m~thode FP3D avec Le seh~ma de principe de cctte mdthodc (Fig. I1) est
corrections de couche limite a 6t6 effcctudc dans cc assez simple :le code R85 foumit 'a FP3D lcs

cadre poor le cas simple d'un rotor non portant. En effet, informations sur le mouvement de ]a pale soople et our le

le calcul de tra~in~e cot on problZ~me extremement sillage tourbillonnaire. Le code FP3D foumnit en retour
difficile. L'avantagc d'un cas non portant cot de leo corrections 'a apporter our leo coefficients Cz (etlooi
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Cm) lus dans les fichiers polaires dc profil. De te~lls contraction du sillage peuvent 8trc utilisds. Ccttc

itrations sont effectui~cs jusqu'a cc que lea C.z (et/sti m6thode, extr~memient rapide, fournit tine estimation

les m) e R5 etFP3 soent gau. Uc reaxaionest correcte des grandeurs globales stir ]e rotor (Fig. 13).

effectu~e Stir les corrections apportdes par Fgr emrt

l'a6rodynarnique 3D de faý.on 'a converger rapidcmcnt,... ....

g~n~ralement 3 'a 4 itrations. Des premiers r~sultats
obtenus par cette m~thode ont permis d'amn~liorcr ]a
repartition des efforts de portance et de micux calculer AEM =0,11

l'amplitude des duiformations de torsion en extrdmit6 dc
pale (Fig. 12 ). 

/
Cz r/R = 0.95
F ACT = 0,002

---------- calcul 2D

---- --- calcul 3D en CzetCm
0.Sh .Fig. 13 Figure de mdrite du rotor 7AD (calcul

-~ >- .. R8S -mit ode des anneaus)
0.4r

F + Une m~thode ligne portante, en Principe similaire '
METAR, a W d~veloppde 'a ]'ONERA potir le calcul

________________________des rotors en vol stationnaire. La pale et son sillage sont
o s0 180 270 iw d~crits par un r~seau de segments totirbillonnaires potir

Torsion(') lesquels la vitesse indtsite est calctilde par Ia loi de Biot
rIRIet Savart. La gdom~trie de la nappe eat fig~c et d~crite

o par lea lois emnpiriques de Landgrebe [26] et Kokurek
~ .~ [27], et un calcul it6ratif stir is distribuition de vitesse

J-. ~induite doit 8tre effectu6, Cette m~thode pennet une

.2 estimation assez r~aliste dc ]a distribution de circulation,
et donc de vitesse indtiite, stir ]a pale (Fig. 14 ) en

-scomparaison des r~sultats exp~rimentaux obtentis 'a
__________________ l'IMFM [28].

0 90 1S0 270 260 Z.s r(m2/s)
Fig. 12 Effet du couplage R8SIFP-3D

1.6:

6 LE ROTOR D1HELICOPTERE EN 1.4
COURBE DPERDA9MLE. Z-1&03.

VOL STATIONNAIRE '.-

1.0

0.06.1 Les m~thodes Wlment de pale
SUAELAIJGOOSE Z-08.026

En d~pit de Ia simplification du probltme due ka on 0.4

6coulement permanent dans tin rep~re lid 'a la pale, le vol 0.2 rR
stationnaire est tr~s complexe 'a mod~liser ii cause de 1__0.__ 0.4__ 0,6__.___ 0___ 0.__1_a_ 0.__1____._

l'influence pr~pond6rante du sillage des pales. Cctte Fig. 14 R~partition de circulation stir le rotor 7 de
configuration de vol servant ati dimensionnement de !'IMFM (calcul ligne portarde)
l'h61icoptý,re, il eat important de disposer de m~thodes de
calcul simples; et rapides, capables dc foumir une 6.2 Le code de calcul PHOENIX 2
estimation des performances du rotor dans cc cas.

Eurocopter France a ainsi inclus une snod~lisation do Lea m~thodes d6crites ci-dessus, simples et peti
rotor en vol stationnaire par Ia m~thodc des anneaux cofiteoses, permettent d'obtenir tin 6valuation rapide des
dana le code R85. Le disque rotor y est divis6 en performances do rotor en vol stationnaire. Cependant,
couronnes 616mentaires Sur Icaquelles lea dlles ne donnent pas acc~s aux caract6ristiques locales
caraet~ristiques de l'dcotilment ne d~pendcnt que de Ia de ]'dcoolement tridimensionnel, et leur validitd peutiatre
position radiale. Un bilan de quantit6 dc mouvemcnt remise en question pour des pales de g~om~tic avanc~e.
coupI6 'a one condition de conservation du ddbit stir Au contraire, Ia m~thode PHOENIX 2 calcule
chaque couronne 616mentaire foumnit alors une l'6coulement tridimensionnel atitotir d'une pale
description simple dti probl~me, lea efforts stir ]a pale d'h~Iicopt~re en vol atationnaire par resolution de
6tant obtenos 'a partir des polaires des profils qui 1'6quationi do potentiel complet des viteasss coupl6e 'a

l1'6quipcnt et des incidenes qui se d6dtiisent des vitesses tine representation Lagrangienne du sillage
indoites. Des raffinemnents permettant de micux rendre tourbillonnaire. Elle a 6~t6 misc au point par Steinhoff et
compte des effeta de courbure stir les pales 00 de Rasnachandran 'a IUTSI ([29], [30]).



12-11

La m~thode de r6solution de, 1'6quation du potentiel est 7 LES METHODES D'OPTIMISATION
proche de celle dierite. aul § 5.2, ]es diff~rences DES ROTORS
principales 6tant tine simplification de ]a discr~tisation

en temps due ha ]a forme stationnaire de l'6quation, et le
sch~ma de discr~tisation d'cspace dc typc "volumes 7.1 Introduction
finis". L'originalit6 de cette m6thode est sa
representation du sillage, dans laquelle on rcmplacc ]a L'objectif final du d~veloppement de m6thodcs de calcul
saut de potentiel habitucilement utilis6 par tine a~rodynaniique est leur application 'a la d6finition de
distribution 6quivalente de vitesse normalc ii la nappe. formes nouvelles. Les param'atres de definition d'une
Une interprietation simple de cette formulation conSiste 'a pale d'hlicopt'are soot difficiles it s~lectionner, et leur
calculer la d~riv~e normale it la nappe, au sens des nombre est 6lev6, rendant ainsi toute 6tudc paramdtique
distributions, de la foniction d&helon constitu6e par ]a compl~te illusoire. LUutilisation efficace des m~thodes
discontinuit6 de potentiel, ce qui fournit une distribution de calcul dans la definition des pales d'h~1icopt~re ne
de Dirac d'intensit 6gale 'a la discontinuit6 de potentiel. petit done se faire que par leur int6grarion dans un

Cette distribution eat remplac~ie par une fonction processus d'optimisation numrrfique.

continue d~crite par un potentiel de Clebsch, qui permet. La complexitd du rotor d'h~licopt~re rend son calcul par

tine reprdsentation de la composante rotationnelle de une m~thode a~rodynaniique tridimensionocile long et

l'6coulement [31]. La nappe est alors diser6tisde par des cofiteux, si bien que l'utilisation de idlles m6thodes pour

marqucurs convect~s suivant la vitesse locale de la definition de rotors s'cst g~n~ralement restreinte
1'46coulement. jusqu'h present 'a un balayage param~tique simple pour

r-(m5 /s) difinir des g~omuitries d'extrc~mitii de pale [32]. Les

2.0- eExperience PH~OEM 2 m~thodes adrodynamiques actuellement utilisables dans
tin processus d'optirnisation de pales d'h6licopt~res sont

1.6- done n~cessairement simples, afin de pouvoir effectuer
un nombre important de balayages paramitriques dans

1.2- tin temps raisonnable ('a chaque dtapc de l'6tude
parametrique, un calcul de ]a position d equilibre de ]a

0.8 pale doit en effet 8trc effectud). L'optimisation
.8*auirodynamique des rotors Td'hlicopti~res en zat

0.4 *d'ailleurs it ses premiers balbutiements, au contraire de
0.4 cc qui cat appliqu6 couramment stir les profils [33].

r/R [34], et mame lea voilures d'avion [35], [36]. Un tel

0 3 0 0.6 o0 a 0,7 0.8 0.9 1.o travail a 6t entrepris ii 1'ONERA dans le cadre de

l'op~ration ORPHEE, pour laquelle Ie programme dc
Fig. 15 R~partition de circulation sur le rotor 7 de calcul R85 a 6t6i coupl6 ati logiciel d'optimisation souls

l1'MFM (calcul PHIOENIX 2) contraintes CONMIN.

La m6thode appliqude ati rotor 7 de l'IMFM donne des
rdstiltats conformes 'a l'exp6ricnec. Le pie de circulation
en extr6mit6 de pale est correctement calcul6, mais Ics 7.2 Description de la metho~de
valeurs de circulation stir la partie interne de la pale soot

momns satisfaisantes, m~me si le niveati moyco est L~e processus d'optimisation est pilot6 par le programme

correct. La Fig. 16 montre Ia position des nappes CONMIN, qui minimise sous contraintes tine foniction

calculees par PHOENIX 2 . La position exp6rimentale objectif par la m~thode des directions nialisables, 'a partir

du tourbillon d'extri~miti5 eat 6galcment repr~scntdc, du calcull dti gradient de Ia function objectif par rapport

montrant que ces detix positions different aui plus d'une aux variables d'optimisation et aux contraintes. Le code

maille de calcul. R85 fotirnit le caleul de Ia funiction objectif et des
contraintes, 'a partir des valcurs des variables

PC PSrON CALCULEE TOUOOALON VEXTiMIMEtasie
*PC SITOA EXPIPERMTAE j... NAPPE DE SILLAGE d'optimisation trnmsspar CONMvIN. Lea calculs de

000 1! *~ ~!!gradient sont effectu~s par diff~rences finiea, cc qui
-- signifie que le nombre de ealculs R85 par itdration

__ V d'optimisation cat de. Iordrc du nombre de variables
- ~d'optimisation, et explique ]a ncecssitd d'utiliser tin code

de caleul de Ia function objeetif peti cofateux en CPU.

- -Les variables d'optimisation afarodynamiques
-9.0 2introduites dans le ealcul sont les lois d'6voltition en

-. r/R nvergure de la corde, du vrillage et de Ia ligne quart de
C.'- M,~ I - l corde au niveati de la misc en fhche en extr~miL6,* ICS

polaires de profils 6qtiipant la pale et la r~partition en
Fig. 16 Comparatson des positions calculges et envergure des profils. L'objectif g~niralcment ehoisi eat
mesur~es du tourbillon d ext remiteý (rotor 7 de de minimiser Ia puissance eonsommde en vol dc croisi~rc

I, IM FM) rapide tiune maximisation de Ia portanee dui rotor peuti
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6galement 6tre s~Jectionn~e. Enfin, des contraintcs sont optimisation est beaucoup, plus difficile que ]a

impos~es sur lea efforts de commande du rotor. Des pr~c~dente, car d~s que la forme en plan de ]a pale
variables faisant 6galernent intervenir la dynamique du s'6loigne fortement d'une pale rectangulaire, les

rotor ont 6galement 6t introduites dans cc processus couplages a~rodlastiques entre les efforts
d'optimisation pluridisciplinaire [37]. a~rodynamiques et la dynamique de la pale pcuvent

avoir une influence considdrable. De plus, ]a mdthode

ligne portante est moins pr~ciae dans ces configurations
7.3 Exemples d'optimisation complexes, et par cons6quent le calcul des gradients par

rapport aux variables d'optimisation 6galement. Une
Une premi~re application du programme d'optimisation definition totalement automatique de la pale par
a consist6 en la definition d'un cabier dea charges pour optimisation num~rique nWest alors plus possible, et elle
des profila minimisant la puissance consommtie par Ie doit atre compl~t~e par un degr6 beaucoup plus
rotor en vol de croisi~re rapide [38]. Les nouvelles important d'intervention humaine, pour d~finir les plages
polaires des profils 6quipant la pale sont obtenucs par de variation des variables d'optimisation, analyser les
interpolation dans des fichiers; de polaires. Dants cc cas, r~sultats, ... La Fig. 18 pr~sente un premier r~sultat
lea variables d'optimisation sont les coefficients "thdorique" issu de .ce processus d'optimisation

d'interpolation des polaircs. L'id6c sous-jacente ii cette complexe. La corde de Ia pale est fortement auginentic
optimisation est d'autoriser tin coefficient de moment dans la partie m~diane.'de ]a pale, afin de concentrer les
CM0 non nul, comme eela a d6jit 6t& appliqu6 sur la pale efforts dans les zones oii ]a finesse des profils est

BERP [39], afin d'obtenir des coefficients de portance maximale. De m~me, Ia flche d'extr~niit6 permet un

maximale C zmax plus tilcvtis et de faire travailler les meilleur comportement du rotor en croisi~re rapide. Par

profls plu grnde finese. Le pocesus contre, le comportement dynamique de Ia pale doit 8tre

d'optimisation est initialisd par un rotor proche du rotor des ains ae r odyn amiudes aportois pa~fcr unc tllem

7A, 6quip-L du profil 0A312 jusqu'ia 85% du rayon et du mdifications arde Iaformes en or plndIar pale.l

profil 0A309 ii partir de 92% du rayon. Les deux profils mdfcto e] om npa el ae

"internes" et leur position sont optimistis, Ic profil

0A309 6tant impos6 de 95% du rayon jusqu'a I
1'extr~mit6. L~es polaires des profila de la pale optimisie
correspondent ii tin profil de 11% d'6paisseur relative, N

cabreur (CmO=OO04 4 ), jusqu'a 54% du rayon, et ii tin Fg ~eiedfnto ' om npa
profil fin (9%) et piqueur (Cmo =0,020) de 59% ii 89% optimisge de la pale

du rayon. 11 en r~sulte tin affinement, en dpaisseur
relative, du rotor optimis6 par rapport au rotor initial,
permettant tine diminution de 4,3% de la puissance 8 CONCLUSIONS ET PERSPECTIVES
consormmne au point d'optimisation (Fig. 17 ). Une
analyse plus complZ~e des nisultats montre que lea gains L'ensemble des m~thodes de calcul actuellernent
en croisi~re sont dus ii cet affinement des pales ;cette op~rationnelles it la Direction de l'A(rodynamique de

diminution eat par contre puinalisante au d~crochage, et l'ONERA pour lanalyse et Ia definition du rotor
l'introduction d'un profil fin piqueur, par l'augmentation principal de l'h6licopt~re ont &6tu d~crites. Elles vont
de sa portance maximale, permet de rattraper cette d'outils d'analyse simples et rapides, mais qui aimulent
p~nalit6. Ceci explique pourquoi Ie rotor optimis6 le rotor dana sa globalit6, aux methodes num~riques
consomme momns de puissance que Ic rotor de r6fdrcnce tridiroensionnelles beaucoup plus lourdes kt mettre en

stir pratiquement tout le domaine de vol. ceuvre, qui ne simulent pas compl~tement Ie disque rotor
et n~ceasitent done g~ndralement des donn~es d'entnie

- - issues des premi~res m~thodes oti de l'exptlrience.

23- Les m~thodes simoples sont du type 6himent de pale.
Elles ont g~n~ralement 6t6 d~velopp~es initialement par

..... .Eurocopter France pour lea besoins de leur bureau
d'6tudes (R85, METAR), et font l'objet d'une
coopdration entre IDNERA et ECF pour leur validation

et l'extension de leur domaine de validiti6. Ainsi, une

6volution importante du code METAR a permis de

Pussw=o (MW duivelopper Ia m~thode de mise en 6quilibre du sillage
200 MESIR, applicable ii Ia simulation des interactions

Fig.17 ompraion es omanesde ol u rtor pale-tourbillon. Ces m6thodes globales permettent tine

Fign17C tiarlo det dou rostde ol cimroto description correete des performnances et des ripartitions
initil etc~a otoroptiise~de charge (airodynaroiques et dynarniques) stir Ic rotor.

Dana tine deuxi~me 6tape, la forme en plan et Ic vrillagc Leur cofit de calcul gdnfiralement mod6r6 lea rend
de Ia pale ont 6t optimia6s, en conservant lea polaires de utilisables dana tin processus de definition automatique
profils th~oriques obtenues auparavant. Cette de formes par optimisation nurn~rique, mnfme ai tine telle
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application doit Etre consid~r~e avec prudence pour des directe des 6quations de Navier-Stokes [46], [47].

pales s'6loignant trop -de la forme rectangulaire Quoiqu'il en soit, un effort tris important reste encore ii

classique. N~arnmoins, ce type de m6thode devrait 8tre r~aliser dans cc domaine, et des progr~s reels doivent

utilis6 de. fagon courante pendant encore de nombreuses 8tre accomplis, tant au niveau des algorithmes

annees, en particulier en raison dc leur capacit6 'a d~crire num~riques et de leur efficacit6, qu'au niveau des

sinsultandment 1'a~rodynamique et la dynamique du rotor mod~les eux-mEmes (en particulier pour ls turbulence),

et de mettre la pale en 6quilibre 'a chaque instant, mais afin qu'ils soient utilisables efficacement pour cc type

aussi parce qu'elles sont actmellement les seules 'a d'application.

pouvoir pr~voir lea performances du rotor, bien que cette

pr6vision soil fortement d~pendante des polaires des

profils dquipant lea pales. Du point de vue purement

a~rodynamique, lea perspectives s~rieuses

d'am~lioration de ces m~thodes passent par un couplage

avec tin code adrodynamique tridimensionnel qui RU~f~re nce s
fournirait tout oti partie du torseur a6rodynamique

(portance, trainde, moment) qui s'exerce sur les pales. Ce

travail a d'ores et d~ja 6t6 entrepris 'a l'ONERA [11].

Les m~thodes tridimensionnelles op~rationnelles pour [11 N. Bcttschart, D. Gasser. 'Analysis of Helicopter

lea applications h~licopt~res nlsolvent l'dquation du Rotor-Fuselage Interaction'. 20th European Rotorcraft

potentiel des vitesses par diffs~rences finies/volumes Forum. Amsterdam (Pays-Bas) 1 994.

finis, sous sa forme instationnaire pour le rotor en vol [21 M. Allongue, T. Krysinski. "A6rodlasticit6 appliqu6e aux

d'avancement (code FP3D). L'hypoth~se d'deoulement rotors d'hdlicopt'ares. Validation et application du code
potentiel eat g~nt~ralemcnt suffisante pour le rotor R85". 27ime Colloque d'Agtrodynamique

principal d'h~licopt~re, car lea 6coulements Appliquie. AAAF. Marseille (France) 1990.

supersoniques restent moddrds, m~mc pour une [31 G. Amaud, F. Toulmay, B. B~enoit. "Amdliorations du
configuration de vol 'a grande vitesse. La principale mod'ale a6rodynamique du code rotor h6licopt'arcs R85.
limitation de cc type de mod~le pour le rotor Validations et applications". 28ýnse -Colloque
d'h~licopt'ere est Ia non repTlsentation des nappes d'Airodynamique Appliquge. A AA F. ISL Saint-Louis
tourbillonnaires, qui ont tin effet pr6pond6rant. Elles (France) 1991.
doivent alors 6tres introduites sous forme de vitesses

induites, fournies par tin calcul de sillage avec des [41 G. Amaud, P. Beaumier. "Validation of R85/MIITAR on
m~thdesde snguarits (ETAR MEIR).Unethe Puma RAE flight tests". 18th European Roiorcraft

technique de reprdsentation Lagrangiennec du sillageFou.Ainn(rce192

dana tin calcul potentiel a d~tt d6veloppde par Steinhoff et [5] P. Beaumnier, E. Berton. "Study of soft-in-torsion blades:

Ramanchandran pour le rotor en vol stationnaire, et elle ROSOH operation". 18th European Rotoreraft

permet de s'affranchir des probl~mes de vitesse induite ;Forum. Avignon (France) 1992.

lea calculs effectu6s 'a I'ONERA avec cette mnsthode [6] B. Mich~a. "Etudc des sillagcs de rotors d'hdlicopthres en
(PHOENIX 2) ont montT6 l'int6r& de cette approche vol d'avancement et dc leur influence sur lee performances

originale ;des premieres applications effectu~es 'a 'US do rotor (Interaction pale-tourhillon)". Thdse de

Army AFDD (140], [41]) montrent qu'elle petit Doctorat. Universit6 de PARIS VL 1992.
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efficaces et pr~cises d'int6gration des efforts, afin de [8 nte.ractonNiser Pr peedicio and MCompario withVrigte
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en vol d'avancement montre qu'un tel objectif eat Potential Flow on Helicopter Rotor Blades". 13th

envisageable dana un futur proche. Bicn entendu, et European Rolorcraft Forum. Aries (France) 1987.

para~lllement 'a cela, lea mod~les num~riques [10] M. Costes, A. Desopper. P. Ceroni, P. Lafon. "How Field
tridimensionnels utilisi~s vont (tvoluer, et lea m~thodes Prediction for Helicopter Rotors with Advanced Blade Tip

Euler en d~veloppement 'a I'ONERA (J421, [431) sont Shapes using CFD Techniques". 2nd International

en coura de validation en vue dc leur utilisation Conference on Basic Rotorc raft Research. College Park

prochaine dana lea applications. Dana un futur plus (Maryland) 1988.

lointain, tine simulation plus nlaliste des nlgions [I I] P. Beaumier. "A Full Coupling Procedure Between Rotor
visqucuses devra Etre intc~gr6e dans ce processus, que cc Dynamics Code and 3D Unsteady Full P~otential

soil par l'interm~diaire d'un couplage fort fluide Code". Aeromechanics Specialists Conference. Sani

parfait-fluide visqucux [44], [45] ou par rdsolution Francisco (California) 1994.



12-14

[12] M. Costes, M. Rahaingomanana, A. Desopper. "Weak [26] A.J. Landgrebe. "An Analytical Method For Predicting

Coupling Between an Unsteady 3D Full Potential Code Rotor Wake Geomctry". AIAA Meeting. Atlanta
and an Unsteady Turbulent Boundary Layer Code. (Georgia) 1969.
Application to a Helicopter Rotor in Forward Flight". 30th [27] J.D. Kocurek, J.L. Tangler. "A Prescribed Wake Lifting

AIAA Aerospace Sciences Meeting. Reno (Nevada) 1992. Surface Hover Performance Analysis". 32nd Forum of the

[13] P. Beaumier, M. Costes, R. Gav6riaux. "Comparison American Helicopter Society. Washington DC 1976.

Between FP3D Full Potential Calculations and SI Modane [28] M. Nsi Mba, D. Favier, C. Maresca, P. Crespi. "Helicopter
Wind Tunnel Test Results on Advanced Fully Rotor Wake Investigation using a Laser Doppler

Instrumented Rotors". 19th European Rotorcrafi Anemometry Technique". Proceedings of the 4th
Forum. Cemobbio (Italic) 1993. International Symposium on Applications of Laser

[14]J. Steinhoff, K. Ramachandran. "Free Wake Analysis of Anemometry to Fluid Mechanics (ISALA). Lisbonne

Compressible Rotor Flows". 25th AIAA Aerospace (Portugal) 1988.

Sciences Meeting. Reno (Nevada) 1987. [291J. Steinhoff, K. Ramachandran. "Free Wake Analysis of

[15] H. Viviand. "Formes conservatives des 6quations de la Compressible Rotor Flow Fields in Hover". 12th
dynamique des gaz". La Recherche Adrospatiale. Ann6e European Rotorcraft Forum. Garmish-Partenkirchen
1974. (No 1). pp. 65-68. (Allemagne) 1986.

[16] P.D. Thomas, C.K. Lombard. "The Geometric [30] K. Ramachandran . "Free Wake Analysis of Helicopter
Conservation Law-A Link Between Finite-Difference and Rotor Blades in Hlover Using a Finite Volume

Finite-Volume Methods of Flow Computation on Moving Technique". Ph. D Thesis. University of
Grids". 11th AIAA Fluid and Plasma Dynamics Tennessee. Knoxville (Tennessee) 1987.
Conference. Seattle (Washington) 1978. [311 H. Lamb. Hydrodynamics. Publi6 par : Cambridge

[171 J.L. Steger, F.X. Caradonna. "A Conservative Implicit University Press. pp 248-249.

Finite-Difference Algorithm for the Unsteady Transonic [321 A. Vuillet, M. Allongue, 3.1. Philippe, A.
Full Potential Equation". 13th AIAA Fluid and Plasma Desopper. "Performance and Aerodynamic Development

Dynamics Conference. Snowmass (Colorado) 1980. of the Super Puma Mk2 Main Rotor with New SPP8 Blade

[18] JO. Bridgeman, J.L. Steger, F.X. Caradonna. "A Tip Design". 15th European Rotorcraft
Conservative Finite Difference Algorithm for the Unsteady Forum. Amsterdam (Pays-Bas) 1989.

Transonic Potential Equation in Generalized
Coordinates". 9th AIAA Atmospheric Flight Mechanics [33] J. Reneaux, J.J. Thibert. "The Use of Numerical

Conference. San Diego (California) 1982. Optimization for Airfoil Design". 3rd AIAA Applied
Aerodynamics Conference. Colorado Springs

[19] R.C. Strawn, F.X. Caradonna. "Numerical Modeling of (Colorado) 1985.
Rotor Flows with a Conservative Form of the Full-Potential

Equation". 24th AIAA Aerospace Sciences Meeting. Reno [34] H. Bdzard. "Rotor Blade Airfoil Design by Numerical

(Nevada) 1986. Optimization and Unsteady Calculations". 48th Forum of
the American Helicopter Society. Washington DC 1992.

[201 B. Engquist, S. Osher. "Stable and Entropy Satisfying
Approximations for Transonic Flow [351 D. Destarac, J. Rencaux, D. Gisquet. "Numerical

Calculations". Mathematics of Computation. Volume Optimization of Wings in Transonic Flow". AGARD

34. (No 149). pp. 45-75. 1980. Conference on "Computational Methods for Aerodynamic
Design (Inverse) and Optimization". Loen

[21]S. Osher, M. Hafez, W. Whitlow Jr. "Entropy Condition (Norv6ge) 1989.
Satisfying Approximations for the Full Potential Equation

of Transonic Flow". Mathematics of Computation. Volume [36] D. Destarac, J. Reneaux. "Numerical Optimization applied

44. (No 169). pp. 1-29. 1985. to Transport Aircraft Aerodynamics". La Recherche
Aerospatiale. Ann6e 1993. (No 1993-2). pp. 39-55.

[22] J. Flores, T.L. Holst, D. Kwak, D. Batiste. "A new
Consistent Spatial Differencing Schem For the Transonic [37] P. Leconte, P. Geoffroy. "Dynamic Optimization of a Rotor

Full-Potential Equation". 21st AIAA Aerospace Sciences Blade". AHS Aeromechanics Specialists Conference. San

Meeting. Reno ('Nevada) 1983. Francisco (California) 1994.

[231W. Whitlow Jr. "Application of a Nonisentropic Full [381J. Zibi, G. Dcfresne, M. Costes. "A Numerical Procedure

Potential Method to AGARD Standard Airfoils". 26th for Aerodynamic Optimization of tHelicopter Rotor

AIAA Aerospace Sciences Meeting. Reno (Nevada) 1988. Blades". 18th European Rotorcrafi Forum. Avignon
(France) 1992.

[24] J.0. Bridgeman, R.C. Strawn, F.X. Caradonna, C.S.
Chen. "Advanced Rotor Computations with a Corrected [39] F.. Perry. "Aerodynamics of the Helicopter World Speed

Potential Method".45th Forum of the American Ilelicopter Record". 43rd Forum of the American Helicopter

Society. Boston (Massachussets) 1989. Society. Saint-Louis (Missouri) 1987.

[251J. Cousteix, R. Houdeville. "Turbulent Boundary Layer [40] K. Ramachandran, S. Schlechtriem, F.X. Caradonna, J.S.

Calculations in Unsteady Flows". Prisenti d "Numerical Steinhoff. "The Application of Vorticity Embedding to the

Methods in Applied Fluid Dynamics". University of Computation of Advancing Rotor Flows". 49rd Forum of

Reading (England) 1978. the American Helicopter Society. Saint-Louis
(Missouri) 1993.



12-15

[41] J.O. Bridgeman, K. Ramachandran, F.X. Caradonna, D. [45] J.C. Le Balleur. "Calcul par interaction visqucux-non

Pritchard. "A Computational Analysis of Parallel visqueux des 6coulements compressibles fortement

Blade-Vortex Interactions using Vorticity d6coll6s aux grandes portances sur profils d'ailes et

Embedding". 50th Forum of the American Helicopter voilures". Proceedings AGARD-CP-415,AGARDIFDP

Society. Washington D.C. 1994. Symposium on High-lift Aerodynamics. Banff
(Canada) 1992.

[42] J. Sides, J.C. Boniface. "Solution of the Compressible

Euler Equations for Steady Flows around Ilelicopter Rotor [46] V. Couaillier, Ph Veysseyre, A.M. Vuillot. "3D

Blades by an Implicit Space-Centered Method". 17th Navier-Stokes Computations in Transonic Compressor

European Rotorcraft Forum. Berlin (Allemagne) 1991. Bladings". 10th ISABE. Nottingham (Grande
Bretagne) 1991.

[43] J.C. Boniface, J. Sidbs. "Numerical Simulation of Steady

and Unsteady Euler Flows around Multibladcd Hlelicopter [47] A.M. Vuillot, V. Couaillier, N. Liamis. "3D

Rotors". 19th European Rotorcraft Forum. Cernobbio Turbomachinery ruler and Navier-Stokes Calculations

(Italic) 1993. with a Multidomain Cell-Centered Approach". 29th

AIAAIASMEIASEE Joint Propulsion Conference and
[44] I.C. Le Balleur, P. Girodroux-Lavigne. "Calculation of Exhibit. Monterey (California) 1993.

Fully Three-Dimensional Separated Flows with an

Unsteady Viscous-Inviscid Interaction Method". 5th
Symposium on Numerical and Physical Aspects of

Aerodynamic Flows. California State University.

Long-Beach (California) 1992.



13-1

3D EULER CALCULATIONS OF MULTIBLADED ROTORS IN HOVER:

INVESTIGATION OF THE WAKE CAPTURING PROPERTIES
J. Raddatz
K. Pahlke

DLR, Institute of Design Aerodynamics
Lilienthalplatz 7

D-38108 Braunschweig
Summary: Germany

The 3D flowfield of a hovering rotor is calculated solving the Euler equations. Performing a grid refinement
study it is demonstrated that an Euler method is able to capture the wake and vortices of a hovering rotor
without any wake modelling. Accurate prediction of these rotational flow field phenomena needs fine grids
with a high resolution in the complete region of the wake system. Additionally, high accuracy for the treat-
ment of all numerical boundaries, which affect the vortex wake, is required. On the other hand, the investi-
gations have shown that surface airloads are less effected by a more detailed resolution of the wake
system.

A second part of the study is concerned with wake capturing properties on block boundaries, especially on
inner boundaries of overlapping grids. Overlapping grids are very attractive for the computation of a rotor in
lifting forward flight or a rotor-body flowfield in hover. The effect of overlapping grids using the chimera tech-
nique is investigated comparing Euler solutions for a hovering rotor on a chimera grid system and on con-
ventional single block and two block calculations. The chimera solution reproduces all flow features. The
present implementation shows disadvantages concerning the detailed resolution of the wake system.

Symbols: x, y, z Cartesian coordinates

C chord 7 ratio of specific heats
Cp pressure coefficient e pitching angle

- P-P p density
IP_ (o). r) 2 solidity of the rotor

2 azimuth
CT thrust coefficient (0 angular velocity
E total specific energyE total sp nrgy Index r blade fixed coordinate system
T' flux tensor

6 vector of source terms

H total specific enthalpy 1. Introduction

M Mach number Current methods of predicting the flowfield of an
Sunit outward to oV hovering rotor range in complexity from relatively

simple boundary integral methods [1] up to more
p pressure sophisticated computational fluid dynamics (CFD)

Svelocity vector methods solving the full potential [2], the Euler [3] or

r radial position of a rotor section the Navier-Stokes equations [4].

r = (x, y, z) T coordinate vector Most of these methods are coupled with integral

R rotor radius wake models to introduce the influence of the vor-

dS surface element tex wake, obtaining results of high accuracy for
t time many cases, but always dominated by the wake

model [5]. Using a prescribed wake model, theu, v, w Cartesian velocity components wake has to be specialized for each blade shape,

V control volume making it difficult to treat blades with arbitrary twist,

dV volume element taper or planform. Also some potential flow meth-

Wvector of conservative variables ods have been coupled with a free-wake approach,

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin, Germany from 10-13 October 1994 and published in CP-552.
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in which the wake is allowed to convect freely with possibility to calculate a rotor in lifting forward flight
the flow without constraining its trajectory [6]. These or a rotor-body flowfield in hover. The treatment of
methods are restricted in the treatment of compres- overlapping grids, known as chimera technique
sibility and transonic effects, which are features of [14],[15], introduces additional numerical errors in
the flow around advanced high speed helicopter space. These additional spatial errors are investi-
rotors. gated performing hover calculations using the chi-

mera technique and comparing these results with
Other recent methods, including the present one,

are using direct techniques for the entire solution those on conventional single-block or multi-block

process without any wake modelling [7]-[10]. The grids.

presented m ethod is based on the Euler equations, 2 G overning eq uations
which describe the complete inviscid flowfield of a
lifting hovering rotor, including the wake and its In a blade attached coordinate system rotating with
induced effects. The vortex wake and its effects are a constant angular velocity, the flowfield around a
captured as part of the solution, provided that the hovering rotor can be treated as steady. In this ref-
grid contains the whole rotor disc. This feature of erence frame the Euler equations can be formu-
the Euler (and Navier-Stokes) equations is of great lated in terms of either relative or absolute flow
interest due to the importance of the mutual blade- variables. The results presented in this study were
vortex interactions on the aerodynamics of an hov- obtained using the formulation with absolute flow
ering rotor and the existing problems using any variables, which is necessary for an accurate for-
wake model. mulation of the farfield boundary condition.

In the present study, the multiblock, multigrid Euler/ The Euler equations in Cartesian coordinates are
Navier-Stokes code CEVCATS of DLR Braun- written in integral form as:
schweig (for details see [11]-[13]) is used to per- d f rf
form Euler calculations of the flowfield around Wt r rr dVr+.j Pr" dSr = 0

hovering rotors. The objective of this study is the V, ay, V,

investigation of the accuracy of the DLR CEVCATS Tr represents the conserved vector of absolute
code concerning the prediction of rotational phe- flow variables, Fr the corresponding flux tensor
nomena in the flowfield like the wake or the tip vor- an is a r term.

tex of the rotor blades. Most previous computations and ir is a source term.

of the hovering rotor problem using Euler or Navier- For a hovering rotor rotating around the x-axis with
Stokes methods [7]-[10] have shown good agree- the angular velocity 6 = [Q, 0, 0] T

ments with measurements comparing surface pres- these quantities are given by:
sures or surface velocities. These results indicate
that the Euler equations are able to predict the p 0
accurate inviscid surface flow quantities as well as PU
the global flow phenomena of a hovering rotor. r 0
The investigations presented in this paper are Wr = PVr = -PWr
directed towards the accurate modelling of the com- PWr PQVr
plete hover flowfield. Using flow field visualization
tools the wake geometry, especially the shape and pEr 0
trajectories of the tip vortices, calculated by the
Euler code, are shown. The basic investigations are
concerning the effects of grid refinement on the P (•-(x pr)]

wake geometry, the vortex dissipation and finally on PUr [q r L( X !r)] +
the surface pressures. =PV r r

A second part of the flow visualization studies are r- (wXr1d] +Ply

the wake capturing properties on block boundaries. PWr [ Jr ( x 'r)] +r P
These investigations are also concerned with over-
lapping grids. The use of overlapping grids is one pHr 1-, X rd
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The relative velocity 4r is given by: index directions for two times obtaining a fine grid of
about 2.4 million points. Figure 3 demonstrates the

Ur]1 0 O U1 ] different grid sizes presenting the grid lines in the

4r = 'r = 0 COS "t sint '"v rotor disk.
Vr 0 -sin~t cosŽt _w Grids used for investigations on the chimera algo-

Lr j rithm have been extracted from conventional one

This system of equations is closed by: block grids in order to minimize differences in the

2 r'-solutions due to different grid shapes. For details

p = (7- 1) P Er- •r- 2r r see chapter 4.3.
2

w r 4. Numerical Aspectswith E'r = Er - 4~r (Lt X •r)

and Hr = E'r+P/P• 4.1 Spatial and Temporal Discretization
The discretization of space and time is separated

Hr is the so called rothalpy, which is constant in following the method of lines (Jameson et al. [11])

the whole flow field for the case of an adiabatic using a cell-vertex finite volume formulation for the

steady flow in the rotating coordinate system. spatial discretization. The flow quantities tr and

3. Grid Generation the source term ir are taken to be volume aver-

Body conforming, single block, computational grids aged and are located at the nodes of the grid. The

were constructed for hovering rotors, using a grid finite volume discretization leads to a 2. order cen-

generator based on an elliptic 3D solver (for details tral difference scheme on a Cartesian grid with con-

see [17]). Because of the cylindrical nature of the stant grid sizes. If an arbitrary nonuniform grid is

flow of a hovering rotor an O-H topology was cho- used, the accuracy depends on the smoothness of

sen with the wraparound 0 in chordwise direction the grid. For the cell-vertex scheme a minimum of

and the H-type in spanwise direction. This grid 1. order accuracy is guaranteed for arbitrary grids

topology is suitable for 2-bladed as well as for multi- (for details see [13]). In order to avoid spurious
oscillations a blend of first and third order dissipa-

bladed rotors (see Ref. [5]). The grid is clustered oillations andoftd t
near the leading and trailing edges and near the tip
region to resolve the tip vortex. An explicit Runge-Kutta time stepping scheme is

Due to the symmetry of the flow only a segment of used with an evaluation of the dissipative fluxes at

the rotor plane containing one blade has to be the first two stages [12]. In order to accelerate the

regarded. The other blades are taken into account convergence to steady state for hover cases rot-

by periodicity conditions in the blade azimuthal halpy damping, implicit residual averaging and a

direction, which swap the flow information at the multigrid algorithm have been implemented.

front and back boundaries of the cylindrical mesh. 4.2 Boundary Conditions
Using this grid topology it is obvious to generate
grids with identical point distributions on the periodi- For the blades, a solid wall condition is used at the

city planes. Therefore, no interpolation of the flow surface. This boundary condition zeroes the normal

quantities on the periodicity planes is required. component of the velocity vectors at the surface
nodes of the body fitted grid and ensures flow paral-

F 1presents the surface grid and two sur- lel to the wall.
rounding O-planes of the 2-bladed model rotor used
by Caradonna and Tung. The complete grid shape The farfield boundary is treated following the con-

is shown in Fiaure 2. For a grid refinement study cept of Characteristic Variables for non-reflecting

grids of three different sizes were generated start- boundary conditions.

ing with a coarse grid of 57 points in the wrapa- At the inboard plane boundary near the axis of rota-

round "0", 21 points in the normal and 33 points in tion, spanwise velocity is set to zero and other flow

the radial direction. The grid was refined in all three quantities are extrapolated from the grid points inte-
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rior to the boundary. Finally, to take advantage of deficiency can be corrected by a chimera boundary
the symmetry of the flowfield from blade to blade in treatment with conservative flux interpolation. On
the hovering configuration, flowfield calculations are the other hand several publications show that non-
performed on one isolated rotor blade using the conservative chimera schemes produce accurate
information from the neighbouring blade through a solutions for sub- or transonic flows, when it is
periodic boundary condition procedure. assured that no shocks cross the chimera bounda-

ries.4.3 Chimera Algorithm
In order to provide the flow values at the grid inter-

The basic idea of the chimera scheme is to gener- faces it is necessary to use interpolation formulae.
ate body conforming grids (so called child grids) Different approaches have been published. Higher
around different bodies independently and to order interpolation has the advantage of higher spa-
embed these grids into a background grid (so called tial accuracy, but unfortunately it may introduce
father grid). There is no need for common bounda- instabilities into the schemes. Therefore trilinear
ries between the grids, but rather an overlap region interpolation using the node points of hexahedrons
is required between a child grid and the father grid is used in most implementations. This approach is
to provide the means for matching the solutions computationally very efficient but it does not ensure
across the boundary interfaces. The present chi- that the interpolated point lies within the hexahe-
mera scheme has been implemented according to dron (especially for skewed cells). For these rea-
references [14] and [15]. Figure 4 shows a child sons a trilinear interpolation based on tetrahedrons
grid embedded into a father grid for a two bladed was chosen for the present work which consumes
rotor. In this test case the father grid is identical to a more cpu-time but guarantees that all interpolation
conventional one block grid with a collective pitch coefficients are positive and less or equal 1. Hence

angle of 00. The child grid consists of the inner part it is necessary to find for each boundary point the
of the conventional grid, generated by skipping the tetrahedron which contains the boundary point.
second half of grid points in normal direction. It is This search takes advantage of the fact that struc-
rotated around the quarter line corresponding to the tured grids are used [15]. For steady cases the
collective pitch angle. This procedure is of course search algorithm is run only once.
not typical for overlapping grids, but it was chosen The time stepping scheme is changed with regard
to eliminate possible differences due to different to a special treatment of the hole points. The algo-
grid shapes or different clustering. rithm is modified such that the flow values for the

Since the rotor blade in the child grid is an imper- hole in the father grid are not updated by the
meable body with no flow through it, the points of Runge-Kutta scheme nor the implicit residual
the father grid that fall within the rotor blade are smoothing nor the rothalpy damping.
excluded or blanked from the flow field solution. The chimera scheme in the present work has not
These blanked out points in the father grid form a been coupled with the multigrid algorithm.
"hole" in the father grid. Figure 5 shows a view of a
child grid and the hole in the father grid. The boun- 5. Results
dary of this hole is the first of two interface bounda- The test cases considered in this study correspond
ries, that arise because of the use of the chimera to the experimental model hover test conditions of
scheme. Data for this hole boundary is supplied Caradonna and Tung [18]. The experimental model
from the solution contained on the child grid. Thefromuther solutionday ontaid the child grid .fs the sconsists of a 2-bladed rigid rotor with rectangular
outer boundary of the child grid forms the second

blades with no twist or taper. The blades are made
interface. Flow values for the dummy layer at Is of NACA 0012 airfoil sections with an aspect ratio of
outer boundary are provided from the father grid. In 6.Texprmnacodtnsfthpeetd

this implementation only flow values are exchanged results are:

at the chimera boundaries, which simplifies the

algorithm, but yields a non-conservative scheme. tip Mach number: M(R = 0.794,

As it is shown in [16] this can result in inaccurate collective pitch: 0c = 8.00
solutions for supersonic or hypersonic flows. This
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5.1 Grid refinement study identified. At the radial position 200 behind the
blade e.g., the three indicated vortices have an ageFiue6shows predicted and experimental pres-

sure coefficients at four different blade sections for of 200, 2000 and 3800. The youngest vortex is rep-

the selected test case.. The figure compares the resented at the end of the rotor disk by concen-
trated vorticity iso-lines. The older vortices are

experimental data with the solutions conducted on

the three grids with different grid sizes. The numeri- located below the rotor disk and have moved closer

cal results show the typical behaviour of a grid to the hub. Between the radial slices at 700 and

refinement study with very small discrepancies 1000 the number of clearly identified vortices is

between fine and medium grid solutions and some reduced, because two vortices are joined to one

larger differences in the pressure values between large vortex. Further downstream the vorticity con-

medium and coarse grid solutions. These results tours of all radial slices indicate a vortex structure,

indicate that the fine grid solution is grid converged. which has the correct radial position of an additional

All calculations predict an identical shock position. vortex, but doesn't change its axial position.
The wake of the rotor blades can also clearly be

Larger discrepancies can be recognized in the pre-

diction of the shock wave strength. Due to the lack identified. Certainly the wake diffuses due to
numerical dissipation, but it is represented in this

of grid points the coarse grid solution underpredicts furerian ageof but 2500.

the shock strength. The solutions on the finer grids, figure for an age of about 2500.

which agree quite well, show an overprediction of The effect of grid refinement on the resolution of
the shock compared to the measured data. One rotational flow phenomena is studied in Figure 10. It
reason for this is that the current calculations are compares vorticity contours plotted at 700 behind
inviscid. Shock-boundary interactions tend to the rotor blade of a fine, a medium and a coarse
weaken the shock. An inviscid code cannot model grid. Additionally the corresponding grid planes are
this phenomenon, so some discrepancies in pre- presented. The figure clearly shows the strong
dicted and measured shock wave strength are effect of the different grid density. Whereas the fine
expected. Overall the Euler calculations are in good grid solution resolves three strong and separate
agreement with the experimental results on all vortices, there is only one weak vortex represented
radial stations. by the coarse grid calculation. The wake dissipates

Calculated and measured thrust coefficients are on the coarse grid already after 700

compared in Figure 7. The discrepancies between Quantitative measurements were taken for the vor-

measurement and computation are caused mainly tex trajectories and these are compared with pre-

by viscous effects. dicted values in Figure 11. In this figure, a dashed
line represents the experimental data from Ref.

Main objective of this study is the investigation of [18]. The vortex trajectories computed on different
the prediction of rotational phenomena in the flow grids were obtained using the results from Figure 9
field like the wake or the tip vortex of the rotor blade to locate the centers of vortices graphically. The
using an Euler code. The flow field investigations coordinate values of these vortex centers are
are performed extracting radial 2D slices, which are obtained at discrete azimuthal angles and then
located nearly perpendicular to the mean flow direc- transferred to the plots in Figure 11. The plotting of
tion. Plotting vorticity contours (magnitude of the computed results stops when the vortex centers are

local rotation vectors =1x ) the 2D slices show a impossible to determine graphically. The radial con-

good representation of the wake and the tip vorti- traction of the tip vortex shows reasonable agree-

ces. ment with the experimental data. After a vortex age

The radial location of the slices presented in this of 1800 the discrepancies between the calculations

paper are indicated in Figure 8. The figure shows on the different grids become larger and the com-

the grid lines in the rotor disk and the six different puted vortex trajectories show more contraction

radial slice positions at the rotor blade and at 200, than indicated by the experiment. These differ-

400, 700, 1000 and 1400 behind the blade. The vorti- ences in the contraction of the wake system

city contours of all 2D slices extracted from the fine between Euler calculation and experiment have

grid solution are presented in Figure 9. At the first already been mentioned in other publications, e.g.

four slices three separate vortices can clearly be Ref. [9]. One cause for the discrepancies is proba-
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bly the absence of the whirl tower in the calcula- rate treatment of the periodic boundary reduces the
tions. numerical dissipation, which is indicated by an
The vertical descent of the tip vortex, computed on improved separation of the tip vortices and an
the fine grid, shows excellent agreement with the improved representation of the wake.
experimental data. The difference which occurs This investigation has been repeated on the
after a vortex age of 2800 is caused by the fusion of medium grid. The result is presented in Figure 13.
two vortices to one large vortex due to large grid Again the differences on the surface pressures are
cells in axial direction (see Figures 9 and 10). The negligible. Compared to the fine grid investigation
agreement between medium grid calculation and the discrepancies in the resolution of the wake sys-
experiment concerning the vertical descent of the tem between 1. and 2. order boundary treatment
tip vortex is fairly good, while the coarse grid results are somewhat smaller. This effect is caused by the
indicate that the coarse grid is not able to resolve reduced grid fineness. The medium grid has more
one singular tip vortex, inherent dissipation and decreases therefore the

The results of the grid refinement study show that effect of accuracy improvement at the periodic

the prediction of the wake system of a hovering boundaries.

rotor is mainly affected by the grid resolution. On Chimera Boundaries
the fine grid e.g., the wake dissipation is caused by
a low resolution of the grid in axial direction. On the In this section the effect of chimera boundaries

other hand a detailed resolution of the wake system using overlapping grids for the selected hover case

seems not to be very important to obtain reasona- is presented. Corresponding 2D results have been

ble results on the blade surface. The computatibns published in Ref. [19].

indicate that for a 2-bladed rotor the vortex should Figure 14 compares computational results of a con-
be well resolved up to a vortex age of at least 1800. ventional single block, a conventional two block and
At this point the blade is passing over the vortex a chimera two block solution with the experimental
from the preceding blade for the first time. This is data. The single block grid is identical to the
the location where the vortex trajectory and medium grid used in previous investigations. In
strength have the most influence on the blade air- order to have a fair comparison, the conventional
loads. Beyond this point, airloads on the blade sur- two block grid and the chimera grid system are
face are less effected by the vortex location, based on the conventional one block grid, generat-

ing block boundaries in the blade normal direction.
5._2 Effect of Boundary Conditions The investigation of the chimera technique has

Improvement of been performed using a simplified Euler code with a

Periodicity Boundary Conditions cell centered finite volume discretization and with-
out multigrid algorithm. Up to now this code allows

Figure 12 shows results of two fine grid calcula- on t ord tretm ent a thim bo daries

tions. On the top of the figure pressure coefficients Therefore tations fo this inv est

at three different blade sections and on the bottom h erfor meusing aor treatmen

vorticity contours at a radial section 700 behind the of 1. o eracracy at a boundaries.

rotor blade are shown. The presented calculations

use different treatments of the periodicity boundary In comparison with 2D results of Ref. [19], which
are not shown here, the 3D calculations presented

conditions. The first calculation has been performed ire 14 show a le gD ag reeenter

using two dummy layers at the periodic boundaries

obtaining 2. order accuracy at these boundaries. are differences between the conventional single
and two block computations. These differences,

The second calculation uses only one dummy layer

leading at these boundaries to 1. order accuracy. especially the movement of the shock position at

Comparing the surface pressures of both fine grid the blade sections MR = 0.89 and MR = 0.96, are

computations there are no determinable differ- caused by the first order boundary treatment at the
inner block boundaries. The chimera two block

ences. In spite of this the flow field visualizations of

the different computations show considerable dis- computation uses the same boundary treatment at
the outer boundaries of the child grid. In addition

crepancies. It is clearly visible that the more accu-
first order interpolation errors occur at the hole
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boundaries of the father grid and at the outer block O-H topology for the grid has to be improved
boundaries of the child grid which increases the dif- for a better wake resolution with less grid points. It
ferences between the conventional single block and is believed that multiblock grids with an O-H (Euler)
the chimera computation. or C-H (Navier-Stokes) topology near the rotor

The effect of chimera boundaries on rotational phe- blade embedded into one or several H-H grids offer

nomena in the flow field is demonstrated in a better strategy to generate grids with a reduced

Figure 15 showing vorticity contours for the three number of grid points and an improved resolution of

computations at a radial section 200 behind the the wake region. Main difficulties using multiblock

rotor blade. The small white gaps in the results for grids are a smooth design of the block boundaries

the 1 block and the 2 block calculations are caused and an accurate treatment of the boundary condi-

by the post-processing method, which is not tions.

adapted for a flow solver using a cell centered The results also show that a detailed resolution of
scheme. the wake system may not be very important to

The vorticity contours of all calculations indicate two obtain reasonable results for the surface airloads

tip vortices. The 200 old tip vortex is represented at on hovering rotors. Keeping in mind that Euler cal-
culations don't account for viscous effects the sur-the end of the rotor disc by concentrated vorticity faedtpricdonhemiu gidsw

iso-lines. The vortex of the preceding blade has

moved below the rotor disc and closer to the hub. already a good agreement to the experimental data.

Comparing single block and conventional two block Even coarse grid calculations may be acceptable

results there are only small differences in the repre- for engineering purposes, as long as only flow

sentation of the second vortex with an age of 2000. quantities on the blade surface are required.

Going from the two block to the chimera calculation Additionally, investigations were made concerning
both vortices are widened and less sharply the effect of different block boundaries on the accu-
resolved. The results for the chimera calculation rate prediction of surface data and wake capturing
had to be reconstructed using cells of the father and properties. Solutions for a hovering rotor using a
the child grid. This can be recognized in a slight dis- conventional single block, a conventional two block
placement of the vorticity iso-lines, and a chimera grid were compared. It was shown

It is shown that the current implementation of the that it is possible to capture the wake system using

chimera technique for overlapping has to be an Euler code on a chimera grid system. The chi-
mera solution reproduced all flow features but the

improved concerning the accuracy of the boundary vortice reptured aly flow f ie

treatment.vortices are captured less sharply. The flow field
results of both multiblock computations again dem-

6. Conclusion onstrates the need of 2. order treatment of block
boundaries. Further investigations are necessary

The flowfield of a hovering rotor is calculated solv- concerning the additional spatial errors of chimera
ing the Euler equations formulated in terms of the boundaries, especially for cases with larger differ-
absolute flow variables in a blade attached coordi- ences in father and child grids at the chimera
nate system. The vortex wake and its induced boundaries. In addition with the very promising 2D
effects are captured as part of the overall numerical results of Ref. [19] the presented 3D chimera com-
solution without specifying any wake structure or putations give hope that accurate forward flight
position, i.e., without any wake modelling, solutions using the chimera technique will be possi-

Performing a grid refinement study it was demon- ble.

strated that the accurate prediction of wake and 7 Acknowledgement
vortices of a hovering rotor is possible using an
Euler code. However, fine grids with a high resolu- This work is partly founded by CEC, IMT project
tion in the complete region of the wake system are AERO-2017/2060 (HELISHAPE).
needed. Additionally, high accuracy for the treat-
ment of periodicity boundaries or other boundaries
is required. These results indicate that the one
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Figure 1: Surface grid Figure 2: O-H grid around one blade of the
2-bladed Caradonna-Tung rotor

Figure 3: Grid refinement study:
Grid lines in the
rotor disk

coarse grid (57"21*33 points) medium grid (113*41 65 points) fine grid (225"81*129 points)

Figure 4: Grid lines in the rotor disk of Chimera Grid: Figure 5 0 -type child grid embedded into
black lines - father grid 0-type father grid
white lines - child grid (father grid shaded grey except for the 'hole')
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FORWARD FLIGHT ROTOR AIRLOADS PREDICTIONS USING A
COUPLED NAVIER-STOKES/FULL-POTENTIAL ANALYSIS
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PO Box 9729, MS 317A5

Stratford, CT 06497-9129 , USA

Prof. L. Sankar
Georgia Institute of Technology
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SUMMARY sometimes even intersecting it. Navier-Stokes
solver's implicitly capture all of these effects

Unsteady airloads predictions from a hybrid from first principles (Ref. 1-2) but require large
Navier-Stokes/full-potential code for a model amounts of CPU time. Other solvers using
UH-60A rotor in forward flight are presented. reduced governing equation sets such as
The code splits the physical domain into a near potentialmethods (Ref. 3-4) and Euler methods
blade viscous region surrounded by an inviscid (Ref. 5-7) can capture some of the phenomena at
potential region. The two regions are coupled a greatly reduced CPU time requirement, but do
through boundary conditions on the interface not account for some important physical effects
surface separating them. In addition, the such as retreating blade stall.
interface surface has been modified to
dynamically adjust its position normal to the The code used in this paper reduces the CPU
blade surface depending on the instantaneous time usage required for unsteady, three-
distribution of vorticity in the viscous region. dimensional, viscous rotor solutions. The code
This allows roughly a 50 percent reduction of is an extension of a fixed-wing/hover code (Ref.
CPU time usage when compared with a 8) called NSFPE that has been extended for
standalone Navier-Stokes code. Comparison of forward flight rotor cases (Ref. 9). NSFPE is a
the hybrid code surface pressures with the tightly coupled solver which uses the Navier-
standalone Navier-Stokes results shows good Stokes equations near the blade and in the
agreement in quadrants one, two, and four. The trailing wake (inner region) to capture viscous
hybrid code overpredicts the extent of a effects, and the full potential equation elsewhere
separated region in the third quadrant which (outer region) where viscous effects are
suggests further improvements to the unsteady negligible. The surface separating the inner and
interface boundary conditions are needed. outer regions is called the interface surface.

The outer solvers effect on the inner solver, and
I INTRODUCTION vice-versa, is handled explicitly as boundary

conditions applied at this surface. The code has
The aerodynamic loading on a helicopter rotor been applied to a UH-60A forward flight case
in forward flight is of great interest to rotor (Ref. 9). The results compared well with both
designers. The primary interest is in test data and standalone Navier-Stokes results
determining the integrated performance of the on the advancing side of the rotor disk while
rotor and its effect on vehicle speed, range, and reducing the CP-U time required by 44 percent.
payload. Of increasing importance are the Results are presented in this paper for the
effects of the aerodynamic loading on vibration retreating side. Also, the normal location of
and noise. Accurate and efficient computational the interface surface, which was fixed by the
methods are desired to assist in the design of user in the previous papers, has been modified
high performance, low noise and vibration to automatically adjust depending on the
rotors, instantaneous viscous flow solution. This

feature removes the need for the user to specify
This paper gives results from an ongoing effort the interface location a priori while allowing for
to develop a rotor solver which selects a balance further CPU time reductions when compared
between flow physics sophistication and with the fixed interface surface method.
computational efficiency that may be beneficial
in the rotor design process. To accurately The computational method used by NSFPE is
compute the loading on an advancing rotor over described below followed by the results for the
an entire revolution, a solver must be capable of UH-60A. Finally, some concluding remarks
capturing a wide range of physical phenomena. point to the direction in which further
These include transonic effects on the advancing developments will be headed.
side with shock formation and shock

wave/boundary layer interaction, dynamic stall 2 COMPUTATIONAL METHOD
on the retreating side, three-dimensional tip
effects with the formation of a trailed tip NSFPE is built on the premise that a viscous
vortex, and a time varying free stream and cross solver is only needed in regions where viscous
flow due to rotation. Also, unlike a fixed wing effects are not negligible and an inviscid solver
in which the entire wake is convected away at may be used elsewhere. This premise may be
approximately the free stream velocity, the rotor exploited to reduce CPU time by using the
operates in the vicinity of its own wake, viscous solver only where it is necessary and

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin, Germany from 10-13 October 1994 and published in CP-552.
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using the much less computationally expensive field boundaries. The boundary conditions at
inviscid solver everywhere else. It would the interface surface will be discussed later.
behoove the analyst to have as large an inviscid
region as possible as the ratio of inviscid grid The equations are integrated in time using a
points to viscous grid points determines to a first order accurate in time Euler scheme with
large extent the CPU usage. A balance must be central differences spatially for second order
obtained, however, because too small a viscous accuracy in space. Equations (2) become after
region will have an adverse affect on solution discretization
accuracy.

In NSFPE, the physical domain of interest is Aqn+l/At + 58Fn+l + &nG* + =Hn+l =

divided into two adjacent regions. The viscous (8&R + NS + 5CT)n (3)
inner region surrounds the blade and contains
the viscous wake and is in turn surrounded by
the inviscid outer region. A schematic of the The viscous terms are evaluated explicitly at the
physical domain is shown in Fig. 1. The grid old time level n and appear on.,the RHS. The
is composed of a series of two-dimensional spanwise flux derivative S G is evaluated
algebraically generated C-grids stacked in the semi-implicitly using inforrhation at both time
spanwise direction. The interface surface is levels n and n+l, using n+l values as soon as
defined as the surface separating the two regions they become available.
and is depicted by the constant C grid surface
labeled kmatch. The Reynolds-averaged Navier- Since equations (3) contain the terms F and H,
Stokes equations are solved in the inner region which are non-linear in q, they must be
while the full-potential equation governs the linearized in order to solve for q. This is done
flow in the outer region. Both region's solution using a Taylor series expansion as follows:
procedures are non-iterative and are time
accurate which allows for unsteady flow Fn+ =_ Fn + AAqn
solutions. The solver is tightly coupled in that
both inner and outer solvers are passed through
once each time step (or iteration for steady or where Aqn=qn+l on and A is a 5x5 flux
quasi-steady runs) with the influence of one Jacobian matrix. This linearization is done
region on the other handled by boundary similarly for H.
conditions applied at the interface surface. The
inviscid effect on the viscous region is currently The linearized equations may be written as
lagged by one time step because the inviscid'
region does not change as quickly as the viscous [I + At(8tA + 8CB)]Aqn = Rn,n+1
region. The solver is capable of predicting
fully 3-D, unsteady, viscous flow solutionsincluding separation and stall, if present. where R is the residual. This matrix equation

is block pentadiagonal and is expensive to

Brief descriptions of the Navier-Stokes and full- solve. This enuation is therefore approximately
potential solvers are next followed by the factored to yield
treatment of the rotor far-wake and aeroelastic
effects. Finally, the interface boundary [I + AtSA][I + At8CB]Aqn = Rn,n+l
conditions are described. The Navier-Stokes
solver is similar to the rotor code of Ref. 1 (4)
while parts of the full-potential solver were
based on Ref. 3. The matrices A and B may be diagonalized as

suggested in Ref. 10 to reduce (4) to two
2.1 Navier-Stokes Formulation tridIagonal inversions which may be solved

efficiently using the Thomas algorithm.
The Reynolds averaged Navier-Stokes equations The solver incorporates fourth order explicit
may be written as artificial damping along with second order

+ Fx + Hz = Rx + S+ Tz (1) implicit damping to reduce wiggles in regions
qt + +Gy +Sy of large gradients of flow variables. Further

information on this solver appears in Ref. 1.
where q is a vector of conserved variables, F,G,
and H are the convective flux vectors and R,S, 2.2 Full-Potential Formulation
and T are the viscous flux vectors. To ease
application of the surface boundary conditions The 3-D unsteady compressible potential flow
for arbitrary bodies the equations are may be written in generalized curvilinear
transformed to a body fitted coordinate system coordinates as
(',4,T1,C) and (1) becomes

qzr + Fý + GTI + HC = Rý + S71 + HC (2) P9 + (_•U_ + ( PV_ + MY_)_ = 0

where q,F,G, etc. are related to q,F,G, etc.
through the metrics of the transformation. (5)

Equations (2) must be numerically integrated in where p is the density, and U, V, and W are the
time starting from an initial guess for q. contravariant velocities. Using the isentropic
Boundary conditions are the no-slip condition gas law and the energy equation, equation (5)
and zero temperature and pressure gradient at the may be written (Ref. ) as the following second
body surface and undisturbed flow at the far order hyperbolic partial differential equation for
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lies outside the NSFPE physical domain
depicted in Fig. 1. All partial angles used in

P= this paper were generated using the RDYNE
comprehensive rotor code (Ref. 12).

(p_• P_ (p• 2.4 Interface Boundary Conditions

A+ + (6) The interface surface, denoted as kmatch in Fig.
1, is simultaneously the outer bound'ary for the

The time derivatives and the mixed time and Navier-Stokes region and the inner boundary for
space derivatives on the LHS of equation (6) are the full-potentiai region. As such, boundary
discretized using first order accurate finite conditions must be specified on this surface for
difference formulas while the spatial derivatives each region. They must be specified in such a
on the RHS are evaluated using second order way that the solution varies smoothly across the
accurate central differences. interface.

Because this equation is hyperbolic, it may be At each time step, information is exchanged
advanced in time using a stable marchin between the inner and outer regions Both
scheme, for a given initial description of the governing equations are solved at k=kmatch
velocity potential * and its derivative 0 . When with theNavier-Stokes outer boundary at
the above discretizations are employed, It each k=kmatch+ 1 and the full-potential inner
time step a system of linear equations result for boundary at k=kmatchýJ. The Navier-Stokes
the quantity A•= 0n+1 - on. This equation may solver is called first with the k=kmatch+1therquanty be written± equationomayboundary data obtained from the previous timesteps' full-potential solution. The q vector at

the outer boundary is determined by
[M] { Ao} = {R} (7) differentiation of the velocity potential and by

employing the isentropic relations. Next, the
full-potential region is solved using data at theThe coefficient matrix and the right hand side R k=kmatch.1 boundary from the current time stepare known uantities, computed at the time Navier-Stokes solution. The velocity potentiallevel V. The matrix M is a sparse matrix with at k=k match-1 is obtained from the known

twenty seven diagonals, reflecting the fact that a Navier-Stokes mass flux through this boundary.
node (i,j,k) is linked to its 26 neighbors, (i-
1,j,k) etc. On nearly orthogonal grids such as To maximize the CPU time savings, the
the one used in the present work, only diagonals interface surface should be located as close to
coupling (i,j,k) to its six neighbors (i+l,j,k) the blade as possible, thereby decreasing the
(i-l,j,k), (i,j-l,k), (i,j+l,k), (i,j,k-1) and size of the Navier-Stokes region. A user cannot
(i,j,k+l) are non zero. In the ADAI sc eme used be expected to know this position with a great
here, the seven-diagonal matrix M was deal of certainty for any case in general.In
approximately factored into three tridiagonal addition, if this surface position is fixed in
matrices resulting in the following system: time, it must be far enough from the blade so

that the viscous, rotational flow remains within
[M1][M 2 ][M3 ] f A0 = {R} (8) the Navier-Stokes region over the entire rotor• jdisk. This means one must be conservative in

selecting its position, conservatism which will
Each of the above three matrices are easily drive up the CPU time requirements.
invertible using the Thomas algorithm. The
main diagonal terms of the matrices include This problem has been eliminated by allowing
contributions from each of the three directions NSFPE to automatically adjust the interface
as a result of factoring the matrix instead of surface as a function of azimuth (time). The
factoring the equation in operator form. This potential region does not allow transport of
results in a matrix that is more diagonally vorticity and entropy. One of these flow
dominant than some other possible parameters may be examined to determine the
factorizations, which allows for a stable extent of the viscous, rotational flow in the
solution using larger time steps. Navier-Stokes region. For this paper, vorticity

was chosen. A typical plot of vorticity
2.3 Wake and Trim Effects magnitude versus normal distance from the

blade, for an attached flow, is depicted in Fig.
In order to accurately predict the airloads on an 2. It is large at the blade surface and then
advancing rotor blade, the rotor trim state must quickly approaches zero. The inviscid,
be computed and the effects of the far wake irrotationalp otential region should extend down
must be included. The trim and wake effects are to a point where the vorticity is virtually zero.
accounted for in NSFPE through the use of An efficient scheme to determine this extent is"partial" angles-of-attack as suggested in Ref. depicted in Fig. 3. The vortical solution on a
11. These angles are obtained from an external reference plane which is located a specified
comprehensive rotor code which includes a blade distance, or safety margin, below the interface
aeroelastic model, a trim state solver, and a surface is examined. If the maximum vorticity
vortex lattice wake model. Each spanwise C- on this reference plane falls within the range of
grid in NSFPE is rotated by the appropriate two cutoff vorticity magnitudes, oco lo
partial angle. These angles descri ed the local (vorticity high cutoff) and oCO0L (vorticity low
angle-of-attack at each spanwise station cutoff), the interface surface stays put. If the
including the effects of elastic deflections, maximum vorticity is less than COcL the
control positions, and far wake induced surface moves closer to the blade. If it is
velocities. The term far wake here is used to greater than WCOH, the surface moves away from
describe any of the vortex wake structure which the blade. The cutoff vorticity magnitudes are
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defined as fractions of the maximum vorticity are shown in Fig. 5. The results are in good
on the blade surface. The use of the safety agreement. Whereas the fixed interface code of
factor here insures that the flow field in the Ref. 9 used 44% less CPU time than NAV3D,
vicinity of the interface surface is potential. the adjustable interface used 53% less time

without a degradation of solution accuracy.When the interface surface moves, the
appropriate solution must be reconstructed For this paper, the solution has been computed
"downstream" of its motion. For example, if it for an entire rotor revolution. The interface

moves up, the Navier-Stokes conserved variable surface location on the retreating side varied
vector must be computed from the potential from a high of k=20 in the third quadrant down
solution. This may be done as before by to k=17 at the end of the fourth quadrant. Over
differentiation of the velocity potential and an entire revolution, NSFPE required slightly
application of the isentropic energy equation. If less than 50% of the computer time used by
the surface moves down, the potential solution NAV3D, as compared with the 44% reduction
may be reconstructed by numerical integration using a fixed interface at kmatch= 2 1 in Ref. 9.
of the Navier-Stokes velocities along a constant
i,j line. A comparison of blade thrust coefficient

between NSFPE and NAV3D appears in Fig. 6.
The advantages of the adjustable interface are The discrepancies on the advancing side were
twofold. Firstly, it eliminates the need for a discussed above and the differences appear
user to select its location. For a quasi-steady exaggerated here due to the use of hover tip
case, the user simply guesses its location, the speed in the non-dimensionalization.
program will adjust it until it reaches its proper
position. Secondly, for unsteady cases, it The differences on the retreating side are
allows the surface to be close to the blade at compressed, however, and the comparison shows
azimuths where the vortical region is confined large differences near V=270 degrees. An
near the blade and it moves it farther from the examination of the flow fields gives some
blade when the vortical region grows. insight into the cause of the differences. Due to
Typically, the vortical region is small on the the increasing blade pitch, both codes show a
avancing side and grows in size on the recirculation zone on the upper surface of the
retreating side of the rotor disk. The adjustable blade which appears in the third quadrant. Fig.
interface will tend to maximize the 7 shows velocity vector fields for both codes at
computational efficiency of the code. Vr=210 degrees and a radial location of 0.74

percent. NSFPE shows a slightly larger
3 RESULTS recirculation bubble than NAQV 3D. At V=240

degrees, NSFPE vastly overpredicts the extent
The following results are given for a UH-60A of the separated region when compared with
model scale rotor operating at an advance ratio NAV3D and its location appears upstream of the
of 0.3 with CLJa=90.09. The blade is swept by NAV3D prediction (Fig. 8). It is believed that
20 degrees starting at 92 percent radius. A these differences are due to the Navier-Stokes
description of the rotor appears in Ref. 13. boundary condition computation at the interface

surface. Plots of Cp versus normal coordinate
The computational grid density was 101*19*41 index on the blade upper surface are shown in
points in the streamwise, spanwise, and normal Fig. 9. The symbols appearing in the NSFPE
directions, respectively. The grid density, flow field of Fig. 8 on a constant k-line show
adequate for lift convergence but not drag the spatial location corresponding to the plots.
convergence, is acceptable for testing the What is immediately apparent are the
boundary conditions at the interface surface, oscillations originating at the interface surface
Fig. 4 depicts a subset of the grid in which the and extending into the Navier-Stokes region.
extent of the Navier-Stokes region is shown for These oscillations alter the pressure field along
kmatch=21. the interface which in turn affects the location

and extent of the recirculating region, as this
NSFPE has been previously demonstrated on the region is most sensitive to the surrounding
advancing side using a fixed interface surface pressure field.
for the same rotor and operating condition and
the results are contained in Ref. 9. Kmatch was These oscillations may be due to non-physical
set at 21 which is approximately 25% of a chord reflections occurring at the interface in the
away from the blade surface. The results from Navier-Stokes region. Further evidence of
Ref. 9 showed the NSFPE predictions to be very reflections at the interface is apparent upon
close to standalone Navier-Stokes result. The examination of the quasi-steady convergence
standalone Navier-Stokes code used was called history for the Navier-Stokes region at an
NAV3D and its formulation is the same as the azimuth of zero degrees (Fig. 10). While the
Navier-Stokes formulation in NSFPE. Some residual drops smoothly for NAV3D, the NSFPE
discrepancies appeared in the NSFPE predictions residual shows an oscillatory behavior
near the tip in the second quadrant due to false indicative of reflections at the boundaries.
disturbances at the interface. These advancing Determining the boundary conditions at the
side results are now used to validate the interface using a method which addresses the
dynamic interface surface. The code domains of influence of propagating waves
automatically moved the interface surface from through the use of one-sided differencing may
k=21 to k=17, or approximately 15% of a chord reduce the oscillations and improve solution
away from the blade. This location was accuracy.
maintained over the entire advancing side as the
flow remained attached and the blade pitch was In the fourth quadrant, the agreement between
relatively low. Pressure coefficient comparisons NSFPE and NAV3D improves as seen by the
from the first and second quadrants for the non- pressure coefficient comparisons in Fig. 11. At
dimensional radial locations 0.775 and 0.945 xV=300 degrees, NAV3D shows a small
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recirculating region in the tip area that is not Computational Fluid Dynamics Conference,
seen by NSFPE but at V=330 degrees the results Honolulu, Hawaii, June 24-27,1991.
are very close. 9. Berezin, C.R., and Sankar, L.N.,"An
4 CONCLUDING REMARKS Improved Navier-Stokes/Full-Potential Coupled

Analysis for Rotors," 32nd Aerospace Sciences
A tightly coupled Navier-Stokes/full-potential Meeting and Exhibit, Reno,NV, January 1994.
rotor analysis (NSFPE) has been utilized over
an entire revolution for a model UH-60A rotor 10. Pulliam, T.H. and Chaussee, D.S.,"A
in forward flight. The results have been Diagonal Form of an Implicit Approximate-
compared with a standalone Navier-Stokes Factorization Algorithm," Journal of
(NAV 3D) solution. An automatically adjustable Computational Physics, Vol. 39, p. 3 4 7 , 1981.
interface surface which improves computational
efficiency and reduces required user input has 11. Tung, C., Caradonna, F.X., Boxwell, D.A.,
also been demonstrated. -The results show good and Johnson, W.R.,"The Prediction of Transonic
agreement between the two codes except over a Flows on Advancing Rotors," 40th Annual
portion of the retreating side where non-physical Forum of the American Helicopter Society,
reflections at the interface surface cause Arlington, Va.m May 16-18, 1984.
problems in the NSFPE solution. Non-
reflecting boundary conditions are currently 12. Sopher, R. and Hallock, D.W.,"Time-
being implemented to alleviate this problem. History Analysis for Rotorcraft Dynamics Based
Over a full rotor revolution, the hybrid code on a Component Approach," Journal of the
NSFPE used slightly less than 50% of the CPU American -Helicopter Society, Vol. 31, (1),
time used by NAV3D. January 1986.
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Full-Potential Region K=Kmatch

Fig. 1 - NSFPE Physical Domain Schematic
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kmatch2 1

Fig. 4 - Sample Grid Showing Interface Surface
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NAV3D NSFPE

Fig. 8 - Velocity Vectors at r/R=0.74, V=240 degrees
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Computational Fluid Dynamics Development
and Validation at Bell Helicopter

J. C. Narramore
Principal Engineer

Bell Helicopter Textron, Inc.
P. 0. Box 482

Fort Worth, Texas, USA 76101

SUMMARY approach has allowed multiple computational
aerodynamic approaches to be used during design

An overview of the development of the Computa- and has assimilated wind tunnel test data for the
tional Fluid Dynamics (CFD) methodology at Bell correlation studies.
Helicopter Textron is given. As new technologies
have been developed their functionality has been Developments in high-speed computers have also
assessed by their ability to reproduce wind tunnel had an impact on the time required to perform
measurements in a timely manner. Examples of aerodynamic design. Interactive graphic work-
some of these correlation study results are pro- stations have allowed a new approach to the de-
vided. sign of aerodynamic components and the develop-

ment of grids for complex modeling.
LIST OF SYMBOLS Supercomputers have allowed solutions to prob-

lems that heretofore would have taken too long to
ALPHA Angle of attack (degrees) be practical.
CL Coefficient of lift
CM Coefficient of moment about the Development of a computational fluid dynamics

quarter chord (CFD) methodology at Bell Helicopter Textron,
CT Coefficient of thrust Inc. was initiated in the early 1970's with two-
M Mach number dimensional (2-D) airfoil analysis and design
q Dynamic pressure methods. In 1987, the first evaluations of full po-
qt Computed speed distribution tential rotor codes were carried out. By 1991, the
qs Target speed distribution use of Navier-Stokes methods for some rotorcraft

Angle of attack (degrees) problems had become practical. In this paper, a

2 2 discussion of the development of computational
AQ 2  Residual of q - q t aerodynamic design methods at Bell will be dis-

cussed. Emphasis will be placed on the improve-

AS Change in aerodynamic surface ments in productivity and the validation of these
ordinate value methods with wind tunnel data. Advances in air-

foil, rotor, wing, and fuselage methods from the
1. INTRODUCTION initial potential flow methods to full Navier-
In order to improve our ability to predict aerody- Stokes methods will be discussed.
namic performance and airloads, Bell Helicopter
Textron, Inc. has pursued several approaches in- 2. AIRFOIL DESIGN AND ANALYSIS
cluding wind tunnel testing, empirical methods, Airfoil design has progressed from submitting
analytical methods, and computational fluid dy- batch jobs and looking at tabulated results to in-
namic methods. Recently, the development of teractive graphic methods that allow modifica-
computational methods for aerodynamic design tions of the control parameters as the solution is
and analysis of rotorcraft vehicles has increased progressing. What in 1973 would require one year
our ability to predict aerodynamic performance to complete is now completed in two days because
and airloads. The goal of constantly improving of these improvements in productivity for airfoil
productivity of the computational design process design.
has led to the development of many new methods
and changes in the aerodynamic design process. An airfoil designer is given the task of producing
As these methods were being developed, valida- the best section that will satisfy a set of perfor-
tion of the results was carried out by comparing mance and structural requirements. These re-
the computational results to wind tunnel test data. quirements may include aerodynamic specifica-
As methods became credible they were linked to tions, such as low drag at specified lift values, high
aerodynamic information systems so that effective drag divergence Mach numbers, favorable pitch-
use of the codes and the data generated could be ing moment, high maximum lift, and gentle stall
achieved. Using this information systems characteristics. Geometric specifications may

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin. Germany from 10-13 October 1994 and published in CP-552.
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include maximum thickness, nose radius, trailing while providing good performance characteristics.
edge thickness, and thickness distribution for This interactive method on a graphic workstation
structural and manufacturing considerations, greatly improves productivity for subsonic airfoil

design.
Inverse airfoil design methods are advantageous,
since the pressure distribution which determines Recent developments in workstation technology
the boundary layer development and lift/moment have produced machines that are capable of pro-
distribution on the section is input. Therefore, the ducing solutions for two-dimensional compressible
performance is specified and the coordinates that Navier-Stokes problems. Fig. 2a shows the screen
will produce that performance are determined. If for a two-dimensional interactive airfoil design
geometric constraints are critical, inverse design method that was developed at Bell. In this figure
methods can be used to determine the best aero- the target pressure distribution and the starting
dynamic configuration within the constraints, airfoil and its pressure are shown. Using this
Since inverse conformal methods are extremely methodology the designer has control of the solu-
fast (Ref. 1), these design methods are instanta- tion as the airfoil is being produced. The designer
neous on a typical graphic workstation. As soon as may decide to change the desired pressure distri-
an increment in a parameter is selected, the result bution or change the run step size, for example.
appears on the screen. An example of a subsonic This methodology leads to a very interactive
airfoil design case in which the geometric con- transonic airfoil design process. Fig. 2b shows the
straints are critical is given in Fig. 1. In this case, resulting airfoil and pressure distribution com-
an aerodynamic fairing was to be designed around pared to the target pressure that is the result of
the boxed region with a chord length that was the design procedure started in Fig. 2a. This pro-
limited as is shown. The inverse design method al- cess is possible because of the development of an
lows an aerodynamic shape to be generated effi- advanced inverse airfoil design technology. This
ciently that satisfies the geometric constraints method is applied to both full potential and

-... .. .. . .. . . .

4H33S

Fig. 1. Subsonic inverse conformal mapping.
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., • ... ,:.•.-• :; ;:Fig. 3. MGNI code is a unique airfoil design

method based on Navier-Stokes

I equations.

ow- n . combination of codes that are of different levels of
complexity can be used effectively in airfoil
evaluations.

At low angles of attack where flow separation does
4H34Fig. 2b. Transonic inverse method: not exist, the potential flow analysis with

resulting airfoil, boundary layer is acceptable for lift computation.
At high angles of attack where flow separation

Navier-Stokes algorithms, The Navier-Stokes in- exists and potential flow analysis methods break
verse airfoil design procedure (Ref. 2) is depicted down, Navier-Stokes solutions provide results that
in Fig. 3. For this Modified GarabedianiNMcFadden correlate well with wind tunnel test data. The
MGMl) method, the airfoil with the desired airfoil maximum lift that was computed by the Navier-

pressure distribution is produced as the Navier- Stokes method was within 6% of the measured
Stokes solver converges, which makes it very ame- value. In Fig. 5 the state of the art of computing
nable to an interactive design process. The meth- the drag level is indicated. Pretest computations
od is efficient in that it does not significantly in- were made with roughness included to model
crease the computational effort required to obtain production rotor drag levels. Fig. 5 shows that the
an airfoil design above that normally required to pretest drag level compares well with the
use the Navier-Stokes code in analysis mode for a measured drag level with transition fixed at 4%
given airfoil. chord. At a lift coefficient (CL) of 0.4, the pretest

computed drag level was within 7.5% of the
Fig. 4 shows a comparison of the lift curve of an measured drag level. Aerodynamic center, which
airfoil that was designed, using these inverse is a function of the lift and moment curve slopes, is
design techniques, to the pretest computations for generally difficult to predict. Fig. 6 gives a
that section. The pretest data was generated by comparison of the moment coefficient as a function
using a potential flow analysis codes with bound- of angle of attack at a Mach number L.1) of 0.6
ary layer at angles of attack (a) up to 8 degrees from wind tunnel data and a full potential method.
and a Navier-Stokes solution at angles of attack It shows that the trend is correct for this airfoil
above 8 degrees. This figure indicates that a and that the computed aerodynamic center is
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Fig. 4. Both potential flow and Navier-Stokes methods are required for good correlation.
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4H343

Fig. 5. Drag levels with transition fixed were predicted prior to the wind tunnel test.

within 4% of the measured value. For this case, for application on helicopters and tiltrotor aircraft.
with present Navier-Stokes methods that do not Correlation results indicate that at the present
compute a transition location, the correlation is time computational results can be used to
not improved. These validations of the pretest pre- determine the best airfoil configuration, but that
dictions allow for confident use of these computa- wind tunnel test data is still required to assess the
tional methods during the design of new airfoils final performance characteristics.
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Fig. 6. Moment values are dependent upon transition location
and correlate well for this case.

3. 3-D PANEL METHODS 3-D panel method. It shows that, even though this

Although 3-D panels methods are not effective for canopy has relatively flat surfaces with sharp
the evaluation of drag and the detailed analysis of breaks, the 3-D panel solution compares very well
flow separation, they have become a standard tool with the measured pressures. In Fig. 8 the side
in the determination of aerodynamic load distribu- force as a function of sideslip angle obtained by in-
tions that are used as input to structural analysis tegrating the pressures from the wind tunnel test
codes. At Bell, our approach is to use the same dis- is compared to the 3-D panel method results at the
tribution of node points for both the NASTRAN same conditions. It should be noted that for this
skin panel model and the VSAERO aerodynamic case no wake stitching was performed on the can-
analysis model. In this procedure, methods have opy. Since separation is indicated from the cor-
been developed that convert the information found ners, separated wake stitching might have im-
on the GRID and QUAD4 data cards for proved the results. Fig. 8 indicates that the trend
NASTRAN input to a VSAERO input deck. The in side force as a function of slideslip angle is
cards establish the node locations and panel num- somewhat lower than the measured values for this
bers for each panel in the surface grid. Then the model. This correlation information is then fac-
critical airload cases are run using VSAERO to tored into the results that are transferred to the
produce pressure distributions. These pressure NASTRAN models. Typically some correlation is
distributions are evaluated and the total load and performed for every different configuration that is
moment computed. The VSAERO pressure dis- evaluated using VSAERO. Therefore, any discrep-
tributions are mapped back to the stress groups by ancies that are not modeled by this singularity
creating PLOAD2 data for the NASTRAN deck. method can be accounted for during the develop-
PLOAD2 cards represent the surface pressure in- ment of the airload distributions.
put for the NASTRAN deck. Therefore, the pres-
sure distribution that is computed by VSAERO is 4. 3-D COMPUTATIONAL FLUID
used directly by the NASTRAN analysis. This DYNAMICS
provides very high fidelity aerodynamic load dis-
tributions to the stress groups. 4.1 Initial Studies

Bell Helicopter initially used computational fluid
In order to evaluate VSAERO results, frequent dynamics in the area of airfoil design and analysis
correlation with wind tunnel and flight test data is as has been described above. Therefore, it was a
carried out. Fig. 7 shows a comparison of the pres- logical step to extend this to rotor blade analysis.
sure distribution along the upper centerline of the The initial rotor studies were carried out using
AH-1S canopy from wind tunnel test data and a transonic full potential codes that were modified to
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Fig. 7. Correlation with wind tunnel measurements confirms
pressure computation capability.

A decision was made at Bell to concentrate on
Navier-Stokes algorithms for use in our rotorcraft

LSWT490 wind tunnel test data problems. Three areas of concentration have lead
to several successes in the use of Navier-Stokes

4,000 methods including rotor studies, fuselage studies,

----- and component studies.

S3,000

- - -- 4.2 Rotor Studies
a, In order to validate the Navier-Stokes approach,"M 2,000 "-� J -several rotor studies have been accomplished. Ini-
-- - - - - - - - -tially, nonrotating blade tip studies were carried

1,000 out. For the first cases, comparisons were made to
u- - - - - - - wind tunnel test results that were being carried

0 - out on several different blade tips. Surface flow vi-

sualization, balance forces, and hot wire
0 2 4 6 8 10 12 15 anemometry data were taken during this test. As

Sideslip angle (deg) the surface flow visualization results were accu-
mulated, questions arose as to the explanation of

q= 1.16 lb/in 2 , cX= -10 deg the surface flow streaks at high angles of attack.
At these conditions, streaks indicated flow in un-

H346 usual directions with no flow separation at some
Fig. 8. Correlation with wind tunnel

measurements confirms load blade locations even at very high angles of attack.
computation capability. At 18 degrees angle of attack on the hyperbolic tip

shape the flow was characterized by having sepa-
include the rotation terms. These code results pro- ration inboard, no separation near the start of the
vided insight into compressibility effects near the tip, and an outboard flow that culminates in a sep-
tip of the blade and were applied during the aero- aration line near the leading edge of the swept tip.
dynamic design phase to the development of sev- With just the data provided by the wind tunnel
eral tip shapes (Ref. 3). In each of these studies test, it was difficult to explain why the surface
there was also a desire to determine parameters flow had this characteristic. After the testing was
such as drag, flow separation, and accurate forces complete, this case was chosen as a difficult case
that can only be achieved if the viscous terms are for correlation with a Navier-Stokes results (Ref.
included in the algorithm formulation. 4). The ARC3D code was used as the flow solver on



an 0-0 grid that was generated around the hyper- Therefore, a Navier-Stokes method was used to
bolic tip blade shape. Rakes confined to the first gain physical insight into rotor blade characteris-
grid line off of the surface reproduced the mea- tics of a blade that had been tested at high thrust
sured surface flow anomalies and confirmed that levels.
the flow was not separated near the start of the tip.
As is shown in Fig. 9, the stall pattern observed on Fig- 11 shows a comparison of the Navier-Stokes
the blade was replicated by the computational code results to the experimental data for thrust co-
method. When the wakes were allowed to travel efficient as a function of blade collective pitch an-
off of the surface, the flow phenomenon could be gle. It shows that the Navier-Stokes code can pro-
easily observed. The rake lines indicated that a duce thrust as a function of blade collective pitch
wide tip vortex was forming near the leading edge angle that compares well to measured results. The
of the swept tip region that is pulling the surface difference in measured and computed thrust val-
flow outboard to be entrained by the vortex. In- ues is approximately 6% of measured thrust. It
board of the start of the swept tip the flow is not should be noted that the inflow angle as a function
entrained and therefore the separation bubble is of radial station from a lifting surface code (Ref. 6)
created. Fig. 10 gives three views of the computa- was used as input to the Navier-Stokes code to pro-
tional solution results. duce these results. In fact, some of the difference

between the Navier-Stokes results and the mea-
For a rotating blade, a Navier-Stokes solver was sured data is likely to be due to the inaccuracy of
used to compute the flow near stall of a highly the wake model used to set the effective angle-of-
twisted hovering rotor blade (Ref. 5). This study attack distribution.
was undertaken since blade element methods that
rely on two-dimensional airfoil data tables do not The lift coefficient distribution from the Navier-
compute high enough lift at the high thrust levels. Stokes solution is compared to a distribution

Calculated "
surface flows

Measured
4 surface flows

Flow visualization matched by CFD calculations

4H347A

Fig. 9. Navier-Stokes computed flow patterns correlate with wind tunnel results.
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V, 1

Computational particle traces
on upper surface of hyperbolic
tip. Particles are released near
leading edge of each section
and allowed to convect with
the local flow. Inboard separation
bubble and large tip vortex are
prominent. Flow conditions:
Re = 1.50 x 106, M = 0.13, a = 180,
A=0°

4H348
Fig. 10. Navier-Stokes results were used to interpret wind tunnel flow patterns.

layer separation region on the blade surface in the
0.020 inboard region (Ref. 8). However, the Navier-

Navier-Stokes code Stokes results that were produced during thisS0.015 calculation
2 study indicate that the three-dimensionality of the

flow allows the flow to remain attached to higher

S0.010 \--OARF stand angles of attack. No outward radial flow velocities
"�measured data were observed in the inboard region of the blade.

,y 0.005
STip speed = 755.00 ft/s CT = 0.0155
v 0

0 5 10 15 20 cj 2.0 /-Navier-Stokes code

Collective (deg) 1.6 calculation

.4-
4H349 0 1.2

.41Fig. 11. Comparison of computed and
* measured thrust coefficient . 0.8 -

for a tltrotor. 44 0.4 calculation
000 0 . . . . . .

computed using a lifting surface method (Ref. 6) U 0 0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0
for a total thrust coefficient (CT) of 0.0155 in Fig.
12. It indicates that the Navier-Stokes method is Blade station, r/R
predicting a much higher lift coefficient in the 4

H350F. 12. Navier-Stokes predicts attached
inboard region compared to the lifting surface flow inboard.
method results at an equivalent thrust level. This
difference in the inboard lift coefficient has been
observed experimentally by other investigators 4.3 Fuselage Studies
(Refs. 7, 8, 9). It has been attributed to spanwise Navier-Stokes methods have been used success-
flow velocities that effectively thin the boundary fully to determine the flow about and forces on
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Fig. 13. Navier-Stokes drag correlates well with test data.
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Fig. 14. Navier-Stokes lift correlates Fig. 15. Navier-Stokes moment correlates
well with test data. well with test data.

rotorcraft fuselage shapes. The first rotorcraft addition, a high yaw case was also correlated to
fuselage study that was conducted correlated the test data. The best correlation was obtained
Navier-Stokes computations for the lift, drag, from runs using a C-O grid topology. Figs. 13, 14,
pitching moment, and pressures to wind tunnel and 15 show the drag, lift, and pitching moment
measurements on the M214ST. During this study, comparisons between wind tunnel test data and
grid configuration and resolution studies were Navier-Stokes results using the C-O grid for the
carried out for low and high angles of attack. In M214ST fuselage shape (Ref. 10). The difference
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between the measured drag and the computed through the inlet and exhaust regions, that con-
drag is only 4% at an angle of attack of - 2.28 deg figuration was modeled in the Navier-Stokes solu-
(CASE 1) and 1.7% at at angle of attack of 17.04 tion. However, it is relatively easy to add a mass
deg (CASE 2). The computed lift was within 6.5% flow boundary condition to the Navier-Stokes solu-
of the measured lift for the CASE 2 conditions, as tion that will allow the modeling of inlet and ex-
is shown in Fig. 14. In Fig. 15 the pitching haust flows.
moment comparison is given. It shows that the
computed pitching moment was within 7.3% of the A comparison of computed and measured drag ver-
measured values. These results indicate that good sus angle of attack for the UH-1H fuselage con-
agreement was achieved for all forces including figuration is given in Fig. 16. In this case the
the drag on this fuselage shape. fuselage-alone drag computed in the Navier-

Stokes solution is compared to the measured drag
More recent fuselage studies have also indicated for the fuselage with landing gear. As can the
that drag increments due to shape changes on a seen, the shape of the computed fuselage-alone
typical helicopter fuselage can be accurately mod- drag polar shows the same trend versus angle of
eled using Navier-Stokes methods. In 1970, a attack as the measured data for the fuselage with
wind tunnel test was conducted in which the UH- the landing gear added. The difference between
1H single engine helicopter configuration was these results can be attributed to the landing gear
built up to the M212 twin engine helicopter con- drag. In Fig. 17 the computed increment in drag
figuration (Ref. 11). This change requires an in- as a function of angle of attack is compared to the
crease in the size of the cowl and changes the measured increment when changing from a UH-
afterbody shape which resulted in a drag increase 1H fuselage to an M212 fuselage. The measured
for the fuselage. A calculation was made using the data indicated that the increment in drag between
methodology developed in the M214ST correlation the two configurations was reduced as the angle of
study to determine if the drag increment mea- attack is increased. This is probably because as
sured in this wind tunnel test for these bluff aft the angle of attack is increased, the flow about the
body shapes could be predicted. Since the wind cowl becomes less of the drag of the body (since it is
tunnel model had a solid cowl with no flow in the wake of the fuselage). Fig. 17 shows that
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Fig. 16. Fuselage drag trends.
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Fig. 17. Fuselage drag increment correlates.

a = 0.25a = 0.25 M = 0.226
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Fig. 18. Wind tunnel model for UH-1H Fig. 19. Separation pattern is different

did not model exhaust. for M212 cowl.

the Navier-Stokes method predicts the correct Particles are caught up in the separation bubble
trend in the drag increment as a function of angle aft of the flat surface and are swirled into a
of attack. Therefore, it is able to determine the tornado-like shape. This separation pattern is sig-
subtle flow differences between these two configu- nificantly different from the one produced by the
rations as a function of angle of attack. Since M212 cowl modification that is shown in Fig. 19.
these bodies have bluff steps at the cowl afterbody
that produce large regions of separated flow, these 4.4 Current Studies
results are very encouraging. Fig. 18 shows the At the present time these methods are being
separation pattern computed aft of the engine cowl applied to more complex configurations including
region of the UH-1H fuselage wind tunnel model. tiltrotor aircraft and unmanned vehicles. In



15-12

addition, new methods are being evaluated for 4. Scott, Matthew, and Narramore, J. C.,
application to detailed rotorcraft problems like "Navier-Stokes Correlation of a Swept Heli-
advanced tips, details of wingfences, and details of copter Rotor Tip at High Alpha," AIAA 91-
blade tip vortex roll-up. These newer methods are 1752, presented at the AIAA 22nd Fluid Dy-
being developed at NASA Ames Research Center namics, Plasma Dynamics, and Lasers Con-
and include Navier-Stokes codes such as ference, Honolulu, Hawaii, June 24-26, 1991.
OVERFLOW (Ref. 12), INS3D (Ref. 13), and
UNS2D (Ref. 14), and grid development methods 5. Narramore, J. C., and Vermeland, R., "Navier-
such as PEGSUS (Ref. 15), UI-HYPGEN (Ref. 16), Stokes Calculations of Inboard Stall Delay,"
Collar Grid Tools (Ref. 17), and GDCF (Ref. 18). AIAA Journal of Aircraft, Vol. 29, No. 1, Jan-
These methods allow complex configurations to be Feb 1992, pp. 73-78.
modeled and will represent the next generation of
CFD solutions. 6. Kocurek, J. D., Berkowitz, L. F., and Harris, F.

D., "Hover Performance at Bell Helicopter
5. CONCLUDING REMARKS Textron," AHS Paper 80-3, Presented at the
As a result of constant improvement in methods 36th Annual National Forum of the AHS, May
and computer capabilities, computational fluid dy- 1980.
namics has become a standard part of the aerody-
namic design process at Bell Helicopter. This has 7. Harris, F. D.,"Preliminary Study of Radial
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Cost Efficient Calculation of Compressible Potential Flow Around a
Helicopter Rotor Including Free Vortex Sheet by a Field Panel Method
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1 SUMMARY (.)BFBW influence blade on field, blade on
wake

To consider compressible transonic effects a vortex (.)FF influence field on field

lattice method for the computation of the rotor flow (.)wFww influence wake on field, wake on

is coupled with a field panel method. For this pur- wake

pose Cartesian grids are used which are not adapted
to the contour and only discretise the domain of 2 INTRODUCTION

the nonlinear flow. The basis of this procedure is Based on the idea of Oswatitsch [1] to describe tran-
the seperation of the full potential equation into the sonic flows by using integral equations, different
Laplacian operator and the nonlinear terms. The de- methods for airfoils [2,3], wings [4,5] and rotors [6]
veloped program ROFPM is validated at several test have been developed. A boundary element method
cases of the CARADONNA rotor. computes the linear terms; the nonlinear terms are

determined through a field grid, which discretises
the outer domain of the contour. An iterative pro-

List of symbols cedure couples the two methods.
a local speed of sound
CP pressure coefficient At our institute, the blade-vortex interference and

B, B Influence coefficient matrices of po- the start-up procedure of a helicopter rotor [7] have

tential and velocity components of the been computed by vortex lattice methods for some

single-layer potential time. The boundary element procedure solves the

C, C Influence coefficient matrices of the Laplace equation and thus is restricted to incom-

double-layer potential pressible flows. The presented program ROFPM

Cw, aw matrices of the wake double-layer po- combines the fast and flexible panel method with
tential of the vortex sheets a field panel method which registers the transonictental o thevortx shetsnonlinear effects at the blade tip.

Influence coefficient matrix of veloc-

ity components of field sources In order to save computation time and storage ca-
N, Nw number of blade and wake panels pacity it was taken care that with our method the
M number of field panels field grids are as small and simple as possible.
R radius of the rotor blade
T artificial viscosity 3 THEORETICAL BACKGROUND
a,w relaxation parameters AF-scheme 3.1 Boundary element method

singularity strength of double-layer 3.1 Boudr y elem n method
potential The compressibility of an isentropic stationary fluid

ILw doublet strength of wake panels is described by the full potential equation:
4ý velocity potential, perturbation / 2\ + VW2 zpotential)(1- -- f + 1- '- I f + l-

0, 5 field source strength a a2

- singularity strength of single-layer
potential _2uv T 2vw _ 2wu PzxO. (1)

O, collective pitch a2 a2 a2

F radial distance from the rotor center Dividing the potential equation into the Laplacian
of rotation operator and the remaining nonlinear terms yields
rotational speed the Poisson equation
velocity vector (u, v, w)

R vector of right hand sides V 2f=o, (2)

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin, Germany from 10-13 October 1994 and published in CP-552.
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with the abbreviation ou for the nonlinear terms. The jump in potential between the upper and lower

u2 V2 w2 side is interpreted as doublet strength.
0= 2 2 Vy + -zz := -($ - •i) (6)

u 2vw w 2w

2a2 xy ÷ a2 yz + "- ¢z. (3) The integral equation is solved by a collocationmethod. The surface is divided into rectangular
The local speed of sound is given by panels; the collocation points are located at the cen-

troids of the elements. To avoid that fluid can pene-

a2  .+ ac2 - 1 (.I1o 2 _ IV4ýI 2). trate the body, the kinematic boundary condition is
2 required:

Green's third identity transforms the differential nV4ý = 0.

equation (2) into an integral equation for the pertur- Thus, the integral equation for the NEUMANN prob-
bation potential (4 = 4O+o): lem is written as:

ff 1 ro1n + -\jj • dS 1 4
47r r On]-d ± 47r ~ y) 2 47rIV J r47rJJ r

S S

- JJ V2)dv. (4) - iivJJWi1V(!) d-W = _iv4ocl.

For the internal DIRICHLET boundary condition3.1.1 Boundary conditions forcing the perturbation potential inside the body to

In order to solve the integral equation (4) the poten- zero (0i = 0) the definitions
tial values at the contour surface S and at the outer
borders of the domain V have to be prescribed. Fur- r := -ive, (7a)
thermore, at the outer border the far-field boundary -0, (7b)
condition is valid:

results with a Fredholmi integral equation of the sec-
lirn b = lir (0 + 4O)) = ¢). ond kind for the unknown doublet strength IL:

r-oo r-'oo

At the contour either the normal derivative of the up + - rdS - iiv dS
potential or a potential value is determined: s S

NEUMANN: vV4)= =v,, (5a) + r dW=O.
w

DIRICHLET: =(5b) The kinematic flow condition determines the source

If for the NEUMANN problem the derivative in nor- strength i- from equation (7a):
mal direction of equation (4) is formed t= V0. + v )

- 2 F) r ]1]s is the local velocity of the surface.
S 3.1.2 Discretisation of the integral equations

+ (*a- i)iiV(!)"}dS=Vn In order to simplify the notation, the integral kernels
k/ for the NEUMANN problem are defined as

and the terms
Bi= -ik V]]J dSi~

r := -i(V¢)a- V¢)i=-iV[4], s,

C = ilk JJiv( IdSi,

are interpreted as singularity strengths of a single- Sk
and double-layer potential, a Fredholm integral / 1
equation of the second kind is yielded for the un- Ck = iikV]ni~jV -k dWj,
known strengths 7- and p. For lifting bodies, the re- wi
sulting vortex sheets are modelled as thin surfaces
W. Since the wake is a stream surface per definition, and the kernels of the integrals of the DIRICHLET

the jump of the normal component over the vortex problem are described as

sheet disappears. fJ(1 i)

ii (V( - VI•) = 0 s,
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Ck, = ff The new corner points of the wake panels F (1 =
ifd kri / 1,..., Nw) result from the induced velocities of the
S blade panels f"BW, the vortex layers Vjlww, the on-

SJ -_ f v() dW. flow velocity and the rotational speed (Figure 1).
ffd rki

The aerodynamic influence coefficient matrices +
B, C, and Cw represent the normal components of + nBW(t) + fWw(t)). At
the velocity influences with the Neumann problem. /

The matrix elements at the Dirichiet problem reflect with
the unit influences of the velocity potential. N N

If all known values are put to the right hand side f,,3BW(t) = ZTi (t) 1i "- •i(t) ei,
the discretised equations for all control points k =
1,...,N can be written as: Nw(t)

N N fQ ww(t) = ,'.w C1,.
NEUMANN: 7 TiBki + AiCki = lk, j=1

N The elements of the matrices
DIRICHLET: E = A ~ k 1= i-vpf/(I) ISi,

The vector of the right hand sides is given by: Si

NEUMANN: lRk = V',,,- p 3 C'
j=1

N NW Cryi = _V Itfli dj.)
DIRICHLET: Rk=-Z-TiBki-- E wjCkW• W1 k rt

i=1 j=1

3.2 Development of the free vortex sheets that determine the influence of the rotor on the wake

The free vortex sheets of the rotor blades are de- depend on the geometry of the vortex sheets and

scribed through a vortex lattice method. The dou- have to be recalculated at each time-step.

blet panels with constant strength p are equivalent
to a vortex ring with the circulation r =/ , the influ-
ence of which on a point P is determined with the t=nAt
Biot-Savart law. In order to simulate the chronolog-
ical structure of the wake development, an iterative
procedure is used modifying the right hand sides.

NEUMANN: R"k(t) = -- kk(t)" (Ve0 ,k(t)
t=2 At

Nw

+ X(t) +(t) =-t)w ff, t

=1 /

Nw t=1At

+ fi(t) x f(t)) Bki - E Aw, Ck!
j=1

As start-up solution (t = 0) the system of equations Figure 1: Development of wake structure
is solved without wake (Nw = 0). The strengths of
the arising vortex rings are formed according to the
Kutta condition 'YTE = 0 from the differences of the The incompressible rotor computation was termi-
doublet strengths of the trailing edge panels: nated after two rotations (At 15°) since the dou-

blet distribution on the blades was steady. In order
NEUMANN : /W = ATE. - IITE,, to judge the quality of the wake geometry, the ax-

DIRICHLET :/iW = A1TE. - ATE, ial component zIR and the radial component r/R of
1 the tip vortex trajectories are shown in Figure 2. The

47r (0 TEu - OOOTE) " results of the vortex lattice method are compared
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0.0 - .. 0.0 Firstly in iteration step n = 1 the Laplace equation
r/ • -"za• rýz/R is solved by the panel method. The kinematic flow

0.2 "0 0.2 condition fiVe = -itV¢, together with equation
(12) yield

0.4 +F0.4
expme~ntV~~'at•mt~

0.6 0.6 Consequently, the potential P9n in the iteration step
n is determined from:

08 0.8(13)

10....... 1 270 360 9, 40 The field does not provide a contribution to the per-turbation potential in the first iteration step n = 1, i.e.
OF,,=0 = 0. From the linear equation a solution for

Figure 2: Axial and radial components of the vortex the singularity strengths of the body is determined.
trajectories of CARADONNA rotor (Oc = 80) The perturbation potential OP results from the sur-

face singularities. The velocity potential 4ý consists
to the values measured by Caradonna & Tung [8]. of
The computed settlement of the vortex sheets corre- ,b = oP, + oFn-1 + on

sponds to the measurements, whereas the radial po- The distribution of the field source strength a is a
sition of the tip vortex corresponds only for IF < 1800 function of potential ° so that the values of o in it-
to the experimental data. Afterwards the influence eration step n are determined from the values of the
of the start-up vortex ring becomes evident with a perturbation potential OP of the same iteration step
radius bigger than the rotor radius and thus again and from OF of the preceding step.
enlarging the vortex layers. If the wake iteration is
continued the start-up vortex ring floats further and 0.n = -(OP.n, F,n-i, o)
the constriction of the tip vortices improves also for

T > 1800. When the perturbation potential OP and the field
sources o- are known, a new solution for the pertur-

3.3 Field panel method bation potential due to the field OF has to be corn-
The nonlinear character of the differential equation puted.
is concentrated in the volume integral from equation V2 F'n = an - V2 P'n
(4). This integral describes the compressibility influ- Field potential OF modifies the boundary condition
ence of the flow. The singularity strength a is inter- in the following iteration step (13).
preted as spatial source distribution (equations (2) Thus, the contribution of the field to the total poten-
and (4)). tial is determined independently from the bound-

3.3.1 Boundary conditions andfield grid ary element method and iteratively coupled with the
The perturbation potential is divided into the corn- panel method. The iteration process is continued
ponents from the panel method OP and the field pro- until the convergence criterion
cedure OF: max Jo - --a 1: ,

0 = OP + OF. (12) i -i

The boundary element method satisfies the kine- is satisfied. Typically the convergence criterion is
matic boundary conditions on the body, the far-field 6, = 0.01 ... 0.1.
boundary condition is satisfied implicitly by the sin-
gularities. 3.3.3 Discretisation of the field
Condition V2pF = a - V2OP is the only explicit The influence of the field sources is registered in
demand on the field, thus the grid geometry is in- both boundary value problems by the induced e-
significant for the solution of the problem. A Carte- locities. The influence coefficients of a field element
sian field grid can be used that may penetrate the i on a point k for the velocities in the three spatial di-
contour arbitrarily. The field source strengths a de- rections are computed analytically.
cay rapidly away from the surface due to the 1/r- ( _ 1 /f t.
singularity. Thus, the computational grid can be k.-v.-f '- V
limited to the nonlinear part of the flow and remains = 4wJ I drk
very small (Figures 6 and 8). Di V i

The total velocity at a field control point k in the it-
3.3.2 Iterative procedure eration step n results from:
The nonlinear differential equation (2) is solved by VFn

an iterative procedure. V,k. . F, n +-
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with The difference of the centred difference approxima-
tion and the upwind formulae for subsonic and su-

NF N personic flow introduce an artificial viscosity main-
kBF Z Tiki + Z Cki, taining computational stability. In order to simplify

= i=the computation scheme only central difference op-Nw

VW F= _ w, erators are used.

j=1 It follows that under a rotated difference scheme the
M artificial viscosity T introduced at supersonic points

fVFF = is

T= "1- -a - :,Ax + c *Ay + qazAz
The derivatives of the velocity components deter- a2  q q q

mine the strengths a of the field sources according which is explicitly added to the field source strength
to equation (3). The velocity derivatives are approx- 0:
imated by first order accurate central difference op- •i,j,k = Ci,j,k + Ti,j,•
erators. If the difference stencil crosses the contour(Figure 3) the single- and double-layer distributions The modified field source strength 6# replaces the
cause a velocity jump over the body surface. The ye- strength o- in all formulas. The artificial viscosity canstabilise the solution as long as the Mach numbers in

front of the shock are Mai < 1.3, at higher velocities
the flow can no longer be considered as isentropic.

I _The full potential equation is not suitable for flows
n with strong compression shocks.

3.4 Reduction of computational costs
S•'/ i +1 k-1 3.4.1 Computation time and storage requirement

Integral equation procedures can compute bound-
ary values very efficiently but they need a lot of com-
putational time and storage for calculating velocities
in the outer' domain V. Most of the cpu-time in a sin-

"- - -gle iteration step is spent for the determination of the

velocities VFF, -BF, and fFB.

Figure 3: Grid stencil and contour The velocities at the field control point induced by
the field panels are obtained from an AF-scheme:

locity jumps arise from: /- A- .- 6V

AU n. tix t 2 z T Ay Az AX
2 )( AyJ

Av = 47r nV tfly t2y (9/Ot/ .
AW ) nz t1 z t 2 z ) O.$/t 2 J -z) (=n+l 2

wtpjk

From that the jump terms are derived as

The residual can be written as

/ [u] [~J [i] s1~nnz) /AO = (Alx 2 + B 'Y+ CA2z- a.I [ vy] I = sign(ny) [ V lXi , (A 2 Ay
([UZI [va] [wZI J sign(nz)/ kAwJ

For convenience we write

which corrects the central differential operators. u2  v 2  2

A=I a2 ' = a2 ' = a 2 '
UX i+l,j,k - Ui-l,j,k - [u.'] A T 2 C T

-z +=2/ 2uv 2vw 2wu
xi+,j,k - l,j,k D - E = 2- F = 2-

a 2 a2 a a2

The other derivatives arise analogously. To calculate potential values inside the field grid, the
values of OF have to be specified at the outer bound-

3.3.4 Artificial viscosity aries of the computational grid. The influence coeffi-
The mixed character of the differential equation is cient Dki is approximated by the fundamental solu-
taken into account by backward differences at super- tion of a point source to reduce computational time:
sonic points. In order to consider the correct domain M1
of dependence, the rotated difference scheme by Jame- OF = 1r O/C with D/C = -

son is adopted. k r/iw4
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Since the values of D decay very rapidly with in- this purpose a subroutine was developed, which can
creasing distance from the collocation points, it is be easily combined with any existing panel method,
sufficient to consider only the neighbour cells M* to see Figure 5. The subroutine calculates additional
determine the induced velocities at the boundaries, velocities VFB at the collocation points representing
Using the AF3-scheme the computational time can the compressible effects and returns these values to
be reduced to 33% of the reference value, see Figure the calling program unit.
4.

F STARTj
100 100

AIC-Matrices
9 •Panel method

75 75 - ---------------

Calculate right hand side %(t)

cpu-time

25 25 F FPM (Input, OutputT)

Referece AF3 AF3 & FD AF3 &FD & Intpol

Solve Ax = 9mo d

Figure 4: Reduction of cpu-time and storage - tConvergence? I

The velocities VBF are calculated by a finite- STOP
difference-method of the Laplacian equation.
Potential values OBF are specified at the outer Figure 5: Combination of the subroutine FPM with a
edges of the grid and around the contour. When
the potential values are known at all field points panel method
the velocity components are obtained by centred
difference approximation: With this subroutine FPM compressible effects of

bodies, wings and rotors including free vortex
BF = _V•BF. sheets can be simulated.

The storage requirement reduces to 35% of the ref- 4 NUMERICAL RESULTS
erence case, because the matrices B, C for the influ-
ences of the body on the field points are no longer To validate the program ROFPM several test cases
necessary This iterative procedure accelerates the of the model rotor of Caradonna & Tung [8] were
calculation of VElF, So that the total cpu-time is re- calculated. The CARADONNA rotor consists of two
duced to 27% of the reference case. untwisted and untapered blades with NACA 0012-
The velocity potential F and the velocity field TFF sections (aspect ratio A = 6). Both blades are discre-

tised into N = 360 surface panels with 12 strips of 30
are continuous inside the whole field grid. The ve- panels each in chordwise direction. The panel edges
locities VFB induced by the field can be obtained are located at 16.7, 33.3, 45, 55, 64.2, 71.8, 77.5, 82.5,
by a trilinear interpolation of the velocities VFF = 87.2, 90.8, 94.5 and 97.5 % of the blade radius. The
-VOF, saving the determination of the influences of Cartesian field grid shown in Figure 6 contains 24
the field on the blade control points. Thus, the com- cells in chordwise direction, 14 cells in spanwise di-
putational time could be reduced to 19% of the ref- rection and 16 elements in the direction of the rotor
erence calculation. axis (M = 5376 field cells). The field grid may pene-

The boundary element method was solved by trate the contour at an arbitary position.
the panel clustering technique of Hackbusch & Due to the collective pitch, areas of nonlinear flow
Nowak [9] and Sauter [10]. According to the choice are expected to appear on the upper side of the
of the approximation parameters of this method blades. Therefore the grid is shifted upwards
40 up to 70 % of the cpu-time to determine the (zmin/c = -0.25, zmax/c = 0.65). The boundaries of
AIC-matrix of the blades could be saved, the field grid are located 0.1 chord lengths in front

of the leading edge and behind the trailing edge
3.4.2 The subroutine FPM (zmin/c = -0.1, Zma/c = 1.1). The spatial field is
The incompressible panel methods used in the in- restricted to a relatively small area at the tip of the
dustry will be extended to handle compressible flow blade (ynmin/c = 4.0, yma/c = 6.3) where the com-
including weak shocks only if the effort is small. For pressible effects occur.
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pt p

0.- ... . 0.5- .. . .panel method
__ field-panel method

• experment

0.0 _______ _ 0.00 _ _________ 5.

1.0 .. .. . . .. . 1.0 - 1.0.. ... ..
.C 5  o I0. - 0. -o,

0.5 0.5 0.0

Figure 7: cp-distribution for ec = 00, Matp = 0.52

a vortex sheet the VLM-method reaches the steady

Side-View solution in the first iteration step. The field panel
method needs three more iterations to fulfill the con-
vergence criterion e = 0.01. For this case the IBM
workstation RISC/6000-320 runs 15 minutes to ob-
tain the compressible solution.

The calculated pressure distributions at the radial lo-
cations r/R = 0.50, 0.68, 0,80, 0.89 and 0.96 are com-
pared with the experiment in Figure 7. For this small
tip Mach number the solution of the boundary ele-
ment method and the field panel method are almost
identical and match with the experimental data [8].

All other cases handle lifting rotors in hover.

Figure 6: Field grid at the tip of the blade
(24 x 14 x 16 Cells,-0.1/1.1; 4.0/6.3; -0.25/0.65)

Figure 8: Vortex sheets of CARADONNA rotor (E) =
The first test case is a nonlifting hovering rotor with 80)
a tip Mach number Mati, = 0.52 and a collective
pitch setting of e9 = 0'. Because of the absence of Figure 8 shows the vortex sheets emanating from
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---- panel method
0.0-S* 0.5 field-panel method

SexpemetSeulernsmoleution

.0.0- 0.00

C0. 0R8 C /=08 IR0

0.0 '~ 0.0-00

.0.5.0. -0.0

000.5 1.0 0. 51.0 0.0 0.6 1.0

Figure 9: cr,-distribution for 0,=80, Matip=0.439

C 5 r/R 0.50 C ~ r/R =0.68

................................... anel method
050.0, 7-' field-panel method

experiment
*0 -k- euler solution

0.0 .. .....

0.0 . 51. 0.00. 0

-cP -C __ __ -C _____

0. 0.0=.0 ~ I=.9 ArR09

0. 1A 0 .0 0. .0 0.. . .

0,=8. Th vorte shet 0.0 caclae 0ytei- inFgr .0 Th-ia eutoftelna ae

sectionFgur 10:. pae eho.Tec-distribution forine with0 0

the program ROFPM agrees with the solution of the
The results for the lifting subsonic case (Mati, Euler method; both methods underestimate the suc-
0.439, ec = 80) are compared with the experi-
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tion peak of the measured data. A reason could to calculate the source strengths. In pratical
be that the discretisation of the leading edge re- cases the field source strengths, which represent
gion is too coarse to resolve the pressure gradi- the compressiblity, decay away from the con-
ent. Non-neglectible compressible effects occur tour so that the computational grids can be re-
only outwards r/R ; 0.70. The incompressible so- stricted to small regions, where the nonlinear
lution is corrected by the field panel method, as can effects cannot be neglected.
be seen for the last three radial positions in Figure 9.

To show that the field panel method allows to pre- From a theoretical point of view the full poten-
dict transonic flow, the CARADONNA rotor was cal- tial equation canbe divided into a linear bound-
culated for the collective pitch E) = 80 and the ary element method and a field panel method
tip Mach number Matip = 0.794. Near the tip considering the compressible effects. Therefore,
of the blades supersonic regions with shock waves almost every existing linear panel method can
appear (Figure 10). The results of ROFPM are in be used together with the subroutine FPM.
good agreement with the measured data. In partic- o The integral equation method can be combined
ular, the magnitude and the location of the shock with other finite-difference methods to reduce
agree with reference [8]. The convergence history is computational time and storage requirement.
shown in Figure 11. The program needs 90 minutes
cpu-time for 18 cycles of the compressible iteration
procedure. Adding the cpu-time to determine the For the future, it is intended to extend the pro-

wake structure, we need 135 minutes, correspond- gram ROFPM to unsteady flow and to handle rotor-

ing to 5% of the computational time for the Euler so- fuselage interference.
lution [11] on the same machine.
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EVALUATION DE MODELES AERODYNAMIQUES ET DYNAMIQUES DES ROTORS
D'HELICOPTERES PAR CONFRONTATION A L'EXPERIENCE.

J. BESSONE et D. PETOT

ONERA
29, av. de la Division Leclerc - BP 72

92322 CHATILLON CEDEX - FRANCE

1. RESUME 00, P, ~,%: Angle de battement cyclique

Cet article pr~sente le code de recherches "RO- Kp1: Coefficient de pression
TOR" developp6 A l'ONERA et appliqud k l'&ude a6ro6& C,: Coefficient de portance
lastique des rotors d'hdlicopt~res, puis s'attache A des C:Cefcetd ri~
confrontations de ROTOR avec I'exprience. C:Cefcetd r~e

Le noyau central dui code calcule les dquations de Cm: Coefficient de moment afrodynamique
Lagrange assocides au rotor. Tout autour apparaissent
diffdrents modules: m6thodes de resolution, mod~les dy- 3. INTRODUCTION
namiques et adrodynamniques, formulations de vitesses
induites. La structure du rotor est considd&de comme une La complexit6 des ph~nom~nes en jeti dans le
succession de transformations de base et l'originalit6 de fonctionnement d'un rotor d'hdlicopt~re requiert
ROuTO sions sou s foMe mture icelle. e uoai e aujourd'hui ain outil informatique le plus modulaire pos-6quaion sos frme atrciele.sible, offrant le choix et l'int~raction ais6e parmi diff6-

La confrontation de ROTOR avec l'expdrience a rents mod~les a~rodynamniques oti dynamniques.
tout d'abord montr6 la ndcessit6 d'une mod~Iisation tl*~5 Ainsi, 1'ONERA a r6uni dans le code de recher-
rdaliste du sillage tourbillonnaire. Localement, le mod6- che ROTOR. un ensemble de modules numdriques et de
le de decrochage dynarnique ONERA explicite tr~s bien mod~les math~matiques existants, dans le but d'6valuer
le phbnom~ne de decrochage, aindliore sensiblement les leurs possibilit~s dans l'arn6lioration des pr&Iictions de
calculs, mais ne permet pas toujours d'atteindre les por- charges adrodynamniques, de stabilit6 a~ro-lastique et des
tances expdrimentales. L'introduction dens ROTOR de promne urtr
la correction semi-empirique de Houwink r~luit le ddfi promne urtr
cit de portance dans la zone des forts d~crochages. De L'expos6 est constitu6 de deux parties. La pre-
plus, lors de r~sultats prdlimninaires, le mod~le de Hopf mitre prdsente le code ROTOR ainsi que les hypoth~ses
fait apparalitre les ph~nom~nes oscillatoires de la porta- utilis~es dans les calculs. La seconde confronte rdsultats
ce observes expdrimentalement dans cette zone. Mais de calculs et mesures dFessais en soufflerie rdalisds en
l'utilisation d'extrdmit6s de pale non rectangulaires va collaboration avec EUROCOPTER FRANCE.
demander, pour le calcul des efforts adrodynamniques lo-
caux et des deform~es de pale, tine analyse plus fine des 4 ECITO UCD OOeffets tridimensionnels d'extr~rMit que seule une adrody- 4 ECITO UCD OO
namnique de type CFD semble pouvoir estimer correcte-
ment. 4.1 Structure g~n~rale

2. EFIITIN DS NTATONSLintdrat de ROTOR est de s'adapter A tin large
2. DFINIION ES NTATINS ventail de structures et de fournir des 6quations facile-

0: Vitesse de rotation du rotor ment exportables pour tin coupisge avec un probl~me
ext~rieur. Ainsi, M'criture des 6quations de Lagrange as-

aq Angle d'indlinaison dui m~t rotor soci~es A is structure [20], noyati central du code, est sd&

00: Angle de pas collectif parse, de mani~re ftrs distincte, des diff~rents modules
de traitement inhdrents aui probl~me posd.

0,: Angle de pas cyclique lateral Ceux-ci peuvent 6tre distinguds en quatre type:
G.,: Angle de pas cydlique longitudinal 4.1.1 Modules dynamiques
Cjp/O. Coefficient de portance r~duite La premi~re approche utilis~e dens ROTOR, pour
p±: param~tre davancement l'obtention des modes de pale, est tin calcul par 616ments

8: Agle e baquae detabfinis en prenant pour hypothase principale la lindarit6 en~: Agle e baquae detabd6formation et en moddlisant la pale comme tine poutre
M: Nombre de Mach simple. Les 616ments constituants la tate rotor sont alors

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin, Germany from 10-13 October 1994 and published in CP-552.
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consid&r~s comxne inddformables et relies A la pale par Ces transformations peuvent Wte des rotations ou
des articulations de battement, wrande et pas. des translations, de tyrpe "constante" ou "degrd de liber-

Mai ruiliatin d iftesrotr sns rtiulaion t6" et dependantes ou non du temps. Des groupemnents
implique maintenant la prise en compte dans la dynami- setpdciux en ftra ensfraiosave luiur egd d
que de termes de deformation fortement non lin~aires. bepuen teevsg.
Un nouveau module de calcul de la base modale par 616- Des pales de forme quelconque sont ensuite en-
merits finis incluant ces termes non lindaires a Wt rdalis6 castrdes en bout de chalnes. Elles sont ddfinies par leur
[114] [25]. Un couplage prdliminaire avec ROTOR a Wt reprdsentation modale dans une base constitude des "in"
effectu6. premiers modes encastrds et non-toumnants. Cette bane

est calculde par un code 6ldments fails.
4.1.2 Modules de vitesses induites

Deux. types de champ de vitesses induites A tra- Z' F/_atg~__
vets le disque rotor sont accessibles: la formulation clan- Ien n clienins
sique Meijer-Drees ainsi que le couplage de ROTOR 14

avec an modble de sillage tourbillonnaire appeld 1,E- y

TAR (13] [17] et ddveloppd par Eurocopter France. I/ Rep~re de baseý x

4.1.3 Modules airodyrsamiques ZO IT21 i~bij
Diffdrents phdnombnes adrodynamiques appa- Y

raissent lorsque la pale effectue an tour rotor. Ainsi, en d
secteur pale avangante et en extrdmit6, elle traverse une 117. QT Pale souple 3D
zone transsonique et subit des ondes de chocs. Par la sui- YOd6finie par
te, en pale reculante et en pied, elle est souniise au ph6- X ~0 m modes
nombnde de ddcrochage dynamique. i, 1

Ces probl~mes lids A de fortes variations de vites- X
se de vent et d'incidence vues par la pale sont spdcifiques 12/ Rotation du rotofr
au domaine de la voilure tournante et ont trds vile limitd
l'utilisation d'ane adrodynamique bidimensionnelle pure-
ment quasi-stationnaire. II est alors apparu ndcessaire Figure I1- Ddfinition do ia structure par une chalne do trans for-
d'introduire des moddlisations plus complexes. I:ONE- mations.
RA a ainsi ddveloppd, an cours des derni~res anndes, an
premier modele de ddcrochage dynamnique [7] appeldL1idaiu6urto s ocpratmn
".modele de ddcrochage dynamique ONERA", une ver- d Lii ar le prodiui des matoricest de tranfo aitions.L
sion plus diaborde basde sur le concept de bifurcation de raitiement l aouitmtiu dus maticiedeones petasomtos eme
Hopf [22] appelde "mod~le de Hopf' et une adrodynamni- alrspartmn laoutoaiu o u l'nvrion i intnade dones teleoutel
que tridimensionnelle de type "Computational Fluid Dy- aler particl'ation, u 'nvegraine isoupesetas la defintieon del
namics" appelde "FP3D" [8] [21] [23], afin d'apporter leinprticltin quee typne lssiupesde dastructure. ti d
des solutions aux phdnomdnes prdcitds. Wmot ulerp lsiu esrcue

Par la suite, les dquations de Lagrange sont obte-
4.1.4 Modules de resolution nues par lindarisation des ddplacements jusqu'au second

Diffdrentes mdthodes de rdsolution du systisne ordre autour d'une position de fonctionnement et ce pour
d'6quations sont accessibles: couplage itdratif [6], thdo- chaque azimuL
nie de Floquet, "solveur" mallidmatique,.. Le systhaie d'6quations est alors pr~t A 8tre trait6

Elles permettent, dans le cas d'un vol stationnaire, par les diifdrents modules de rdsolution.
ou avangant, la recherche de la stabilitd ou de la rdponse
forcde pdriodique du rotor. De plus, ane rdsolution par 5. CONFRONTATION A L'EXPERIENCE
intdgration temporelle des dquations a Wt ddveloppde.
Elle donne, par exemple la rdponse des diffdrentes pales
lors d'un vol en manoeuvre. 5.1 Base expdrinsentale:

Deux campagnes de mesures sont A la base des
4.2 Ecriture des 6quations dtudes qui vont 6tre prdsentdes. Elles possddent des fina-

Une des originalitds du code ROTOR rdside dan litds trds distinctes: et concemnent, par voie de consdquen-
l'criture automatique et directe sous forme matricielle ce, desrtos ucopre ntaddymiesrs
des dquations assocides A la structure. ifrns

En efet leroto es d~ini n fgur I cmmeuneDans toutes: les confrontations, calculs et essais,
Eane deffterotsormeatio fns se u dnt fiues 1omes aun imposent les valeurs de la portance et de la force propul-

autre du repdre galilden jusqu'A la ate rotor et se sudi sive et rdpondent A ane loi de battement particulibre telle
visant en "n" chaines de la afte rotor jusqu'aux "n" pales. que ~,=0 et =-,
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5.1.1 Rotor ROSOH (S2 Chalais-Meudon) tangulaire. Elles sont 6quip6es elles aussi de jauges ex-
La campagne d'essais ROSOH a Wu effectu&e A la tensiomdtriques (en 25 sections) et de capteurs de

soufflerie ONERA S2 de Chalais-Meudon [18]. pression r~partis le long de la corde (en 5 sections).

Ce rotor, trbs peu rdaliste, a pour but l'dtude de la Une partie de ces essais est constitu~e de cas de
torsion de pale. Pour ce faire, il poss~de trois pales rec- vol tr~s fortement cbargds, avec diminution de la vitesse
tangulaires souples en torsion dont la fr~quence de tor- de rotation du rotor. Ceci sert de base de donndes pour
sion se situe A 2.5 Q1 . Ceci a pour consequence un l'6tude plus spdcifique dua d~crochage.
allongement tr?,s faible de 6.5. Cette caractdristique est A
souligner car elle est non ndgligeable et a pour effet d'ac- S. potdsilgturlonaeMEA
centuer certains phdnom~nes adrodynamiques explicitds 52 Apr uslaetublnar EA

pa asie La prise en compte d'une modelisation plus rda-
Les pales possedent des tabs A angle de braquage liste du champ de vitesse induite a conduit au couplage

8 ajustable sur une bonne partie de leur envergure. Ceci du code ROTOR avec le modele de sillage tourbillonnai-
permet le pilotage du moment et la validation concr~te re METAR. Un bilan de rapport de ce modele au sein de
de la partie dynamique du code ROTOR. ROTOR peut 8tre m'aintenant prdsent6.

De plus, lea pales sont 6quipdes de jauges exten- Le couplage ROTOR / METAR est tel que I'&jui-
siom6triques (en 25 sections) et de capteurs de pression libre dua disque rotor vis A vis du champ de vitesses in-
r6partis le long de la corde (en 4 sections). duites est obtenu en pale rigide. Une fois lIudqilibre

Les jauges extensiomdtriques cionnent acc~s aux atteint, un calcul en pale souple est effectu6.
ddform~es de battement, tralnde et torsion par l'utilisa- Lea calculs exposds ci-apr~s utilisent comme ad-
Lion de la mechode "Strain Pattern Analysis" [ 19]. LVint& rodynamique le mod~le de ddcrochage dynamique ONE-
gration des coefficients de pression K.p fournissent, RA.
quand A eux, les efforts adrodynamiques locaux, portan-
ce et moment, appliques an quart-avant de la pale. 5.2.1 Rotor ROSOH

.Lea effets induits par le couplage METAR / RO-
- Expdrienice ROSOH TOR sur le calcul des performances sont spectaculaires.

- - ----- Modi dI acrochage + Meijer-Drees Ainsi, sur la figure 2, la puissance calculde avec une vi-
*-- Modik kohgeeEA tease induite du type Meijer-Drees eat systlmatiquement

ddcrohage E7ARet fortement sous estim6e. L~car avec lexp&ience vanie
2.5----- - ------ de 15% A plus de 30%. La couplage ROTOR / METARC permet alors une assez bonne addquation avec la puis-

sance mesur~e (de 0% 1 1091 environ pour lea cas de vol
- ........... ........................... extram es).

Sur le plan local, rintdr8t de METAR par rapport
--4- la modelisation Meijer-Drees eat tout d'abord la prise

- ------- ............................ en compte de la chute de la portance en extrdmit6 de pa-
le. Ccci explique la bonne ad~quation avec l'exp~rience

*constat~e en figure 3 pour la section A 95% de l'envergu-

METAR provoque, en pale reculante et en pied
*de pale, urie augmentation sensible de l'incidence adro-

.......... ........ ......... ......... dynamique visible sur la section k 50% de l'envergure.
Cette augmentation, associ~e au retard an d6crochage du
modele ONERA, permet d'atteindre lea niveaux de por-

2OO.CT/o tance tr~s importants mesurds lors de l'expdrience (C, >

10 12 1 16 18De mani~re g~ndrale, METAR r6duit en pale
avanvante le ddphasage avec l'exp~rience et anidliore le
niveau de portance. Cependant, ramplitude des moments

Figure 2 - Puissance C en fonction de la portance CAIa i pa- a~rodynamiques demneure pratiquemnent inchang~e.
ramdtr davancement ýL, braquage de tab 8 at RDA~t fixds. Ces rdsultats mettent ainsi en 6vidence lunpor-

tance des phdnomhaes a6rodynamiques vis A via de pales
5.1.2 Rotor 7a MODANE de faible allongement. L'ntroduction d'une modelisation

Cett capage dssas a t6 ~als~edan la de sillage tourbillonnaire est alors ndcessaire, m~me si
Coferie cNEampSgn d'e saisan [1t] rd211. an elle implique un temps de calcul beaucoup plus pdnali-

soufleri ONRA 5 deModae [9] [1].Sant.
La rotor utilis6 eat classique et conqu pour l'6tude

des hdlicoptrea d'une fagon aussi proche que possible
des rotors riels. Il possede quatre pales A extrdmit6 rec-
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Expirience ROSOH
--- Moalde dicrochage + Meijer-Drees

...... Airodynamique quasi-stat. + METAR
Modile dicrochage + METAR

........................................

0-

0-. ý 180 ....2710 ....3.60 -0 0 30
9.0 180 270 360 -.1 ..........

....................... .......-..2

M2.M 5Ok
.2 . .......

-......... ......... .-

Dan 1le cas de0 -'x~rec M-AE ---es-- effe..... ...... ...M..e......g+Meje-De
dus ..... .....rod.cti. ....e... M.A sn om es ls

Faiguparir e en C extri t deplMur2 iue e f
fets nduis pa des tourbillnse( poroeante de pale pr et

d rentes Lam forM)pulaio Meijerrenes, s e aucnson p plrus

g5n2r.2 catr isuede ANt~redsuepruneeme .25 rlnc Cz M ODA7%
pas s dx lcer ces de1ephdnomnes .2AE e fes - oiedcohae+Mie-re

En redatcue, A fortle vitesse ( g4>.3 ), lýEnsemb....leie irohge+ME

duct arion e MeTn sutrdt de alce ds eaffourts4 locux Cef-.1
pendantudes variaestoons nons npgligeables pansles calcu
dets. performancesiont Meijer-Drees, Pear exemplusE
T~~AReca isdueit s lz~a ti remn dsune augmentation der puis--------------------------

sanc dI'rrevance, A7%. iese(l>. , 'ne e.

d.s Etlude dut donrochae inluncemoiqure d it

5.3.1 Meddl de] A dcrolechagc es damqefot loNEAu aS 1----------... ........ ......

Lae oddantdevaiaione insaon nagirea dacrocle catil-

S.3 iiEstulmd1e de d~crochage dynaniique INERA

[7].

Son originalit6 est decomposer chaque coefficient Figure 4 - Portance Cz* -M2 4 9N. do lenvergure pour un

adrodynamique C, , C. ou C. en deux parties. La pre- cas do vol CTAY=O.075. IL=O.3 etMwR=O.646.
mi~re caractdrise le comportement lin~aire instationnaire
du coefficient et la seconde apporte la correction insta- Ainsi, la modelisation finale est constitu~e d'un
tionnaire n~cessaire due au d~crochage. syst~me 1indaire d'6quations diff~rentielles du premier et
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du second orcire, chacune d'entre elles r6gissant une par- 5.3.3 Confrontation avec l'expifience MODANE
tie du phdnombne. Le mod~le de d~crocbage dynamique apporte,

De plus, les coefficients des 6quations qui d6pen- dans les cas de configurations fortemnent d~croch6es, tine
dent de la varible ACz reprdsentant 1'cart au ddcrocha- neute ain6lioration de la pr&Iiction des efforts adrodyna-
ge entre les valeurs quasi-stationnaire et lin6ar du C~, mqe oa
ont un caractare assez g6n6ral et conviennent pouir tin De mani~re g~n~rale, et comme le montrent. les
grand nombre de profils de pale. Ceci facilite d'autant courbes de la figure 5 repr~sentant portance et moment
plus l'utilisation du mod~le. adrodynamique pour le cas de vol g± = 0, 3 et CT/a =

S.3.2 Confrontation avec l'expirience ROSOH 0.145, le retard au d~crochage est bien pris en compte
par le mod~le. Les tr~s fortes: valeurs de Cz (Cz>2) ren-

Sur la figure 3, l'effet instationnaire du modele contr~s exp~rimentalement en pale reculante sont retroti-
permet, en pale avangante, un recalage de la phase des v~es par le calcul.
efforts a~rodynamiqties calcul6s par rapport ý l'expdrien- De plus, comme soulign6 pour l'exp~rience RO-
ce. Dans cette zone, le modele offre tine meilleure dva- SOH, l'introduction de MvETAR associ~e au modele
luation du niveau de portance. am~liore sensiblement la prdvision de la portance en sec-

Cependant, les amplitudes de la portance et dti teur avangant dans la partie courante de la pale.
moment restent sous estimds en secteur pale avanvante, Malheureusement, aprts integration totale de ces
notamment en extr~mit6 de pale. Ceci est H6 A des effets efforts stir I'ensemble du disque rotor, on note encore tin
adrodynamiques tridimensionnels, non pris en compte deficit global de portance obligeant I'utilisateur du code
par ce mod~le de decrochage purement bidimensionnel. ý effectuer des calculs kcammandes impos~es "et non

Il est A noter que les chutes de portance et de mo- pas " A efforts imposes.
ment constat~es en extr~mitd de pale clans la zone 00 A De plus, les oscillations de la portance constat~es
300 semblent 6tre attribu~es A l'int6raction de la pale et clans; la partie fortement decroch~e ne sont pas explici-
d'un tourbillon gdndrd par le volurninetix capot entourant esprlmol.
le haut de la t~te rotor et convect6 vers larri~re. espremol.

Faqibience MODANE
- -- Abo Quasi-statiowwilre + METAR

Modhe dicrochage + MATAR

2.5 82% R z.282% R 03 CmM2 82

................. -.0 ...... 0..... .~ .. 2.

0 -" -.05 ------ 0o.... 18.0 ....27.0 ....360 -.02 - ............. ..... .
9.0 180 270 360 -1-0

2.5 R.ZM 50% R 03 CMM2: 50% R
20

-.05 . 9.0. .. ......... ..... -0
-. 5 ..... I 18 2 R0 360. -...0\3 ....

Fiur ~ Cefice t -CPrac z.A l 2 e m m nC.05pu e ecin 0 t80/ eIevrue
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5.3.4 Correction de polaire tournante

Une tentative pour r~soudre le probl~me du ni--- Expirience MODANE
veau de portance dans la zone des forts d~crochages est -e-oSans correction de poLaire tournante.
l'introduction dans ROTOR d'une correction semi-empi- Avec correction depolaire tournante.
rique appe1~e "correction de polaire tournante ". Celle -

ci est issue de la th~orie de Houwink [16] et met en 6vi-
dence les effets de la rotation de la pale sur le niveau de 40 -2-------- ....
portance.

Ainsi, le principe g6ndral de cette correction est
d'ajouter aux coefficients a6rodynamniques C, et Cm, 30--........ --..............................................

dans la partie d6crochde de la polaire adrodynamique du I..............
proffi de pale considd&6, un terme correctif de portance. -

ACz proportionnel au rapport corde sur rayon (c! r).

Leffet de cette correction apparalt en figure 6 o~il2
le deficit de portance en pale reculante est alors nette-
merit rdduiL

Si l'effet correctif local est faible au point de sem- 1
bier parfois noy6 au milieu des oscillations expdrimenta-
les, ii nest cependant pas n6gligeable d'un point de vue Pen kW
global. Ainsi, les polaires rotoriques associ~es aux cal- o r0- - -
culs des performances du rotor sont am6Iior~es dans Ia 0 25 5 75 100
partie fortement d~croch~e comme le monrite la figure 7
d'une 6volution A ±i=0.4 et MD.R=0.45. Mais la correc-
tion reste abusive autour de CT/cG= 0. 125 . Figure 7- Puissance P fonction tiela portance 20.C$3 pour

une 6valution A 11=0.4 et MfQR=O.45
Cette correction semi-empirique qui se veut uni-

verselle n~cessite d'autres confrontations avec l'exp6- De m~me que le pr&cddent, ce modele considere
rience avant d'~tre systlmatiquement employde. les coefficients a~rodynamiques comme 6tant la somme

______de deux termes. Cependant, dans ce cas, la premiere par-
Expdrience MODANE tie apporte la composante stationnaire du coefficient et

- - - Sans correction de polaire tournante. est centr~e sur la poisire quasi-stationnaire et non pure-
......Avec correction de polaire tournante. ment lindaire du proffi de is pale, la seconde introduit

uric composante oscillatoire repr6sentant is partie inista-

2.5 ------------------l -------------------- tionnaire du coefficient. Ccci conduit' un syst~me non-
2.5 linduaire d~juations diff~rentielles du premier et second827 R ordre A coefficients constants. Ces coefficients dependent

2- cependant du profil de pale considWr.

1.5 ------- Expdrience MODANE
1* 9 . - - Moakl de dicrodzage dynamique ONERA.

...... Modilede Hopf.

.5 ------ .. ...................... 4

-... ~2. Cz :~ 82% R
S90 180 270 3602

1.5..

Figure 6 - Coefficient die portance Cz pour une sectin 1 829
tiellenvergure, C710- 0.146, i=03 et MwR=0 .4 5. ./

5.3.5 Modee de HOPF /

Le modele dit "de Hopf", developp6 lui aussi k 0 -_______

1ONERA (22], a pour but d'am6liorer les rfsultats du 9 8 7 6
modele dit "de d6crochage dynriaique ONERA". II con- -o 15 7 6
serve l'intftr& d'un modele bidiniensionnel qui, par rap-
port A une a6rodynaxnique de type CFD par exemple,
offre urie r~elle facilit6 d'emploi ainsi qu'un cofit r~luit Figure 8 Coefficient die Portance Cz pour une section i 82%l
en temps de calcul. do Ilenvergure, C7,,*3 =0. 146, g=0.3 et AWR.0,45.
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Ce modele est en cours d'impldmentation au sein excellente corr6lation avec l'expdrience dui calcul du mo-
de ROTOR. Le couplage prdliminaire a 6t0 rialis6 uni- ment a~rodynamique en extr~mit6 de pale. C'est en effet
quement pour le coefficient de portance C,~. L'adrodyna- le premier calcul relatif k la campagne MODANE qui
mique considdre pour les calculs de la traln~e et du fait apparaitre un moment positif entre 2700 et 600O La
moment a~rodynamique est alors quasi-stationnaire. convergence du calcul seffectue en seulement cinq itdra-

La figure 8 montre l'apport du mod~le de Hopf tions FP3D, ce qui reprdsente un point positif au vu du
dans ROTOR. Les niveaux de portance calculds sont co~t tr~s important en temps de calcul.
sensiblement les; m~mes que pour le mod~Ie ONERA.
En revanche, le modble de Hopf fait apparaltre les os- ~S. Etude de la torsion des pales
cillations de fr~quence importante apparaissant sur la
courbe exp~rimentale dans la partie d~croch~e. Cette dtude s'est essentiellement appliqude au ro-

tor ROSOH qui offre la possibilit6 de piloter le moment

SA pprt 'ue aroynaiqe d tpeCFD adrodynamique par I' intermddiaire des tabs d'angle va-
5.4 ppot dne frodnamquede yperiab~le.

Des insuffisances de calculs subsistent cependant Cependant, la confrontation des calculs ROTOR
localement en pale avangante et en extrrmitd. Elles sont avec 1Vexp~rience MODA NE a montr6 aussi toute 1' im-
li6es A des phdnom~nes adrodynamniques tridimension- portance dui calcul de la torsion pour des pales dites
nels non pris en compte par les mod~les bidimensionnels "rigides en torsion".
ou les diffdrentes corrections. Par exemple, l'axnplitude
du moment est fortement sous-estirode quand ldcoule- 5.5.1 Expirience ROSOH
ment est transsonique. La confrontation avec Iexpdrience a monir6 que

De mani~re ý quantifier les effets adrodynami- le mod~e dynarnique utilis6 6tait raisonnablement bon
ques tridimensionnels intervenants en extrdmit6 de pale, pour cette application et a permis de quantifier les diffd-
un couplage entre le code ROTOR et un code adrodyna- rents effets adrodynamiques.
mique de type CED a Wt rdalsd. Cette adrodynarniique Ainsi, ii est, dans ce cas', ndcessaire d'introduire
tridimensionnelle a Wt ddveloppde 4 l'ONERA sous le des termes correctifs d'aniortissement dans l'ensemble
nom de FP3D. des calculs du moment, radrodynamnique purement qua-

Le code FP3D rdsoud rdquation ti-idimensionnel- si-stationnaire n'dtant pas suffisante. En effet, lors de
le instationnaire du potentiel des vitesses. Le flux est vols rapides (ji ý0,4) et chargds (CT/ca=O.O75), le
considdrd par hypoth~se comme irrotationnel, isentropi- mode de torsion devient fortement excit6 et faiblement
que et non visqueux pour les rayons supdrieurs A 50% de amorti. Des probl~mes d'oscillations et de divergence de
l'envergure. Une adrodynamnique quasi-stationnaire est calcul apparaissent alors.
appliqude aux rayons infdrieurs.

-Exipb6ience ROSOH
Expi.rience MODANE - -- Afr. Qzuasi-suttionn'aire -IMETAR

- - - Aho. Quasi-Stationnaire + METAR ...... Abo Quasi-stat. corrigie + METAR

Cakcul FP3D ------ Modi1e dicrochage ONERA + METAR

eM.M2ý: 97% R 1 Torsion (deý) 100% R

.0 2'

.02.. . - . ~0270

.0 ...... 1.......

-.0 \0 -' 270 360 -Y ' ~ ..... /

-.0 2 -- -- --------- ------ -2- .......

-.03 ---------------------------------------- /

Figure 9- Ca/cul FP3D du moment adrodynamique en extr6-
mWt de pale. Cas MODANE C7,/c=O.075, g± = 0, 45.

Un premier couplage ROTOR / FP3D, pour le cas
MODANE CT/a=O.0 75, g--0.45 , offre en figure 9, mne Figure 10 - Angle de torsion en extr6mitd de pale RosoH



17-8

L'importance des ph6nombnes a6rodynamiques METAR et le mod~le de d&crochage dynamique, expli-
apparalt ainsi tout naturellement dans le trac6 de langle que la sous estimation de la torsion en secteur avangant.
de torsion en extrdmit6 de pale. Pour le cas de vol g-io0. 4, Le couplage ROTOR / FP3D) apporte dans ceute
CT/or=O.O 75 et 8 = 00 de la figure 10, les: oscillations zone une corrdlation excellente avec l'expdrience.
excessives du mode de torsion pidvues par les; calculs
disparaissent d~s l'introduction, dans; l'adrodynamique
purement quasi-stationnaire, des termes correctifs 6. CONCLUSIONS
d'amnortissernent.

On amndliore les r6sultats, toujours en figure 10, Tout d'abord, les'deux campagnes d'essais relati-
en prenant en compte le mod~le instationnaire ONERA yes A cet article constituent de remarquables bases de
qui se pr6sente comme lMquation de THEODERSEN, donn~es.
mais comporte des termes correctifs en Mach (issus de De plus, le code de recherche ROTOR est main-
calculs de WAGNER) Le mod~le complet introduit un tenant validd dans un grand nombre de domaines. Opdra-
effet suppldmentaire par l'interm~liaire du C,. La corrd- tionel depuis peu, il n6cessite encore des amndliorations
Ration avec: 1'expdrience est alors excellente en pale avan- et des d6veloppemneris pour 8te tout A fait comp~dtitf.
gante, pas encore parfaite dans la partie reculante. Il a cependant montrd l'int6r~t de l'utilisation des

Des calculs r~alis~s par ECF, incluant des termes modbles de decrochage dynamique ONERA et de HOPF
non-lindaires de mdmaique de pale, ont montr6 eux aus- De mime, il a fait apparaitre les grandes insuffi-
si d'excellentes oscillations de la d6fornaie en torsion. sances actuelles: des calculs adrodynamiques bidimen-

5.5. Expriene MOANEsionnels en extrdmit6 de pale. Le couplage avec une
SS.2 Exp~iene MOANEa6rodynamique 3D de type CR) permet de combler ces

Ces pales sont considd6res comme assez "maides lacunes. Mais, ce type d'adrodynainique reste encore tr~s
en torsion" puisque la frdquence du premier mode de tor- ondreux en temps de calcul.
sion est teile que f=6.511. Pourtant, on constate exI)6ri La grande modularitd du code ainsi que sa facilit6
mentalement des angles de deformation en torsion en duiiainaprsetdocsenelsdasIva-

extrmit no ndligeble depr~ de 0 daxnlitde.dation de nouveaux mod~les adrodynamiques et dynami-
Les calculs pr6sentis en figure 11 explicitent as- ques ddveloppds A l'ONERA.

sez bien les conclusions du paragraphe 5.3.6 relatives au Le systame reste ouvert hi de nombreux develop-
calcul du moment a~rodynarnique. pements: introduction d'une m~canique non-lindaire,

couplage rotor / fuselage, calculs d'optimisation vibratoi-
Ex;pbience MODANE re de rotors, etc...

- - -Modie ddcrochage ONERA + METAR
.........D
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1. SUMMARY minimizing the differences between the calculated model
The AGARD FVP Panel, which for the last 20 years has response due to measured control inputs and the corre-
sponsored activities in the field of flight vehicle system sponding measured aircraft response by iteratively adjust-
identification, decided in 1987 to set up the FVP Work- ing the model coefficients. In this sense, aircraft system
ing Group 18, tasked with exploring and reporting on the identification implies the determination of physically
topic of Rotorcraft System Identification. Using flight defined aerodynamic and flight mechanics parameters
test data bases from three different helicopters, specialists from flight data. Usually, this is an off-line procedure as
from research organisations and industry applied their some skill and iteration are needed to select appropriate
individual evaluation techniques for data quality checking data, develop a suitable model structure, identify the
and for the identification and verification of flight-mech- coefficients and, finally, verify the results. It explains,
anical models. The accomplishments of the Working why system identification still is often seen in the
Group are documented in the Final Report. This paper research area. However, for fixed wing aircraft it is more
gives a broad overview on the basic identification and more routinely applied, where the majority of experi-
methodology and the practical approaches. Representa- ence has been with the estimation of stability and control
tive results are given to illustrate the main identification derivatives for obtaining mostly linearized rigid body
steps: Specific flight test maneuvers and required equations of motion involving six degrees of freedom
measurements, definition of appropriate model structures, (DOF) [2]. A recently increased application spectrum of
application of identification methods, and verification of such in-flight estimated and validated mathematical
the results. The Working Group mainly concentrated on models is the provision of extremely accurate models
the determination of 6 DOF rigid body models. Based on required for Level D flight simulators [3 - 51.
the experience gained in the Group, higher order models
have recently been identified. Therefore, the paper also Unlike the flight dynamics of most fixed wing aircraft,
addresses the advances and gives an example for the the dynamics of rotary wing aircraft are characteristically
application of the obtained models. those of high order systems. The large number of

degrees of freedom associated with the coupled rotor-
2. INTRODUCTION AND OVERVIEW body dynamics leads to a high number of unknowns to
The rotorcraft dynamic response behaviour (output) due be estimated, making it rather difficult to successfully
to pilot control or gust disturbance effects (input) is apply system identification. A conventional 6 DOF
described by the interaction of inertial and aerodynamic model may be adequate for some handling qualities
forces as well as elastomechanic and control forces act- evaluations, whereas a 12 DOF model structure is about
ing on the rotor and airframe. The relative interactions the minimum required for simulation validation or flight
and interferences between these forces and their effects control system design. Due to this highly complex
on the rotorcraft dynamic response vary with flight states dynamic behaviour of rotorcraft, long term interdisciplin-
and configurations. The prediction of aeromechanical ary scientific knowledge combined with practical
forces and loads of the rotor system and its wake inter- research expertise is needed to use identification and
ferences with the empennage and tail rotor require wind- mathematical modelling tools in a most efficient way. It
tunnel and flight test validation experiments [1]. Because is the main reason that these techniques are mainly con-
of aerodynamic scale effects, wind-tunnel model defi- centrated in research organisations [6]. Therefore it was
ciencies, and constrained 'free flight' capabilities certain felt to be necessary to establish an improved contact
limitations in the quality and applicability of rotorcraft between research institutions and industry. One efficient
wind-tunnel model data have always to be envisaged, way of developing this knowledge and providing the
Therefore, flight tests are necessary to isolate limitations research expertise is by using the combined strengths and
and assess uncertainties from prediction techniques of complementary facilities of the relevant NATO nations in
rotorcraft aeromechanics. Here, a key tool for rotorcraft a collaborative programme. This is an area ideally suited
flight/ground test correlation is provided by system to the mission of the Advisory Group for Aerospace
identification, which in its most general form can be Research and Development (AGARD). It was deemed
defined as the deduction of system characteristics from appropriate for the AGARD Flight Vehicle Integration
measured free-flight data. For flight mechanical applica- Panel (FVP, formerly: Flight Mechanics Panel, FMP),
tions, the aircraft dynamics are modeled by a set of dif- which for the last twenty years has supported activities in
ferential equations describing the forces and moments in the field of flight vehicle system identification [7-9] to
terms of accelerations, state and control variables. Para- sponsor the Working Group (WG) 18 and, based on the
meter identification is then the process of comparing and findings of the WG, the Lecture Series LS 178, both on

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin, Germany from 10-13 October 1994 and published in CP-552.
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Rotorcraft System Identification. Main emphasis was craft response are measured and recorded. The data qual-
placed on bringing together a wide range of research ity is checked by applying data compatibility and state
specialists and industry representatives, tasked with reconstruction techniques. The identification techniques
exploring and reporting on the topic of rotorcraft system can be divided into methods working in the time or in
identification. In detail, the Working Group Members the frequency domain. Consequently, the measured data
were: are evaluated in the format of time histories or they are
From universities: Prof. J. de Leeuw (Toronto), Prof. D. transferred into the frequency domain by FFT or Chirp-Z
Murray-Smith (Glasgow), Prof. D. Schrage ( Georgia transformations. For the identification step, the aircraft
Institute of Technology). mathematical model is formulated by a set of differential
From research organizations: Dr. P. Hamel (chairman) equations or transfer functions. Based on the differences
and J. Kaletka (both DLR), C. Hofman (NLR), B. between the model response due to the measured control
Gimonet (CERT/ONERA), Dr. G. Padfield (DRA), Dr. inputs and the real aircraft response, the unknown model
M. Tischler (AFDD, US Army). coefficients are adjusted to obtain a better agreement.
From industry: Dr. D. Banerjee (MDHC), A.M. Dequin Usually the estimation is an iterative process. From the
(ECF), K. Kampa (ECD), A. Russo (Agusta). principal approach it is obvious that the identification

framework can be divided into three major parts:
3. REVIEW OF AGARD FVP Working Group 18

'Rotorcraft System Identification' Instrumentation and filters which cover the
The two principle objectives of the Working Group were entire flight data acquisition process including
1) to evaluate the strengths and weaknesses of the differ- adequate instrumentation and data recording.
ent approaches and to develop guidelines for the applica- Flight test techniques which are related to
tion of identification techniques to be used more rou- selected rotorcraft maneuvering procedures in order
tinely in design and development, and 2) to define an to optimize control inputs.
integrated and coordinated methodology for application Analysis of flight test data which includes the
of system identification based on the strengths of each definition of the mathematical model structure of the
method. These objectives have been pursued in a time rotorcraft, data quality assessment, and the identifica-
frame of about three years (1988-1990), by exercising tion of the unknowns.
the full range of available individual system identifica-
tion approaches, using flight test data provided by WG Corresponding to these strongly interdependent topics,
Members as a common data base from three significantly main emphasis has to be placed on four important
different helicopter types (Figure 1): aspects of the art and science of system identification:

The attack helicopter MDHC AH-64 (Apache) (pro-
vided by MDHC). The Maneuver of the helicopter due to control inputs
The medium size transport helicopter ECF SA-330 must provide as much information as possible about
(PUMA) (provided by DRA). the dynamic characteristics of the aircraft. It implies
The small transport helicopter ECD BO 105 (pro- the development of appropriate input signals,
vided by DLR). optimized in their spectral composition, but still fly-

The flight test data quality was extensively investigated able by the pilot.
to detect and correct data errors and to ensure that only Highly reliable Measurements are indispensable as
reliable data were used for further evaluation. For the system identification always is based on the
identification the WG Members applied their individual input/output relationship of the vehicle motion.
approaches. The obtained results were compared and Measurement inaccuracies, that cannot be corrected
discussed in detail to demonstrate the present state of the or compensated, lead to biased estimation results.
art and to provide an overview and expertise to industry The definition of the Model structure is a key
for element. Depending on the intended purpose, often
- better understanding the underlying scientific, techni- high order rotorcraft models are needed and a practi-

cal and operational methodologies involved in cal comprise between high bandwidth model accu-
rotorcraft identification. racy, efforts for flight testing, measurement, and data

- increased utilization of this modern flight test tool. processing, and system identifiability must be found.
Suitable identification Methods are required for both,

A detailed documentation and discussion of the flight test data quality analysis and parameter identification.
data bases, identification methodologies, obtained results, Here, various techniques of different complexity and
and potential application areas are given in the WG Final performance, working in the time or frequency
Report and the Lecture Series publication [10,11]. This domain are available.
paper is mainly based on the activities and accomplish- These 'Quad-MI-requirements must carefully be investi-
ments of the Working Group but can only give a fewt ogated from a physical standpoint in order to define and
selected and representative examples. In addition, recentadvacesin otocrat sstemidetifcaton re lso execute a successful experiment for system identification.advances in rotorcraft system identification are also

addressed to present an actual state of the art. In the following, the paper will concentrate on a detailed

4. PRINCIPLE OF SYSTEM IDENTIFICATION discussion of each of the four M, Maneuvers, Measure-

The general approach used in aircraft system identifica- ments, Models, and Methods.

tion is depicted in Figure 2 . In flight tests, specifically 5 MANEUVERS FOR SYSTEM IDENTIFICATION
designed control input signals are used to excite the
aircraft modes of interest. Both control inputs and air- Independently from the actually applied technique, sys-
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tern identification approaches always rely on the informa- which can render the identification impossible.
tion content about the system under test provided by the It is often difficult to use existing data bases for
amplitude and phase relationship between the measured identification. Dedicated flight testing is necessary,
control inputs and the resulting measured system where emphasis can be placed on the specific needs
response. Therefore, the test input is one of the major associated with these techniques (e.g. same trim
factors influencing the accuracy with which the model flight condition, proper excitation, small perturba-
parameters can be determined. Generally, it should at tions, record length, calm air, etc.)
least meet the following requirements: all helicopter Repeat of tests is advisable to provide redundant data
modes within the frequency range of interest must for the evaluation.
properly be excited; the flight test duration must be lohg
enough to provide sufficient low frequency information; From the WG data bases, only the BO 105 data base
when linear models are estimated, the aircraft response was produced for system identification purposes and all
should stay within small perturbations assumptions from data were generated within one well controlled flight test
trim; no or only minor additional pilot inputs are program. It was provided by a research institution experi-
allowed, e.g. for keeping the response small. Further, it enced in system identification work.
is often desired that the input can be flown by the pilot.

A problem area not addressed by the Working Group are
There are a few standard input signals, which are widely system identification maneuvers at flight conditions,
applied for aircraft system identification: Doublet, 3211, where the aircraft is unstable. For example, the BO 105
and frequency sweep. They were also used in the WG 18 in and near hover flight condition has a time to double
data base. As example, Figure 3 presents the input amplitude of the unstable phugoid mode of about 3.4
shapes for the longitudinal control and the resulting pitch seconds. Here, recent flight tests showed, that conven-
and roll rate responses: tional flight testing for identification was not possible
Doublet control inputs can be considered as classical and significant additional control inputs were needed to
input signal for aircraft flight testing in general. In the keep the aircraft response within acceptable amplitude
case of highly coupled high order helicopter models it is responses. As they were sporadically given, correlation
generally regarded as having limited value due to its effects could be avoided. Engaged SAS systems, how-
small bandwidth. ever, with continuous feedback of states to the controls
The multi-step 3211 input signal has become standard in can cause severe identification problems due to data cor-
system identification. The numbers used in the designa- relation, generally experienced in so called 'closed loop
tion refer to the relative time intervals between control identification'. In the Working Group this effect was seen
reversals. As it excites a wide frequency band within a in the AH 64 frequency sweeps. They were flown open
short time period, it is also suited for moderately loop for the primary and closed loop for the off-axes,
unstable systems. Typically, the input signal lasts for which precluded identification of the off-axis response.
about 7 seconds, then the controls are kept constant until
the pilot retrims the aircraft. For rotorcraft identification For several applications, like high bandwidth control
the signal was slightly modified by intermediate steps to system design, it is required that the identified models
increase the higher frequency content. accurately describe the high frequency characteristics.
Frequency sweeps are increasingly used in recent years. Consequently, the control inputs must also contain higher
Starting with a sinusoidal signal of the lowest frequency frequency excitation to provide sufficient information in
of interest, the frequency is progressively increased up to the flight test data. However, the excitation of the lower
its maximum and then the aircraft is returned to trim. frequency rotor modes and structural coupling modes
Typically, this broad-band input signal lasts for about 50 must be avoided, as it can severely damage the helicop-
seconds. ter. In particular, when automatically generated inputs are

applied or when pilots are not experienced in flight tests
Depending on availability in the individual data base, the for system identification, the flight test engineer must be
Working Group used aware of this danger. In recent years, such problems
- for BO 105: 3211 and the frequency sweeps for have occurred particularly with frequency sweeps flown

identification and doublets for verification with large amplitude responses in the higher frequency
- for AH 64: doublets for identification and sign con- range.

verted doublets for verification.
- for PUMA: 3211 signals for identification and sign 6. MEASUREMENTS AND DATA ANALYSIS

converted 3211 for verification. Measurements needed for the identification are defined
by the measurement and control vector of the selected

In the Working Group only forward speed flight condi- model. Only for equation error techniques the state vari-
tions at 80 (BO 105, PUMA) and 130 (AH 64) knots ables are also required. In addition, measurements
were considered. Here, the control inputs and flight tests characterising the flight condition are desirable. For the
could be conducted without major problems. However, identification of 6 DOF rigid body models, as used in the
some general tendencies became obvious: Working Group, a standard set of variables to be
- Pilot flown control inputs are preferable in compari- measured was defined:

son to electronically generated inputs for two main controls.
reasons: 1) Too large deviations from trim can easily translational information for all three axes (horizon-
be avoided. 2) In contrast to SAS systems, any cor- tal, lateral, vertical): airspeed, linear accelerations.
recting or stabilizing pilot inputs in form of small rotational information for all three axes:
steps or pulses do not cause output/input correlations, rates, roll and pitch attitudes, heading.
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- optional: rotational accelerations (often derived by based on extended Kalman filter state reconstruction or
numerical differentiation of the rates). they applied the nonlinear Maximum Likelihood identifi-

cation methods. A comparison of the obtained results
These measurements are usually available in modern proved the applicability of these techniques and their
instrumentation systems. All three WG data bases easily high potential to detect data errors and provide correction
provided this minimum set of data required for identifi- values for biases and calibration factors of the measure-
cation and gave also additional data, like rotor RPM, ments or to reconstruct unusable data variables at all.
engine torque, or a second set of accelerometers at the
pilot position, and others. All three helicopters were Based on the experiences made in the Working Group, it
mainly equipped with individual sensors, but there is no is highly recommended to carefully check the measure-
specific preference in comparison to inertial system pack- ment quality. All possible attempts should be made dur-
ages. However, a detailed knowledge about sensor char- ing flight testing to isolate and correct errors. Here, even
acteristics and data processing is indispensable, which is less complex techniques like least squares methods are
often difficult to obtain for commercially available helpful, followed by a more detailed data analysis,
instrumentation systems. From this point of view, some removal of errors, and data reconstruction before begin-
advantages can be seen in the use of individual sensors, ning the identification.
which also provide more redundancies in the measure-
ments. 7. MATHEMATICAL MODELS

Selection of model structure is a critical step in system
A high measurement accuracy is the dominant require- identification, which will greatly affect both the degree
ment for system identification. The now available trans- of difficulty in extracting the unknown parameters and
ducers generally provide this accuracy and are appropri- the utility of the identified model in its intended applica-
ate. However, emphasis should be placed on four tion. Following the present state of the art in system
aspects: 1) the measuring range should be adapted to the identification, the Working Group concentrated on the
test to obtain a high resolution. 2) cross axis sensitivity identification of parametric fully coupled 6 DOF linear
and sensor misalignment must be minimized, 3) signal derivative models, which are considered as appropriate
(analogue) filtering must exactly be known as phase for the description of the rigid body dynamics for the
shifts deteriorate identification results, and 4) a careful low and mid frequency range and applicable e.g. for
calibration of all components is absolutely necessary. flying qualities evaluations. They are formulated by the

state equations characterizing the system dynamics:
It was seen that most variables needed for the 6 DOF
model identification can accurately be measured using t = Ax + Bu
standard sensors like accelerometers, gyros,
potentiometers or synchros. However, air data measure- and the measurement equations, which give the relation-
ment still is major problem area. Data obtained from ship between measured data and model responses to be
noseboom-mounted pressure sensors and vanes (AH 64 matched by the identification technique:
and PUMA) may be acceptable at higher speed but can-
not be used for low speed and hover. An air data system
designed for helicopters (BO 105) covers the full flight Y = Cx + Du

regime. Its accuracy may be acceptable for operational
use but for identification purposes it is critical. There- with
fore, most WG Members used reconstructed speed com- state vector x = [u, v, w, p, q, r, 4 , 0] T

ponents, calculated from linear acceleration and attitude control vector u = [long stick, lateral stick,
measurements. In conclusion, airspeed measurement collective, pedal] T

remains to be problematic. and a representative measurement vector
y = [u, v, w, p, q, r, 4 , 0, a., ay, aJ T

An area not addressed in the Working Group is the (can be modified)
measurement of rotor blade motions. Meanwhile, suc-
cessful identifications of higher order models with rotor Such models have their justification as, usually, the
DOF have been published [12], where strain gauge eigenvalues associated to blade dynamics are sufficiently
measurements from the blades were evaluated to derive higher than the rigid body modes. But it was well under-
tip path plane variables. The results are promising and stood that use of 6 DOF is a major restriction and that
indicate that a suitable measurement accuracy of the for a more realistic and broader bandwidth representation
rotor flapping dynamics can be obtained for a reliable at least main rotor state variables associated with blade
identification of higher order models. flapping are needed, which adds a significant amount of

complexity to measurement requirements, model formu-
As system identification usually is an off-line process lation, and identification. By the end of the Working
and conducted after completion of flight testing, it is of Group time period, first approaches to determine higher
utmost importance to check and insure the data quality, order models were made. They will be addressed later in
Here, dedicated flight tests conducted right before and the paper in the chapter on recent advances.
during the actual flight tests should be evaluated immedi-
ately to detect any errors as soon as possible. Such Usually, linear models based on small perturbation
checks range from visual data inspection to complex data assumptions are used for the identification. They are only
kinematic compatibility analyses. In the Working Group valid for the considered flight condition. Although some
most Members applied specifically developed techniques identification techniques can be applied to fully nonlinear
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model formulations, the preference to linear models has helicopter models. Therefore, often helicopters are still
two main reasons: 1) Most tools for further system char- designed without wind-tunnel measurements and then
acterization, like stability analysis, and for intended tested and modified during the flight test phase.
applications, like control system design, require
linearized differential equations. 2) Because of the high 7.3 Cross-fertilization of modelling approaches
complexity of the helicopter model it is difficult to spec- The three approaches, analytical modelling, wind-tunnel
ify those nonlinear terms that have a significant effect on model measurements, and flight test evaluation by sys-
the system response and can accurately be identified. An tem identification are well established and have reached
often used compromise is a model formulation with maturity. Each of these techniques has its strengths and
linear aerodynamics and nonlinear kinematic and gravity weaknesses. An efficient way to combine the individual
terms. It significantly helps to reduce prediction errors, strengths for a general model improvement is not yet
when the identified models are applied to calculate developed. Analytical simulation uses wind-tunnel
higher amplitude maneuvers, results, but confidence levels are not given and the trans-

ferability from model to real size helicopter characteris-
Present standard for system rotorcraft identification is the tics is not exactly known. System identification certainly
formulation of system dynamics in the format of flight provides the most accurate model, but the formulation in
mechanical derivative models, which represent a global derivative format is too global for the extraction of more
description of the helicopter behaviour. There are two detailed information, as needed for analytical model
additional different approaches to rotorcraft modelling: improvement. Comparisons of all three approaches
generic analytical models and information obtained from applied to the same helicopter type are very rare. Here,
wind-tunnel testing, a more problem oriented research is needed to define a

practical approach for rotorcraft model improvement,
7.1 Generic analytical models which combines the benefits of the individual
Based on theory or experimental data generic models approaches. In the Working Group it was tried to stimu-
calculate the forces and moments acting on individual late this topic by a contribution for simulation validation.
helicopter components, like main and tail rotor blades,
fuselage, engine, etc. The obtained results are evaluated 8. SYSTEM IDENTIFICATION METHODS
depending on the intended purpose. In example, for heli- System identification techniques can be divided into
copter motion simulation the forces and moments are methods working in the time domain or in the frequency
introduced into the equations of motions to obtain time domain. Both approaches were extensively used in the
history responses due to control inputs. Various of these Working Group. The individual techniques are described
simulation computer codes are in use. They differ in in more detail in the Working Group Final Report [10].
application (real time/non real time) and sophistication, All techniques have in common, that a 'best' set of
mainly depending on the complexity of rotor inflow unknown parameters is determined by minimizing a
calculation and rotor blade motion resolution. Compari- given cost function. Depending on the assumptions for
sons of simulation results to flight measurements usually the cost function formulation, the minimum search
show good agreements for the on-axis responses. Major ranges from easily applicable analytically derived closed
problem area is the prediction of cross couplings between solutions up to complex iterative solution algorithms.
pitch and roll motions, which can have even wrong sign. Main difference is the ability of the techniques to handle

noisy data, where two sources of noise are considered:
7.2 Rotorcraft wind-tunnel testing process (or state) and measurement noise. Estimation of
For fixed-wing aircraft, wind-tunnel testing has become all unknowns and both noise characteristics leads to very
standard and is extensively used to determine and sophisticated methods and is computationally tedious. As
optimize aerodynamic characteristics. However, except mostly done, the Working Group assumed flight tests to
for fuselage tests, rotorcraft wind-tunnel tests are still be flown in calm air with negligible process noise. Then,
rare [1], mainly for three reasons: 1) rotor tests have to the general form of the cost function is given by:
be conducted with rotating blades, which requires a test
rig with a rotor drive system, precise control of the rotor J(ý) = e T R-1 e
states, measurement of high frequency blade variables in
the rotating system, data transfer to the fixed system and It is minimized by adjusting the unknown parameters •.
real time high sampling data recording, evaluation, and Differences between the individual techniques are princi-
monitoring. 2) Because of wind-tunnel size, usually pally characterised by the definition of the error e and
model rotors are tested. Then, rotor scaling must provide the weighting matrix R.
both aerodynamic and dynamic similarity. It is only
approximately possible, when relatively large model 8.1 Time-Domain Approaches
rotors are used and, consequently, larger wind-tunnels are In the last decades, the majority of aircraft identification
needed. 3) Because of scaling effects, model blades must work is based on the Maximum Likelihood technique
be manufactured with extremely high accuracy. From accounting for measurement but neglecting process noise,
these requirements, it is obvious that in comparison to like it was also used by some WG Members. Strictly,
fixed-wing aircraft, wind-tunnel testing of rotorcraft is this is a so called output error method with:
significantly more complex and expensive. In addition,
wind-tunnel tests usually only provide information about e(t) = y(t)m. - y(t)mede
steady state characteristics. Simulated 'free' flights, as
sometimes conducted for airplane models to obtain infor- R = - [y(t)*,eas-Y(0mod] [y(t),,_Y(t).
mation about the dynamics, cannot be accomplished with N
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Here, R is the measurement error noise matrix. To obtain
the minimum of the cost function J(4) with respect to the jwx(w) = Ax() +Bu(co)
unknowns 4, all first derivatives 8J/84 have to be zero.
This leads to a set of nonlinear equations that can only y(w) = Cx(c)+Du(Ia)
be solved iteratively with the main steps: 1. calculation
of the cost function J, 2. determination of R, 3. update of e(c) = y(w)meas - y(o)moie
the unknowns 4 by minimizing J with respect to the
unknowns ý, 4. calculation of new y. In addition to the J(t,w) = X e(Q)' R(w)-' e(a)
parameter estimates, the technique also provides uncer-
tainty levels (standard deviations) for the estimates. The R(w)=E [Y(6)mea-Y((j)moi] Y()"-Y(w)m.]
parameters to be determined are primarily the system N
coefficients (derivatives) but in addition, so called bias
terms have to be estimated to compensate effects due to Comparisons between flight test data and model response
variable zero offsets and drifts. These biases can drasti- are made in frequency-domain formats (e.g. Bode plots)
cally increase the total number of parameters to be deter- or, after re-transformation, in form of time histories.
mined and complicate the identification.

In a different approach, a specified group of conditioned
For aircraft identification the Maximum Likelihood transfer functions T(C0).....d is first derived from the
approach is mostly used as it has several desirable stat- flight test data. Here major emphasis is placed on high
istical properties. In addition, it allows the identification accuracy over a wide frequency range. In a second step,
of non-linear models, where the nonlinearities can be the model transfer functions are formulated as:
formulated using actual state variables. Often applied
approximations, like use of pseudo controls, are not
necessary. 7(a)mo, = (C (I-A)-i B+D)eT '

Another technique, also used in the Working Group, is The error and cost function are then
based on the assumption of 'perfect' measurements of
states and controls. Then, the state variables are formally eQo) = Z(•)meas - ()modei
treated as (pseudo) controls and the individual equations J(ý,c.) = E e(w)r W(ca) e(w)
of motion can be identified separately by minimizing the
equation error. With: where the weighting matrix W is based on the coherence

of each frequency point to emphasize the most accurate
data. For the comparison to flight test data, usually fre-

x=Ax +,, + Bu quency responses are used. Time histories are generated
y =1. + e by driving the identified model with the measured con-

trol inputs.
e =y - Ax,,.,-Bu =y + VXJ(e) = y - 8.3 Verification of results

The verification of the identified model is the final key

step in the identification process, which assesses the
it follows predictive quality of the extracted model. Flight test data

not used during the identification are selected to ensure

XT I -c xthat the model is not tuned to specific data records or
input shapes. It is desirable to conduct the verification

which is the closed, non-iterative solution for the equa- with data from the same flight conditions but with other
tion error technique. It is a fast and easily applicable control inputs. In the Working Group, not all data bases
method. However, it requires extremely accurate data allowed this ideal situation due to lack of data. But as
and therefore high emphasis is placed on data pre-pro- example, BO 105 identification results were generated
cessing, from flights with multistep 3211 or frequency sweepinputs. Then, for verification, data with doublet control
8.2 Frequency-Domain Approaches inputs for each control were used: The previously ident-
Frequency-domain approaches have some unique charac- ified model was driven with the measured control vari-
teristics which make them attractive for rotorcraft identi- ables and the obtained response was compared to the
fication. In particular, they allow concentration on measured helicopter response. When a satisfying agree-
selected frequency ranges, are insensitive to system insta- ment is obtained the identification is completed and the
bilities, and do not require estimation of biases. In the identified model is made available for the intended appli-
WG, two approaches were used which, since then, have cation. Usually it is provided in form of model coeffi-
been increasingly and successfully applied: A Maximum cients and their standard deviations.
Likelihood technique and a method based on transfer
function evaluations. 9. REPRESENTATIVE WG RESULTS
For the frequency-domain Maximum Likelihood The Working Group has evaluated data bases from three
approach measurements are represented in the format of different helicopters, AH 64, BO 105, and PUMA (Fig-
Fourier Transforms and model, cost function, and ure 1). The obtained results are presented and discussed
covariance matrix are formulated and determined in the in the Final Report and the AGARD Lecture Series
frequency domain: [10,11]. For this chapter, some of the BO 105 results
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were selected to give a representative insight into the are included. The associated eigenvalues are provided in
model accuracy that can be expected from system identi- Table 2. It is seen that the oscillatory modes (phugoid
fication. and dutch roll) and the lower frequency aperiodic modes

(pitch and spiral) agree satisfactorily. Larger differences
9.1 Identification occurred for the roll and higher frequency pitch modes,
After data processing and reliability checking, three which are directly related to the damping derivative dif-
suitable data sets were selected. Each of them consisted ferences.
of four different runs with single control pilot inputs.
1) Data runs with 3211 input signals were used for 9.2 Verification
identifications in the time-domain as well as the fre- The verification of the identified models assesses the
quency-domain identification based on Fourier trans- predictive quality of the extracted model. It is based on
forms. 2) Frequency sweep data were used for the fre- flight data different from those used in the identification.
quency-domain identification based on transfer functions. The identified model is kept constant and its response
3) Data obtained from doublet control inputs were due to the measured control inputs is calculated and
applied for the verification of the identified models. compared to the measured response variables. Figure 5
The Working Group Members applied their individual gives the pitch and roll rate results obtained from flight
identification techniques: tests with doublet control inputs. Generally, it is seen
AFDD: The frequency domain method first evaluates fre- that all identified models predict the correct tendency of
quency sweeps to generate transfer functions, which are the aircraft response in both on- and off-axis variables. A
then used to identified linear state space models. closer comparison shows a good agreement for the long
CERT, DLR, NAE: Time domain Maximum Likelihood term (low frequency) response, whereas some larger
methods were applied. The individual approaches are differences are seen for the time history segments, where
slightly different from each other. Main differences refer the control input was given. Here, some models are more
to the treatment the nonlinear gravity terms, like g * sin damped or the coupling is less accurate. The fact how-
0: CERT identified fully linearized models, NAE used ever, that none of the models can fully reach the maxi-
so called 'pseudo control' or forcing function' approach mum peak amplitude of the rates demonstrates that 6
were the nonlinear terms are calculated from measure- DOF models cannot describe the higher frequency range
ments and treated. as known additional control inputs, completely. In this sense, the models generated by the
DLR identified nonlinear models. Working Group can be considered as the best possible
Glasgow University: Linear state space models were solution for rigid body model formulations. Further
identified from Fourier transforms in the frequency improvements require an extension of the model order by
domain. additional degrees of freedom that provide a more realis-
NLR: A time-domain equation error technique based on tic characterisation of the rotor dynamics than the equiv-
least squares was applied to determine linear models. alent time delay approach. But although the comparisons
Only 6 DOF rigid body models were identified. Most of the individual results revealed larger differences, all
Members developed their model structures by first isolat- identified models can be considered as accurate in com-
ing variables that have practically no influences on the parison to other approaches. To demonstrate the system
aircraft response. They were assumed to be zero. In identification potential, Figure 6 compares measured time
consequence, from totally 60 possible derivatives the histories to the responses of both, identification and ana-
number of actually identified parameters varied from 58 lytical simulation results. It also reveals the fundamental
(NAE) to only 30 (University of Glasgow). A further simulation problem: the prediction of cross coupling,
important difference was the inclusion of equivalent time which often has the wrong sign. Here, the improvement
delays to approximate rotor dynamic effects. Here, either of simulation codes has become a major challenge [13].
the time delays were neglected, set to values suggested
by DLR, or individually identified. 10. RECENT ADVANCES: IDENTIFICATION OF
From the identification results, Figure 4 demonstrates the EXTENDED MODELS
good agreement between the measured data and the The Working Group mainly concentrated on the identi-
model response for four different data runs (jointly fication of 6 DOF models. They are useful for various
evaluated as concatenated runs). It confirms that the applications, where less accuracy in the high frequency
basic model structure with 6 DOF can correctly repre- range (from about 2 Hz for the BO 105) can be toler-
sents the helicopter dynamics. Similar results were gener- ated. However, for applications like high bandwidth con-
ated by all WG Members. A full list of the associated trol-system design higher order models with rotor DOF
identified parameters and their variances is provided in may be required. This subject was addressed in the WG
the WG Final Report. Some of the major identified but it was beyond the scope of the Group to work with
derivatives are given in Table 1. Comparisons showed such models. Meanwhile, successful identification of
significant differences even for some of the more import- extended models were conducted by previous Members
ant derivatives. The discrepancies were investigated in of the Working Group. It was particularly emphasised by
more detail and could mostly be related to the above AFDD and DLR, who need more suitable models for the
mentioned differences in the approaches. As example, it control system design of their In-Flight Simulators BO
was experienced that the identification of pitch and roll 105 ATTHeS (DLR) and UH60 RASCAL (AFDD). Both
damping for the BO 105 is very sensitive to both time are presently applying a model structure, where, in addi-
delays and correlation with control derivatives. In gen- tion to the 6 DOF of the rigid body, the rotor tip path
eral, it was seen that results obtained from the frequency- plane is represented by second order differential equa-
domain approaches and the Maximum Likelihood time- tions for coning, longitudinal and lateral flapping [14,15].
domain techniques are relatively close, when time delays For hover flight condition, first approaches to include an
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inflow DOF were made. cannot be applied as the inverted model requires 'time
lead', which is unrealistic for real time processes. To

10.1 Representative Results eliminate the time delay problems and also to generate
The basic approach for extending the 6 DOF model is rotorcraft models that are accurate within a wide fre-
illustrated in Figure 7. The state vector of the rigid body quency range and in particular at higher frequencies,
motion is extended by rotor motion variables. Such a extended models with rotor DOF were applied for the
model considers 9 DOF and is of 14th order. In compari- feedforward controller. Since then, numerous flight tests
son to a 6 DOF model, it is more appropriate for heli- with various command models and different objectives
copters as it includes a physically realistic representation have confirmed the validity of the control system design
of the dynamics of the most important and dominant for the ATTHeS In-Flight Simulator and the high accu-
helicopter component: the main rotor. In consequence, racy of its feedforward controller [15].
the rather crude approximation of rotor dynamics by
equivalent time delays is no longer needed. Based on BO To illustrate the significant improvement in model fol-
105 identification results, Figure 8 compares the lowing fidelity, Figure 13 compares the frequency re-
eigenvalues of both identified models, the conventional sponses for measured roll rate to model roll rate for two
6 DOF and the extended 9 DOF model. It illustrates that different cases: 1) an identified conventional 6 DOF rigid
low frequency rotorcraft eigenvalues (phugoid, spiral, body model was used to define the flight control system,
Dutch roll, and pitch) are the same for both models, and 2) an identified extended model with rotor DOF was
whereas the higher frequency behaviour is characterised applied for the flight control system design. For a perfect
by the more refined description of the 9 DOF model. simulation, the frequency response should have a ma-
The obtained improvement in the model quality is dem- gnitude relationship of one and a phase angle of zero for
onstrated in Figure 9, which compares the roll axis time a broad frequency range. It is obvious that only the con-
history responses for both models to the measured data. trol system based on the model with rotor dynamics is
It is seen that only the 9 DOF model can match the close to this ideal situation, with increasing (phase) devi-
amplitude peaks of the roll acceleration data. These data ations for higher frequencies. The major question for a
segments, where the control input is reversed, reveal the quality assessment is, if the flight control systems per-
model higher frequency behaviour. The model differ- formance is meeting the objectives for its intended appli-
ences become even more obvious, when the results are cation. Therefore, boundaries of so called 'unnoticeable
compared in the frequency domain format as it is dem- dynamics' are also shown in Figure 13. They were
onstrated in Figure 10 for the roll rate response due to derived for fixed wing aircraft and characterize the
lateral stick inputs. The above presented results were limits, where pilots will not notice simulation defi-
obtained from BO 105 flight data. However, their general ciencies [16]. It is seen that the ATTHeS frequency
validity is supported by results generated by AFDD for response, based on the extended model, lies within theses
a different helicopter, a NASA/Army UH-60 [15]. Figure boundaries. As also good pilot ratings for the simulation
11 gives frequency responses for the pitch rate (on-axis) where given, it confirms the definition of the boundaries
and roll rate (off-axis) responses due to longitudinal and seems to indicate that they can also be used as a
control inputs. It compares measured UH 60 flight data more general quality criterion for high bandwidth flight
to both, an identified extended model with rotor DOF control systems [17].
and a 6 DOF model. Again, it is seen that the conven-
tional 6 DOF model only agrees for the lower frequency 10.3 Example for In-Flight Simulation Quality
range and that a higher order model is needed to accu- To explore to potential of simulating the dynamics of
rately represent the rotorcraft high bandwidth dynamics. different helicopters, a mathematical model of the

Westland Lynx helicopter, provided by DRA, was used
10.2 Application of extended models as a command model for the ATTHeS In-Flight Simula-
At DLR and AFDD the identified higher order models tor. Various flight tests with Lynx experienced pilots
are presently needed for the control- system design of the were conducted. They rated the simulation as to be rep-
In-Flight Simulators ATTHeS and RASCAL. The gen- resentative for the Lynx for both tested configuration,
eral concept for an explicit model following control sys- with SCAS engaged and disengaged.
tem and the role of system identification is illustrated in
Figure 12. The objective is to make the basic (host) As example, Figure 14 gives the time histories for a
helicopter follow an explicitly defined command model. simulated turn maneuver for the Lynx helicopter con-
The commanded model response due to pilot inputs is figuration with SCAS engaged. As control variables the
calculated and fed to the controllers. Here, the feedfor- 'Lynx pilot' stick inputs are given together with the BO
ward controller is defined as the inverse model of the 105 actuator motions that are needed to make the BO
host aircraft, compensating the host aircraft dynamics. In 105 respond like a Lynx helicopter. In particular it
consequence, the aircraft behaves like the prescribed should be noted, how the lateral control illustrates the
command model, e.g. like a different helicopter to be typical different characteristics of the two helicopters:
simulated. The feedback system mainly corrects for Lynx is an attitude command, BO 105 a rate command
external disturbances. The performance of the control system. The simulation fidelity is demonstrated by the
system highly depends on the accuracy of the host air- good agreement of the model and flight attitude angles.
craft model used for the feedforward controller. First
attempts to use 6 DOF models for the BO 105 ATTHeS 11. CONCLUSIONS AND RECOMMENDATIONS
failed mainly for two reason: 1) 6 DOF models without The AGARD FVP Working Group 18 on Rotorcraft
equivalent time delays to account for rotor dynamics are System Identification evaluated flight test data bases from
too inaccurate. 2) models with equivalent time delays three different helicopters (AH-64, BO-105, SA 330).
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The available individual techniques were applied for data and to small amplitude maneuvers. The WG has demon-
processing, data quality and suitability checking, and strated the challenge involved with such maneuvers, yet
extraction of flight-mechanical mathematical models and they can be considered as relatively easy compared to
their verification. In addition, examples for potential other maneuvers in the flight envelope, like hover or turn
application areas for system identification were outlined, maneuvers, and higher amplitude responses with strong
particularly with respect to industry needs. The WG nonlinear effects. Research activities need to spread into
accomplishments are fully documented in the Final these more complex areas so that possible new problems
Report [10]. Some of the major conclusions are: can be faced and appropriate solutions can be derived.

4) As system identification extracts the rotorcraft charac-
1) Flight tests must meet specific identification require- teristics from flight data of the existing aircraft, it is an
ments mainly with respect to control inputs and response ideal tool to generate a 'true' mathematical description of
information content, accurate trim and small perturbation the vehicle dynamics. However, the presently used
responses, and repeated tests for data redundancy. derivative models are a too global representation of the
2) Data accuracy is the main prerequisite for a successful aircraft. Methods to combine the advantages of system
identification. Therefore, a strong emphasis has to be identification together with the advantages of other
placed on data quality checking, detection and correction modelling approaches, like generic sirnulation or
of errors, and careful data processing. Techniques for wind-tunnel measurements, still have to be found. It is a
consistency analysis used in the WG ranged from Least major research challenge to develop ideas and guidelines
Squares to extended Kalman Filter methods. Is was seen for combining these approaches and provide a powerful
that modern, correctly calibrated sensors easily provide tool for accurately modelling the characteristics of a heli-
the required accuracy except for velocity measurements, copter from its design phase through the flight testing
which are still problematic, especially in the low speed phase until the final production.
regime.
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AFDD CERT DLR Glasgow Uni NAE NLR

Frequency Domain ML (linear) ML (nonlinear) ML Frequ. Domain ML (linear) LS Equation Error

Derivative Value (Std.Dev.) Value (Std.Dev.) Value (Std.Dev.) Value (Std.Dev.) Value (Std.Dev.) Value (Std.Dev.)

X - 0.0385 (.004) - 0.058 (.002) - 0.059 (.001) - 0.032 (.004) - 0.050 (.010) - 0.050 (.001)

Y' - 0.221 (.011) 0.177 (.003) - 0.170 (.003) - 0.131 (.055) 0.279 (.005) - 0.064 (.003)

Z - 1.187 (.056) - 1.171 (.012) - 0.998 (.007) - 0.791 (.018) - 1.106 (.013) 0.875 (.006)

L - 8.779 (.641) - 2.693 (.056) - 8.501 (.110) - 4.470 (.392) - 7.048 (.201) -1.995 (.114)

L, 3.182 (.624) 1.558 (.090) 3.037 (.125) 0.0 * 4.454 (.222) 0.558 (.171)

M " 0.998 (.066) - 0.491 (.015) - 0.419 (.038) - 1.367 (.032) - 1.414 (.066) - 0.878 (.062)

Mq, 4.493 (.235) - 2.26 (.025) - 3.496 (.047) - 2.217 (.009) - 2.992 (.074) - 1.441 (.093)

N - 1.070 (.061) - 1.116 (.013) - 0.858 (.007) - 0.756 (.064) - 1.017 (.023) - 0.699 (.035)

Z6 - 0.388 (.020) - 0.273 (.003) - 0.349 (.002) - 0.259 (.021) - 0.337 (.005) - 0.242 (.003)

Ls 1,, 0.073 (.006) - 0.0028 (.002) 0.024 (.003) 0.0 - 0.005 (.004) 0.0301 (.005)

Li1., 0.179 (.014) 0.0551 (.001) 0.185 (.002) 0.0764 (.010) 0.1361 (.004) 0.0534 (.003)

Mi 1- 0.098 (.004) 0.050 (.002) 0.093 (.001) 0.0565 (.002) 0.0787 (.002) 0.054 (.003)

M6 W 0.00 - 0.0003 (.0003) - 0.009 (.0008) 0.00 0.0106 (.0013) 0.005 (.0013)

Nid 0.057 (.003) 0.043 (.001) 0.049 (.001) 0.443 (.002) 0.484 (.001) 0.044 (.001)

% 0.168 (.0056) 0.0 0.040 0.102 0.040 0.040

z, 0.113 (.006) 0.0 0.100 0.044 0.100 0.080

, 0.062 (.006) 0.0 0.060 0.074 0.060 0.060

pd 0.044 (.006) 0.0 0.040 0.0 0.040 0.040
"Eliminated from model structure

Table 1. Comparison of selected BO 105 derivatives identified by the Working Group Members

Motion AFDD CERT DLR Glasgow Uni NAE NLR

Frequ. Domain ML (linear) ML (nonlinear) ML Frequ. Domain ML (linear) LS Equation Error

Phugoid [ -0.36, 0.30] [ -0.17, 0.32] [ -0.15, 0.33] [ -. 010, 0.35] [--.014, 0.33] [- 0.07, 0.33]

Dutch Roll [ +0.22, 2.60] [ +0.13, 2.51] [ +0.14, 2.50] [ +0.16, 2.27] [ +0.13, 2.58] [ +0.17, 2.17]

Roll (8.32) [ +0.99, 2.89] (8.49) (5.12) (8.47) (2.38)

Pitch (6.04) - - (4.36) (1.98) (4.38) (1.37)

Pitch (0.49) (0.66) (0.60) (0.64) (0.63) (0.71)

Spiral (0.03) (-0.05) (0.02) (-0.007) (0.03) (0.04)

Shorthand notation:

E[, co] implies s' + 2Ccoes + D 2 = damping, cwo = undamped natural frequency (rad/sec)

(1/") implies (s + lIT), (rad/sec)

Table 2. Comparison of BO 105 eigenvalues identified by the Working Group Members



MDHC AH-64 (Apache) EC SA-330 (PUMA) EC 80 105

________________ AH-64 SA-330 30 105

Role attack medium transport small transport

Mass tkgJ 6640 5800 2200

Ron inertia jkg M2 ] 8300 9640 1430

Main Rotor articulated articulated hingeless

Main Rotor Diameter [m] 14.63 15.09 9.83

Hinge Offset [%] 3.8 3.8 15.2 (equiv.)

RPM [l/Iinj 289 265 424

Figure 1. Helicopters evaluated in the FVP Working Group WG 18
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(from FOR 105 `1`&-O data base)IFCAIO
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Figure 4. Representative identification result: Comparison of BO 105 flight test data
to the response of the identified model
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Figure 5. Verification results: Comparison of BC 105 flight test data to the predicted response
of the identified model
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Figure 6. Comparison of the BO 105 flight test data to the response obtained from

the identified model and analytical simulation
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Figure 7. Principle of extended model structure

110 Rotor X
Advancing -x I10 o Lead/Lag

Imaginary, 9 DOF Model for Flight Control
4rad/s Laws Design

(Rigid Body/Rotor Coupling Dynamics)

X I 20 -10
-40 -20 0

X Body Roll/Rotor Flap 6 DOF Model for Flying
Qualities Analysis
(Rigid Body Dynamics)-5 LAGAo

FVP WG18 1im

Body Pitch/Rotor Flap rad/s
X Dutch Rollx Dutch RoIIX

/ Phugoid Phugoid
Pitch 1 Spiral Roll Pitch 2 Pitch I /Spiral

L X ! "X , i .X

-10 -5 0 5 -10 -5 0

Real, rad/s Real, rad/s

Figure 8. Comparison of poles from two different identified models:

a conventional 6 DOF rigid body model and a 9 DOF extended model
with 2nd order longitudinal and lateral rotor flapping and coning DOF
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Figure 10. Comparison of BO 105 frequency responses from flight test data,
a 6 DOF rigid body model, and a 9 DOF extended model
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Figure 11. Comparison of UH-60 frequency responses from flight test data,
a 6 DOF rigid body model, and a 9 DOF extended model
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Effect of Individual Blade Control on Noise Radiation

S. M. Swanson S. A. Jacklin
NASA Ames Research Center NASA Ames Research Center

Moffett Field, CA 94035-1000, USA Moffett Field, CA 94035-1000, USA

G. Niesl A. Blaas
Eurocopter Deutschland GmbH ZF Luftfahrttechnik GmbH
81663 MOnchen, GERMANY Kassel-Calden, 34379 Calden, GERMANY

R. Kube
DLR, Lilienthalplatz 7

D-38022 Braunschweig. GERMANY

Abstract noise is primarily radiated during landing approach,
when the helicopter is descending into its own rotor

In a joint research programme of NASA Ames wake. Depending on the helicopter design and the
Research Center, ZF Luftfahrttechnik, the German actualweight, BVI noisemaybegeneratedoveralarge
Aerospace Research Establishment (DLR), and region of descent flight conditions. Prediction tools
EUROCOPTER Deutschland, a wind tunnel test was capable of designing a helicopter that does not
performed to evaluate the effects of Individual Blade generate BVI noise are currently not available and as
Control (IBC) on rotor noise. This test was conducted such, secondary methods must be used to reduce BVI
in the 40x80 ft wind tunnel at NASA Ames Research noise. By a higher harmonic control of the blade pitch,
Center, utilizing a full scale MBB-BO 105 four-bladed it is possible to modify the miss-distance between the
rotor system. Three microphones were installed for tip vortex and the blade, the vortex strength, or the
determination of the radiated noise, two of them on a blade pitch at the position of blade vortex collision in a
moveabletraverse belowthe advancing blade side and way that BVI does not occurs or is at least is reduced
one in a fixed location below the retreating side. in intensity-

Acoustic results are presented for flight conditions First experiments of the noise reduction by a
with Blade-Vortex-Interaction (BVI) noise radiation. Higher Harmonic blade pitch Control (HHC) have been
High noise level reductions were measured for single conducted with actuators in the non-rotating system
harmonic control inputs. In addition to the single under the rotor swashplate1 2.3.4'6. The shortcoming of
harmonicinputs, multi-harmonic inputs were evaluated HHC in the fixed system is that the pitch angle of one
bysuperimposing2/revto6/revharmonics. Forthefirst blade cannot be changed without changing the blade
time the efficiency of sharp wavelets (60 deg and pitch of the other blades. Therefore, in case of the
90 deg width) on acoustic noise were measured. In 4-bladed rotor, only 3/rev, 4/rev, and 5/rev input modes
order to achieve an adequate wavelet shape at the are possible. This limitation is overcome by intro-
blade tip, corrections were made to account for the duction of actuators in the rotating system.
blade torsional behaviour.

In parallel with the acoustic measurements,
vibratory loads were measured during the BVI flight
condition to correlate the effects of IBC on noise and
vibrations. It is shown how noise levels and vibrations
are affected by specific IBC control inputs. In addition,
correlations are made between noise levels and
acoustic time histories with IBC phase and amplitude
variations. For one IBC input mode with high noise
reducing efficiency, a sweep of the movable micro-
phone traverse below the advancing side shows the
effect on BVI noise directivity.

1. Introduction

Extremely annoying noise is radiated by a
helicopter if the blade tip vortex collides with a following i
blade. The so-called Blade-Vortex-Interaction (BVI)

presented at the AGARD Aeroacoustic Conference, Figure 1: Installation of the BO 105 Rotor in the
Oct. 1994, Berlin 40x80 ft. Wind Tunnel

Papci pi csentu d at ih, A GARD FDP .\ mposian on. ' Aei,,J .d ,m12 3 5 md ,,I, ,-acou11ic3 oj Rororcrqr '

held im Br/t. Gcennaro m to . Octobc? 13 • 4 a,- pubhix 1,3j :12 CP-532.
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For the Individual Blade Control (IBC) system, the 2.2 IBC System
conventional blade pitch links are replaced by
servo-hydraulic actuators. The actuators, developed The Individual Blade Control System was installed
by ZF Luftfahrttechnik (former Henschel Fiugzeug- by replacing the four conventional rotating pitch links
werke) were flight tested in 1990 and 1991 on a BO 105 between swashplate and rotor blade with servo-
helicopter'. The control authority of this system was hydraulic actuators. These actuators, designed and
limited only up to about 0.5 deg due to safety reasons. manufactured by ZF Luftfahrttechnik, apply high
Although the initial flight tests indicated vibration and frequency control inputs at the blade root in the rotating
noise reductions, the limited thrust and speed of the frame. Commanded and measured actuator strokes
test aircraft combined with the low authority of the are compared separately by two independent systems,
actuators prevented an exploration of the full potential consisting of two LVDTs per actuator, twofold signal
of the IBC system. conditioning, and two computers. A conventional rotor

swashplate was used to input collective and cyclicConsequently, a new system with higher control commands required to fly the rotor in the desired

authority and with increased frequency response was condition.iT e geerl aaement of the BCsyrem
tested atthe National Full Scale Aerodynamic Complex condition. The general arrangement of the IBC system
tested at the National Full Sca el Ae nami CAmpex on the RTA is shown in Figure 2. Figure 3 shows the(NFAC) 40- by 80-Foot Wind Tunnel at NASA Ames IBC actuator installed in the rotor control system.

Research Center. The test was conducted within an

international programme between NASA-Ames . -
Research Center, US Army Aeroflightdynamics P TT-- 'j
Directorate, ZF Lutffahrttechnik, the German
Aerospace Research Establishment (DLR) and
EUROCOPTER DEUTSCHLAND. The programme
was supported by the German MOD. A full scale .
BO 105 rotor system was installed on the NASA/U.S.
Army Rotor Test Apparatus which was modified with \. I
an IBC system. The primary objectives of the IBC -
testing were to evaluate the capabilities of such a
system to suppress Blade-Vortex-Interaction (BVI)
noise, increase rotor performance, and to reduce rotor I
oscillatory loads and rotor vibrations. This paper ,

presents noise measurement results and analysed .
acoustic data derived from the IBC wind tunnel entry
in spring 1993. A detailed description of the test and
the results on rotor performance, loads, and vibrations
are given in Reference 8.

2. Test Description
2.1 BO 105 Test Rotor in the Wind Tunnel

A four-bladed BO 105 hingeless main rotor was hydraulic slpa.Q

tested in the 40x80 ft. Wind Tunnel of the NASA Ames
Research Center. Figure I shows the installation of the
rotor in the test section. Table 1 contains the main
geometric parameters of the BO 105 rotor design.

Type Hingeless -•

Radius 4.90 m
Number of blades 4
Blade chord length 0.27 m Figure 2: Cross Section of the BO 105 Rotor Hubwith
Linear blade twist -8 deg the IBC System and the IBC Actuator
Precone -2.5 deg The hydraulic power and the control signals are
Solidity 0.07 transmitted via slipring devices from the non-rotating
Airfoil NACA 23012 to the rotating system and then through the rotor shaft

to the hub. The actuators have a stroke of ±9 mm which
results in a maximum blade pitch variation of ±3 deg
at 2/rev input mode. With a frequency response up to

The rotor was driven by the RTA, a specially 84 Hz, rotor harmonic frequencies up to the 12th
designed test rig for operating full scale rotors in the harmonic may be excited. Forthis full-scale test, safety
wind tunnels of the NFAC. The rotor performance and limitations restricted actuator amplitudes to 1.5 deg.
the load data were acquired using the static/dynamic Due to structural hardware limitations, only the 2nd
rotor balance. The capabilities of the RTA are through 6th harmonic were available as single
discussed in more detail in References 8 and 9. frequency inputs and to be summed as multi-harmonic

inputs.



] I-3

3.2 Acoustic Data Acquisition

//</ 7Figure 4 shows a view of the wind tunnel test
/ section with the microphone locations. The test section

is covered by a half foot thick acoustic absorption foam
shielded by a perforated metal layer. The thickness of
the foam is not sufficient to provide a low cut-off
frequency. However, the reflection test and the
background noise measurements indicated adequate
conditions for the frequency range where BVI noise
occurs.

Two microphones (no. 1 and 2) were mounted on
the Acoustic Survey Apparatus (ASA) below the
advancing blade side of the rotor and one (no. 3) was
installed below the retreating side. The ASA is a
travelling system that allows for longitudinal movement
of the microphones from 8.7 m before to-2.5 m behind
the rotor axis.

The data acquisition with the moveable traverse
was a very time consuming process. Therefore, the

/......advancing side noise data were measured at a single
microphone location with the traverse at the park

Figure 3: Rotor Hub with BC Actuators Installed position (see Fig. 4). This position contained the
largest peak-to-peak values for the primary BVI event

3. Acoustic Measurement and Analysis encountered in the baseline case during the simulated
descent flight case. Only for those IBC input conditions

3.1 Test condition which showed high noise reduction were sweeps with
the microphone traverse system made in order to

The BVI noise reduction tests were conducted in identify changes in the noise radiation directivity.
a simulated flight condition which corresponded to a retreating

glide path angle of 6 deg (Table 2). The effective rotor side microphone
angle-of-attack was determined from flight tests of a Mic #3
BO 105 helicopter (cc = 3.9 deg). Corrected to the wind
tunnel test conditions, the resulting geometric shaft
angle was 2.9 deg. Wind

traverse

microphones
on advancing side Mc #1

Rotor rotational speed 425 RPM X
I Mic #2

Blade loading CTk/ 0.070 park position

Helical Tip Mach Number M-p 0.640

Advance ratio 0.151 acoustic lining (0.5 ft)//

Tunnel speed 64 ktso

Rotor shaft angle or 3.9 deg

Table 2: Nominal Rotor Test Condition for BVI Noise Wind

Reduction retreating park position

During the test, the rotor speed was adjusted to ie U /
maintain a constant 4i and MTp, by conventional rotor
controls set to minimum 1/rev flapping. For safety Figure 4: Positions of the Microphones and the
reasons, no changes in the rotor trim condition were Traverse System
made after the IBC system was activated. To evaluate
the effect of these trim offsets on the acoustic mea- The conded and ampl e signalssueetone case was examined with retrimming were recorded onto digital tape at a sample rate of
surements, oecswaexmndwt trmig 80.000 samples per second for a measurement time
of the rotor after IBC input. There were no discernible of.00 saes p er e seco d at a m rateneffctsounintetrmmeanuntrimmed conditions. of 30 sec. The data were digitized at a rate of
effectsfound inthetrimmed and untri2048 samples/sec, triggered off the 1/rev signal.
For the acoustic data presented in this paper, no Averaged time histories were generated for 40 rotor
corrections were applied to account for these trim revolutions, band-pass filtered to emphasis the BVI

noise frequency spectra were averaged in the
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frequency domain with a bandwidth of 1.7 Hz. The 3.3 Blade Pitch Analysis
acoustic energy of the band-pass filtered data was
used to determine the band limited sound pressure With higher harmonic inputs made at the blade
level (BL-SPL), which was used as acomparative index root, it is important that the desired higher harmonic
for the different IBC inputs. The frequency limits of the function is obtained also along the blade. Prior to the
band pass filtering were selected to a range where the test, it was detected from CAMRAD/JA calculation that
BVI noise dominates the frequency spectrum. the blade torsional behaviour would alter the IBC input

Figure 5 shows a spectrum of the advancing blade magnitude and phase from the blade root to the tip. As
BVI noise for the BO 105 rotor without IBC input, the BVI noise is generated at the outer regions of theside 150 Hz, the bl 105 notor with blade, the resulting blade pitch function on blade tipBelow 150 Hz, the blade loading noise dominates with must be analysed. In order to measure the blade pitch

the majority of the energy in the first and second blade at te tipyregIn tw o miature ac eleo ete r
passage frequencies. Between 150 Hz and 1500 Hz, installed at the blade tip on the leading and the trailing

the harmonic noise due to BVI is clearly evident with
amplitudes of 10 to 20 dB3 above the broadband noise edges. From the accelerometer signals, the magnitude

Above 1500 Hz, the BVI noise becomes obscured by and phase shifts for transforming the input function
nby were determined. The analysis was done for athe wind tunnel broadband noise. If sound pressure horizontal flight condition with 43 kt speed, because

time histories are considered (Figure 6), the band pass here a comprehensive data set of all single harmonic
filtering removes the blade loading contribution withonlyminmize efect on he VI wvefrminput modes was available prior to the acoustic tests.
only minimized effects on the BVI waveform. The results are summarized in Table 3. All noise

measurement results presented in this paper are
Blade loading noise referred to azimuth positions corrected to the blade tip.

120 1
150 Hz low limit

110 1.5 kHz high limit IBC input Magnitude Phase Azimuth
mode Amplification Difference Phase

100 BInieShift

S90 deg deg

2/rev 0.60 -20 -10
3/rev 0.50 -39 -13

70 4/rev 0.58 -132 -33

60 ___ ___'__5/rev 0.21 -210 -42

0 500 1000 1500 2000 6/rev 0.15 -204 -34
Frequency, Hz

Table 3: Blade Torsional Behaviour; Magnitude and
Figure 5: Frequency spectrum of the BO 105 rotor Phase Shifts from Blade Root to Blade Tip

during BVI noise condition'° (Mic. 1, park
position, nominal rotor condition, no IBC) 4. Single Frequency Input Functions

Band-pass Filtered Single frequency inputs are sine functions whose
7 ,frequencies are N times the fundamental rotor
7 2rotational frequency. The blade pitch curve over

azimuth is achieved by superposition of the
conventional collective and cyclic rotor control and the
higher harmonic blade pitch signal (Figure 7). The

o stblade pitch input of the IBC actuators with single
r frequencies is determined by the function

. f l e= A0 cos( i ,-Vc) (1)
where i stands for the single frequency mode, W¥ is the

0 rotor azimuth angle, (pc is the IBC phase angle and A.
KP~v M~ ~the IBC amplitude.

I 'H The function is shifted by 90 deg for each blade, which
-50 insures that all blades are affected by IBC in the same

0 0.2 0.4 0.6 0.8 1 way over the entire rotor azimuth, and therefore, the
Revolution blade dynamics over the entire disc. There are three

different effects which may explain the efficiency of
Figure 6: Comparison of band-pass and low-pass higher harmonic control inputs to BVI noise (Figure 8):

time histories for a BO 105 rotor during
BVI noise condition"0 (Mic. 1, park position, (1) Reduction of the blade pitch angle at the position
nominal rotor condition, no IBC) where blade vortex collision happens.
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(2) Reduction of the vortex strength at the position Wind
where the tip vortex is generated. I

(3) Increase of the miss-distance between vortex and
blade. 180

12
resulting rotor control

10 with IBC-input

8 conventional
._ "• rotor control / 270° 9d'

a. / 0(6

.24

2 3/rev. - IBC-input

0 Blade-Vre-/ 0 Bladle-
Votx Vortex-

-2 0 270 0 Interaction Interaction
0 90 360 (retreating side) (advancing side)

position of azimuth angle [deg]
1st negative wave Figure 9: Measured BVI Locations in the rotor disc at

4 deg tip path plane"1.
Figure 7: Blade Root Pitch Angle Versus Rotor Furthermore, effects number 1 and 2 are

Azimuth for Conventional Rotor control and presuming a reduction of the blade pitch. Therefore,
a 3/rev Higher Harmonic Signal the most promising kind of analysing the noise versus

air flow IBC input is to relate the noise results to the position
of the negative wave Wng (see Figure 7) on the

4'advancing blade side between 20 deg and 160 deg
modified vortex / azimuth position. The pitch angle curve on blade tip is
strength given by the equation

®C.Tip = Ai Ao cos( i W- c- q ) (1)
.g0 where i stands for the single frequency mode, Ai

represents the amplification from the root to the tip and
j is the phase shift. It is quite evident, that amplitude

"•reduced pitch and phase of the IBC input are very important for
reducedpitc efficient noise reduction, since the strongest BVI is

00 un located within a limited azimuth range.

increased blade-vortex
separation distance 4.1 Acoustic Measurement Results

Figure 8: Noise Reduction Mechanism by Higher Figure 10 shows the effects of IBC on the BL-SPL
Harmonic Rotor Control5  metric for phase sweeps of the 2/rev (Fig. 1 Oa), 3/rev

All three effects are connected to the azimuth (Fig. 10b), and 6/rev input functions (Fig. 10c). Note
region in the rotordiscwhere the tip vortex isgenerated that these are for microphone 1 at the park position
and where it moves towards the following blade. During (see Figure 4). The azimuth regions around 55 deg and
an experiment in the DNW11, the azimuth position of 125 deg are marked with shaded bars to emphasize
the BVI noise generation was measured for different those areas of vortex interaction and generation,
descent flight conditions. Figure 9 shows measured respectively. For the 2/rev and 3/rev harmonics, the
BVI locations (from the DNW test) for a flight condition largest reductions in the BL-SPL were obtained with

similar to the 6 deg descent flight condition chosen for the negative wave for IVneg (corrected to blade tip)
the study. The noise is radiated from about 60 deg positioned around these two azimuth regions. If the
azimuth position. Consequently, the corresponding tip negative wave was in the region between 60 deg and
vortex is then generated at 120 deg azimuth. On these 120 deg, the BL-SPL increased to a level higher then
two positions, the highest noise reductions of IBC the non-IBC baseline value.
inputs are expected.
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,80 eg lower harmonic input functions. This is also the case
at 6/rev if a negative wave is positioned at 130 deg

.270 IAn analysis of the pressure time histories for a
. ....... 0 (W9 3/rev IBC input at the positions of highest noise

a 0 reduction (55 deg and 125 deg azimuth) is presented
D ........- :...... **I-...: ........ in Figure 11. Both input functions show an elimination

-2 of the primary BVI events encountered in the baseline. ........ . case.
D

0, 6
""' 40. . .. . . .............. ..

Azimuth position of the negative wave [deg] 0v
Figure 10a: 2/rev IBC -20... ... .............

........ .... :. ..-.... ... 4 0I: .......

6 2 .. ..... •~.......

2.............0 . . I 0065 01 0.15 0.'2 0.25

S0 IBC-input at 55 deg IBC-input at 130 deg

.... ..... I..... n -• o ......... I....... ............ 40....... ...............
8 0. 30. 0 90 12 . . .. 8.. ... ... I .. . .. .. .

F g r ...... 2/ e IB ;i p t'20 ...... ................. . . . . . . . . . . . . . .
00 v .. .. .. .. .. ... .... ... ..

S: 4-0 ...................................................

-6 ....... • . . ..... ....... !:!

-4 ... . . . .... ........M : ........ A , 4 . . . . . . . . . . . . . . . . . . . . . . . . .V 0,

0 30 60 s 10 1;0 180 -0.

Azimuth position of the negative wave [deg] -60 . . . . . . . .0 0.05 0.1 0.15 0.2 0.25 0.05 0.1 0.15 0.2 0.25

Figure 10b: 3/rev IBC input Rotor revolution

Figure 11: Acoustic Pressure Time Histories for
4. ... .......... -...................... i ................ Baseline and 3/rev IBC input (microphone

1 at park position, nominal rotor2 ... ... ..... ..!::•-.......-:... ....... •ii:• .. . .• . . . .co d t ns
2...... conditions)=• .. . .: !:',:!i::' ..... ...... .... ........ .... ...

'0 * 1st neive wave 2nd neg*iw wave:

"00 " • ".In addition to being a function of IBC phase, the
AI. .'BVI noise is also affected by the input amplitude. As

..... ........ an initial look at the effects of amplitude, an amplitude
C X.

4 . ...... sweep was conducted for the 2/rev harmonic from 0.4
.............. ......... "deg to 1.2 deg with an IBC phase at 130 deg azimuth.
....... "........... The data in Figure 12 show that even with only 0.4 deg

amplitude, a considerable reduction can be achieved.
0 30 60 so 120 150 180 Larger noise reductions are seen for 0.8deg

Azimuth position of negative waves [deg] amplitude, whereas for 1.2 deg only smaller additional
Figure 10c: 6/rev IBC input reductions were measured. For a 2/rev input, large

actuator inputs are not necessary to achieve sufficient
Figure 10: Variation in BL-SPLfor2-, 3- and 6/rev IBC BVI reduction. This is of special importance, if an

Input Function Versus the Position of the additional amplitude angle is necessary at other
Maximum Negative Amplitude on the harmonic inputs (e.g. 3/rev or 4/rev) in order to get
Advancing Blade Side Corrected to the Tip
(Microphone 1, nominal rotor condition, improvement of other rotor characteristics (e.g.
1 deg IBC Amplitude) vibration reduction). It should be noted that this

A similar behaviour occurred for the 6/rev input amplitude sweepwas completed at only one IBC phase
function where a reduction was observed for 50 deg angle and may have different results if another phase
and 130 deg. However, there are two further noise angle were considered, for example at the azimuth
reduction peaks. The 6/rev sinus function is so small, position of BVI occurrence (55 deg azimuth).
that if one negative wave is at 50 deg azimuth, a second For all IBC cases which show high noise reduction,
negative wave is within the region from 60 deg to the two microphones on the advancing blade side were
120 deg which always caused an increase of BVI noise traversed in a horizontal plane below the rotor. The
with 2/rev and 3/rev IBC inputs. Therefore, the contour plots in Figure 13 show a comparison of the
efficiency of the 6/rev input is reduced compared to noise directivity of the baseline case with the IBC input
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at 130 deg azimuth. In front of the rotor axis, where 4.2 Reduction of Retreating Side BVI
intensive BVI noise is radiated, noise reductions up to
7 dB can be seen. No reduction was measured in Regarding Figure 9, BVI noise on the retreating

downward direction below the rotor hub. A shift of the side is generated in the region between 300 deg and

BVI noise region, which indicates that the BVI noise is 330 deg rotor azimuth. Results for noise reduction with

not really reduced but only changed in directivity, could 2/rev IBC input on the retreating side are shown in

not be observed. Figure 14. Hereby, the noise reduction is shown versus
the rotor azimuth position of the negative wave on the
retreating side between 180 deg and 360 deg.
IBC inputs lead to a high noise reduction of about 7 dB
at 220 deg azimuth angle. That is the region where the
tipvortex for retreating side BVI isgenerated. However,
at the azimuth position where BVI occurs, no noise
reduction but a noise increase is obtained with

0 IBC input. S...... ........ ......
180

• -2 .. .. .. .. . . . . ......

R .. . . .. . . . .. . . 270 go. . . . .. . . . ......

..... ......o.. .... ....

......... .............. .. .. . ....... ....... ....

" - . . 1....

Baseline "-
-10 .:".'. .......

40.4 0.8 1.2 -
iBa-Ampeitude [deg] 180 210 240 270 300 330 380

Azimuth position of negative wave [deg]
Figure 12: Noise Reduction and Sound Pressure at retreating side

Time Histories versus the IBC Blade Pitch
Amplitude (2/rev IBC input, negative wave Figure 14: Reduction of Retreating Side BVI noise
at 130 deg azimuth) (2/rev IBC input)

Baseline with 2/rev If the IBC phases for the best noise reduction on
without IBC IBC-input advancing blade side are considered (Figure 1 Oa), the

input function with a negative wave at 130 deg azimuth
"position has a corresponding negative wave on the

24.6 retreating side at 310deg. The very successful
IBC input on the advancing side leads to a noise
increase on the retreating side. In contrast to the

16.4- I second phase angle with a noise reduction on the
advancing side at 55 deg azimuth the corresponding
negative wave on the retreating side at 235 deg also
shows a reduction of the retreating side BVI noise.

4.3 Comparison with HHC Noise Measurements

_ RtrFigure 15 shows a comparison between the
Rotor full-scale IBC noise measurements and the small-scale
Hub HHC noise measurements acquired at the DNW5. As

-8.2 -,._ the actuators in the DNW test were arranged in the
-1= non-rotating system, only the 3/rev inputs can be

I o-compared. The microphone locations on the traverse
00 "1 115 system of the full-scale test were designed to match

112 the earlier DNWtest increased to account forthe model
scale differences. Additionally, wind tunnel corrections

Figure 13: Traverse Sweep on 109 were applied to account for the closed test section of
Advancing Blade Side 106 the NASA full-scale test and the open test section of
(2/rev IBC input, negative the DNW wind tunnel Finally, the blade torsional
wave at 130 deg azimuth 103 behaviour of the DNW model scale rotor was
angle, 1 deg amplitude) -- determined to adjust the phase input to the blade tip.
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A similar noise reduction behaviour can be Figure 17showsthenoisereductionforthe60 deg
observed for both tests. The two azimuth positions pulse as a function of the azimuth position of the pulse.
where noise reductions occurred for the DNW test, Note that there is no correlation with the vortex
60 deg and 120 deg, were slightly different then the generation location nor the BVI location discussed
two positions indicated in the full-scale test. Although earlier. This was expected due to the effects of the
both tests were conducted starting from the same blade torsional behaviour on the blade tip described in
helicopter flight procedure, the resulting flight condition Chapter 3.3.
in the wind tunnels were not exactly the same for the
NASA Ames test and the DNW test which is probable
caused by different wind tunnel corrections. If the flight Is. ......... ........
condition chanes, measurements of the BVI noise .. ..... 'N', "d, pulse
characteristics' have shown that the BVI region also . ........... 0-deg pulse

shifts.

HHC test result . . ..... . .. .
(DNW test), • ................. .. ............ .. .. .. .. "".. ............ .. ........ .. .... ;. , .... 3 0.

20. 90' 18W* 270'38

S." "Rotor azimuth position [deg]"C o
S.. Figure 16: Definition of Multi-harmonic Input

.5 -2 Functions (pulse at blade root or wavelet
S. . .. at blade tip) Compared to a 2/rev Single
? -A Frequency Input Function

.IBC test result (NASA Ames test) " . Pulse input 60 deg width

0 30 60 90 120 150 180

Azimuth position of the negative wave .-

Figure 15: Comparison of the NASA Ames IBC tests 0
with DNW HHC tests (input mode 3/rev -
with 1 deg amplitude, both tests aiming at 0 2
a 6 deg descent flight condition at 33 m/s
speed) 2 -3

5. Multi-harmonic Input Functions .5 a" g Ia!f* sid rteig blade side

A major advantage of the IBC system is seen in - . . ........
the capability to introduce combinations of harmonics 0 30 60 90 120 150 180 210 240 270 300 330 380

starting at the 2/rev input mode. Special blade pitch Azimuth position of the pulse

functions can beformed by Fouriersynthesis. One idea Figure 17: Noise Results by Input of a Pulse at Blade
was to generate a pulse which changes the blade pitch Root
only over a small azimuth range whereas the blade
pitch over the rest of the rotor disc is not affected. The The noise results of the pulse input are more clear
Fourier coefficient were determined for a pulse with an if the pitch angle on the blade tip is regarded. The
azimuth width of 60 deg. This 60 deg pulse shows a highest noise reduction was obtained for a pulse input
large overshoot due to a limitation on the number of at 350 deg azimuth angle: The corresponding blade
harmonics available. With respect to the good results pitch curves of root and tip analysed from the blade tip
obtained by2/rev singlefrequency input, another pulse accelerometers are shown in Figure 18. The pulse
was defined with a 90 deg azimuth width. This pulse function contains two negative pitch motions in 1st and
would be similar to a half wave of the 2/rev single 2ndquadrants ofthe rotordisc. This was shown forthe
harmonic, with only little overshoot in the remaining single-harmonic input to generate a reduction of BVI
270 deg. Both pulses are shown in Figure 16 noise. If a pulse at 70 deg azimuth is considered
compared to a second harmonic single frequency (Figure 19), the blade pitch motion contains adecrease
input, in the pitch mainly around 90 deg azimuth range. This

was found for the single frequency inputs to lead to an
increase in the BVI noise (Figure 10).
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__The effects of the IBC wavelet input on the BL-SPL
for microphone 1 are summarized in Figure 21. It

Pulse on blade root shows results for the 60 deg width and the 90 deg
.. . .width. Noise reductions were found in the 1st and the

2nd rotor quadrant which corresponds well with the
* .o. .results of the single frequency inputs. However, the

- "reductions were not as high as expected and additional
reduction occurred at other azimuth positions. Further

Re-1 u ing .. study on the wavelet inputs through examination of the
:blade tip accelerometers helps to explain the low

Sat blade tip success of the wavelets (Figure 22). It can be seen that
!P -2 "....... Tthe desired wavelet is not transferred to the tip as

expected. The negative peak is nearly at the correct
-3 L--4• azimuth positions, but there are high overshoots and
o 30 60 90 120 150 180 210 240 270 30o 30 360 peaks at other azimuth positions which indicate that

Rotor azimuth angle [deg] the blade torsional behaviour is much more complex.
The overshoots are probably caused by inter-harmonic

Figure 18: Blade Pitch Curve at Blade Root and Blade coupling: Recent analyses showed, that by intro-
Tip for a Pulse Input at 350 deg azimuth duction of one harmonic input, the neighbour
angle harmonics are also excited at the blade tip.

Pulse on blade root................. 
3

Wavelet go deg width

20

S. - 2

MResulting fnction. /
1•R•3 Wavelet 60 deg width0m -2 "". "".".,' at bladetUp• ";..
Z

0 30 6O 90 120 150 180 210 240 270 300 330 360 -5 In blad side retreating blade side

Rotor azimuth angle [deg] R . I ..... ....
0 30 60 00 1 20 150 100 210 240 270 300 330 360

Figure 19: Blade Pitch Curve at Blade Root and Blade

Tip for a Pulse Input at 70 deg azimuth Azimuth position of wavelet

angle Figure 21: Noise Results by Input of a Wavelet at
Following the idea to correlate all input functions Blade Tip

tothe outer region of the blade where BVI is generated,
the multi-harmonic input at the blade root was modified ISO
in a way to get a pulse function at the blade tip. This
input, which then was called a "Wavelet", is shown in 270

principle in Figure 20. The dynamic behaviour of the 2 ........ .... ...............
blade is taken into account as derived from the blade Baseline
tip accelerometers (see Chapter 3.3). ' without IBC A

• .1 .. .... .... .- , - - -..----. , ....... I ,) A , .0

iv vl V .a-
Input function Resulting blade pitch ............ ...............
at blade root function at blade tip M)

Phase and Amplitude shift due to

I Wavelet at 90 deg Wavelet at 270 deg
torsional blade behaviour -3 . i i

0 90 180 270 360
Rotor azimuth [deg]

Figure 20: Definition of the Input Function at Blade

Root Including the Phase Shift to Blade Tip Figure 22: Analysed Blade Pitch Curves at Blade tip
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6. Flight Condition Variation
Tip path plane = 3 deg Tip path plane = 5.5 deg

Up to now, the data presented has been for one 60 ita 3 el p pln 5
flight condition, selected because of its high BVI noise. 40 ...... .............. .....................
The effect of a change in the flight condition was also 20 ...... ...
simulated by tilting the rotor tip path plane. Two L' A '
different IBC inputs were tested with variations in the 0
tip path plane angle. These were a 2/rev input with the -20 ..... -.-.-.-...... ..
negative wave at 55 deg and a 2/rev input with the 4
negative wave at 130 deg. Both inputs showed high
noise level reductions at the initial tip path plane setting so ._._of 2.9 deg, which corresponds to a BO 105 descent I IBC-6nput at55eg az
flight with 6 deg glide path angle. 40 ............................... ..............

The difference between the baseline case and the 2 20 ................. • ...-
2/rev IBC condition for a variation in the descent flight o
path is presented in Figure 23. If the rotor control and C,
the IBC control conditions are maintained, the IBC input r.-20
may have a negative effect on noise emission: At .40 ....................
5.5 deg tip path plane, a negative blade pitch input atb _ _.-..-,--

130 deg azimuth increases the noise by 4.5 dB. 60 IBC-nput at 130 deg azimutha

It is assumed that the wake field is changed in a 40 ......................... .........
way which may reduce the miss-distance between 20 ..........................................
blade and wake. High BVI noise is then generated in
a flight condition which normally shows lower BVI. The 0 v- %. TT IV
theory is supported by sound pressure time histories, -20 ........................
presented in Figure 24. At 3 deg tip path plane, strong -40 ..................... ....................
BVI noise peaks are generated in the baseline case
which are significantly reduced by the IBC system. At -601 0

5.5 deg tip path plane, lower BVI noise can be seen in Rotor revolu0tion
the baseline case. However, with IBC input at 130 deg,
the BVI peaks increase strongly. Figure 24: Pressure Time Histories with and without

IBC for two flight conditions and twoThe measurements of the tip path plane variations different IB0 input Phases (IB0 Amplitude
clearly show the need for a closed loop control system 1 deg, Microphone 1 at Park Position)
in order to guarantee an optimum noise reduction
during alternating flight conditions. 7. Noise Results of IBC Flight Tests

A similar IBC system, designed and manufactured
by ZF Luftfahrttechnik was flight tested in 1990 and

+ 1991 on a BO 105 helicopter. It represented the first
flying four-bladed helicopter with the blades
individually controlled. For safety reasons, the control
authority, the flight velocity, and the loading factor were

F 4 Input at :55 deg azimuth: limited during the test. In addition, the harmonic modes
130 deg azimuth BVI i iae were limited from 2/rev to 5/rev in order to reduce the

Iicrease number of free control parameters.
0 optimized The flight tests aiming for noise reduction were

2 IBC-Input . performed by applying only a 5/rev control. Based on
..the DNW wind tunnel tests5, the 5/rev mode was veryI 4 promising as it showed a smooth behaviour. During the
*- flight test, the helicopter performed a descent flight with

a velocity of 33 m/s and a glide path angle of 6 deg
8 • over a ground microphone. This was the same flight

-l10 , _, _; ___, condition as the nominal IBC condition in the wind
0 1 2 3 4 5 6 tunnel, except that in the wind tunnel, the controls were

Tip path plane angle 6 TPP [deg] trimmed for zero hub moment. Due to the necessary
repeats of the flights in order to get an average noise

Figure 23: Noise Radiation Versus Tip Path Plane level, the small number of test points required a
Angle with two Fixed IBC Settings (1 deg considerable long testtime, especially if compared with
Amplitude, Microphone 1 at Park Position) the IBC wind tunnel test.
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Figure 25 shows the noise radiation presented in 8. Effect of IBC Input on Noise and Vibrations
the same way as the IBC wind tunnel test results. The
highest noise reduction are obtained at an azimuth of Although not in the scope of this paper, the
about 120 deg. It can be noted that a small noise question of the combined effect on noise and vibration
increase was measured at 100 deg. The shape of the with IBC should be broached. First measurements of
noise radiation versus IBC input confirms the noise and vibrations with higher-harmonic control4'16

behaviour measured in the wind tunnel test, where indicated that noise reduction is related to a vibration
noise reductions occurred for a negative wave of the increase and vice versa.
IBC input in the 60 deg and 120 deg regions. The noise The effect of a 2/rev IBC input versus the azimuth
radiation time history is presented in Figure 26. The angle of the negative wave on BVI noise emission and
BVI noise was reduced by about 4 dBA during flyover, vibratory loads is shown in Figures 27 and 28 for the
The successful reduction of noise impulsiveness can low speed 6 deg descent flight condition. On positions
be seen from the change in the signal pattern of the where high noise reductions were observed, vibratory
sound pressure time histories. loads are at least in the same level as the baseline.

18 deg Some components like the rolling moment and the
5 1 - lateral force even increase significantly. On the other
4 . ........ :...... ................. side, vibrations are lower if the negative IBC input is
3. ......... .positioned on an azimuth region where BVI noise is

... ............... increased.
2 . ... ... .. .. :'.': 0 deq~~i

=• i .. .. • .. . !i~i#•.......... .... ; i. .. .•. . . .

8. 16000
7 . moment-.... .'.. ............ 0 .......... -1.40

............... -Yaw moment .......

............ 4,000
o -- ....... ... ..... .10o

.~~~~~. . ..... ....... ............ ... .........
Figure 25...: Noise: Measurement Results...:............. . 4To .e-. ..... .... t.hm•om.nt........ . 3 ........ ...... . . 00

cenerine m crpo.r" 100
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A STUDY OF BLADE-VORTEX INTERACTION AEROACOUSTICS
UTILIZING AN INDEPENDENTLY GENERATED VORTEX

C. Kitaplioglu* and F.X. Caradonna+
NASA Ames Research Center
Moffett Field, California 94035

USA

Abstract

This paper presents results from an experimental study of rotor blade-vortex
interaction (BVI) aerodynamics and acoustics. The experiment utilized an
externally generated vortex interacting with a two-bladed rotor operating at
zero thrust to minimize the influence of the rotor's own wake. The rotor
blades were instrumented with a total of 60 absolute pressure transducers at
three spanwise and ten chordwise stations on both the upper and lower
surfaces. Acoustic data were obtained with fixed near-field microphones as
well as a movable array of far-field microphones. The test was carried out in
the acoustically treated test section of the NASA Ames 80- by 120-Foot
Wind Tunnel. Several parameters which influence BVI, such as vortex-rotor
separation distance, vortex strength, and vortex sense (swirl direction), as
well as rotor tip Mach number and advance ratio, were varied. Simultaneous
measurements were obtained of blade surface pressure distributions, near-
field acoustics, and far-field acoustics during the vortex-blade encounters.

Nomenclature

c blade chord
R rotor radius
ctv vortex generator angle of attack
zv vortex location relative to rotor plane
x, y, z coordinate system centered on the rotor hub
Sazimuth angle measured positive in direction of rotation; V=0

is downstream
* elevation angle measured positive down from rotor plane

rotor advance ratio
Mtip hover tip Mach number

Cp = (p - ps)/0.5*p*VO, 2  pressure coefficient

p density
V. tunnel free stream velocity
p pressure
Ps static pressure
Lp = 20 log 10(P/Pref) Sound Pressure Level (dB)

Pref reference pressure (2 x 10-5 Pascals, unless otherwise
noted)

Xbvi BVI pressure increment

rbvi BVI acoustic amplitude

* Aerospace Engineer, NASA Ames Research Center

+ Staff Scientist, U.S. Army ATCOM Aeroflightdynamics Directorate

Presented at the AGARD Fluid Dynamics Panel Symposium on Aerodynamics and Aeroacoustics of
Rotorcraft, Berlin, Germany, October 10-14,1994.

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin, Germany from 10-13 October 1994 and published in CP-552.
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This paper describes the wind tunnel experiment
Introduction designed to investigate the fundamentals of BVI

aeroacoustics and presents some representative
The interaction of a rotor with one or more of it's blade pressure and far-field acoustic data.
tip vortices can occur in many forms and is a
topic of considerable interest. Such interactions Description of Experiment
are a primary source of rotor vibratory loading.
When the rotor blade and the tip vortex are very The objective of the test was to experimentally
close and nearly parallel to each other the simulate the aerodynamics and acoustics of
interaction is particularly strong (though of short parallel (2-D), unsteady BVI. The main point of
duration) and is a major source of rotorcraft the experiment was to set up a situation that
noise. This type of interaction is usually referred matched, as closely as possible, the simplified
to as a parallel "BVI" (Blade-Vortex Interaction) model of a rotor blade undergoing an unsteady,
and is the subject of this experimental parallel interaction with a vortex. Figure 1, taken
investigation, from Ref. 1, illustrates this simple 2-D BVI

model. To provide independent control of the
A large number of aerodynamic and acoustic interaction parameters, the vortex was generated
computational codes (Refs. 1-5), embodying a separately by a wing tip, placed upstream of the
wide range of physical models of BVI, have been rotor and set at an angle of attack. The rotor was
developed. The aerodynamic models range from operated at zero thrust to minimize the influence
two-dimensional, ideal-flow, "vortex-cloud" of the rotor's own wake/tip-vortex system. The
methods employing conformal mapping relative positions of the rotor and wing ensure
solutions to 3-D, compressible Euler/Navier- parallelism of the interaction. Figures 2 and 3
Stokes CFD methods - with the middle-ground illustrate the experimental arrangement in the
being held by 3-D full-potential CFD methods. acoustically treated test section of the NASA
Acoustic prediction methods are of two types; the Ames 80- by 120-Foot Wind Tunnel. Two
acoustic analogy methods and the more recent similar experiments were previously performed
Kirchoff methods. CFD is also used for acoustics by Caradonna (Refs. 6-8); however, that work
but cannot practically be extended to the far-field focused on the aerodynamic aspects of the
that acoustics is ultimately concerned with. problem and did not include acoustic
Nevertheless, CFD has great potential for measurements because the wind tunnel had
providing input for Kirchoff methods. The choice acoustically reflective walls. The present
between these methods is dependent on the extent experiment extends that work to include acoustic
to which flow-field non-linearity dominates the studies.
solution. Therefore the near-field aerodynamics is
of critical importance both for determining the The major parameters that influence parallel,
essential physics and the type of acoustic method unsteady BVI are vortex strength and sense
that must be used. It is crucially important that (determined by the vortex generator angle of
we develop combined aeroacoustic computational attack, cyv), vortex-blade separation distance (Zv),
methods in which we have high confidence. Such rotor advance ratio (gt), and hover tip Mach
confidence requires validation using the simplest number (Mtip). These were all independently
possible tests. Until the present, however, all controlled.
BVI aeroacoustic tests have involved the use of
full rotor models operating at typical flight A small-scale (7-foot diameter), two-bladed,
conditions. The complexities of typical rotor teetering rotor was used. The blades are untwisted
flows (with wake geometries whose strength and and have a rectangular planform with NACA
locations with respect to the blade are difficult to 0012 airfoil sections of 6-inch chord. The blade
determine) are considerable. We have taken a Reynolds number was of the order of 106.
different approach by performing an experiment
which, rather than operating a rotor under typical The blade surface pressure distribution was
flight conditions generating BVI, creates a measured with a chordwise and spanwise array of
situation that closely resembles the simplified 60 absolute pressure transducers (Fig. 4). Two
geometry found in the most basic CFD codes. In sets of acoustic measurements were made (Figs.
effect, rather than refining the model to account 5-6). Two microphones in the near-field of the
for real world complexities, we have attempted to interaction provided information on the detailed
refine the experiment to reflect the simplest evolution of the acoustic field and can serve to
possible computational model of BVI. If the validate "mid-field" calculations of computational
codes cannot do a good job of correlating with a aeroacoustics and Kirchoff methods. A movable
simplified experiment, there is little reason to array of microphones was used to obtain a
expect good correlation with real flight data with limited (due to time constraints) survey of the
all of its complications, acoustic far-field.
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significant that there is considerable reduction in
An extensive set of data for a combination of the leading edge pressure variations when the
BVI parameters (Table 1) were obtained. A more vortex moves from 0.0 to 0.4 chords away from
detailed description of the experiment and the data the blade. Note that the primary difference in the
acquisition and processing procedures are BVI occurs at-or-before the point where the sign
presented in Ref. 9. of the differential pressure reverses. This is the

early stage of the BVI where the vortex is near
the blade leading edge. The latter stage of the BVI

Results is not greatly effected by the proximity change.
These proximity-induced changes are very

This section presents a detailed discussion of the localized effects as the pressure variations show
unsteady features of blade pressures during the almost no effect of the vortex movement except
BVI encounter. The dependence of the acoustic near V = 1800, where the early stages of BVI
field, as well as the corresponding blade surface occurs. Nevertheless, the externally generated
pressures, on various parameters of BVI will be vortex does have a global effect on the rotor
discussed. Some representative cases of BVI will behavior through its effect on the trim state. The
be presented. rotor is trimmed to zero flapping in order to

consistently locate the blade and vortex with
Blade pressures respect to each other. The control inputs required

for this trim generate a varying rotor lift
Figure 7 shows a typical set of pressure-time together with a wake and the previously noted
histories on the upper and lower surfaces of the rotor-wake interactions. The influence of the trim
rotor blade during a nominally head-on (zero miss state of the rotor on the details of the BVI time
distance) BVI condition (the vortex generator is history is not fully understood at present. This is
set to a position that was determined in previous illustrated by noting the effect of reversing the
flow visualization runs). Data are shown for a sign of the externally generated vortex. We
full revolution, at 0.876R for a hover tip Mach expect that reversing the sign of the vortex
number of 0.712 and advance ratio of 0.197. The should merely cause the upper and lower surface
vortex generator was set to an incidence, (xv, of pressures to reverse places. It is seen in Fig. 9
+12'. It is seen that the flow environment of this that this is not what occurs. Figure 9 shows the
rotor is quite dynamic, in spite of the near-zero upper and lower surface pressure variations
collective pitch. The upper surface of the rotor corresponding to Fig. 8b, but with a reversal of
blade at the 900 azimuth position exhibits a weak vortex sign. It is seen that there are considerable
shock, indicative of supercritical flow. differences between the pressure-time histories
Examination of the data at lower Mach numbers between Figs. 9 and 8b. These differences are
(not shown) reveals that the sharp pressure most prominent at the BVI event, where the
increase disappears, evidence that this is indeed a magnitude of the early stage differential pressures
shock. There is also a weak BVI interaction that are greatly reduced, while the latter stage
occurs near this point (V= 9 0 '). Evidently the magnitudes are greatly increased. It has been
external vortex is inducing enough blade lift proposed (Ref. 10) that this asymmetry of the
variation for the rotor to have a self generated differential pressure with respect to vortex sign is
BVI. However, the most prominent single feature due to an innate asymmetry of the vortex. This is
is the parallel BVI event at an azimuth of 1800. not unlikely, since the vortex is only 4 chords

old at the time of the interaction. In addition,
It is useful to view the pressure-time histories in prominent kinks in the leading-edge pressure
terms of the events at the leading edge. Figure 8 traces only occur for positive (xv - indicative of
shows the time history of the upper and lower the passage of the feeding wake sheet. However,
surface transducers closest to the leading edge for an alternate explanation is that the rotor
nominal miss distances of 0.0 and -0.4 chords collective is non-zero. (The collective was set for
(0.876R, hover tip Mach number of 0.712, zero lift and the magnitude of the collective never
advance ratio of 0.197 and czv=-12°). The exceeded about 0.250.) Itis interesting that all the
usefulness of the leading edge transducers is that differential pressures indicate a negative lift at 00
they usually behave similarly to the other azimuth. This may be indicative of a collective
transducers - but in a more sensitive manner - and offset. However, the important point is that the
the differential pressure is a good indicator of the BVI is a strictly local phenomena. The
lift history. Figure 8 shows that while the significance of a possible collective offset is that
differential pressure is generally not large, except the rotor incidence would not be precisely known
at the BVI, neither is it negligible or particularly at the time of the BVI, which implies extra
smooth. In Fig. 7 we noted the presence of a complication in computational modeling of the
weak vortex interaction at 900 azimuth. In Fig. 8 flow.
(where the vortex sense is reversed) we see weak
vortex interactions at both 900 and 2700. It is
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We will now discuss the salient details of the The effect of the BVI on the chordwise pressure
BVI. Figure 10 shows the time histories of Fig. distribution is shown in Fig. 11 for the same
7 on a greatly expanded scale (from about 1750 to BVI event shown in Fig. 10. Figure 1 la shows
2100). Several propagative and convective events the chordwise pressure distribution at an azimuth
are discernible in these data. When the vortex of about 1760, which is shortly before the impact
reaches the blade leading edge the upper surface of the vortex on the leading edge. At this point
pressures begin an abrupt increase (with the the lift is still quite small but beginning to rise
leading edge having the largest pressure variation, rapidly. Figure 1 lb (V' = 1810) shows the
this variation decreasing strongly with distance pressure distribution near the moment of impact
from the leading edge - events with opposite sign of the vortex center on the leading edge. At this
occur on the bottom surface). The fact that these point the lift is a maximum and begins to drop
particular events occur almost simultaneously rapidly. Figure 1 Ic ( V = 1840) shows the
from leading to trailing edge is indicative of a pressure distribution only 3 degrees later. At this
very rapid propagative event - downstream from point the lift is zero and dropping. The lift
leading to trailing edge - whose propagation continues to drop until V = 1880 (Fig. lId); the
speed is the sum of the local speed-of-sound and entire shape of the pressure distribution is
the local flow velocity. The effect of this first distorted resulting in a significant differential
BVI wave appears to be the establishment of a pressure in the trailing-edge region. This trailing
fairly steady pressure level that persists for some edge loading results in a sharp moment pulse and
duration. The time of persistence is greatest near blade "ringing" that was clearly seen in the root
the leading-edge and is a nearly linear function of torsion strain gages. This point closely
distance from the leading edge. During this corresponds to the point at which the upstream-
persistence interval, several occurrences are seen moving wave commences. After this point we
to move downstream at a slower speed that is of see the re-establishment of circulatory lift and the
the order of the mean flow velocity. For this differential pressure reduces, as does the total lift.
particular interaction this slower event is only Figures Ile and 1 If show the evolution of the
seen on the bottom surface. These events aire chordwise pressure distribution as the "Kutta
associated with the chordwise passage of the wave" propagates upstream. This last point (V =
vortex and vortex-generated flow features. (The 2070) constitutes the termination of the BVI
fact that convective events are not seen equally event. We can define the BVI event as that period
on both surfaces suggests that the vortex miss beginning when the vortex passes the leading
distance may not be exactly zero.) These two edge and ending when the resulting Kutta wave
occurrences were previously noted in the earlier passes the leading edge. These are two easily
tests that were conducted in the Army 7- by 10- identifiable events during which time the blade
Foot Wind Tunnel (Refs. 6-8). However, the turns about 30 degrees of azimuth, which is
present data also show an additional propagative about 3 chords of travel at this radial station. The
event not seen in the earlier tests. At about the vortex is not close to the blade in the latter
time the previously mentioned convective events stages of the interaction, and this explains the
approach the trailing edge a new wave appears - previously-noted lack of sensitivity of these
propagating upstream from the trailing edge. phases of the interaction to miss-distance.
This wave has a fairly broad width and moves
upstream slowly (at the speed of sound minus the The most prominent feature of the BVI event is
convection speed). This wave probably results the rapid pressure jump which occurs at the
from the trailing-edge Kutta condition asserting leading edge. Since the pressure varies from a
itself, either in response to the passing vortex or distinct peak (which occurs when the vortex is at
to the original BVI wave, and propagating that the leading edge) to a subsequent well-defined
information upstream. This secondary or "Kutta "plateau", the magnitude of this change (shown
wave" occurs at the same time and has opposite in Fig. 12 for the bottom surface and for several
sign on the top and bottom surfaces. Because the vortex generator angles-of-attack) provides a
sign is opposite, we believe that this latter wave convenient characterization of the BVI strength.
is primarily a response to the convective wave We have summed the absolute values of these
rather than to the vortex itself. The inviscid effect pressure coefficient jumps for the upper and
of a vortex at a sharp edge is an expansion on lower surfaces, here termed the "BVI pressure
both sides. This wave is weak (compared to the increment or Xbvi", as a simple measure of the
initial BVI pulse) and was not seen in previous BVI. Figure 13 plots Xbvi as a function of
testing - possibly due to flow unsteadiness.
Similar upstream waves emanating from the nominal vortex miss distance for vortices of
trailing edge were recently observed by Obermeier opposite sign. It is seen that for a vortex
and Schurmann (Ref. 11) in high-speed generator incidence angle of +120 Xbvi peaks at
interferometric studies conducted in a shock tube. a miss distance of about 0.125c, in contrast to

the Cav=-120 case which peaks at a miss distance
of Zv=O chord.
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vortex, as well as with the vortex 0.25 blade
Figure 14 is the acoustic field measured by one chord below the blade. These four cases are
of the far-field microphones corresponding to the illustrated in Fig. 16.
blade pressures of Fig. 7, and is typical of the
BVI acoustic data obtained during the test. As Figure 17 shows the acoustic pressure measured
indicated on the figure, the change in acoustic by far-field microphones 2 -5 (Fig. 5) for the four
pressure from the peak of the initial rise to the cases of Fig. 16. These data were obtained with
minimum peak is a convenient measure of the the microphone traverse positioned at 90' relative
BVI acoustic event, which is herein referred to as to the rotor hub (i.e. directly to the retreating side
the "BVI acoustic amplitude, rlbvi". rlbvi is of the hub). Immediately noticeable is the
plotted as a function of nominal vortex miss relative phasing of the pulses due to the
distance in Fig. 15. Consistent with Fig. 13 for differences in source-to-microphone distances.
blade pressures, it is seen that for a vortex Several secondary pulses, which we attribute to
generator incidence angle of +120., rlbvi appears tunnel floor reflections (Ref. 9) are also evident.
to peak at a miss distance of approximately There is a reversal in the sign of the acoustic
0.125c, in contrast to the av=-12° case which pressure pulse corresponding to the reversal in
peaks at a miss distance of Zv=O chord, the swirl direction of the vortex. No major

directivity changes are evident over the range of
elevation angles spained by these microphones.

These observations lead us to believe that the Geometry limitations did not allow positioning
nominal vortex location (otv = +120) is probably microphones at larger elevation angles to better
in error by about 0.1c (for unknown reasons that corroborate acoustic field directivity.
could include errors in the vortex generator
position gage or the blade flap gage). For a There is a noticeable change in the shape of the
vortex generator setting of -121 there was no BVI pulses between head-on interaction and when
apparent anomaly in the vortex location readout, the vortex is below the blade. The pulse shapes
In addition, the maximum Xbvi for av = -12' is for the head-on cases (Cases I and II) display a
greater than that for Cav = +120 (by about 10%). sharper rise to a higher peak which is followed

Similathe maximum bvi for v =12 is by an equally sharp drop. Prior to reachingSimilarly, tambient level, however, the pulse abruptly
greater than that for ctv = +120 (by about 25%). widens. The zv=-0.25-chord cases (Cases III and
The microphones show much greater sensitivity IV), on the other hand, display a more symmetric
to vortex sign than the leading edge surface pulse shape with a more gradual rise than for
pressures. head-on impact.

These observations probably indicate that the As expected, the acoustic pulse amplitudes are
magnitude of the lift of the vortex generator - and much larger for the direct impact cases (Cases I
hence of the vortex strength - is not the same for and II) than when the vortex is below the blade
the two different incidence angle settings. (Cases III and IV). In addition, for head-on
However, it is most significant that the interaction, the pulse amplitude for the av=_12o
proximity trend is very similar for the two case (Case I) is significantly larger than theopposite vortex signs. This indicates that, while Cv=+120 case (Case II). This is not the case
there may indeed be some asymmetry of the when the vortex is below the blade.
vortex or a collective offset, there is an essential
symmetry to the interaction. The ability to
accurately predict the detailed features of the blade Figure 18 shows the corresponding near-field
pressures during BVI presents a challenge to the microphone (Fig. 6) data for the four cases of
analysts. Fig. 16. Microphone 7 was closer to the blade, at

its 180' azimuth position, but at a larger
directivity angle than microphone 6. Fig. 18

Acoustics exhibits several interesting features.

First to be noted is the change in pulse shape
Far-field and near-field acoustic data are presented with vortex swirl direction. The c(v=+120 cases
and discussed for four representative cases of BVI (Cases II and IV) contain a low amplitude feature
for which the tip Mach number and advance ratio at the leading edge reminiscent of thickness
are fixed at Mtip=0. 7 12 and g=0.196, noise. This is not seen in the cxv=-12 0 cases
respectively. The four cases are for interaction (Cases I and III), most likely because, while the
occurring with vortices of opposite sense (swirl BVI pulse has reversed in amplitude with a
direction), obtained by setting the vortex reversal in vortex swirl, the thickness noise
generator wing at +12' and -12° angle of remains unchanged. Their superposition results
incidence, and for head-on interaction with the in the observed pulse shapes. This is more



20-6

pronounced for microphone 7 than for require some variation in the blade incidence in
microphone 6, most likely because of the order to better define the effects of such an offset.
directionality of this mechanism. The presence of In spite of such recognized complications, the
this feature may be the result of the specific test reveals detailed features of the BVI, the
operating state of the rotor near the 1800 azimuth computational duplication of which, will provide
position. a definitive verification of our understanding of

BVI-induced loading and acoustics.

Another interesting feature to note is the relative
amplitudes of the two near-field microphones. Acknowledgments
Whereas for av=-120 (Cases I and III) the
amplitude for microphone 6 is the same or The authors wish to acknowledge the assistance
smaller than that for microphone 7, as would be of Judy Gallman and Casey Burley in the
expected since microphone 6 is at a greater analysis and interpretation of the experimental
distance, for av=+12° (Cases II and IV) results.

microphone 6 exhibits a larger acoustic pulse
amplitude. There is also a noticeable difference in References

the pulsewidths for the two microphones in all
cases. These are most likely the result of the 1. George, A.R. and Chang, S.B., "Noise Due to

complex wave components and their interactions Transonic Blade-Vortex Interactions," American
in the near-field. Helicopter Society 39th Annual Forum, St.

Louis, MO, May 1983.

Summary 2. Brentner, K.S., "Prediction of Helicopter
Rotor Discrete Frequency Noise," NASA TM
87721, Oct. 1986.

This paper presented the results from an 3 Gallman, J.M., "The Validation and
experimental study of parallel Blade-Vortex Application of a Rotor Acoustic Prediction
Interaction. A nominally non-lifting rotor was Computer Program," Army Science Conference,
operated in close proximity to the tip-vortex Durham, gra, Army 1990.
generated by an upstream wing - thus simulating Durham, NC, June, 1990.
a very simple parallel BVI. Simultaneous rotor
blade surface pressure and near- and far-field 4. Xue, Y. and Lyrintzis, A.S., "The Use of a

acoustic data were obtained for a range of vortex Rotating Kirchoff Formulation for 3-D Transonic

miss distances, rotor speeds and vortex strengths. BVI Far-Field Noise," American Helicopter

It was found that the rotor, though nominally Society 49th Annual Forum, St. Louis, MO,

non-lifting, actually generates a non-negligible May 1993.

wake of it's own and that the behavior of this
wake, in response to the external vortex, is not 5. Baeder, J.D., "The Computation and Analysis

simple or well understood. Many detailed features of Acoustic Waves In Transonic Airfoil-Vortex

in both the blade pressure and acoustic data were Interactions," Ph. D. Thesis, Stanford

identified and discussed. These include the University, Sept. 1989.

presence of a downstream, and a much weaker
upstream, wave on the blade surface. However, 6. Caradonna, F IXv, Laub, G.H., and Tung, C.,

the primary BVI event is prominent and quite "An Experimental Investigation of the Parallel

localized with no obvious coupling to other rotor Blade-Vortex Interaction," 10th European

events. It is possible to define simple interaction Rotorcraft Forum, The Hague, Netherlands, Sept.

parameters (both in the surface pressures and 1984.

acoustic signals) that characterize the BVI and 7 Caradonna, FX, Lautenschlager, J.L., and
give well-defined trends for the BVI behavior as a Silva, M.J., "An Experimental Study of Rotor-
function of operational quantities, especially the Vortex Ieco," AxAArPaer No. 88-
miss-distance. These parameters indicate and Vortex Interactions," AIAA Paper No. 88-0045,
provide a measure of possible miss-distance AIAA 26th Aerospace Sciences Meeting, Reno,

errors, thus guiding the choices of geometry NV, Jan. 1988.

variations that will have to be made in future 8. Caradonna, FX, Strawn, R.C., Bridgeman,
computations. Study of the leading-edge surface J.O., "An Experimental and Computational
pressure variations indicates a prominent load Study of Rotor-Vortex Interactions," 14th
asymmetry behavior with respect to vortex sign. Eurof Rotor-rtex in ons, 14t.
There is a corresponding asymmetry in the European Rotorcraft Forum, Milano, Italy, Sept.
resulting acoustic field. There are several 1988.
potential explanations of this asymmetry, of
which the simplest is the possible presence of a 9 Kitaplioglu, C. and Caradonna, FX,

collective offset. Future computations, may "Aerodynamics and Acoustics of Blade-Vortex



20-7

Interaction Using an Independently Generated 1919, 12th AIAA Applied Aerodynamics
Vortex," American Helicopter Society Conference, Colorado Springs, CO, June 20-23,
Aeromechanics Specialists Conference, San 1994.
Francisco, California, Jan. 1994.

11. Obermeier, F. and Schurman, 0.,
10. Bridgeman, J.O., Ramachandran, K., "Experimental Investigation on 2D Blade-Vortex-
Caradonna, F.X., and Prichard, D., "The Interaction Noise," AIAA Paper No. 93-4334,
Application of Vorticity Embedding to Parallel 15th AIAA Aeroacoustics Conference, Long
Blade-Vortex Interactions," AIAA Paper No. 94- Beach, CA, Oct. 25-27, 1993.

TABLE 1 - TEST MATRIX

Mtip J1 __v

0.7 0.2 -120, +120, +60

0.6 0.1 -120,+12°

0.15 -120,+120

0.2 -120, +120, +6

0.5 0.2 +120

0.4 0.2 -120, +120

0.25 0.2 -120, +120
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(TWO-DIMENSIONAL CASE) SIDE VIEW

Figure 1. Analytical model of parallel blade-vortex interaction

Figure 2. BVI experiment in the NASA Ames 80- by 120-Foot Wind Tunnel
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Figure 4. Blade pressure transducer locations (not to scale).
Identical locations for upper and lower surfaces.
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Figure 5. Far field microphone positions (not to scale). Elevation angles are relative to the rotor plane.
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Figure 6. Near-field microphone positions (not to scale)
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Figure 8. Leading edge pressure variations induced by parallel BVI. Mti 0.71, A. 0.2,
av= -12', r/R = 0.88, x/c = 0.02.
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Figure 9. Leading edge pressure variations induced by parallel BVI. Mtip =0.71, 4. 0.2,
av= + 120, r/R = 0.88, x/c = 0.02.
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Figure 16. Four BVI configurations
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External Noise of Single Rotor Helicopters

V.F.Samokhin,
Aerodynamic Division,

Central Aero-Hydrodynamic Institute (TsAGI),
Moscow, Russia.

M.G. Rozhdestvensky,
Aerodynamic Division,

M.L.Mil Moscow Helicopter Plant, Design Bureau,
2,Socolnichesky Val

Moscow107113, Russia.

SUMMARY LIST OF SYMBOLS

Intensity, acoustical radiation spectrum, as f frequency
well as single-rotor external noise level are Af frequency range
analysed in the paper based on the experimental
data obtained from testing actual helicopters. M9 0  advancing blade tip Mach number
The helicopter acoustical far-field is shown to be
a superposition of the main and tail rotor fields.
The external noise spectrum measured on the External noise level of all the civil
ground contains discrete and broadband helicopters under development is
components. Discrete component frequencies restricted to the limiting values,
are multiples of the main and tail rotor passage established by international [1] and
frequencies and fallwithin the frequency ranges
20-160 Hz and 100-500 Hz respectively, national [2] standards. In order to
Continuous spectrum radiation can be seen implement these regulations in
within the whole sound frequency range, but practice the acoustic characteristics of
the maximum intensity is registered at 500- helicopter prototype are under control
3,000 Hz frequencies.

It has been found out that the intensity of the through all the design stages and
helicopter acoustical radiation in the direction operational tests. In this connection the
corresponding to the maximum external noise analysis of helicopter noise sources and
level and the power required by the main and evaluation of the methods of acoustic
tail rotors change according to the same emission intensity reduction are very
law. The helicopter acoustical field is topical. This paper presents the major
asymmetric relative to the vertical plane running
through the longitudinal axis of the aircraft. results of acoustic studies on multi-

The helicopter external noise level measured bladed (more than three main rotor
in PNdb has been found to be defined by the tail blades) single rotor helicopters, which
rotor acoustical radiation with a discrete are being produced and operated in
frequency spectrum within 100-500 Hz and the
continuous spectrum radiation within 500-3,000
Hz. Study of helicopter aerodynamic

The tail rotor configuration is shown to noise sourses has started in the sixties
affect the helicopter acoustic response. and was based on the results of
Experimental studies of the external noise investigations of propeller noise and
produced by the same helicopter first equipped vortex noise of a fan [3,4]. Basic
with a tail rotor with symmetrical layout of the
blades and then with an X-shaped tail rotor mechanisms of helicopter main rotor
have allowed to establish that its tail rotor is the (MR) noise generation have been
dominating source of the helicopter broadband defined in the very early papers on this
noise.The X-shaped tail rotor has allowed to topic [5]. A large number of
reduce the helicopter noise by 3-5 PNdb in experimental and theoretical studies,
level flight. carried out in the seventies and eighties

and partly presented in the reviews [6 &
7], was devoted to investigation of
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specific components of two-bladed main example. In the physical sense these data
and tail rotor (TR) noise with are very approximate because they were
continuous and discrete sound pressure calculated under the assumption that
spectrum frequencies. Some results of the general acoustic field is symmetrical
external noise study of a helicopter with relative to helicopter longitudinal axis.
multi-bladed main rotor are examined However, as these data were obtained
in the monograph [8]. basing on the measurements of sound

Far-field helicopter acoustic field pressure spectrum under helicopter
is a superposition of the main and flyover path, they give a correct
tail rotor acoustic fields and acoustic qualitative picture of the influence of
fields of the engine, gearboxes and flight speed on the amount of acoustic
transmission. In the general sound energy emitted towards the ground. As
pressure spectrum, measured on the results from the data presented on Fig.2,
ground, there are components of the main rotor blade passing frequency
noise emission with discrete , and emission dominates in the general
broadband spectrums ( Fig.l). Pure helicopter acoustic emission power at
tones are divisible to the main and tail the 10-1,000 Hz frequency range,
rotor blade passing frequencies and are compared to the portion of broadband
located in 20-160 Hz (MR) and 100-500 emission in each of the one third of
Hz (TR) frequency ranges. Broadband octave frequency bands. With the flight
frequency spectrum radiation is speed increase and corresponding
displayed through all noise frequency increase of the advancing MR blade
range, but the greatest intensity is Mach number (Mgo), the comparative
registered in 500-3,000 Hz range. Fig.l importance of the main rotor first
shows two typical helicopter noise harmonics emission also increases. The
spectrums, measured under the function of general acoustic power level
helicopter flight path at the moment of versus Mach number is not a monotone
maximum perceived noise level on the one. When the Mach number M9o is
g-round(T=TPNTM . Upper plot below 0.78, the general level of

harmonic acoustic power reduces with
corresponds to a mean sound pressure the flight speed increase; when the
spectrum in the narrow frequency bands Mach number exceeds 0.78 (M> 0.78)
(Af = 12.5 Hz) of the Mi-28 helicopter the energy of harmonic acoustic
with production-type tail rotor. The emission starts to grow sharply. Such
lower one shows instantaneous narrow variation of acoustic emission level is
band sound pressure spectrum ( Af = not observed for broadband emission
12.5 Hz) obtained through a frequency component at low (250 Hz) and high
scale expansion method for 0-1,000 Hz (1,000-2,000 Hz) frequencies. In this
range. It has been done for one of the case energy emission increases
measures of initial spectrum shown on proportionally with Mach number
the upper plot. One can see from the increase with the exponent index of
plots presented that helicopter about 6. On the whole, variation of
acoustic emission, measured by a general acoustic power level and
ground microphone in 1,000-3,000 Hz harmonic components power level

frequency range, doesn't contain any concur with the variations of required
discrete components which level would mechanical power of the main rotor.
exceed the level of continuous spectrum The analysis of various acoustic
components emission. Continuous emission components directivity
spectrum emission dominates in the diagrams shows that the sharp increase
frequency range above 600 Hz. of harmonic emission power level

Acoustic emission power level together with flight speed is caused by
estimation for single rotor helicopters is the growth of harmonic emission
presented on Fig.2 for flyover of the intensity in the main rotor disc plane,
Mi-24 and Mi-28 helicopters, as an which results from the display of
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compressibility effects on the rotor sound pressure spectrums of the
blades. Shockwave effects result in helicopter with different types of tail
generation of impulsive noise radiation rotors (Fig.4) shows that a tail rotor is
at high helicopter flight speed [9]. responsible for helicopter acoustic

Real helicopter flight tests have emission spectrum in a wide frequency
shown that helicopter acoustic fields are range i.e. 150- 3,000 Hz.
not spatially symmetrical neither during
hover, nor in horizontal flight. In hover SPL, dB
and vertical flight conditions this V=0.13
asymmetry is caused by the asymmetry
of tail rotor position, partial shielding of - -o_ ,_,
tail rotor noise radiation by the tail
boom and superposition of acoustic
fields of the two rotors (MR and TR), 'V=0,21
rotating in perpendicular planes. In
horizontal flight conditions (Fig.3) the
asymmetry is explained by the same
factors, however the major effect is due
to asymmetry of acoustic field of. each
rotor, relative to its rotation plane.
Fig.3 shows the values of EPNL
measured on both sides of helicopter V

flight path, 150 meters away from the
ground track.

Harmonic acoustic emission source
can be easily identified by harmonic _

frequency, which correspond either to 7=0,37
the main or tail rotor blade passing
frequency or to the typical frequency of
engine compressor or turbine. The case
of broadband component is somewhat
more complicated, though often [8] that
is the very one component, determining
the value of Effective Perceived Noise I L I__7
Level (EPNL) on the ground. Both 0.05 0.1 0.2 0.5 1.0 2,0 5.0 kHz
rotors (MR and TR) or a turbulent Fig.4. Sound pressure level spectrum
wake behind the helicopter can be the in the one- third of octave frequency
possible sources of such an emission. In band for the helicopter with production
order to identify the broadband tipe (.) and X-shape (o) tail rotor
frequency spectrum noise source, (H=1000m ,=TpNLTm)
dominating in the helicopter external
noise radiation, the flyover noise level of
the Mi-28 helicopter has been measured. The change of tail rotor design
The aircraft versions had two different changes the levels of sound pressure
tail rotors. The initial production one spectral components. One can notice
had three blades in the same rotation that the level of broadband noise
plane. The modified one had four depends on the flight speed. When the
blades installed in pairs in two parallel flight speed changes from low (V = V/CD
planes. Angular displacement of one R = 0.13-0.21) to high (V 0.35-0.37)
pair against the other pair, located in speed conditions, sound pressure in the
the parallel plane, was 36 degrees. Both 600- 2,000 Hz frequency range increases:
production and modified tail rotors had by 10 dB for the helicopter with
the same diameter and tip speed. production TR and only by 3dB for the
Comparison of one third of octave
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helicopter with the modified TR. At the Tail rotor harmonic emission fills
same time, the sound pressure levels in a relatively narrow range in the
the given frequency range for the general helicopter noise spectrum and in
aircraft with the modified tail rotor the frequency range above 600-800 Hz
remain 10dB lower, compared to the the helicopter noise emission spectrum
aircraft with the production TR. becomes broadband for all the
External noise level of the helicopter, directions of noise radiation.
heard on the ground, is reduced by 3-5 Thus, the tail rotor is one of the
TPNdB. main sources of broadband noise,

In the narrow band sound pressure noticeably influencing upon the
spectrums (f= 1.25 Hz), obtained for the helicopter noise perceived on the
frequency range of 0-500 Hz (Fig.5), ground. During the tests performed,
tail rotor harmonics are found in all the the production and modified tail rotor's
considered sound emission directions: operational conditions were equal.
from 7 degrees to the flight direction up Therefore, the reduction of broadband
to 94 degrees. The first harmonic emission intensity of the modified TR,
frequency of the tail rotor noise, taking obtained in tests, in comparison with
into account the Doppler effect, is the production TR, can be resulted
about 36 Hz, which correspond to two- from the pressure pulsation intensity
bladed tail rotor emission at the given reduction, due to specific design features
r.p.m. Thus, the X-shape four-bladed of the modified tail rotor.
tail rotor generates harmonic emission
in the frequency range, like a two-
bladed tail rotor does; in the time range
it emits like two two-bladed rotors with
fixed relative position in the rotor disc.

L.dB o 

-

V V V
V V V V v

80 9 o800 0

60

40

20
0 100 200 300 400 f, Hz

Fig.5. Acoustic emission spectrum of the MI-28 helicopter with X-shape
tail rotor (V=0.324 H=100m q)=340 )

(o - MR harmonics v - TR harmonics)
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SUMMARY two chordlines at 85% and 98% radius consist of sensors
This paper serves to inform the reader about in flight research distributed around the blade section (figure 4) within a lairing
at DRA Bedford on the DRA's Aeromechanics Lynx Control which extends from 80% radius to the tip (figure 1); these are
and Agility Testbed (ALYCAT) using instrumented main and used for validation of the Indicator Method3 , used to derive
tail rotor blades. The paper describes the instrumentation, blade incidence and load.
data analysis techniques and flight test programmes, with the
initial results from recent trials using instrumented main rotor In addition, a tip pitot sensor is mounted within the tip cap to
blades on ALYCAT presented for the first time, and results provide an additional method of relative velocity and sideslip
from the earlier trials using an instrumented tail rotor blade calculation and in flight information.
presented in more detail.

The distribution of sensors was based on experience with the
MAIN ROTOR BLADE TRIALS Puma; they have been grouped to obtain information along

the whole radius, but particularly in the region where most
I INTRODUCTION activity is expected, ie. the outboard 25% of rotor radius. The
The LYNX Research Instrumented Blades Programme 85% chordline enables capture of data over a significant
(LYNXRIBs) programme is one of flight tests and data Mach number range without significant tip effects, whilst that
analysis aimed at the production of an accurate database of at 98% shows such effects clearly.
results to be used primarily for mathematical model
validation. The work is in support of the development of a The SGB instrumentation (figure 5) consists of a radial array
real time aeroelastic rotor model for flying qualities and flight of strain gauge bridges (positions listed in table 2); at each
control purposes. position is situated a bridge responsive primarily to each of

flatwise, edgewise, and torsional motion. The strain gauge
The blade instrumentation and development of analysis responses are synthesized with those obtained for a set of
software has been a natural progression of the Puma General non-rotating calibration modes, to obtain modal proportions
Purpose Research Instrumented Blade (GPRII3)programmel -, used in turn to obtain the blade displacements from those of
from which much was learned about both instrumentation and the same calibration modes through Strain Pattern Analysis
analysis techniques. (SPA)5.

The new Lynx blade instrumentation was completed in March 3 ANALYSIS SOFTWARE
1992, and the first phase of the flight trials programme was The Research Instrumented Blade Analysis (RIBAN) package
completed in May this year. was developed for the GPRIB programme, and includes the

Indicator Method and SPA. Most of the programs have
2 INSTRUMENTATION undergone significant changes so as to operate with either
The instrumentation to obtain the required data is situated on LYNXRIBs or GPRIB data.
two standard Lynx metal main rotor blades, known as the
Pressure Instrumented Blade (PI13) and the Strain Gauged The package consists of three main stages:
Blade (SGB). The data from the P113 is used to obtain blade
incidence and load data', while the SOB is used to obtain data (i) Preparation - the desired timeslice of data is processed to
from which to synthesize blade displacements"'-. In addition, produce local blade velocities, displacements (through
the airframe and controls are also instrumented to provide SPA) and pressure coefficients.
body motion, control position and relative velocity data6 . (ii) The local pressure coefficients and Mach numbers are

processed to produce normal load and nionient
The PIB instrumentation, shown in figure 1 consists of 3 main coefficients and incidence (Indicator Method).
groups of pressure sensors: a leading edge array, a trailing (iii) The local incidence is combined with the local velocity
edge array and two chordlines. The leading edge array, and displacement data to derive the components olNlocal
consisting of sensors mounted on the surface of the blade at incidence, including downwash.
2% chord within a thin fairing (figure 2 and listed in table 1)
are used for incidence derivation, whilst the trailing edge The major differences between the Puma and Lynx analyses
array, consisting of sensors mounted on the blade surface at are:
985 chord (figure 3 - radial positions are as for the leading
edge array) are for detection of trailing edge separation'. The (i) There are no articulated blade data for the Lynx; it has
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a semni-rigid rotor head and thus all blade flap and lag though not all T, values are available over the full range of
displacements result from elastic motion. M. The range of values which can be covered are indicated

(ii) The Lynx blade has a linear variation in section with in figure 7; the relevant limits of applicability for the I.ynx
radius; RAE9618, RAE9615 and ILAE9617 are the Mk7 at DRA (B) are indicated and are also outlined in table
defined sections at 15.6%, 85% and 100% radius 3. the method of achieving these conditions is outlined in
respectively. A separate aerodynamic look-up table for reference 6. Figure 7 indicates how the method was
the Lynx is therefore necessary. performed, but a program on a portable computer carried on

(iii) A review of SPA has highlighted some required the aircraft was used to aid rapid calculation of the
improvements to the method; these improvements are conditions. About half of the required test points were
included in a new version of the program specifically for completed up to May 1994.
the Lynx data.

The manoeuvring flights contain open loop flight conditions
The two major areas of work undertaken specifically for Lynx as in the following:
data are described below:

(i) low speed transition manoeuvres;
3.1 Aerodynamic look-up tables (ii) in ground effect (IGE) level flight;
Aerodynamic look-up tables for the RAE9617 and RAE9615 (iii) transient turns;
sections have been produced from data measured for RAIE(F) (iv) roll and pitch oscillations in hover;
by ARA'; the data for RAE9615 is shown in figure 6. (v) roll reversals;
Together, they only cover two specific blade radial stations, (vi) transient pitches.
and although interpolation could provide tables for
intermediate stations, this would still only provide data at, and The control input part of the flight tests is designed to provide
outboard of 85% radius. Further tables have been constructed closed loop data to cover a range of response frequencies
from data calculated using the BVGK program' at DRA(B); (input frequencies up to 4 Hz), using the following:
correlation with the measured data has indicated that
interpolation between calculated data for 35% and 98% radius (i) step inputs;
(the inner- and outermost radial positions) does provide (ii) doublet inputs;
satisfactory look-up table data for all the radial positions. (iii) 3211 inputs;

(iv) frequency sweeps.
3.2 SPA enhancements
The lack of rigid blade flap and lag motion on the Lynx main These types of control inputs (the first 3 of which are used in
rotor means that the SPA process forms a very important part any of the three controls) have been used extensively in the
of the RIBAN analysis. Improvements to SPA resulting from past for model validation and system identification; their past
an independent study conducted at Bristol University have use at DRA(B) is described in references 9 and 10. The
been incorporated into a Lynx version of the SPA software, collective step inputs performed in May 1994.
Delays in the flight programme enabled this study to also
include the simulation of alternative methods of performing 4.2 Flight database
the SPA calibration of the SGB (including error analysis). A database has been set up to store all kneepad flighl test
The results of this study indicate that there will be much point data, and statistical data calculated from the outputs of
improved confidence in the use of this method of obtaining the on-board data acquisition system. This enables a user to
blade displacements. rapidly recall flights already performed for specific test

conditions for his analysis, thus maximising the value of the
SPA calibration of the SGB was performed at DRA(B) by the originally recorded data. It is anticipated that all such data
Dynamics and Control Research Group, Engineering from the LYNXRIBs programme will be input in this way.
Department, University of Manchester in February 1994.

5 INITIAL RESULTS
4 FLIGHT PROGRAMME Examples of some initial results are given in figures 8 and 9.

The examples chosen are those which best indicate the type
4.1 Flight conditions of information previously unavailable from the Puma research
The flight conditions required for the model validation consist programmes. Figure 8 shows chordline plots of pressure
of steady flight, manoeuvring flight and control inputs, coefficient, C,, from both flight test and the ARA wind tunnel

tests used by the Indicator Method, for identical aerofoil
The steady flight conditions are: sections, at the 85% radius position, and similarly in figure

9 for 98% radius. In addition to the chordline plots, the

(i) hover; normal force coefficient CN and moment coefficientul C,
(ii) straight and level; integrated from these C. distributions are also displayed for
(iii) level turn; the rotor revolution in question; the azimuth position relating
(iv) climb and descent; to the chordline plots is indicated by a vertical line.

over the range 0.06<T,<0.12 and 0.6<M,<0.7 (thrust The two sets of pressure coefficients are related by nuillched
coefficient/solidity and mean tip Mach number respectively), Mach number and 2% chord CP value; the similarity of the
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two distributions then gives some indication as to the validity The bulk of the data analyzed to date has been that recorded
of the Indicator Method. in the hover and during constant velocity sidestep

manoeuvres. Approximately 300 of the 1270 test conditions
The 85% radius distributions show generally good agreement; recorded have so far been inspected. The data has proved to
it should be noted however, that as indicated from oscillatory be of a contemporary high quality, free from excessive drop-
aerofoil tests, some differences from predicted unsteady outs and noise, easily justifying the time taken in setting up
effects are expected. At 98% radius some differences occur; the instrumentation prior to the trial.
there is a reduction in CN , (the so-called 'tip loss'). This is
represented by a loss in C,, difference between the upper and Even in a steady flight condition, the tail rotor flow field
lower surfaces towards the rear of the section. Relative varies from revolution to revolution. In order to develop a
forward loading in these conditions is to be expected, but the detailed understanding of the factors affecting the tail rotor it
results show it to be almost entirely a reduction of loading at is necessary to analyze the data from many revolutions for
the rear of the section with only a marginal increase at the each test condition. With so much data to study, a semi-
front of the section. automated analysis routine was created to produce a standard

set of 7 plots from each test case, summarising the
The analysis of these data is in its early stages, but it is information contained therein. These plots did not contain
already becoming apparent that there are some interesting sufficient information for the interaction mechanisms to be
features to be observed, the importance of which, in a determined, but allowed the low speed flight envelope to be
handling qualities modelling context, are yet to be divided up into regions where similar features in the data had
ascertained. been noted, figure 12.

TAIL ROTOR BLADE TRIALS Both frequency and time domain techniques were employed.
Study of the signal from each leading edge pressure sensor

6 INTRODUCTION for each flight condition revealed differences in the data. It
The characteristics of the helicopter models used for flight was found that the relative proportions of the main rotor
simulation typically fail to replicate the major non-linearities frequency content of the leading edge pressure data varied
evident in helicopter yaw handling and control in low speed with flight condition, thus allowing the regions shown in
flight. The symmetrical yaw pedal margin plot generated figure 12 to be identified. Examinations of the data in the
using the DRA IIELISTAB program, as described by time domain using statistical techniques complemented this
Padfield", compared with the very asymmetric margin process. Only when specific flight conditions were selected
observed during flight trials with ALYCAT, figure 10 and for in-depth analysis to determine the interaction mechanisms
figure 11, demonstrate the magnitude of the problem. was a revolution-by-revolution study of the data made. This

time dependency in some aspects of the interactions made
This failing is not unique to HELISTAB and, in the main, is dynamic graphics a most useful tool. The animation technique
due to a universal lack of understanding of the many employed was as discussed in Ellin' 5 .
interactional mechanisms that affect helicopter tail rotor
performance. Consequently, there is a dearth of information The detailed mechanisms determined for the main/tail rotor
on how to model the effects of these interactions in the interactions will be described in the next section.
simulator. One of the aims of the DRA tail rotor strategic
research programme was therefore to provide data that would 8 INTERACTIONS
lead to an improved understanding of these mechanisms. The
factors affecting tail rotor performance could then be 8.1 Variations in Tail Rotor Loading Distributions in
modelled in a manner compatible with the constraints of real Hlover
time simulation. Generally, the presence of a main rotor interactive effect on

the tail rotor can be detected by inspection of the blade
Two flight trials were carried out, one with a Pumai=, the leading edge pressure sensors' signal frequency coitent.
other with ALYCAT". This paper represents the outcome of Analysis of the data reveals frequencies of IR or, more
the initial analysis of the ALYCAT data and discusses commonly, 4R and their interference frequencies with the tail
mechanisms and the features observed, rotor nT ± 4R (where R and T are the main and tail rotor

rotational frequencies respectively). An exception to this
7 INSTRUMENTATION AND DATA ANALYSIS general rule occurs in and around the hover. In these
The instrumented tail rotor designed and manufactured for conditions, even though the main rotor wake does not cut
ALYCAT was fitted with arrays of lcading edge and trailing across the tail rotor, it passes close enough to the disc lending
edge pressure sensors for use with the Indicator Method of edge to distort the tail rotor blade tip vortices nearest to the
blade loading estimation'. This method has been successfully main rotor wake so that they lie outboard of the tip (i" the
employed by the DRA for main rotor research and has been following blade. The restltant gap in the otherwise
fully described by Brotherhood and Riley"4 and Brotherhood'. axisymmetric ring of high leading edge pressure coefficient,
The design and manufacture of the blade and the subsequent C, and thus high blade loading is shown in figure 13.
conduct of the flight trail has already been reported on by Negative C. is conventionally plotted as its increase results in
Ellin,5 . a rise in blade incidence and loading. The tail rotor pressures

are not affected by any cyclical variation in the main rotor
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wake in this condition, hence the lack of main rotor question is at an azimuth angle where the loading peak is
frequencies. This interaction is discussed by Brocklehurste6  evident. This will limit the visible effect of this interaction to
where a likely mechanism is described, the front of the tail rotor disc.

8.2 Variation in Tail Rotor Loading Distribution in Low Assuming that the wakes from the main rotor and the tail
Speed Forward Flight rotor were independent and that each'had no effect upon the
When the aircraft is moving forward at low speed, the tail other, the blade trailing tip vortex systems from the two
rotor can become partially or even totally immersed in the rotors could be drawn as skewed helices. To add
main rotor wake. Figure 14 is similar to figure 13 but shows complication, the shape of each element on the helices trailed
the tail rotor in 30 knots forward flight. The loading peak from a rotor would be distorted by the wake contraction and
shown in figure 13 is missing at the rear of the disk as the the influence of all the other vortex elements in that rotor's
tail rotor blade trailing tip vortices are left behind by the wake. The relative geometry of the main rotor and tail rotor

aircraft motion. The track of the successive main rotor blade dictates that the helical wake systems from the two rotor will
trailing tip vortices is also shown; the effect of their intermesh orthogonally. As the external influences on both
interaction with the tail rotor changing as they cross the tail wake systems are the same at any given point, the separation
rotor disc. Outboard, within the loading peak region, the between a vortex trailed from a main rotor blade and one
main rotor vortices cause a local reduction in the C1, value as from a tail rotor blade will remain constant. The separation
shown at the indicated position in figure 15. between a main rotor vortex element and a tail rotor vortex

element will therefore be dependant on the location of that
Inboard the main rotor vortices cause a local peak followed main rotor vortex element when the tail rotor vortex element
by a trough in the C, value as shown in figures 16 and 17. was formed. A tail rotor blade trailing tip vortex is formed by
The trough is not always apparent. the rolling up of the vortex sheet shed from the blade

outboard of the point of maximum circulation. This roll tip
Close examination of this interaction effect, especially with process is complete by the time that the blade tip has
the data animated on video, has revealed a discontinuity in the travelled one rotor radius (ie 60 degrees of blade rotation)"T ,
timings of the passage of the effect of the main rotor vortices and the main rotor blade trailing tip vortex will have been
as shown in figure 18. present at its final location whilst this roll up was tiking

place. The separation distance between successive main rotor
The two solid lines on the figure indicate the apparent timing and tail rotor vortices will be different because of the non-
of the passage of the main rotor blade trailing tip vortices, integer gearing ratio between the rotors.
The main rotor vortices pass over the inboard tail rotor
leading edge sensors midway between the passage of the peak Contrary to the assumption made at the beginning of the last
and the trough and this is taken into account in the figure by paragraph, the two wake systems are not independent and
the solid line between the 2 dotted ones. The effect of this each main rotor vortex element will induce motion in each tail"*phase shift' is to delay the appearance of the interactional rotor vortex element and vice versa. The velocities induced
feature in the tip loading peak region until after it has will depend on the strengths of the vortices and the distance
appeared further inboard. It is hypothesized that 2 different between them. Figure 19 shows a sketch of the tip of a tail
interactional mechanisms are employed, one covering the rotor blade with the trailing tip vortex rolling up behind it.
interaction between the main rotor tip vortex and the tail rotor The tail rotor blade is about to cut a main rotor blade trailing
tip vortex and the other between the main rotor tip vortex and tip vortex. That main rotor vortex can induce large variations
the tail rotor blade vortex sheet. The shift shown is in the local chordwise velocity at the blade, possibly affecting
approximately 15.5 degrees of main rotor rotation. the point of maximum circulation on the blade and thus

subsequently the strength and location of the tip vortex. The
Although the two interactions described have a noticeable vortex sheet shed by the blade may be distorted by the
effect on the tail rotor C, distribution, their overall effect on velocities induced by the main rotor vortex. This would affect
the tail rotor thrust is small. It is considered that there'would the roll tip process which would again change the properties
be little to be gained from any attempt to reduce their effect of the tail rotor tip vortex. Once the roll tip process has been
still further. The relative magnitude of the overall tail rotor completed the two vortices would continue to interact.
loading variation should be considered when deciding whether
to include the effects of these interactions in a computer The strength of the loading peak near the tip of the blade is
model. On a simple model of tail rotor thrust they could most significantly affected by the location of the tip vortex
perhaps be ignored. trailed from the preceding blade. If that tip vortex has a

discontinuity produced by the interaction just described, then
8.2.1 The Interaction Between a Main Rotor Blade a reduction in the loading peak on the next blade would
Trailing Tip Vortex and a Tail Rotor Blade Trailing Tip follow.
Vortex in Forward Flight
The interaction mechanisms described in this section take For such an effect to be recorded on the instrumented tail

place in flight conditions where the tip vortices trailed frorm rotor blade, the main rotor blade trailing tip vortex would
the main rotor blades are cut by the tail rotor blades. For have had to interact with the tip vortex trailed from the
there to be an effect on the tail rotor loading distribution this preceding tail rotor blade. This will affect the timing of the

intersection must take place when the tail rotor blade in interactional feature noted in the data effectively delaying it
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by 90 degrees of tail rotor rotation. This agrees with the fuselage and the change in tail rotor inflow due to the
phase shift noted on figure 18. sideways motion. The yaw control margin is therefore greater

than with the same relative wind from the other side of the
The reduction in loading peak will not be limited to the nose and its reduction proportionally smaller. When the centre
passage of one tail rotor. blade. The reduction in the loading of the tail rotor disc is displaced from the vortex centreline as
peak on one blade will reduce the strength of the tip vortex depicted in figure 23, that part of the tail rotor disc between
trailed behind that blade and thus affect the loading peak on the vortex centreline and the axis of rotation will experience
the next, though to a lesser extent. Therefore, although the an increase in dynamic head.
loading peak will be rapidly reduced by the interaction, it will
return to its original value at a slower rate. With a tail rotor that rotates top blade aft the effect of the

wing tip vortex on the yaw control margin in reversed.
8.3 Interaction Between the Main Rotor Wake and the
Tail Rotor in Quarterling Flight It could be expected that the tail rotor would be closer ito the
Of all the main/tail rotor interactions examined in this study, start than the end of the wing tip vortex roll up process. The
that occurring in quartering flight and described in this section velocity fields round the main rotor vortices would therefore
has the most significant effect on tail rotor performance. In show a marked cyclical variation at the blade passing
this context, 'quartering flight' describes the flight condition frequency which would be detected by the tail rotor pressure
when the sideslip angle is such that the tail rotor is affected sensors. Even if the roll-up was well established this
by the wake from the edge of the main rotor disc as depicted frequency would still be evident if the rolled-up vortices
in figure 20. In forward flight the tail rotor will be in the retained their identities. As the effect of the main rotor wake
centre of the main rotor wake and, where they affect the tail on the tail rotor is stronger in this flight condition than in
rotor, will cut each main rotor blade trailing tip vortex in forward flight it would be reasonable to expect that the main
sequence as they are trailed from the rear of the disc. In rotor induced frequency content would be stronger too. This
quartering flight, ie. sideslip angles of between 45 and 70 has not been found to be the case; in fact the tail rotor
degrees depending on the aircraft configuration, the main pressure sensors display a distinct lack of main rotor
rotor wake effect on the tail rotor can be much more frequency content in the areas of the. flight envelope where
significant as the tail rotor may be immersed in one of the pedal margin was reduced. This would suggest that the
two ýwing tip' vortices trailed from edges of the main rotor individual main rotor blade vortex cores had merged into one
disc. The distortion of the main rotor wake caused by the single larger core whose associated velocity field would
formation of these wing tip vortices is well documented by display a significant reduced cyclical content. This vortex
Heyson & Katzoff'8 and IBrocklehurst". merging had been noted during research carried out into wake

minimisation techniques for large transport aircraft by
The wing tip vortex is formed from a number of main rotor Rossow"9 . In that reference it was found that the major
blade trailing tip vortices rotating round each other. In criterion determining whether the two vortex cores merged or
forward flight the velocity field of each of these trailing not was the ratio of the distance between centre lines and the
vortices will also be rotating such that motion below the cores' diameters. If merging of this nature has occurred it
vortex centreline will be directed outwards, away from the would suggest that the roll-up process was approaching
aircraft centreline as shown in figure 21. The wing tip vortex completion. The relative strength of the flow field round the
will therefore constitute a significant velocity field all rotating merged vortex compared with its individual elements requires
in this direction. Once the aircraft develops a sideslip angle further investigation as does its longevity.
the wing tip vortices nmaintain their position with respect to
the aircraft's track which will no longer be aligned with the 8.4 Main Rotor Frequency Content on Tail Rotor Signals
axis of the helicopter. As mentioned above, with a sideslip in Rearward Flight
angle of 45 to 70 degrees the helicopter's tail rotor may end In flight with a rearward component of aircraft translalional
up tracking along one of these vortices. If the tail rotor velocity out of ground effect (OGE) the tail rotor cannot be
rotates top blade forward and the centre of the wing tip immersed in the main rotor wake. The same is hot the case
vortex passes through the centre of the tail rotor disc as in for flight in ground effect (IGE) where the roll-tip of" the
figure 22, then the tail rotor blades will be rotating within a ground vortex will have a significant effect on the tail rotor
mass of air that already has a component moving in the same performance 20. It is therefore surprising to find significant
direction. The flow field over the blades will therefore be main rotor frequencies in the Lynx tail rotor pressure data.
reduced. The resultant reduction in dynamic head means that Two different forms of this interaction were found, one in
an increased tail rotor blade pitch is required to produce the figure 12 region 5 where the main rotor blade passing
necessary thrust. This increased pitch requirement is reflected frequency, 4R, was dominant and the other in region 6 where
in the helicopter transmission and control system by a the main rotor rotational frequency, R, took its place.
reduction in pedal margin. The situation is the same whether Although other mechanisms such as acoustic feedback and the
the tail rotor is affected by the wing tip vortex from either the interaction of the main rotor blades with the tail roltor far
advancing or retreating side of the main rotor disc (areas 3 & wake were considered, the most likely cause of this effect was
4 on figure 12). The only difference that exists between the considered to be the main rotor forcing the fuselage, which,
two is that when the tail rolor is affected by the vortex froti in turn, caused the tail rotor blades to flap giving rise to small
the retreating side of the main rotor, the tail rotor is off- changes in loading. The fact that all 7 sensors alone the
loaded to some extent by the weathercocking action of the length of the blade appear to be equally affected would lend
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FLOW FIELD INVESTIGATION OF A ROTATING HELICOPTER ROTOR BLADE BY

THREE-COMPONENT LASER-DOPPLER-VELOCIMETRY

U. Seelhorst 1, B.M.J. Beesten 2 , K.A. B1tefischI

Institute for Fluid Mechanics 2 Department of Aerospace Engineering

DLR German Aerospace Research Establishment RWTH Aachen University of Technology

D-37073 G1ttingen, Germany D-52056 Aachen, Germany

R rotor radius

SUMMARY U0  wind tunnel velocity

The measurement of three dimensional local flow vectors of a Vconvect convection velocity
blade tip vortex at positions near the helicopter rotor plane
were performed with a three component .laser-Doppler- 0 rotor tilt angle

velocimeter (3D LDV). A 'position monitoring system' syn- &coll collective pitch
chronized to the blade rotation gave access to blade motion 3'cl cyclic pitch
parameters like lead-lag and pitching at the desired radial po-
sition of the blade. Mainly results concerning the structure of l advance ratio

blade tip vortices were obtained. The measurements of a vor- (o vorticity
tex generated at hover condition showed the correctness of
'time history' data acquisition, e.g. taking data during the time t x, (y, oz vorticity components
interval when one particular blade is passing the location of r circulation

the measuring volume of the LDV. Q rotor frequency

Vortex structure measurements at two different blade tips, a v azimuth angle
regular square tip for reference and a non-planar tip called
winglet, were carried out. First of all the influence of the TO trigger azimuth angle

winglets on vortex structure and blade vortex interaction
(BVI) has been investigated. Then in addition to the vortex I INTRODUCTION
parameters like vortex/blade miss distance, vortex core size, Measurements of vortex structures behind fixed wings have
axial velocity deficit, vortex strength, and vorticity distribu- been performed for many years. For this purpose many differ-
tion with respect to the spatial orientation of the vortex axis, ent measuring techniques can be applied, e.g. hot wire, pres-
results on 3D-vorticity distribution and the temporal vortex sure probes, interferometry, and LDV. Measurements of
roll up for the different blade tip vortices have been obtained. vortex structures within the plane of a rotating helicopter

rotor, can only be performed by non intrusive measurement
NOMENCLATURE techniques. LDV is one of the promising tools which can be

used. The feasibility of such flow field measurements has been
c chord length shown recently [1,2]. For the special application of LDV on
cT rotor thrust coefficient the flow field of a rotating helicopter model rotor, especially

I convection length in the case of large scale model rotors in the large scale wind
tunnel DNW, a new high performance three component laser-

n rotor rotational speed Doppler velocimeter was developed in the Institute for Fluid

r radial position Mechanics of the DLR Gdttingen.

t time Two different modes of data acquisition are possible for the

u, v, w velocity components investigation of the time dependent flow field of the rotating
rotor [3]. The 'strobe technique' yields the flow field attributed

x, y, z spatial coordinates to the blades for well known reference angles of the rotor.

BVI blade vortex interaction Data, obtained by 'time history technique', represent the time

DLR German Aerospace Research Establishment depending change of the flow field produced by the rotating
blade during a well known time interval at one space fixed

FFT Fast Fourier transformation measurement position within the flow field.

ILR RWTH Aachen, Dept. of Aerospace As the first technique is rather time consuming the second is
Engineering more attractive but boundary conditions for the equivalence of

LDV Laser-Doppler-velocimeter the results of the modes have to be determined. This has been

RWTH Aachen University of Technology done in the course of a co-operative programme between DLR
and RWTH, set up to investigate vortex structures behind

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin, Germany from 10-13 October 1994 and published in CP-552.
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rotor blades. Tests were performed on a helicopter model at 2.3 LDV system
hover condition in order to study the procedure how to obtain For investigations of the complex flow field of blade tip vor-
the data correctly. Then measurements were carried out in tices within the plane of a rotating helicopter rotor, LDV as a
Aachen for rotor blades with different tips operated at forward non intrusive measuring technique has to be applied. As the
flight condition. flow field of a helicopter rotor is highly 3-dimensional, the

As BVI noise is governed by the induced velocities of tip measurement of the 3D flow vector is necessary for the comn-
vortices, the noise level depends on blade vortex miss dis- plete description of the exact structure of the vortex. This can
tance, vortex strength, and vortex structure. The use of non- be accomplished by a three component laser-Doppler-veloci-
planar blade tips is one possibility to influence the vortex meter (3D LDV). The special specifications for a 3D LDV
structure. Therefore, the influence of a non-planar blade required for the investigation of such problems has been in-
(winglet) on vortex structure in comparison to a regular square eluded in the LDV development at the Institute for Fluid
blade has been investigated. Mechanics of the DLR [6]. Fig. 3 shows the schematic set up

It should be mentioned that the flow field of a helicopter at of the 3D LDV. As the same 3D LDV should also to be used

forward flight condition is highly unsteady and an instantane- in the open test section of the DNW, a large working distance

ous local velocity value would be meaningless. Due to its had to be established and the operation in back scatter, off-

periodicity it is possible to sample data over several rotor axis mode was chosen.

revolutions. Hence a time averaged result can be obtained if A 6 Watt Argon-Ion Laser is used as light source. The three
the measurements are triggered accurately referenced to a most intensive laser lines at 476.5 nm (violet), 488 nm (blue)
fixed blade position. It is obvious that precise temporal blade and 514.5 nm (green) respectively are utilised to distinguish
position data are necessary which have to be acquired simul- the different velocity components in the LDV system. Each of
taneously to the velocity data. the laser beams is devided into two beams with almost equal

This paper describes how these flow field measurements on intensity (Dantec transmitter box, type 60X41), one of them is

rotating helicopter blades in hover flight condition and with superimposed with a Bragg shift of 40 MHz in order to cor-

different blade tip shapes in forward flight condition have recly determine the direction of the flow vector. The laser

been performed. The envisaged flow field quantities need beams are coupled into single mode glass fibres and with 6

derivatives of the velocity data a high quality of the measured individual transmitting optics (Dantec, type 41X171) they are

data is required. In particular this is true if the vortex core launched into the common probe volume at a distance of 5 in.

structure has to be resolved At that position the probe volume had a diameter of about
0.25 amm. The use of single mode glass fibre ensures a Gauss-
ian beam shape of the laser beams, because only the TEM00

2 EXPERIMENTAL SET UP mode can propagate through the fibres.

2.1 Test facilities The individual laser beam pairs are arranged in that way that
the velocity component perpendicular to the horizontal LDV

The tests in hover flight conditions were performed at DLR plane was probed by the green laser light. The projections of
Gottingen using a four-bladed helicopter model rotor the axial velocity component, inclined against the centre line
equipped with NACA 0015 airfoils, of the undisturbed flow direction by an angle of 850 and -85°

Investigations of differences in vortex structure due to differ- respectively, were probed by the violet and blue light
ent blade tip shapes were performed in the open test section of The velocities, obtained in the LDV fixed coordinate system,
the ILR Aachen low-speed wind tunnel. A four-bladed model have to be transformed in a wind tunnel fixed coordinate sys-
rotor with a diameter of 1.02 m was driven by a 65 KW en- tem. For good resolution of the cross velocity component v,
gine. The rotor was fully articulated and had flapping hinges. the angle between the optical axes is chosen to about 30*.
Fig. I and Fig. 2 show the test set ups including the LDV
system. Particles, necessarily introduced into the flow, consist of

dispersed oil, having a maximum size lower than I lin. They
2.2 Blade geometries are small enough to follow the flow correctly [7]. To minimize

disturbances occurring from injecting the particles into the
Two different blade tip geometries were tested. As a reference flow by a tube, they are introduced far up-stream of the test
a planar blade was used which has a rectangular shape and is section in the settling chamber.
based on an untwisted NACA 0015 airfoil. The second blade
tested was a blade with a twisted winglet which was designed Because of low light scattering intensity when operating the

in Aachen [4,5]. It has a swept-back tip for better high speed LDV in backward scatter mode, the receiving optics of the

characteristics. The nose is extended in forward direction to LDV system require a large aperture to collect enough scat-

improve lift characteristics when retreating and to avoid addi- tered light to achieve a sufficient high signal quality. As the
tional pitching moments caused by the sweep. The non-planar- working distance of the LDV is flexible, two different receiv-

ity, defined as the distance between the blade tip and the rotor ing optics can be integrated into the system. One with an
plane, has a value of about 0.65 chord lengths. Twisting starts aperture of 350 mm and a flexible working distance from 3 m
at a radius of 91% and reaches 70 at the tip. This generates to 5 m, the other one with an aperture of 500 mm and a fixed
extra bound circulation at the tip region and pushes the vortex working distance of 5m. In this particular case the 350 mm
further downward. optics were used to collect the scattered light of the green,

violet, and blue laser beams, containing the information of allBoth blades are built in carbon/glass-fibre-composites and the three individual velocity components, and is coupled into

have NACA 0015 airfoil sections of 0.054 m main chord th e th ree Thelit wos a ed into
length. As a result the four-bladed rotor has a solidity of aboutto a prism to sepa-
lengh. Arate the light of different wavelengths and subsequently to
0.135.
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convert the light intensities into electrical signals by photo 3 TEST PARAMETERS
multiplier tubes. 3.1 Hover case

2.4 Data acquisition First of all, in order to examine the accuracy of vortex struc-
ture determination in the 'time history' mode, measurements

Data acquisition is performed for each component using a fast were performed on a model rotor in hover flight condition.
Fourier based Doppler burst processor (Aerometrics, DSA The collective angle was set to .coll = 15.00, to create a
3220). The velocity data obtained are stored together with the strong tip vortex. Rotor speed was selected to n = 1300 rpm.
information of the time of arrival. The coordinate system for this test case is shown in figure 4.

Based on the assumption of a periodic flow field due to the The origin of the coordinate system is defined for an azimuth
rotor revolution, conditional sampling is used to get informa- angle of the blade of 'P = 1800 and is located at the blade tip
tion on the flow field with respect to the azimuth angle of the trailing edge for the x- and y-direction and one chord below
blade. A trigger signal from the rotor axis could be shifted the rotor plane for the z-direction. The location of the LDV
with a time delay to an appropriate azimuthal position of the probe volume is adjusted to the origin of the coordinate sys-
rotor blade with an accuracy of 0.3"!%. At this position the tern. The choice of the measurement positions in z-direction
clock of the data acquisition system was set to zero. Data had to take into account that the formation of the vortex was
acquisition was started now for a time window corresponding completed before the down washed vortex entered the LDV
to a preselected azimuthal window or the time interval needed probe volume. For different positions in x-direction (Ax = 2.5
for the portion of the flow to pass through the probe volume. mm) 'time history measurements were performed with a time
Usually data were acquired just within an azimuthal window window of 11.5 ms, corresponding to an azimuth angle coy-
which is only a part of the whole rotor revolution. ered by the blade ofA'P = 900.

Converting 'time history' information into spatial information 3.2 BVI can
can be done in two different ways. The transformation of the'time history' information to the corresponding azimuth angle Before discussing the measurement positions for the BVI case,
is done with the simple equation: the coordinate systems used shall be introduced. In contrast tothe set up for the hover case, the rotor plane is rotated by 900.

(1) ' = TPo + (360- n. t) As shown in Fig. 5 the positive x-direction is equivalent to the

No assumption has to be made concerning convection veloci- flow direction of the wind tunnel (against flight direction) and

ties, because equation (1) only uses the rotational speed of the y points down wash direction.

rotor for the transformation. Calculation of distances from Due to the limited wind tunnel occupation time, only one
azimuth angle is easily done with the help of the radius of the flight condition for the two different blades could be investi-
rotor. gated. The advance ratio was selected to m = 0.2 as a medium

To transfer the 'time history' information into a spatial infor- speed flight where BVI occurs. To get strong tip vortices the

mation of the flow, the convection velocity of the flow around collective angle was set to Scoll = 10.0* which results in a

the vortical structure has to be known: highly loaded rotor with cT = 0.008. Cyclic angle was set to

1= 8 l = 3.50 to trim the rotor. The shaf angle has been =

(2) convect 3.0c. Rotor speed was selected to n = 1500 rpm.

The accuracy of the flow field determination in the 'time his- Measurements were performed in two planes perpendicular to
the rotor plane. Fig. 10 shows their locations. Plane I wastory' mode may be affected by local deviations from a constant selected to determine the undisturbed vortex structure of the

convection velocity. As an approach the convection velocitywas assumed to be the vector sum of the free stream velocity tip vortices of both blades. It is placed at an azimuth angle of
wm = 00 and the wind tunnel velocity moves the vortex away

and the rotor induced down wash velocity. In reality there may from the rotor. A second reason led to this choice. The LDV
be a change within the time interval in particular in the vicin- probe volume had to be traversed in y-direction while the x-
ity of the vortex core. variation resulted from 'time history' measurements. As al-
On the other hand the possible inaccuracy has to be accepted, ready pointed out the 'ime history' data can be converted into
because the data acquisition in 'time history mode reduces the the space related data by taking into account the wind tunnel
total measurement time drastically. convection velocity. The advantage of this method can be seen

in the fact that the measuring time is reduced by more than
2.5 Position monitoring 95%. The location of the LDV probe volume for the meas-
As the blade position changes under flight condition in rela- urements on the undisturbed vortex at TP = 00 was shifted 50
tion to the non-operating rotor, the position of the rotor blade mm in x-direction outboard the rotor plane. At this point, at
has to be acquired simultaneously to the velocity data acquisi- different positions in y-direction 3D-LDV measurements were
tion. This is done for each revolution of the one blade selected performed in an azimuthal window of AT = 60° correspond-
to be tested at the azimuth angle ing to a time interval of 6.6 ms. During this time the tip vortex

'P(, where the trigger signal from the rotor axis starts the LDV generated at TP = 0' passes through the LDV probe volume
measurements. T~he position monitoring system, developed at driven by the wind tunnel velocity and the down wash con-
the Institute for Fluid Mechanics of the DLR [8m, is used for vection velocity. Subsequently the time dependent velocity

this purpose. With this system it is possible to obtain the data at the measurement station 1 (0° azimuth angle) have to

motion of the blade with an accuracy of 0.1 mm. Thus the be converted into the velocity data in the space fixed coordi-

exact position of the LDV probe volume relative to the rotor nate system by equation (2).

blade can be determined. Measurements in plane II were performed to investigate the
vortex roll up and the BVI characteristics of the different



23-4

blades. Here a coarse grid of 6 x II points in y- and z-direc- Fig 8a and b depict the velocity profiles through the vortex
tion was chosen with about 50 time interval steps derived core in x- and z-direction. The profiles show identical behav-
from 'time history' results. It has to be noted that the coarse iour. The determined vortex core diameters, defined as the
grid reduces the accuracy of the results. distance between the velocity maxima, are identical. In both

The origin of the coordinate system with respect to the y- and cases a value of 10 mrm is obtained, corresponding to 18.5%

z-direction is again at the blade tip trailing edge with the blade chord length. This finding also indicates, that the assumptions
at an azimuth angle ofP = 0'. made are correct, namely that the induced down wash velocity

Data acquisition started when the blade was located at an is Wind = 7 m/s, the roll up process of the vortex has been
Daziuth auisitiongl ofTe = and sthed bad was loade azuth a completed, and any change of the vortex structure within theazimuth angle of P = 850 and stopped at a blade azimuth sotmauigtm a elgbe

angle of T = 1080. This corresponds to a distance of one short measuring time was negligible.

chord length in front and two chord lengths behind the blade. No significant cross velocity component V can be seen in the
The azimuthal window was devided into 50 intervals which data. This indicates that the orientation of the x-z-plane where

led to a azimuthal resolution of better than 0.50. The total data have been taken is perpendicular to the vortex axis.
number of grid points around the blade is then represented by From all those results the conclusion can be drawn that 'time
a cube of 50 by 11 by 6 points. Again the data acquisition in history' measurements for flow field investigation are suffi-
the 'time history' mode reduced the total measuring time by ciently accurate if the convective velocity is known.
98%. For the measurements at location 11 (90* azimuth angle) The calculated vorticity map using equation (4) is shown in
the time dependent data was transformed to space fixed coor- Fig 7. A clear maximum can be detected at the centre of the
dinate data by equation (1). vortex. As vorticity is a differential value, the absolute value
4 DATA EVALUATION depends on the spatial resolution of the flow field, e.g. the

number of the grid points.

The calculation of the radial circuton distribution is Due to the measurement grid, only for 12 closed boxes with
accomplished by equation (3) different distances to the vortex centre the circulation could be

(3) = vds calculated. The radial circulation profile is shown in Fig 9.
The behaviour of this profile is identical to that of a Hamel-

where different closed boxes around the vortex centre with Oseen vortex characterized by a constant increase of the circu-
different sizes have been chosen in order to study the depend- lation within the vortex core region and a constant circulation
ence of resulting circulation on integration path. in the outer region.

The determination of the single components of the vorticity 5.2 BVI case
((Ox, ray, cnz) is performed by calculating:

A detailed discussion of all aspects of the forward flight re-
(4) o,= Irot(fi,) suits will be found in [9].

Here merely those results will be presented which are related
for the centre of a rectangle with data points on each comer. to the problem of data acquisition and evaluation.
The definition of the orientation of the vorticity components is
illustrated in Fig. 5. The positions of the vortex structure measurements are shown

in Fig. 11. A first coarse grid with 20 mm intervals has been

5 RESULTS refined in the region of the vortex core. A minimum interval
size of 2.5 mm in the central part of the grid has been realized

5.1 Hover case with 14 grid points in y-direction.

From all the flow field data obtained in ltime history' data The vector plots in Fig. 12 depict the vortex locations and
acquisition mode, also velocity profiles for various fixed azi- their extents. Unfortunately no data in the centre of the vor-
muth angles corresponding to the 'strobe technique' can be tices are available to measure the exact vortex parameters as
selected. In contrast to the velocity profiles in z-direction, for example core diameters or maximum tangential velocities.
obtained from the transformation of the 'time history' data, the In Fig. 13 those results of the tangential velocities closest to
velocity profiles in x-direction are not affected by changing the vortex centre are presented.
drift velocities. They are directly related to spatial coordinates, From these data the vortex core diameter of the reference tip
where the probe volume of the LDV was placed during the vortex has been determined to be 17.8% of the blade chord
measurement. length or 1.88% of the rotor radius. The corresponding result

For a circular vortex, the expected velocity profile of the axial for the winglet vortex is 22.4% of the chord length. The inex-
velocity U versus z coordinate should be the same as the act measurement location underestimates the vortex core
normal velocity W versus the x coordinate. diameter of the :reference tip. For comparing the difference

between both blades more information can be obtained fromThe flow field of the measured blade tip vortex in the x-z- vriiypos

plane is illustrated in Fig 6. The transformation of 'time his- vorticity plots.

tory' data is performed by the assumption of a constant down Fig. 14 shows that the reference blade vortex is significantly
wash velocity of Wind = 7 m/s. In order to obtain the velocity more concentrated than the winglet vortex. The maximum
field of the undisturbed vortex, the induced down wash veloc- vorticity is found to be 5190 s"1 for the reference blade and
ity Wind has to be subtracted from the measured normal ye- 4180 s"1 for the winglet case. The difference is expected to be
locity component W. As this leads to a circular vortex, the even larger in most flight conditions, because during these
assumption of a constant induced down wash velocity Wind = tests the collective angle was held constant for both blade
7m/s is correct, types although winglets are known to produce more lift per
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collective pitch 15]. Consistently, the circulation of the refer- show a weak maximum of -700 s'l at 0.91 of the radial posi-
ence vortex was found to be lower (0.786 m2 /s) than that of tion (Fig. 20a). The position is 10 mm below the rotor plane.
the winglet (0.846 m2 /s). Comparing both vorticity contours it After interaction with the rotor blade no significant vorticity
can be recognized that the winglet vortex shows two centres of can be detected (Fig. 20d).
vorticity and is far away from being rotary symmetric. The two Regarding the three dimensional vorticity distribution expla-
centres are explained by a double vortex that occurs with nations for the lost of the vorticity tox for the reference blade
downward pointing winglets [10]. are found. In addition to the decrease of tox from -2300 s-1 to

Comparing the axial velocities as presented in Fig. 15 it was -1500 s'" in the y-z-plane behind the blade, there is an in-
found that the velocity deficit in the centre of the reference crease in the y- and z-component of the vorticity to t0y = 750
vortex is much greater than in the winglet case. This indicates s'l and otz = -1450 s'l (Fig. 19b, c, e, f). The total amount of
that the winglet vortex is less stable [11]. vorticity has still a strength of -2200 s*1. The orientation of

At 85* azimuthal position of the rotor blade, the change of the vortex axis after the interaction with the blade has experi-

blade altitude relative to the rotor plane is recorded by the enced a change of about 45* in the x-z-plane. An equivalent

position monitoring system. For the reference blade an aver- vortex deformation by BVI has been found by flow visualisa-

age displacement of 6.8 mm in y-direction was detected at a tion earlier [12]. Due to the weakness of the 90* old winglet

radial position of 0.95. The displacement of the winglet blade tip vortex and the larger distance to the blade, no significant

at the same radial location was only 0.8 mm in y-direction. vorticity components are left alter the interaction with the

These displacements are taken into account for all the calcula- blade (Fig. 20b, c, e, f).

tions of vortex positions relative to the rotor plane. In addition to the vorticity, the bound circulation can be calcu-

Fig. 16 shows the measurement position in the y-z-plane for lated from the data set. For the six different radial positions

the reference and winglet blade with the expected locations of the circulation is calculated around the wing along a rectangu-

the created blade tip vortex and the 90" old tip vortex of the lar box oriented in x- and z-direction. The results are shown in

preceding blade. Fig. 21. The circulation profile of the reference blade (Fig.
21a) shows a local minimum at r/C = 0.7. This local minimum

Fig. 17a shows the development of the maximum vorticity for is created by the blade vortex interaction at this location. The
the reference and winglet blade tip vortices. For the reference occurrence of a strong gradient with different sign in the
blade the total maximum vorticity is 20% higher than for the circulation profile leads to a so called secondary vortex [10].
winglet vortex and also the maximum is reached earlier. This For the circulation profile of the winglet blade (Fig 18b) only
can clearly be seen from the gradient (dmx/dt) of the vortex a weak gradient in the circulation profile at r/C=0.7 can be
strength for the two different vortices (Fig. 17b). For the observed-
winglet vortex dissipation starts later than for the reference
blade vortex. The dissipation rates for both vortices are almost 6 CONCLUSIONS
equal. Tests have been performed to measure the vortex structure of
In addition to the vorticity the axial velocity component in the a rotor in hover and forward flight condition. The measur-
vortex centre is an indication for the stability of a vortex " I]. ment of the local flow vectors at positions within the plane of
The temporal development of the axial velocity at the position rotation of the helicopter rotor can only be performed with a
of the maximum vorticity is depicted in Fig. 18. It indicates a non intrusive measuring technique. Therefore, a large three
very stable vortex for the reference blade and a weaker one for component laser-Doppler-velocimeter, designed for applica-
the winglet. tion in large wind tunnels like the DNW, was used for this

From the data also the position of vortex roll up can be de- purpose.
rived. Assuming the position of the maximum vorticity to be A 'position monitoring system' gave access to blade motion
the vortex centre, the distance of the vortex centre relative to parameter (lead-lag motion, pitching, and angle of incidence)
the rotor plane is obtained. For the reference blade the posi- at selected radial positions of the blade, where LDV measure-
tion of vortex generation is found to be 4 mm above the rotor ments had been performed. This was necessary to determine
plane. For the winglet blade the location of vortex generation the actual distance of the LDV probe volume in relation to the
is 30 mm below the rotor plane at 70% of the winglet depth. blade surface for the time averaged displacement of the blade
The increase of blade vortex miss distance by using winglets during the test as well as for the unsteady motion of the blade
has been known from flow visualisation experiments, but the during the passage of the measurement position.
LDV data yield more accurate values. Most of the tests were run with a 1.02 m rotor equipped with
Further the geometry where interaction takes place is of inter- NACA 0015 airfoils with square tips or so called winglets
est. To investigate the interaction geometry of the preceding (non-planar blade tips, designed in Aachen) in the wind tunnel
blade tip vortex with the blade at 900 azimuth, the x-compo- of the RWTH Aachen.
nent of the vorticity component, (ax, is a good indication.
First, the distance of the preceding blade vortex relative to the Measurements were performed in two planes perpendicular to
blade at 900 azimuth can be extracted from thi data. For the the rotor plane, one at an azimuth angle qI = 0*, the other at IF
reference blade (Fig. 19a) the location of the maximum vortic- = 900.
ity of -2300 s"1 is 10 mm above the rotor blade and at a radial Velocity vector plots gave first information about position and
position of 0.95. In the y-z-plane directly after the blade the extent of the vortices. Velocity distributions were used to
passage (Fig. 19d), the vorticity maximum has decreased to - obtain vortex data like core diameter and maximum tangential
1500 s"1 and is located 3 mm above the blade and at the radial velocities. The vortex core diameter of the square tip was
position of 0.91 of the rotor radius. The vorticity contours of determined as 17.8% of blade chord length or 1.88% of the
the preceeding winglet blade tip vortex in front of the blade rotor radius, which is larger than often expected.
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Fig. I Test set up for investigations of the flow field in the plane of a rotating helicopter rotor using 3D LDV.
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Fig. 2 Test set-up for LDV flow field investigations. Hover flight condition
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DETERMINATION DES CHARGES AERODYNAMIQUES DU ROTOR EN VOL
STATIONNAIRE, A L'AIDE D'UNE TECHNIQUE DE VELOCIMETRIE LASER.

E. BERTON
D. FAVIER

C. MARESCA
M. NSI MBA

Institut de M6canique des Fluides, Universit6 d'Aix-Marseille II, UM 34 dui CNRS,
Les Souffleries de Luminy, 163 avenue de Luminy, 13009 Marseille, France.

RESUME bafi, situ6 sur tine plate-forme anti-vibratile. Les
diffdrents rotors faisant 1'objet de cette dtude sont

L'6tude de la r6partition des charges aerodynamiques sur numdrot6s de 4 A 7 sur la Figure 1. Ils poss~dent totis tin
tin rotor d'halicoptbre opdrant en vol stationnaire, est vrillage lin~aire (-8,3') et sont constitu~s de profils
abord~e, dans le prdsent papier, au moyen d'une nouvelle 0A209 suivant 1'envergure [1 A 4]. Ces rotors different
technique d'exploration par v~1ocim~trie laser, coupl~e ý seulement par la g~om~trie d'extrdmit de pale: une
une m~thode de d6termination bas~e sur les Equations de extr~mit6 en fl~che pour le rotor 4, tine extrfmitd en
bilan de quantit6 de Mouvement et de Kutta (KME effil6e pour le rotor 5, tine extrdmiul parabolique pour le
mbthode). L'efficacit6 de cette mndthode est 6valu~e pour rotor 6 et tine extr~mit6 rectangulaire pour le rotor 7 pris
diffdrentes configurations paramdtriques du vol comme r~frence dans le cadre de cette 6tude.
stationnaire. Les conditions param~triques testles sont les suivantes:

rayon du moyeu RO = 0,22R vitesse de rotation to
NOMENCLATURE 143 rd/s ;nombre de pales b =2 oti 4.

b nombre de pales (b=2 oti 4) Les mesures de performances de traction et de couple sont
c corde des profils, (c=0.05 mn) effectu~es ý l'aide d'une balance A 6 composantes. Dans
CT coefficient de portance du rotor le cadre de la pr~sente 6tude, tine nouvelle technique
CQ coefficient de puissance dui rotor d'exploration dui champ 0'6cotilement au voisinage de Ia

r circulation le long de l'envergure, (m2 /s) pale a W d6velopp~e, au moyen d'tin v~locim~tre laser A
fibres optiques et ii grande distance focale (2 in). Cette

0 pas g6n~ral A r/R=0.75, (deg) technique permet la mesure du champ des vitesses a la
ov vrillage fe la pale, (deg) travers~e du plan de rotation des pales. La mesure peuti

r distance radiale, (in) aussi 6tre r~alis6e en tin point fixe (U oti L) [3], situ6
R rayon dui rotor, (R=0.75 m) tine certaine distance axiale de l'extrados oti de l'intrados
Ro rayon dui pied de pale (RoO0.22R) de la section de pale considdr~e, et conduit A determiner
ar solidit6 dui rotor (o--bc/itR) les composantes de vitesse axiale W et tangentielle V en
T,Q traction et couple du rotor, (N, N.m) fonction de l'azimtit 'P de rotation. L'6volution radiale
ti, 1 extrados et intrados de la section de la pale des vitesses tangentielles et axiales mesur~es autour de la
V,W vitesses tangenticile et radiale pale, est alors obtenue par la translation de la partie
Ve vitesse d'extrbmit6 de pale, (Vel10 7 mis) optique du syst~me de v~locimdtrie laser, parall~lement
0o, Q vitesse de rotation, (w-= 143 radls) l'envergure de pale, depuis 1'extrdmitd jusqu'at moyeu.
V, Vp azimut de la pale, (deg) Enfin, il est A noter que lensemble des profils de vitesse

tangentielle mesur~s autour de la pale permetira
1. INTRODUCTION 6galement de d~duire [3], apr~s intlgration, la distribution

La connaissance de la repartition de charges le long de de circulation correspondante 17= 17(r).
l'envergtire de pales en rotation jotie tin r~le primordial 3. METHODE DU BILAN DE U A NTIT E
dans le calcul et I'optimisation des performances DE MOUVEMENT
a~rodynamiqties des rotors. L'6tude du champ
abrodynamiqtie d'un rotor en vol stationnaire, est abordtde
ici, aui moyen d'tine nouvelle technique d'exploration de L'application de Ia mndhode du bilan de quantit6 de
1'6coulement par vdlocimdtrie laser cotiplde A tine mouvement [5, 6] est effectude suir tine surface de
m~thode de post-traitement, fondde stir les 6quations de contr6le S = Fa + 1w +1 entourant la pale A tine section
Kutta et de bilan de quantit6 de mouvement (KME r/R donn~e (voir &4tiation (1) et Figure 2).
m~thode), permettant de corr~ler les mesures de vitesses £
autour des pales aux coefficients de charges globales et - fdF.,, ds f (pJq.n).q ds(1
locales pour tine section donn~e en envergtire. s

2. MOYEN D ESSAIS ET TECHNIQUE En dbsignant par ~a, 7,w les contours entourant Ie profil
DE MESURE de la pale, le sillage issu de la pale, et par Z le contour

rectangtilaire extdrietir A~ la section de pale, et en tenant
Dans la configuration de vol stationnaire, simtilae dans Ie compte : d'tine part, de Ia condition de non glissement
hall d'essais do la soufflerie Si1-Luminy de l'IMFM, les sur Ia surface du profil (q.n = 0); et d'autre part, de
rotors maquettes (2R = 1 ,50m) sont maintenus A 2,90 mn l'galit6 des pressions stir chacune des frontibres dui
ati-dessus dui sol par l'internb~diaire d'un ensemble mAt-

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
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sillage du profil, l'6quation de quantitd de mouvernent en vol stationnaire et aux simplifications qu'elles
prend la forme particulikre donnde par l'6quation (2). apportent.

- d~xt- ds PI s + ;q.).' dsAfin d'optimiser l'dpaisseur Zy sur un rotor quelconque,-f~e~nd~#Pnds+~(p~n)qds (2)
le champ des vitesses tangentielles et axiales (V, W) est
tout d'abord mesurd en foniction de 'P (0• 'P • 2ic/b) le

En raison du caractkre axisymdtrique de l'dcoulement en long de diff6rentes lignes situ~es au voisinage de.
vol stationnaire, ii est en outre possible de choisir un l'extrados et de l'intrados du profil situ6 ii une abscisse
contour I spkcifique (voir Figure 3), de longueur d'arc radiale donn~e r/R = cste. Les lignes d'exploration situ~es
27t/b. La p~riodicitd de l'6coulement implique alors sur l'extrados (Zy < 0) et sur l'intrados (ZZr> 0) se
l'dgalit6 des pressions (P =P') et des champs de vitesses r~partissent de fagon sym6trique par raport A la ligne
(V = V'; W = W') le long des branches latdrales AB et passant par le quart-avant du profil, qui est choisie
DC du contour. L'6quation de quantitd de mouvement comme origine de rdf~rence (ZI = 0) (Figure 4). Le
projet6e sur l'axe Y permet ainsi d'atteindre la maillage qui r~sulte de ces lignes intrados et extrados, est
composante 6lementaire de la force qui s'applique sur le alors utilis6 pour ddfinir diffdrents contours d'6paisseur
profil suivant l'axe Y, soit dFy: My croissante, qul correspondent aux valeurs suivantes

2,,/b de ZI exprim~es en centimktres : +E 0,5; ± 1; ± 2;
-dFy pr f EwIV I - W.V.] dWi (3) ± 2,5; ± 3; ±5; ±10..

A partir des champs de vitesses (V, W) mesurds, les
Tandis que l'application de la relation de Kutta, au 6quations du bilan de quantitd de mouvement et de Kutta
contour Z conduit ii la composante verticale de la force, conduisent k analyser l'dvolution des charges
soit dFz : 6ldmentaires dFy et dFz en fonction de ZZ. Les r6sultats

2f 2.1 de la Figure 5 (cas de la section r/R = 0,70 du rotor 7 kb
- dFz= p!Qr V, - V.] dy (4) = 2 et 0 = 100), montrent que les forces dFy et dFz

0o conservent une valeur pratiquement constante tant que
l'6paisseur du contour IZZI •52,5 cm (soit environ la

Enfin, les coefficients globaux de traction et de puissance moiti6 de la corde).
r~sultent de l'int~gration de ces forces 616mentaires le
long del1'envergure de pale. 4.2. Determination des Charg'es Polobales du

?C =b fR dF,(i2r) r QCRoo
C.0 -r 2 Ve3 5 Dans le cas du rotor7, b =4, 0= 10', et pour ZE= 1,5

cm, la Figure 6a donne l'6volution correspondante de la
T=bf"F ;C= T force 616mentaire dFy en foniction de l'abscisse radiale en

T R ;C 2 2 (6) envergure de pale. La force dFy a&.6d~dadite de
p~TR Ve l'intA-gration des profils de vitesses tangentielles et

axiales mesurds sur l'intrados et l'extrados de la pale.
La thdorie des 616ments de pale est alors appliqude pour L'6volution de la force 6ldmentaire dFy suivant
determiner l'angle induit Oi et l'angle d'attaque cc du l'envergure de pale permet d'obtenir aprks intdgration, le
profil. Les coefficients de charges locales CL et CD sont coefficient de puissance CQ qui est alors compar6 k celui
ensuite deduits de Oi et des forces 616mentaires dFy et dFz mesurd par la balance. La diffdrence entre le CQ ddduit de
de la manikre suivante : l'application du bilan de quantit6 de mouvement et le CQ

dL =d~z os O + dy si Oimesur6 par la balance 6-composantes est de l'ordre de 2

Cl = 7y2i(M-Vi)2 + Wij.c (7) De la m~me fagon, la Figure 6b donne l'dvolution de la
dD dy cs Oi- dz si 9iforce 6l6mentaire dFz le long de l'envergure. Les rdsultats

dD~ ~ V,2 = Wyco O dz in montrent que le coefficient de traction CT d~luit de
Cd =% i''FrV)+ ic()lintdgration de dFz en fonction de r/R est triks proche de

/ý( 2rL 8 celui mesur6 par la balance 6-composantes Ga difference
est ici de l'ordre de 1I)

4. RESULTATS
La Figure 7 concerne le r~sultat de l'application de la

4.1. Optimisation du Contour d'1nt~graflon m~thode KNM au cas du rotor 4 (poss~lant un extrdmit6
de pale en flche), b = 4, 0 = 100. Comme dans le cas du

L'application de la m~thode KME a montrd tout l'intfrkt rotor 7, le coefficient de puissance CQ ddduit des mesures
de la sdlection adequate des dimensions g~om~triques du de vitesses autour de la pale est trks proche du coefficient
contour fermad I entourant la section de pale, dans la de puissance determine par la balance a 6 composantes.
determination de la distribution de circulation et des La d~iffdrence est ici de l'ordre de 2% entre les deux
charges globales et locales au cours de la rotation. La valeurs. Des conclusions analogues sont obtenues en ce
selection de la longueur 6gale A 2n/b se justifie par qui concerne le coefficient de traction CT, comme le
rapport aux des conditions de pdriodicit6 de 1'6coulement montre la Figure 7b. Dans ce cas, le CT ddduit des



24-3

mesures de vitesses autour de la pale est 6gal kL 0.00802 tables 2D. Les distributions des coefficients de portance
tandis que le coefficient de traction mesurd par la balance et de trainee, d~duites des deux proc~lures pr~c~lemment
A 6 composantes est dgal A 0.00797. citfes apparaissent 6galement en bon accord le long de

l'envergure de pale.
4.3. Determination des CharLyes Locales Sur

la Pale REMERCIEMENTS
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Cette nouvelle m~thode a Wt validde sur des rotors A
extr6mitds rectangulaires et dvolutives. Dans tous les
cas, les valeurs de CT et CQ obtenues par la m~thode
KME recoupent bien les valeurs expclrimentales globales
fournies par une balance rotative a 6 composantes. En ce
qui conceme la determination des charges locales, les
coefficients (CL, CD) obtenus, par la m~thode KME
coupl~e avec la th~orie des 6l6ments de pale, ont W
compares avec les coefficients (CL, CD) ddduits des
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INITIAL RESULTS FROM THE HIGHER HARMONIC CONTROL
AEROACOUSTIC ROTOR TEST (HART) IN THE GERMAN-DUTCH WIND TUNNEL
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ABSTRACT Therefore extensive theoretical [1-3] and experimental
[4,5] studies have been conducted in order to understand

Within a four nation research project jointly conducted the generating and reducing mechanisms of this pulse
by AFDD, NASA, ONERA, DLR and DNW the HHC type noise. It was shown that the BVI noise intensity
effects on BVI noise and vibrations were investigated, depends strongly on the vortex strength as well as on
The project had the objective to gain a physical under- the blade-vortex missdistance, parameters which can be
standing of the involved mechanisms and comprised influenced by superposing a higher harmonic blade pitch
theoretical as well as experimental studies. The latter angle to the conventional one. This Higher Harmonic
ones were performed in the German Dutch Wind Tunnel Control (HHC) technique therefore is well suited to
(DNW) and had the overall goal to provide information reduce the BVI noise level and thus was applied to
about all relevant parameters. For that purpose, different scaled model rotors in different wind tunnel tests [6,7].
measurement techniques like laser light sheet, laser dop- The results showed that, at optimum adjustment of the
pier velocimetry as well as acoustic and non-intrusive HHC parameters, the noise emissions of the rotor can in
blade deflection measurements were applied to a highly fact be reduced by more than 5dB. However, since these
instrumented hingeless model rotor. All of these techni- investigations used only a small number of stationary
ques were employed at different rotor conditions for microphones, it could not be clarified whether the re-
different HHC settings, thus yielding a very comprehen- sults were affected by directivity changes.
sive data base. It gives a physical insight in the mecha-
nisms involved in BVI noise and vibration reduction by A three nation test campaign conducted in the German-
higher harmonic control and forms the basis for an im- Dutch Wind Tunnel [8,9] with a movable inflow mi-
proved understanding and modeling of these complex crophone array, however, allowed measurements of the
phenomena. BVI noise directivity pattern over a large plane below

the rotor and concluded the directivity changes unaffec-
1. INTRODUCTION ted reduction of the BVI noise level. Although the data

evaluation confirmed the results of the earlier tests [6,7]
The helicopter is the most popular representative of a conclusive explanation of the HHC effects on the BVI
VTOL aircrafts and is well established both within the noise and vibration level was not possible.
military and the civil market. Due to its excellent hover
and low speed flight capabilities it is well suited for A better insight in the mechanisms of BVI noise and vi-
missions requiring take off and landing in areas unac- bration reduction by higher harmonic control was
cessible by other vehicles. However, these hover and expected from the HIHC Aeroacoustic Rotor Test
low speed flight capabilities are accompanied by a num- (HART) program which was jointly conducted by US
ber of disadvantages, such as high internal and external Army, NASA, ONERA, DLR and DNW. The objective
noise levels. The latter one is very intense during ma- of this research program was to improve the physical
neuver flight as well as landing approach, where the understanding and modelling of the HHC effects on BVI
rotor blades interact with the tip vortices shed by the noise and vibration generation by means of theoretical
preceding blades. This phenomenon known as Blade- as well as experimental studies.
Vortex Interaction (BVI) noise makes the helicopter at
certain flight conditions highly annoying and detectable In a first step, comprehensive rotor aerodynamic, dyna-
even when it is still far away from the observer. mic and acoustic codes were used to predict the noise

radiation without and with HHC [10]. The results were
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correlated with data from previous wind tunnel tests, passes the leading edge of the blade element and redu-
demonstrating that simultaneous aerodynamic blade ces the lift by generating a pressure distribution -cP1.

pressure and acoustic data together with detailed infor- Moving downstream, the vortex becomes completely
mation on the blade-vortex interaction geometry, blade located below the blade element at t=t,, thus leading to
tip vortex strength and core size are essential require- an increased lift with a pressure distribution -cr 2. Since
ments to establish a complete validation, the time interval At between t1 and t2 is very short, the

pressure distribution changes very abruptly from -cpr to

The experimental studies performed within this research -cp2, thus causing a pulse-type noise with the intensity
program, therefore, comprised simultaneous measure- directly proportional to the inverse blade-vortex miss-

ments of the aerodynamic pressures on the blade surface distance r squared, the vortex circulation F and the
and acoustic pressures within a large plane underneath bound circulation Fo.
the rotor. Furthermore non-intrusive flow visualization
and flow field measurement techniques as well as an These parameters can be affected with a higher harmo-

interferometric method to determine the blade deforma- nic blade pitch angle, superimposed to the conventional
tion were applied. The resulting comprehensive data one and generated by means of suited electro-hydraulic
base forms the basis for an explanation of the BVI noise actuators below or above the swashplate, for instance.
and vibration reduction capability by means of higher Although these actuators have to work very presicely
harmonic control and with that an improvement of the even at high frequencies, they can be realized using
prediction codes. inexpensive, standard servovalves combined with high

speed closed loop actuator controllers. In case of an

2. BLADE VORTEX INTERACTION NOISE AND implementation below the swashplate of a four bladed

HIGHER HARMONIC CONTROL rotor, for example, these HHC actuators allow a gene-
ration of a 3-, 4- and 5/rev blade pitch angle with an

BVI noise occures in flight conditions where the rotor arbitrary phase shift relative to the rotor azimuth

operates close to or in its own wake. It originates from (fig. 2). It can specifically be directed to affect the

a parallel interaction of the tip vortices from preceeding blade-vortex missdistance, the vortex circulation and the

blades with the following blades which leads to an im- bound circulation at the blade-vortex encounters and
pulsive change of the blade loading. Considering for with that to reduce the BVI noise.
example a 2D-model of a vortex which passes close to
a blade element, the vortex represents a velocity distur- 12

bance with a velocity profile as shown in fig. 1. The Blade deg_ Total Wth 4P

higher the circulation F of the vortex, the steeper the Pitch Pitch Control

velocity gradient passing through the vortex core. Angle 8 P c C nr

c CP1 -CP2 2 - W Net 4P Hi her Harm oc Pitch

0--

-CPO -
-2

0 90 180 270 deg 360

Azimuth Angle

2-D Model Fig. 2 Higher Harmonic Blade Pitch Angle

r r

2 3. HART TEST OBJECTIVE AND TEST PLAN
tf At

The objective of the HART wind tunnel test was to

Fig. 1 Mechanism of BVI Noise Generation improve the physical understanding of the mechanisms
involved in BVI noise and vibration reduction by higher

The blade element has a circulation Fr, and thus genera- harmonic control [11). For that purpose, the complete

tes a lift with a pressure distribution -%° when the vor- set of relevant parameters had to be investigated by

tex is far away (t=to). At t=tl the first part of the vortex means of suitable measurement techniques. Requiring a
relative large and complex test setup, in general, these
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Test Phase Investigated Parameters

Blade Surface Pressure
Aeroacoustic Tests Noise Emissions

Flow Visualization Vortex Trajectories,Blade-Vortex Missdistance

Laser Doppler Vortex Circulation Strength,
Velocimetry Vortex Core Size

Videographic and Blade Deflection,
Projected Grid Tests Blade Attitude

Fig. 3 HART Wind Tunnel Test Phases Fig. 5 DLR Rotor Test Rig in DNW

techniques had to be applied sequentially within separate des this balance, a hydraulic motor is mounted on the
test phases (fig. 3). The first one, denoted with "Aeroa- support, driving the rotor via a flexible belt. Balance,
coustic Tests", aimed on simultaneous measurements of motor and support are housed inside a glass fibre shell
blade pressure and BVI noise radiation. It was followed covered with open-cell foam in order to insulate the
by "Flow Visualization Tests" using Laser Light Sheet drive system noise on the one hand and to minimize the
(LLS) techniques to determine the vortex trajectories reflections of the rotor noise on the other hand. The
and blade-vortex missdistances. These results formed the rotor is controlled by three electro-hydraulic actuators
basis for the "Laser Doppler Velocimetry (LDV) Mea- below the swashplate which have a high cut-off frequen-
surements", conducted with the objective to determine cy and therefore feature HHC capabilities. They have an
the vortex circulation strength and vortex core size. Fi- authority of 3" and are transputer controlled thus allo-
nally, the test plan comprised "Blade Deflection and wing an easy and time-efficient variation of the HHC
Blade Attitude Measurements" using both a projected amplitude and phase shift.
grid and a videographic method.

For the HART wind tunnel test the test rig was attached
to the DNW sting mechanism in the open jet test section
and equipped with a Mach-scaled model of the hingeless
BO105 main rotor (fig. 5). The model had a radius of
2 m and an operational speed of 1040 rpm giving a first
blade passage frequency of 70 Hz. The blades were
highly instrumented with 124 pressure transducers and
32 strain gauges implemented on one of them (fig. 6).
Like all other signals of the rotating frame, the ouputs
of these sensors were fed through the shaft to a minia-
ture amplifier assembly where they were properly con-

. . .. . . . .. ditioned. and transmitted to the fixed frame via a slipring
system (fig. 4).

75%R 87%R 97%R'
Fig. 4 DLR Rotor Test Rig ROTESTII 124 Sensors 75,R 8 9,",

Profil "NACA 23012 mod

4. EXPERIMENTAL SYSTEM

4.1 Rotor and Aeroacoustic Setup

The HART wind tunnel test was conducted with the 44 Sensors

DLR rotor test rig ROTEST II (fig. 4), a modified ver-
sion of the former DLR rotor test stand. It essentially
consists of a support mounted balance, measuring both
the static and dynamic rotor forces and moments. Besi- Fig. 6 Pressure Sensor Distribution
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The noise emissions of the rotor were measured by position reference signal of 128/rev, 96 sensor signals
means of fourteen microphones, eleven movable and were sampled and evaluated up to a frequency of
three stationary ones. Whereas one stationary 210 Hz. This was done after the DNW system had
microphone was implemented 1.1 m below the hub at acquired the wind tunnel data which were merged with
the fuselage, the remaining two were attached at the the digitized sensor signals of the rotor test rig to a
wind tunnel nozzle within the rotor plane. The eleven common data base (fig. 7).
movable microphones were mounted on a traversing
system which was also covered with open-cell foam in 4.2 Flow Visualization Setup
order to avoid rotor noise reflections (fig. 5). In combi-
nation with the sound absorptive test rig lining this The aeroacoustic measurements were followed by flow
acoustical treatment of the microphone traverse made it visualization tests using a continuous single laser light
possible to maintain the excellent anechoic properties of sheet, a triggerable fast motion video camera, a stro-
the DNW open jet test section, a prerequisite for high boscopic light source and an oil smoke generator [12].
quality acoustic data. The tests aimed on a visualization of the tip vortices,

the tip vortex trajectories and especially the blade-vortex
The acquisition of the acoustic data was performed by missdistance at rotor azimuth positions important for
means of a transputer based system being able to sample BVI noise. For that purpose oil smoke was injected
all microphone signals simultaneously (fig. 7). It was upstream the rotor by means of a remotely controlled
automatically enabled at 17 pre-selected streamwise generator located at the wind tunnel nozzle (fig. 8).
microphone array positions and was triggered by a Moving downstream the oil aerosols hit a light sheet
2048/rev blade position reference signal. For each stre- which was emitted by an optical package connected via
amwise position 30 rotor revolutions were sampled glass fibre cable to a 5W argon-ion laser. The optical
while the microphone array continued moving slowly package was mounted on top of the inflow traversing
with a velocity of 45 mm/s from 4 m downstream.to system and had the capability to rotate around its verti-
4 m upstream of the rotor hub. cal axis, thus allowing to erect the laser light sheet at

any azimuth position with any angle to a particular bla-
de. Crossing the light sheet, the oil aerosols scattered

DNW DQR-• DIRAE the high intensity laser light, which was recorded by aWind Tunnel Date, RotorFerf"rmao Made R-.s~ & otni theuhi.
nun. Pol., DataPoint Daa Saing Date, DO . fast motion video camera. Triggered by a 512/rev signal

V, P, T. P, Hum. 96 Ch-n approx 230 Chanm 140.,m

ModeI ~ing ~port in~h~dng iindudingd of the rotor test rig, it generated a video picture during
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Fig. 7 HART Data Acquisition Systems

A similar system was used for acquisition of the blade <-"

pressure and strain gauge data, however with a larger
capacity of 240 channels (fig. 7). Each of these channels
was triggered with a 2048/rev blade position reference
signal, yielding a useful frequency range of 18 kHz. For
each rotor condition and HHC setting 64 revolutions Fig. 8 Flow Visualization Test Setup
were sampled immediately before a microphone traverse
run. Besides a visualization of the tip vortices another objec-

tive of the LLS tests was to determine the distance of
Shortly before the acquisition of blade pressure and the tip vortices with respect to a passing rotor blade at
strain gauge data, the rotor data were measured over a a given azimuthal angle. Therefore it was necessary to
period of 32 revolutions (fig. 7). Triggered by a blade visualize the vortex and the respective blade simultane-
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ously, a requirement which was accomplished by means This was done by means of two systems, simultaneously
of a powerful stroboscopic light source. It was installed operated by DLR and ONERA. While DLR cared for
outside the jet in the proximity of the video camera the blade vortex interaction at the advancing side, ONE-
(fig. 8) and, like this, was also synchronized with the RA concentrated on the one of the retreating side (fig.
rotor azimuth by means of a 512/rev signal. Since the 9). Both LDV systems, which were located at platforms
duration of the strobe length was about 6 times shorter of 9m height (fig. 10), had a working distance of 5 m
than the time-frame needed to generate the video and 3D capability.
picture, an outshining of the laser light image by the
strobe light was avoided, thus allowing a simultaneous Ob

visualization of both, the vortex and the respective rotor
blade.

In order to quantify the distance between both, a refe-
rence grid of known dimensions was placed in the plane [ ot

of the light sheet after the wind and the rotor had stop-
ped and was recorded with the same video camera for a
few seconds. Later on, this video recording was digiti- C41a

zed and overlayed on the original video picture, thus SOP. PWO Traw_" optics

allowing to quantify the blade-vortex missdistance. F - Sim -

Fig. 11 LDV System of DLR

The LDV system of DLR (fig. 11) operated in back
.... scatter, off-axis mode and used a 6 Watt argon-ion laser
N as light source [13]. The three most intensive laser lines

(476.5nm, 488 nm and 514.5 nm) were utilised to di-
stinguish the different velocity components. Each of
the laser beams was devided into two individual beams

fLDV Test Setup with similar intensity, one superimposed with a Bragg
Fig. 9 Sketch of Tshift of 40 Mhz, to determine also the direction of the

flow vector for this component. The laser beams were

4.3 Laser-Doppler Velocimetrv Setup coupled into single mode glass fibres and launched into
the probe volume via individual transmitting optics. For

The objective of the LDV measurements was to deter- good resolution of the third velocity component, the
mine the strength and core size of the vortices interac- angle between the optical axes was set to 300. The ef-

ting with the rotor blades at 480 and 2980, respectively. fective size of the probe volume was about 0.25 mm in
diameter and 1mm in length. Dispersed oil particles
induced into the flow had a size lower than 1 pm and
therefore were small enough to follow the flow in the
correct manner. As receiving device a single concave
mirror was used, collecting the scattered light of all
three lines and feeding it into a multi mode glass fibre
for being colour separated by a prism system.

LDv

Green

Cassegraln

Fs 1Blue

Fig. 10 LDV Towers and Rotor Test Rig Fig. 12 LDV System of ONERA
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The LDV system of ONERA (fig. 12) used a 10 Watts
all lines argon laser to create the green 514.5nm- and
blue 488nm-components [14] whereas for the violet Line of sight 3
476.5nm-component another argon laser, emitting
2 Watts on this line, was used. Green and blue compo-
nents were issued from a beam dividing system using
dichroic plates and mirrors, Cassegrain x5 beam expan-
der and 5 m focal length optics 200 mm in diameter,
whereas the violet laser beam was divided into two
equal intensity beams which were coupled to 20 m long Line of sight 2 Line of sight 1
monomode optical fibers, beam expanders and focussing
optics. All three components were equipped with a pair Fig. 14 DLR Blade Deflection Measurement

of Bragg cells in order to induce a fringe movement at
a 5 Mhz frequency and were arranged at an angle of In case of the DLR system, the blade contours at
t15' within and ±45' relative to the horizontal plane r/R=0.87 were recorded against a background, illumina-
(fig. 13). With this architecture equal beam intensities of ted by flashlights [13]. From the resulting picture, the
300 mW to 400 mW at the probe volume and a syme- blade position and angle of incidence was evaluated by
try of the components relative to the main flow could be means of a computer program which fixed the trailing
achieved, thus ensuring a high accuracy and an optimal edge of the blade image with two lines of sight and then
velocity measurement domain. The light scattered by moved the tip contour image towards the third one
0.5 itm particles of incense smoke, injected 50 m up (fig. 14). The accuracy was with 0.01' and 0.35 mm in
stream into the flow, was collected by a Cassegrain the same order of magnitude as the one of the ONERA
telescope 450 mm in diameter before it was separated TART (Target Attitude in Real Time) system which
by dichroic plates and interferential filters. recorded at each rotation of the same blade the image of

two retroflecting circular tapes, stuck at the blade tip
and illuminated by means of a stroboscope. The bary-
centres of the two spots were transmitted via a specific

X Wind interface to a PC, displaying the angle of incidence as
X, well as the position of the blade tip with respect to the

rotor hub in real time.

Y The deflection of the complete blade finally was measu-
Top View Front View red by means of the so called Projected Grid Method

Green Z (PGM) developed by DNW. It is based on the fact that
Violet a grid, which is projected on the surface of a structure

1 X° • 1from a certain direction and recorded from a different
X direction, changes its image when the structure is

deformed or displaced. By comparing the image corre-
Blue + Green B / sponding to the non-deformed and non-displaced state

Y Blue with the one corresponding to the deformed and deflec-
ted, the relative deformation and displacement of the

Fig. 13 Geometry of ONERA LDV Components structure can be determined.

4.4 Blade-Deflection Measurement Setup

In order to complete the set of investigated BVI noise
and vibration relevant parameters, blade deflection mea-
surements based on different techniques were performed
at the end of the HART wind tunnel entry. The first
ones aiming on a determination of the blade tip position -'-

and orientation at azimuthal angles important for BVI
noise were conducted in parallel to the LDV measure- . - . .

ments. Again two systems, independently operated by

DLR and ONERA, were used. Both worked with a CCD
camera, differed, however, in the principle of measure-
ment. Fig. 15 PGM Test Setup
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For the HART wind tunnel test the grid was projected measurements finally were conducted exclusively for
in the darkened test section perpendicular to the leading phase shift values leading either to a minimum BVI
edge of the dull white painted blades, leading to a par- noise or vibration level, thereby focussing on reasonable
allel shift of the grid pattern in case of a vertical blade rotor azimuth positions, for example the ones where
displacement and a skewed shift of the grid lines in case most intense blade-vortex interactions occured.
of blade torsion. The projection was performed from a
specially constructed bench installed underneath the 6"decent flight, p-0.15, CT=0.0044
rotor on the test section floor with the center of rotation -2
vertically aligned to the rotor center. The bench was
equiped with the grid projector and a high resolving
CCD camera and could be rotated over 3600 (fig. 15). -1
Once adjusted at a preselected fixed position, the arran-
gement made it possible, to record the grid pattern at a
certain rotor azimuth position by triggering the video 0
camera adequately.

5. HART TEST MATRIX

Although the measurement techniques used for the
HART wind tunnel tests were very time consuming, 2 w HP/ 5 0
they were applied at different rotor conditions. Most of -1 0 Y/R 1 -1 0 Y/R 1
them represented a descent flight with a variation of the Fig. 17 BVI Noise Pattern Below the Rotor
glide path angle from -Y3 to +12' and an advance ratio
of 0.114 < V < 0.275 corresponding to a wind tunnel
velocity range of 25m/s < v 5 60m/s (fig.16). 6. 1NITIAL TEST RESULTS

6.1 Aemacoustic Results
' .12'

10 According to the HART test objective to investigate the
complete set of BVI noise and vibration relevant para-

-30 meters, a very comprehensive data base was generated.
climb •Its inital evaluation showed that a higher harmonic blade

iiI Pch pitch angle has quite an influence on the noise emission
Atti.udd of a helicopter rotor. Fig. 17 shows the noise pattern un-

deseen •derneath the rotor as measured by the movable inflow5 i+ microphone array and also shows that the maximum

-. -, +6o BVI noise level occuring at 900 rotor azimuth approxi-
__r___to_ mately could be reduced by more than 6 dB.

0 10 20 30 40 50 60 m/s 80

tunnel velocity 6"descentflight,JI =0.15, CT =0.0044
Fig. 16 HART Test Conditions 60

The nominal test condition was a simulated landing Pressure

approach at an advance ratio of 0.15 and a glide path (Pa) 0

angle of 6" corresponding to a wind tunnel velocitiy of -30
33m/s and a shaft angle oxs of 5.3'. At this condition a Baseline w/o HHC
systematic phase shift variation was performed during 60- M
the aeroacoustic measurements for 3-, 4- and 5/rev HHC Sound 30
showing that for an amplitude of 0.8" a 3/rev blade pitch Pressure
angle is the most effective one, both with respect to BVI [Pal -
noise and vibrations. The following tests at different -30
shaft angles and advance ratios therefore concentrated -60 3P/0.85°A/300°Ph
on this HHC frequency with a phase shift variation only 0 0.2 0.4 0.6 0.8 1.0
within a limited interval, interesting from the physical Time/Rot. Period
point of view. The LLS, LDV and blade deflection Fig. 18 Sound Pressure Time Histories



25-8

The sound pressure time history measured at this loca- rotor azimuth when HHC is not applied and that the
tion reveals, in case without HHC, strong pressure pul- parallel blade-vortex interactions of the baseline case are
ses each one being related to a blade-vortex interaction nearly smoothed out by a 3/rev blade pitch angle of 0.8'
(fig. 18). They are distinctly reduced when higher har- amplitude and 300' phase shift (fig. 19). However,
monic control is enabled with a proper amplitude and strong pressure fluctuations occur more upstream at ap-
phase shift. Even though low frequency loading noise is proximately 1000 rotor azimuth, but not simultaneously
seen increased in this case the corresponding frequencies at all radial stations. Obviously, a higher harmonic blade
are not important on a subjecitve, for example, pitch angle makes it possible to substitute the BVI noise
A-weighted noise scale. generating parallel blade-vortex interactions with

non-parallel and therefore non-BVI noise intense ones.
6' descent flight @ /L-0.15. CT-0.0044

S 6.2 Flow Visualization Results

Due to the fact that vortex trajectories can only be vi-
minimum n MHC sualized when smoke is inserted continously to the flow

..mi. at the rotating blade tips, the laser light sheet, used for
the flow visualization -tests, was positioned at different
locations under different directions of orientation. Adju-
sting the remotely controlled smoke probe properly, the

-minimum vibration HHC tip vortices in the respective cross sections could be
visualized (fig. 20).

The corresponding vortex lines, constructed from suc-
cessive laser cross sections, are shown in fig. 21 exem-

Fig. 19 Leading Edge Pressure Distribution

6° descent flight

An overall characteristics of the BVI noise reducing me- la = 0.15, as = 5.3% CT = 0.0044, M H= 0.64

chanisms in case of higher harmonic control could be
derived from the blade pressure data. It was found that Rotor Center -------- Vortex 5
strong pressure fluctuations occure between 400 and 700 - Vortex6I

* Low Noisemm

Smoke Probe X Ik
(remotely controlled) Smoke set

Stream Sheet (LLS) Z lot se bow
Wind 1000 Angle of Mew for

Y ~Z-R-Plot, see \ below 1
•F Traversing

215" Range 2000 , ,
0 10300 mm 2000

200-
mm

Z Theoretical
100 Blade Position

SVortex # 5 •

0= Vortex # 6

-100 - Vortex6 -------.Ve
X1 Baseline

S•* Low Noise]

S-200 - I,

0 10 rmm 2000
Radius R

Fig. 20 Application of Laser Light Sheet Technique Fig. 21 Vortex Trajectories Determined by LLS
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plarily for the baseline and minimum noise HHC case tial position, the velocity recording was performed for a
and a rotor azimuth of 35'. The figure shows the number of rotor revolutions and the mean value was de-
increased blade-vortex missdistance occuring in mini- termined besides additional statistical parameters. Final-
mum noise case, thus demonstrating, that parallel blade- ly, a mean velocity map was established in form of a
vortex interactions are, in fact, avoided when a higher vector plot, as shown in fig. 23. It clearly points out the
harmonic blade pitch angle is superposed with a proper double vortex already detected during the LLS measure-
amplitude and phase shift to the conventional one. ments at the advancing side when higher harmonic con-

trol was adjusted for minimum vibrations.

6. descent flight, g= 0,15, CT=0.0044,4=350

'MBaseline Case B I Hb

< Z

. Mib tiosn.b tions

Vibrations Fig. 23 Velocity Vector Plot

By post-processing of the data included in the mean

60descent flight velocity maps, additional parameters like vortex strength

P = 0.15 and vortex core size can be calculated. Fig. 24 shows
cc S = 5.30 for example the vorticity distribution occuring at the re-

CT = 0.0044 treating side for the baseline case and for a case with

= 350
6° descent flight,g= 0.15, CT=O.0044,'=300°

Fig. 22 HHC Effect on Vortex Structure

Besides these results, the LLS measurements provided a,. .
also informations about the vortex structure and how it __...._----_-__ , .
is affected by HHC. For example, fig. 22 illustrates that V

the single, concentrated vortex of the baseline case,
occuring within the proximity of 35' rotor azimuth, is I Baseline
converted to a counterrotating double vortex when HHC _

with minimum vibration control settings is applied.

6.3 Laser-Doppler Velocimetty ResultsP

The strategy of the LDV measurements was to record

the velocity time history for a fixed spatial position
before the probe volume was moved in vertical direction Z
to another position. The corresponding coordinates as
well as their upper and lower limits were based on the HHC Minimum Noise
flow visualization results, thus making sure, that the
vortex is located within the scanned area. For each spa- Fig. 24 Vorticity Map
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minimum BVI noise HHC settings. It makes clear that 2,0
a higher harmonic blade pitch angle has a strong influ- deg.
ence on the vorticity distribution of the tip vortex which 1,0.
nearly vanishes in minimum BVI noise HHC case. Torsion .

6.4 Blade Deflection Measurement Results 06'descent flight
T. 3

The results of the blade deflection measurements at -10 CT =0.0044,_

different rotor azimuth positions in baseline case and 2,0-
relevant for BVI noise and vibrations. Depending on the F, T = 600

measurement techniques applied, the results provide10 -
informations either of the absolute deflection at the Torsion
blade tip or the relative deflection along the blade span.
The latter ones resulting from the projected grid method -_- 1 ------- Mi. BVI Noise

are shown in fig. 25 for the rotor blade at azimuthal -1,0 - Mi. Vibrations

angles of 60' and 130", i.e. at rotor azimuth positions 0 1000 mm 2000
where parallel blade-vortex interactions occure and Radius
where the respective vortex is generated. The curves Fig. 26 Elastic Blade Twist
represent the blade bending line relative to the one oc-
curing in baseline case and make clear that the blade is
deflected upwards at 600 and downwards at 130' when at both 60' and 130'.These results, which are supported
HHC is adjusted for minimum BVI noise. The opposite by the ones of the videographic methods applied in
trend can be recognized when HHC is adjusted for a mi- parallel to the LDV measurements, indicate, that the
nimum vibration level. In this case, the blade is deflec- prime parameter for BVI noise reduction by higher
ted more downwards at 600, which obviously leads to a harmonic control is the blade-vortex missdistance.
closer interaction with the tip vortices passing through
the rotor plane at this location thereby generating in- Concluding Remarks
creased BVI noise levels.

Due to the manifold measurement techniques applied

10 IT = 1300  during the HART wind tunnel test, a comprehensive

mm- data base was generated, providing information about all
z BVI noise and vibration relevant parameters. This data

0 o base confirmed that a higher harmonic blade pitch angle
6"descentflight is able to reduce the BVI noise level by more than

50, 5 dB. In this case, the strong loading fluctuations in the
-10 C 0.0044 first quadrant of the rotor disc in descent flight condi-

tions are nearly smoothed out, leading to the conclusion,
that the parallel blade-vortex interactions are largely

10 FT = 600 I-oo reduced. In fact, the position and orientation of the vor-
mm -......... tex lines with respect to the blade is modified by a

z 0. higher harmonic blade pitch angle, which can be derived
from the flow visualization results. In addition, the non-

MIin. BVINi intrusive optical methods show that the blade is bended
10 Min. Vibrations up at the blade-vortex encounters and bended down at

S- - I I the position of vortex generation in minimum noise
o 1000 mm 2000 HHC case. The results of the modified vortex position

Radius and orientation found out during the flow visualization

Fig. 25 Elastic Blade Flap Deflection measurements indicate that the most important parame-
ter for BVI noise reduction by higher harmonic control
seems to be the blade-vortex missdistance. Obviously,

The elastic blade twist for the same azimuth positions this parameter is mainly determined by the tip vortex
and the same HHC settings is shown in fig. 26. The trajectories whereas the effect of the elastic blade ben-
results, again referenced to the baseline case, demon- ding and torsion on the reduction of the BVI noise and
strate that an HHC adjustement optimal for BVI noise vibration level by higher harmonic control has still to be
reduction leads to an increased blade angle of incidence investigated in more detail.
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ABSTRACT calculations performed, starting from experimental
inputs [4, 8], tend to show that acoustic codes

The paper presents a status of theoretical tools of provide good predictions when aerodynamic input
AFDD, DLR, NASA and ONERA for prediction data are accurate. The BVI noise prediction
of the effect of HHC on helicopter main rotor BVI problem is then that of correctly predicting blade
noise. Aeroacoustic predictions from the four pressures or sectional loads during blade vortex
research centers, concerning a wind tunnel interactions.
simulation of a typical descent flight case without
and with HHC are presented and compared. The Since BVI events are highly impulsive and
results include blade deformation, geometry of acoustics is sensitive to the time derivative of local
interacting vortices, sectional loads and noise. loads, very accurate predictions of the unsteady
Acoustic predictions are compared to experimental fluctuations of these quantities associated to BVI
data. An analysis of the results provides a first are required. This requirement first implies a
insight of the mechanisms by which HHC may precise prediction of the kinematics and of the
affect BVI noise. elastic deformations of the blades in torsion, flap

and lag. This is a necessary condition to a correct
1 INTRODUCTION calculation of local loads which govern the

emission of vortices by the blade. Second, it implies
Noise reduction is presently a key issue for the a good prediction of the strength and geometry of
development of the civil market of helicopters, these vortices at the occurrence of interactions: roll
Among all helicopter rotor noise sources, blade- up of the blade vortex sheet which may result in
vortex interactions (BVI) in descent flight, between more than a single tip vortex, vortex trajectory with
the rotor and its own wake, are the main sources of respect to the blade, core size. Third, a suitable
nuisance for people living near heliports. aerodynamic modelling is needed to calculate the

unsteady loading response of the blade to oncoming
The development of accurate BVI noise predictions vortices, particularly for close blade vortex
based on a correct understanding of noise interactions.
generation mechanisms has become a major
objective for helicopter research. It is essential for Extensive aerodynamic code developments or
the design of quiet rotor geometries as well as for improvements are still in progress in order to
noise control using active means, such as Higher provide acoustic codes with accurate input data [9-
Harmonic Control (HHC), individual blade control, 15].A number of aeroacoustic rotor tests have been
trailing edge flaps... carried out to constitute experimental data bases
Acoustic codes based on the integration of the which have been used to validate the theoretical
Ffowcs Williams-Hawkings equation (FW-H) [1] effort. Several of these studies [16-17] were
with either local blade pressures or sectional loads performed with the purpose of demonstrating the
as input data [2-7] have been developed. The effectiveness of HHC for noise reduction. However,

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin, Germany' from 10-13 October 1994 and published in CP-552.
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although acoustic data have been gathered, only a The rotor aerodynamic analysis in CAMRAD/JA
very few information on the rotor wake geometry is based on lifting line theory with separate models
and corresponding blade pressures have been for the blade and wake that are coupled by the
obtained. Furthermore, the mechanisms by which induced velocity and the bound circulation. The
BVI noise is affected by HHC are far from being blade model, based on 2-D airfoil tables, consists
clearly defined and quantified. of unsteady, compressible, viscous flow about an

infinite aspect-ratio wing. The blade model includes
For these reasons, an intensive Higher Harmonic corrections for yawed flow, three dimensional and
ControlAeroacoustic RotorTest (HART) program unsteady effects. A lifting-surface correction is
was jointly conducted by Aeroflight Dynamics included for the first-order lifting-line theory blade-
Directorate (AFDD), DLR, NASA Langley and vortex interactions. The wake model consists of
ONERA. A BVI aeroacoustic test of a highly an incompressible vortex wake from a lifting-line
instrumented BO 105 model rotor in the DNW with distorted wake geometry (free wake). The
without and with HHC with measurements of blade inboard trailed and shed vorticity is modeled using
position and deformation as well as measurements vortex sheets. The law of Biot and Savart is used
of the wake geometry by means of Laser Light to calculate the rotor wake induced velocity. The
Sheet (LLS) and Laser Doppler Velocimetry (LDV) circulation in the wake is determined by the radial
was recently performed [18]. In parallel, theoretical and azimuthal variation of the bound circulation.
models were developed or improved. A first step The trim analysis in CAMRAD/JA involves
of this theoretical work was to calculate the BVI solving for the trim variables (rotor control input
noise of rigid rotor blades for simple monocyclic and aircraft Euler angles) from the algebraic
pitch and to compare these results with existing equations obtained by setting the thrust, tip-path
rotor noise data. This work was reported in [ 15]. A plane angle, etc. to target values. The periodic rotor
second step was to calculate HHC. The present motion and airframe vibration are obtained by
paper addresses that effort using data for a hingeless solving differential equations of motion. The
rotor operated with HHC which is a non CAMRAD/JA computed wake geometry and
instrumented version of the HART rotor. inflow angles are used in FPR to solve for the

aerodynamic surface pressures. Since the
The paper presents the status of the prediction tools computational domain of FPR will include some
of AFDD, DLR, NASA and ONERA at the date of the wake geometry, CAMRAD/JA calculates the
of May 1994. Aeroacoustic predictions from the partial angle-of-attack, obtained by excluding the
four research centers concerning a wind tunnel wake inside the computational domain when
simulation of a 60 descent flight case are presented evaluating the non-uniform induced velocity [19].
and compared. The results include blade position The partial angles include the effects of HHC, when
and attitude, blade deformation, location and it is applied i.e. elastic deformation and changes
orientation of interacting vortices, sectional loads in inflow.
and acoustics without HHC and for three different
values of the HHC phase. Acoustic predictions are FPR solves the 3-D, unsteady, full potential
compared to experimental data [17] and discussed. equation for transonic flow with the density

function determined by the Bernoulli equation. This
2 AERODYNAMIC AND ACOUSTIC rotor code, in strong conservation form, is based
THEORETICAL PREDICTION METHODS on the fixed-wing code of Bridgeman et al [20].

Discrete vortices are introduced into the finite-
AFDD, DLR, NASA Langley, and ONERA have difference computations using a velocity
independently developed aerodynamic and acoustic decomposition method. The total velocity field is
prediction tools using different approaches. Each the sum of the gradient of the potential and the
of the codes used to derive the results presented known vortex velocity. The potential equation is
hereafter are briefly described, solved using half-point differencing formulas.

First-order backward differencing is used in time
2.1 AFDD prediction method and second-order differencing is used in space
Blade vortex interaction noise is predicted atAFDD Ref. [21, 22, 9]. The time step for the solution
in a three stage process. The prediction process corresponds to 0.125 degrees rotor azimuth, or
starts with the calculation of the rotor wake about 64 time steps per chord at the rotor tip. The
geometry, the partial inflow angles and the blade reason for this relatively small time step is to
motion. This is accomplished by CAMRAD/JA capture the BVI events that happen in a very short
which is a comprehensive analytical model of rotor period of time. The velocities associated with the
aerodynamics and dynamics by Johnson discrete vortices are determined using the law of
Aeronautics [ 19]. FPR, a full potential rotor flow Biot and Savart as described by Scully in [23].The
solver, incorporates the wake geometry and partial vortex is defined as a series of straight line
inflow angles in the computation of the segments with the strength varying linearly along
aerodynamic surface pressures [20-22,9]. The final each segment. An algebraic model is used for the
step in the process is the prediction of the far-field solid body rotation of the vortex core.
acoustic pressure. RAPP, a rotor acoustic prediction
program based on the Ffowcs Williams and A simple, yet accurate rotor acoustic prediction
Hawkings equation, calculates the acoustic pressure program (RAPP) utilizes the FW-H equation in a
using the FPR computed surface pressures [5]. form well suited to incorporate blade surface
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pressures from computational codes such as FPR. Within the simulation, only a set of pre-calculated
The volume integral that models the noise produced influence coefficients is used in combination with
by a non-linear flow field (from the knowledge of the actual circulation distribution to calculate the
the Lighthill stress tensor) is not included in the induced velocities. Offline of the simulation,
computation performed by RAPP. It is assumed in additional deflections of the blade motion are
the current work that the blade vortex interactions introduced to generate new influence coefficients
do not result in strong shocks and that the and to rerun the simulation with these.
contribution to noise from this non-linear flow field
term is negligible. Aeroelastic model

For blade dynamics, uncoupled flap, lead-lag and
RAPP uses the acoustic lifting line method to torsional modes are used. Coupling exists in form
model the blade surface loading. The acoustic of Coriolis forces and the aerodynamic forces.The
lifting line is the quarter chord of the acoustic mode deflections and the aerodynamic forces are
planform and consists of the locations of the used by the force summation method to get the
contributing sources. These source locations are rotating hub forces and moments and then these
found by solving the retarded time equation [24]. are transformed into the nonrotating system. Time
In this formulation, the force terms in the FW-H integration is done by a Runge-Kutta 4th order
equation are modelled as chordwise compact scheme.
sources distributed spanwise along the quarter
chord of the acoustic planform. Note that the term Trim algorithm
«acoustic lifting line» refers to the location of the Thrust, pitch and roll moment are normally used
contributing sources, not to the method of to trim the rotor to the desired condition, holding
determining the aerodynamics. The aerodynamic the shaft angle constant, by varying the basic rotor
sectional coefficients that describe the source control angles. Additionally, a HHC controller can
strengths are calculated by FPR and contain be implemented.
information over the whole chord. This technique
works well as long as there is sufficient azimuthal Output
resolution of the sectional lift and drag input. The output consists of a variety of rotor data time

histories. Basically there are the nonrotating forces
2.2 DLR prediction method and moments, additionally all blade degrees of
DLR applies the S4 rotor simulation code to predict freedom and all aerodynamic values at. the blade
the spanwise blade loading provided as input to elements. For purpose of noise prediction, the
the acoustic code AKUROT. output stepsize is 2 degrees in azimuth and 20 radial
The S4 code is based on three main modules, which stations along the blade. The matrix of lift
all together are controlled by the rotor trim distribution is used as input for the acoustic
algorithm. Its purpose is mainly of flight mechanic calculation.
nature, especially prediction of HHC on rotor
dynamics. Due to basically arbitrary stepsize, it is For acoustic calculation, the DLR uses the acoustic
also suited for noise predictions. The main modules code AKUROT. This code was developed in 1987
of S4 comprise: [4] and first validated with experimental data from

the 1982 AH 1-OLS-model rotor tests in the DNW.
Aerodynamic model The code is based on the FW-H equation (Farassat
This is a lifting line method based on the algorithm formulation I) and includes thickness noise term,
of U. Leiss [25]. It consists of an analytical math loading noise term and also an approximated
model to describe the 2D steady airfoil behavior quadrupole noise term. The calculation is
overall ranges of Mach number and angle of attack performed in the time domain. For the HART

that a helicopter rotor blade airfoil experiences, predictions at low speed conditions, only the linear
Because of the analytical functions, this algorithm thickness and loading terms are used and, in this
can also be used for calculation of unsteady case, the code is similar to several other acoustic
aerodynamics, based on the arbitrary motion theory. codes like WOPWOP [28], RAPP [5], PARIS [6]
For this purpose, the velocities at the airfoil section or ROTAC [7].
are split into their origin: 1) those from blade
motion are handled with the Wagner function, 2) The input data for the loading term are provided
those from the wake far field are handled like a by the S4-rotor simulation code described before.
gust problem using the KUssner function. With this Because the S4 code is a lifting line code, only
method, an effective angle of attack and an effective loading data for one chordwise station (quarter
stall angle are calculated, leading to unsteady chord line) are available, for 20 radial stations and
aerodynamic coefficients, and including dynamic 180 azimuthal stations. To obtain a smoother result,
stall. the loading data were interpolated to get inputs for

1024 azimuthal and 20x8 radial stations before
Wake model performing the acoustic calculation.
A prescribed, distorted wake geometry is used as
described by T. Beddoes [26]. This applies for the 2.3 Langley prediction method
near wake (mostly the first 15 deg. behind a blade) The prediction of highly impulsive noise sources
as well as for the tip vortex. The modelling of a requires high resolution blade loads in both space
second vortex trailed inboard of the tip is possible. and time. At Langley, several methods for
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computing these airloads have been under outer core radius of 3.3 c, containing the remaining
development. Predictions used in the present paper 30 percent.
is primarily from the HIRES rotor noise code. This The FPRBVI code is a version of FPR(V2.1) [22]
uses a modified and enhanced version of which has been modified to include, all wake
CAMRAD [19], designated as CAMRAD.Modl, elements (both advancing and retreating sides) for
and the relatively fast high-resolution post- a given distance downstrean of the rotor. The code
processing blade loads code, HIRES. The HIRES accounts for blade sweep, taper, and finite aspect-
code in its preliminary form was applied in an ratio, along with compressibility effects, including
earlier, more global analysis [ 12] of data from the possible generation of shocks about the blade. The
same HHC/BVI test that is examined in this report. FPRBVI calculations presented were made with a
The other prediction method, with which some of stacked 0-grid size of 80x36x24 in the chordwise,
the present non-HHC data is compared, is a CFD spanwise, and normal directions, respectively. The
approach. This uses a comprehensive rotor code computational domain extends from 50% to 120%
(either CAMRAD, CAMRAD.Modl, or radius, and approximately +/- 0.28R in the
CAMRAD/JA) and the full-potential CFD code streamwise and vertical directions. The
FPRBVI in post-processing. Both approaches use computations used eight time steps per degree with
the rotor acoustic code WOPWOP. 60 degrees of time (azimuth) overlap aft of the rotor

to ensure periodicity. The BVI modelling was
For the present problem, both of the prediction accomplished with the surface transpiration option
methods startwitha 10 degree azimuthal resolution in FPRBVI and the tip vortex wake was
(low resolution) determination of the rotor wake interpolated to 2 degrees resolution and smoothed
and blade motion using CAMRAD.Modl. The in time and space prior to input into FPRBVI.
enhancements of CAMRAD.Modl which were FPRBVI modelled the tip vortex core using a dual-
employed here include HHC input capability and core model identical to that employed in the HIRES
the use of an optional Beddoes [27] indicial code.
unsteady aerodynamic modelling, as an alternate
to using the existing Johnson aerodynamic model The rotor acoustic prediction code WOPWOP [28]
in CAMRAD. The rotor blade dynamics coding implements the acoustic formulation IA of
has not been altered, but the dynamics are indirectly Farassat. This non-compact formulation is a time-
affected through the choice of the aerodynamic domain representation of the FW-H equation
forcing function (Beddoes model). In Modl, the excluding the volume source or <quadrupole>> term
wake details are still determined by the Scully free- for subsonic flow. The inputs to WOPWOP include
wake subroutine which is iterated with the the physical characteristics such as blade shape as
aerodynamic calculations in the trim loop. Wind a function of chord and span. The aerodynamic
tunnel and fuselage flow effects are accounted for characteristics include the blade loading acting over
by (1) making mean <<flight>> adjustments in tip- this blade surface as a function of azimuthal
path-plane angle and velocity and (2) linearly position. For the predictions presented, the loads
superpositioning calculated velocity and wake were input to WOPWOP at every 1 degree of
distortions and then iterating with the trim loop. azimuth. The inputs differed in that the calculated
The wind tunnel and fuselage corrections required sectional loads from HIRES was applied as
for these calculations are obtained using Langley compact loading at the quarter-chord, whereas
codes which were recently developed. FPRBVI specified the pressure distribution over

the chord.
For the cases presented, the rotor was trimmed to
the measured value of the thrust coefficient C1/a 2.4 ONERA prediction model
and zero I per rev. moment. The input values tor The numerical methods developed at ONERA use
rpm, density, and temperature were those measured five main steps to compute the aeroacoustics of
in the test. The trimmed rotor condition and wake helicopter rotors in low speed descent flight
geometry from CAMRAD.Mod I are used as input conditions. First, the rotor is trimmed to the correct
to both HIRES and FPRBVI to compute the high flight or test condition. Second, the rotor wake is
resolution blade loads, computed. The interacting vortices are then

determined in geometry and intensity. In a fourth
The HIRES code computes loads at I degree step, the local blade surface pressures are
azimuth steps and 75 radial stations. These high calculated. Finally, the sound radiation is calculated
temporal (azimuthal) resolution blade loads are using an acoustic non-compact formulation with
obtained by recomputing the influence coefficients this calculated blade surface pressure distribution
and the interpolated wake geometry at every as input.
I degree azimuth. The Beddoes indicial
aerodynamic modelling is valid for arbitrarily small The trim of the rotor is done by R85/METAR [29],
temporal steps and impulsive loading. HIRES uses initially developed by Eurocopter France. This code
a subroutine to smooth the straight line segmented computes the dynamic (quasi-steady) response and
wake elements of CAMRAD.Modl. To simulate elastic deformations in torsion, flap and lag by
an incomplete (or intermediate age) vortex roll- solving the Lagrange equations in which the elastic
up, an optional dual tip vortex core model, was energy is written using a linear beam model. The
employed with an inner core radius of 0.3 c, unknowns are written as a linear combination of
containing 70 percent of the circulation, and an eigenmodes (6 in the present calculation) computed
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in a rotating frame. The aerodynamic model is of interactions, as main parameters. For the present
based on a lifting line method: the aerodynamic calculations, the viscous core radius is about 0.1
coefficients C, C and C are directly read in 2D chord for advancing blade side interactions and 0.15
airfoil tables. 'then, they are corrected for Reynolds chord for retreating blade side interactions. The
influence and some linear unsteady effects azimuthal step depends on the impulsivity of the
(Theodorsen theory) are added for the CM interactions. It may be less than 0.10.
coefficient. In METAR calculation, the rotor wake
is described by vortex lattices, the geometry of The noise radiation is computed by the PARIS code
which is prescribed depending on the trim of the [6]. PARIS is based on the FW-H equation and
rotor. The Biot and Savart formulation is used to uses a time domain formulation. It predicts the
calculate the induced velocities on the lifting line. loading and thickness noise. The loading noise is
A coupling between the R85 and the METAR code computed starting from the pressure distribution
is made until convergence on the induced velocities, provided by ARHIS.
For the cases presented, the rotor was trimmed to
the measured value of Cycr and to following values An efficient spanwise interpolation method has
of the I st harmonic flapping 3 c = 0.09, 3P, = 0.38. been implemented in PARIS in order to minimize
Wind tunnel corrections of tle rotor shaft angle the amount of airload data required for BVI noise
were also used (see below), predictions. This interpolation identifies the BVI

impulsive events on the signatures generated by
The rotor prescribed wake geometry obtained by each individual blade section and deals with their
R85/METAR is then distorted by using a free wake phase and amplitude. This method, used with
model: MESIR [30]. In this code, a lifting line aerodynamic inputs from 11 blade sections
method is also used and the blade motion is given provides the same result as a prediction using
as an input by R85/METAR. MESIR initially airload data from 30 sections, without interpolation.
assumed that the blades were rigid ([15]); a new Thus, aerodynamic and acoustic CPU time are
version of this code has been developed in order to reduced by a factor of 3. Furthermore, a subroutine
take into account the blade deformations (torsion allows to correlate the peaks of a BVI noise
and flapping), calculated by R85/METAR too. signature to the corresponding source locations on

the rotor disk. It can be used to identify the noisiest
In a third step, MENTHE (<«Modelling of the Roll interactions.
up of the Vortex Sheet of a Helicopter Rotor>»,
unpublished) identifies the portions of the MESIR 3 THEORETICAL PREDICTIONS AND
predicted vortex sheet the intensity of which is CORRELATION WITH EXPERIMENTAL
sufficient to result in a roll up. These rolled sheet DATA
"regions constitute the interacting vortices. Their
intensities and locations are computed starting from 3.1 Experimental set up and selected test cases
the characteristics of the MESIR wake and provided The calculations presented hereafter refer to the
as inputs to the aerodynamic code ARHIS for test campaign [17] in DNW 6x8 m open test
calculation of the blade-vortex interaction. section.
MENTHE also provides ARHIS with the influence
of the remaining part of the MESIR wake in the Model rotor
form of quarter chord induced velocities. This The model rotor is a40% dynamically scaled model
modelling of the roll up of vortices has been found of a hingeless BO105 main rotor. The blades were
necessary because interaction vortices do not not pressure-instrumented. The rotor characteristics
generally coincide (in location and intensity) with are the following:
grid lines of the MESIR wake. - 4 blades

- radius: R = 2 m
The fourth step is the prediction of the blade - chord length: c = 121 mm
pressure by the ARHIS code. ARHIS is based on a - rectangular planform
2D-singularity method and predicts unsteady flows - linear twist: -8' (root to tip)
in incompressible and non-viscous fluids [31]. The - zero hub/blade precone angle
3D problem is solved by a 2D-by-slices calculation. - modified NACA 23012 airfoil
The 2D calculation conditions are chosen to - nominal rotor operating speed = 1050 rpm (blade
simulate as close as possible the real 3D passage frequency bpf of 70 Hz).
aerodynamics in each section and at each azimuth.
The effect of finite blade span are introduced Acoustic set up and processing
through an elliptic-type correction of the pressure We recall that the in-flow acoustic instrumentation
coefficients. Subsonic compressibility effects are of DNW consists in an eleven-microphone array
taken into account by use of Prandtl-Glauert mounted on a traversing system. As the traverse
corrections associated with a local thickening of system was slowly moving, acquisitions were
the blade profile. In the case of strong interaction, selected each 0.5 m in the flowdirection from 4 m
the vortex is modelled as a cloud of elementary upstream to 4 m downstream of the rotor hub.
vortices in order to take into account its Acoustic results were thus provided on an array of
deformation.The viscous core radius of the vortex (17xl1) = 187 microphone locations in a plane
is calculated using a law derived from experimental (8 m x 5.4 m) situated at 2.3 m (1.2 R) underneath
results with its intensity and age at the occurrence the rotor (Fig. 1).
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Amplitude (0) phase (0)
Baseline (Run 139) 0 0

A Low BVI (Run 175) 1.20 34
Single BVI (Run 178) 1.20 124
Mult. BVI (Run 182) 1.20 244

The HHC phase T is related to the HHC component
--- of the pitch OHHC and the blade azimuth Vt as

follows:
0RHtC = 1.20 cos (4ip-q,)
Run 175 corresponds to a typical low BVI noise

"- - - -case. Runs 178 and 182 both correspond to
/ - M increased BVI noise with respect to the baseline

case: Run 178 with a pronounced single blade-
vortex interaction on the advancing side, Run 182

0 Iwith typical multiple interactions.

[3.2 Theory-experiment correlationBlade attitude
N,, ./ ]A correct prediction of the blade attitude (especially

at the tip) is important for the simulation of BVI
-- because it has direct consequences on the vortex

strength and on the position of the vortex relative
to the blade.

- -Blade pitch
T-4  The elastic tip pitch is plotted versus azimuth in

2.7 0 -2.7 Fig. 2 for the four selected test case.
Distances in meters

The mean value of the torsional deformation is
found negrative (nose down deformations) by all

Fig. I - Top view of the rotor plane showing the fon negatives dow deformain) by all
acoustic measurement (and prediction) grid, the partners and varies from -0.5' (for DLR) to -20

(for ONERA). For the baseline case, the time
dependence of the torsion is weak so that the
different predictions only differ by the torsion mean

To estimate the BVI impulsive noise content, the value. The order of magnitude of these differences
experimental (as well as theoretical) noise contour (from -0.5 to -2°) looks important. However, these
plots have been derived from acoustic signals differences are partly compensated by the collective
filtered in a 6th to 40th bpf frequency band. In order pitch 0 in the trim loop (for every calculation, the
to characterize discrete frequency noise (the only trim is ýlone on total Ccy/). For the three cases with
noise component addressed here), the experimental HHC (Fig. 2), the torsional response is dominated
time signatures were processed in synchronization by its 4/rev. component. This is not very surprising
with the rotation of the rotor shaft. Each since the eigen frequency of the 1st torsional mode
experimental signature presented in this paper of the blade is 3.6/rev. which is very close to the 4/
correspond to an ensemble average of elementary rev. frequency of the HHC. However, large
signals. The experimental noise contour plots refer discrepancies are found between the different
to the spectrum of the averaged signatures. calculations, not only in peak-to-peak amplitude

(which varies from 50 for AFDD to 90 for DLR)
Selected test cases but also in phase. If the phase ofAFDD calculations
Four tests cases have been selected, one with is taken as a reference, it can be seen that the DLR
conventional cyclic pitch (baseline case) prediction is very slightly in advance of phase, the
representative of a typical full scale descent flight Langley one is 11 in advance of phase and the
of a BO 105 helicopter and 3 cases with 4/rev. ONERA prediction is 70 in lag of phase: this means
higher harmonic pitch control, only differing in the that there may be more than 15' phase difference
setting of the HHC phase . between all the calculations!

advance ratio: g = 0. 15 Tip deflection
rotating tip Mach number: MH = 0.641 The mean value of the predicted blade tip deflection
rotor tip path angle referenced to tunnel (Fig. 3) is about 6 cm. The ONERA calculation is

streamwise axis and corrected for open jet wind systematically different from the others because
tunnel effects: (x = 3.80 of a 1/rev. dominent deflection which does not

thrust coefficient: C/Ya = 0.044 appear in AFDD, Langley or DLR analysis. This
rotor operated at zero hub moment. 1/rev. component is a consequence of the trim

conditions used by ONERA (see Section 2.4), it
HHC parameters are: disappears when a <«0 hub moments>» condition is
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used. Every partner predicts an increase in Wake geometry
amplitude of the 4/rev. component with HHC (just The analysis of wake geometries near the azimuth
as for torsion). The same differences as above in of interaction (V = 50') is a crucial point.
the phase response between the different analyses Theoretical results are presented for the baseline
are found. and single BVI case on Fig. 4. Note that only tip
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Fig. 4 - Geometry of blade vortex interaction at azimuth V/ = 50' (theory).
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vortices which are dominent and are the source of in a region of intense BVI noise (Fig. 1). Differently
the main BVI events for these two cases are shown, from the noise contour plots for which the results
Vertical blade-vortex miss-distances refer to the have been filtered in a 6th to 40th bpf frequency
deformed blade except for AFDD where it refers band, the time signatures are unfiltered.
to the tip path plane.

An analysis of Fig. 6 shows that no research center
The wake geometries calculated by Langley and completely succeeds in predicting the correct trends
AFDD are very similar because they use basically for variation of the acoustic level as a function of
the same free wake code included in CAMRAD. HHC phase. Maximum noise directivities on the
However some discrepancies can be seen, advancing side fromAFDD, Langley and ONERA
particularly on the side view representing the miss tend to be in the second quadrant, as in experiment,
distance between the vortices and the blade. The while they are in the first quadrant for DLR. This
ONERA wake geometry looks different, both on shift in directivity is related to the wake prediction.
the top view and on the side view. For instance, It is certainly due to the fact that DLR uses a
the vortex emitted by Blade 3 has already been in prescribed wake model, differently from AFDD,
interaction at the blade tip at Ni = 50 deg in the Langley and ONERA which use a free wake
ONERA analysis whereas it has not yet interacted analysis.
inAFDD or Langley calculations. These differences
in the location of interactions are a bit surprising Calculated acoustic time signatures (Fig. 7) differ
since the location of interactions mainly depends qualitatively (with respect to the number of BVI
on the vortex convection velocity which is the same peaks) and quantitatively with more or less
free stream velocity in all the calculations. The agreement with experiment. Note, however that,
DLR geometry strongly differs from the others at least qualitatively, the single BVI peak of
because they use a prescribed wake model which Run 178 is rather well predicted.
is probably not accurate enough for such a low
advance ratio (Il = 0.15). For the baseline case (Fig. 7a), two kinds of results

are presented by Langley both using the same wake
Despite all these differences, the three free wake calculation (CAMRAD.Modl with Beddoes
calculations tend to exhibit the same trends for the indicial model) but either FPRBVI or HIRES codes
change in wake geometries from the baseline to to compute the inputs to the acoustic code. The
the single BVI cases. This change mainly consists calculation using FPRBVI exhibits some
in: undesirable wiggles while the one using HIRES
-a change in the interaction orientation (top view) does not. Wiggles can also be found in AFDD
which is more oblique near the blade tip in the predictions. These might be related to the way by
single BVI case; which calculations using both potential codes
-a change in the vortex altitude with respect to the FPRBVI and FPR are conducted.
blade (side view). Fig. 3 shows that this increase
is not due to differences in the aeroelastic blade Analysis of the results relative to Run 178 (Fig. 7c)
motion between both cases, the amplitude of which is particularly interesting. The low frequency
is weak; it is rather a consequence of the convection component of the noise is rather well predicted by
of the vortex by the induced flow. The amount of every partner except ONERA for which it is in lag
increase depends on the calculation: 0.8c for of phase with respect to experiment. This tendency,
AFDD, 0.5c for ONERA. also found for other HHC test cases, can be

connected to a previously mentioned phase lag in
Section loads the prediction of torsional deformations. With
A distinction has to be made between the low and respect to BVI frequency band, the single peak is
high frequency components of the blade loads rather well predicted by AFDD, Langley and
(Fig. 5). With respect to low frequencies, all the ONERA. The occurrence (in time) of the ONERA
calculations look more or less similar with a peak matches experiment whileAFDD and Langley
dominent 4/rev. component in HHC cases, as a predictions are slightly in lag of phase. This delay
consequence of the torsional response of the blade, corresponds to a delay in predicted occurrences of
Impulsive events (due to BVI), are predicted by noisy blade vortex interactions, previously pointed
every analysis near Azimuth 50-60' on the out from the analysis of theoretical wake
advancing side and near 300-3 10' on the retreating geometries.
side. However, the number and amplitude of the
BVI peaks vary very much from one analysis to 4 DISCUSSION
another.

In addition to the study presented above, some
Acoustic results aspects of the BVI modelling are investigated in
Experimental and theoretical noise contour plots order to quantify their influence on aeroacoustic
(generated using the grid defined in Fig. 1) and predictions in the present section.
typical acoustic time signatures are presented
respectively in Figs. 6 and 7. 4.1 Influence of taking into account the blade

flexibility
The rotor signatures refer to Microphone M located The first torsional eigenfrequency of the hingeless
2.4 m underneath the rotor, on the advancing side, BO 105 model rotor (3.6/rev.) is very close to the



26-11

0.3- 03
r/ .7Baseline r/R =0.87

0.2-02

0.1- 0.1

0

0- - Indicial Aero

AFOD - - -- Original Aero LANGLEY
-0.1--.

0 90 180 270 360 0 90 180 270 360

0o 0

DLR ONERA

a) 0 90 1180 270 3160 0 90 180 270 360

0.3- 0.3-
-r/R 0.87 Run 175 r/R 0.87

0.2- 0.2-

0.10

0- 0

V "Ný/AFDD NGLEY
-0.1 A-ý-. LNL

0 90 180 270 360 0 90 180 270 360

0.3- 0.3-
r/R 0.87 r/R 0.87

0.2- 0.2-

~0011

0 _ 0-

DL R ONER A

b) 0 90 180 270 360 0 90 180 270 360

Fig. 5 - Section loads as a function of azimuth (theory).
a) Baseline case, b)Run 175 (low B VI).



26-12

0.3-03
r/R 0.87 Run 178 0.-r/R 0.87

0.2- 0.2-

20.1-

0 0-

AFD D LANGLEY

0 90 180 270 360 0 90 180 270 360

0.3- 0.3-
r/R =0.87 r/R =0.87

0.2- 0.2-

~0.1 - 0.1-

0o 0 \ \V

DLR ONERA

C) 0 90 180 270 3160 0 g0 180 270 360

0.3 0.3-
rIR=0.87 Run 182 r/R 0.87

0.2- 0.2-

. 0.1 - 0.1 -

0- 0-

AFDD LANGLEY

0 90 180 270 300 90 180 270 36

03r/R =0.87 0.-.r/R 0.87

0.2- 0.2-

~0.1 -.

DLR ONERA

d) 0 90 180 270 3160 0 g0 180' 270 360

Fig. 5 - Section loads as a function of azimuth (theory).
c) Run 178 (single B VI)., d) Run 182 (mult. B Vi).



26-13

Run 139 175 178 182
Baseline 4mLow BVI Snl V ut V

3

COC .o O(

A

CM MI
t,4o

D-
>zx 

m
-- 4

-4 6 cq CI

D ý 1 ý ý 1
Fig.6a Thorylxpeimet coreltio: mi-frquecy oiseconour (I B niseleve inremnt)

Exermen [17

Run 13 175 78 18

V V V

AC(

FIC

DNc
co co

DC

x N C

Ac

DIC

R VV

(C(co

(Co 7l

Fi.6N hoyeprmn orlto.mdfeunyniecnor 1d os ee nrmn)
Theory.



26-14

06 0.-04 0. 08 1

100.

60 60

20 20

20 -20

-60 -60 -

-100 AFDLNGLEY

0 0.2 0.4 r 0.6 0.8 1 0 0.2 0.4 0.6 0.8

100-10

604

20-20

-2020

-60

-1 (DLR _ _60]_ _ _ _ _ _ _ _ _

-100-00

a 0 0.2 0.4 t, 0.6 0.8 1 0 0.2 0.4 0.6 0.8

a) Bselie, b Run175 low VI)



26-15

100 -
Run 178

60-

20

-20-

-60-
Experiment

-100-
0 0.2 0.4 0.6 0.8t*

100- 10

60- 60

20- 20-
(0

-20-

-60 -60 "
00 AFDD LANGLEY

-100-100

0 0.2 0.4 0.6 0.8 1 0 0.2 0.4 0.6 0.8t" t*

100 - '_ 100.

60- o60

20 . 20-

-2 0 - .7-20 -

-60 -- 60
DLR ONERA-100" • ~~~~~ ~~~-100. '''I'''I''

C) 0 0.2 0.4 0.6 0.8 1 0 0.2 0.4 t* 0.6 0.8

100 -:8

60-

20"

-20

-60
Experiment

-100 - 1 ' , , I I I I I I I I I I I '
0 0.2 0.4 0.6 0.8

t.

100- 100

60- 60

20. 20-

-20- -207

-60. 
-60 -

1-100 
1

0 0.2 0.4 0.6 0.8 1 0.2 0.4 0.6 0.8
)t*

Fg7- 100T

60c 8 60B R
20 - 207

S-20 _ 20-,

-60 - 60-
-looDLR ONERA

o 0 .2 0.4 0.6 0.8, 0 0.2 0.4 0.6 0.8
d) t" r

Fig. 7 - Typical acoustic signatures: theory/experiment correlation (t*=time/rotation period).
c) Run 178 (single BVI), d) Run 182 (mult. BVI).



26-16

frequency (4/rev.) of the HHC excitation of the in azimuth. Note that in Fig. 9a unlike the other
blade pitch. Due to aeroelasticity effects, the analyses of the paper, CLM 2 is given each 100 by
question of predicting the combined influences of the MESIR code. Since it is known that the two
HHC and blade flexibility on BVI noise is of peaks of the noise signatures of Fig. 8 are caused
concern. This subject was first addressed in [12] by tip vortices generated in the vicinity of y = 1200,
along with calculations. It is addressed in the it is interesting to analyse what happens at this
present study using theoretical results from azimuth in terms of predicted circulation r. From
ONERA. Fig. 9b, it appears that taking into account

flexibility tends to increase F in the inner part of
Typical acoustic results for the baseline case, from the blade and to decrease it near the tip. This is a
rigid and aeroelastic blade calculations and from direct consequence of the torsional deformations
experiment, are presented in Fig. 8. The figure (Fig. 10) which are negative at the blade tip (nose
refers to an advancing side microphone location down pitching moment) with a mean value of about
close to the maximum of BVI noise, generated -2' on the baseline case. ONERA code lower value
about 50-60' blade azimuth. It is seen that the rigid of the circulation at the tip at xV = 1200 results in a
blade model overpredicts noise by a factor of 2. decrease of the strength of the emitted tip vortices
Taking into account the aeroelasticity of the blade in the same proportion. Fig. 11 compares the
provides a better correlation with experiment geometries, with respect to the blade, of the same
(though underpredicted by about 30% in terms of vortices at the occurrence of interactions (close to
peak-to-peak amplitudes). Azimuths 50-60'). It appears that the predicted

locations of tip vortices in parallel interaction (those
To understand how the blade flexibility can affect responsible for the acoustic peaks of Fig. 8) are
noise, it is necessary to quantify its effect: much below the blade tip with aeroelastic blades
-on the strength of the interacting vortices at the than with rigid blades. This effect, added to the
time they are emitted, predicted decrease in the strength of these vortices,
-on the geometry of BVI at the occurrence of explains the changes in theoretical noise signatures
interactions. due to flexibility (Fig. 8).

According to predictions, for the baseline case, In the single BVI case, the blade loading is much
flexibility affects the blade loading mainly in the affected by the blade flexibility (Fig. 12), mostly
tip region. Fig. 9a shows that the aeroelastic-blade in terms of the phase of the 4/rev. component of
model tends to predict lower CLM 2 than the <<rigid C MI: some dramatic changes of the loading can
blade model>>, particularly before 70' and after 100' be seen near 60 and 1200. This is also a consequence

100 Pa 100- 100-

50 50- 50]

-50" -50" -50-

a) Experiment :baseline case b Rigid blade calculation C)Aeroelastic blade calculation-1001 a)0 Exeietbseiecs -100

005 t5 1 0 0.5 t. 1

Fig. 8 - Comparison of rigid and aeroelastic blade computations with experiment: acoustic time signatu-
res (x/R = .25, y/R = .81, z/R = -1.2), baseline case.
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',Q() r/R
I 0 ' 2 • I I I I I
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Fig. 9 - Comparison of rigid and aeroelastic blade computations for the baseline case.
a) Section loads, b) Blade circulation at azimuth of interacting vortex generation.
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Fig. 11 - Comparison of predicted blade-vortex geometries using rigid and aeroelastic blade models
for the baseline case.

of the torsional deformation (Fig. 10), which is or at many locations to determine the variation over
dominated by its 4/rev. component. Fig. 13 shows the tunnel test section. This variation can be seen
how the aeroelastic-blade model improves the in Fig. 14 for the rotor <<flight>> conditions
acoustic theory/experiment correlation: the considered in this paper. The corrections are plotted
signature of Fig. 13c (aeroelastic blade model) is in terms of contours of the flow angle between V
dominated by a strong single peak, in phase with (parallel to tunnel velocity) and V (induced
the experimental one, which was not the case for velocity due to wind tunnel test section flow
rigid-blade calculations (Fig. 13b). The low boundary effects) at spatial locations over a
frequency component, well predicted in amplitude horizontal plane which includes the rotor disk. The
is however, in lag of phase with respect to mean value of the corrections over the rotor disk is
experiment: this question has been previously -1.12', which is significant. The correction to be
addressed. performed is substract 1.12' from the geometrical
Comparison of Figs. 5a and 9a respectively with rotor tip path plane angle in all the calculations.
Figs. 5c and 12 shows the important influence of
HHC on the azimuthal and radial evolution of the The fuselage flow field corrections are determined
blade loading which modifies the trajectory of the by a potential flow panel method. The fuselage
vortex over the rotor disk and the resultant blade correction contour over the rotor disk is shown in
vortex geometry. Particularly, this, more than the Fig. 15. The 1990 DNW test fuselage and hub are
aeroelastic deflection of the blade tip, affects the modelled. It is seen that the flow angles are quite
blade vortex miss-distance (as mentioned in high immediately forward and aft of the hub region
Section 3.2). The flow goes over the hub unimpeded; but the

BVI geometry is affected. However, in traditionally
4.2 Wind tunnel and fuselage corrections strong BVI regions, the flow curvature angles are
Wind tunnel wall corrections were computed using seen to be small. For this fuselage/hub geometry,
a method developed by Brooks which is consistent the average over the disk is +0.160.
with Heyson methodology [32], but is based on
vortical rather than dipole modelling. This theory The basic correction approach is to sum the mean
predicts the wall corrections as a function of values of the fuselage and the wind tunnel
position relative to the nozzle exit. Corrections may corrections, that is +0.160-1.12° = -0.96' -1°, and
be computed at single locations (such as at the hub) add this to the tunnel-referenced tip path plane
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Fig. 13 - Comparison of rigid and aeroelastic blade computations with experiment:
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Fig. 17 - Influence of rotor trim Fig. 18 - Influence of rotor trim conditions on predicted
conditions on predicted blade loads, acoustic time signatures.

angle. Langley takes the additional step to mechanisms by which HHC may affect BVI noise.
incorporate flow and wake distortions into However, the discussion of the baseline and HHC
performance code trim loop and in the noise cases shows that the predicted effects of HHC on
calculations. Fig. 16 illustrates the difference blade vortex miss-distances at the occurrences of
obtained with the two methods on the baseline case. interactions is a consequence more of the
The predicted levels for this case are different by 1 differences in convection of the vortices by the
to 2 dB by using the full tunnel + fuselage induced flow than aeroelastic blade tip deflection.
correction instead of the <<simple>> mean tunnel
fuselage correction. This and other comparisons The next step of the HART Program will be to
show that the simplest approach does capture the compare theory to experimental results obtained
primary BVI noise directional effects. in DNW in June 1994: not only acoustic data but

aerodynamics (surface blade pressures), blade
4.3 Influence of the rotor trim deformations and wake geometries. This
The degree of equivalence of wind tunnel and full experimental data base will provide, thanks to LLS
scale flight measurements is an issue that has and LDV measurements, crucial information on
recently been addressed by several studies [33], the rotor wake (vortex strength, trajectory with
[34]. One of the differences between wind tunnel respect to the blade, vortex core size). It should
and flight tests results comes from the rotor trim. help improving prediction codes and understanding
The question is: how do the differences in trim the effect of HHC on BVI noise.
conditions affect aeroacoustics ? This is an
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Calculation of High-Speed Noise from Helicopter Rotor
Using Different Descriptions of Quadrupole Source
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SUMMARY hancement of theoretical formulations may affect the ca-
The problem of quadrupole noise prediction is addressed pabilities of computational tools. A number of computer
and treated through the acoustic analogy approach, com- codes have been developed over the last twenty years,
paring different solution forms for the FW-H equation following approaches based on the solution of the FW-H
including the nonlinear source term. In particular, results equation: time and frequency domain formulations have
obtained using the volume integration of the quadrupole been exploited to find suitable expressions for the acoustic
source are presented. A comparison is established with pressure field.
results from a set of acoustic Euler calculations; a com- Accurate results can be easily achieved as far as linear
parative analysis of the computing time is conducted, and sources are dominant: in fact, thickness noise can be esti-
methods to reduce the computational effort requested by mated based on the description of blade geometry and mo-
the volume integration are proposed. Then, a particu- tion, and loading noise only requires the pressure distribu-
lar description of quadrupole source term is introduced,
giving rise to some surface integrals. Their role is inves- hon on the blade surface. Generally, these data are some-ligaed n oderto sse ho the afect th qudruole how available, although problems may arise when strong
tigated in order to asses how they affects the quadrupole blade-vortex interaction occurs, which causes highly un-

steady airload. Predictions based on surface data prove to

LIST OF SYMBOLS be quite good up to moderate tip Mach number. As the tip
speed increases, effects of the flow field around the blade

c0  speed of sound in undisturbed air become more and more important: at tip Mach number
D rotor diameter in the transonic range, no prediction can be reasonably
d distance of the observer from rotor hub compared to experimental results if quadrupole source ef-
M, Mach number in the source-observer direction fects are neglected in the numerical calculation: in fact,
Mtip rotor blade tip Mach number thickness noise and quadrupole noise have the same order
hi unit normal vector to the blade surface of magnitude in this case. Two major concerns toward the
PQ acoustic pressure from quadrupole source term use of the FW-H equation for quadrupole noise calcula-
R rotor radius tion are related to the huge amount of data to be treated:
r source-observer distance an accurate description of the flow field around the blade
ri unit vector in the source-observer direction is needed and, once this is available, a volume integration
Tij Lighthill stress tensor is requested, leading to large computer cost.
Ui fluid velocity6ij Kronecker delta Aim of this paper is to present some recent numerical
p local air density results obtained in the prediction of quadrupole noise,
p specific heat ratio lp ci of air comparing different solution methods. Thus, section 2

is devoted to a brief introduction of the nonlinear term

1. INTRODUCTION and the explanation of the main problems connected to its

Although a great deal of theoretical and computational numerical evaluation; then the momentum thickness ap-
work has been carried out over the last few years, a reliable proximation is introduced and applied to two different test

evaluation of noise from helicopter rotors with blade tip cases (section 3). The results obtained from the volume
speed in the high transonic range is still far to be achieved, integration and their comparison with analogous calcula-

Prediction technology has been growing up considerably tions performed through an Euler code are presented in
through the research effort of mathematicians and aeroa- section 4; an analysis of the requested CPU time is then

cousticians: several theoretical formulations have been developed, to compare the two different computational
developed and implemented in computer codes. Never- approaches. Finally, section 5 is devoted to an alternate
theless, both theoretical and numerical tools cannot be formulation. Some surface contributions arise in this for-
considered at an ultimate definition stage, and the task mula: their role is investigated to assess the impact on the
of providing effective prediction codes for calculating the numerical evaluation of quadrupole noise.
sound field of helicopters has not yet been accomplished. 2. QUADRUPOLE SOURCE TERM

Among the methods used in the prediction of noise from Since the late '70s numerical calculations have confirmed
moving bodies, those based on the Ffowcs Williams- the importance of quadrupole noise contribution to the
Hawkings (FW-H) equation [1] represent perhaps the acoustic pressure field at tip Mach numbers around 0.8
most instructive example in order to realize how the en- [2,3,4]; experimental results at increasing tip speed show

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin, Germany from 10-13 October 1994 and published in CP-552.
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that the resulting acoustic pressure waveforms have a pro- the squared magnitude of the perturbation velocity is then
gressively higher peak value and exhibit an asymmetric integrated along such direction, to obtain the so-called
shape, in contrast with numerical predictions based on momentum thickness distribution along every blade sec-
the linear terms only. Thus, the research interest moved tion contour. This quantity is used to estimate the surface
to the nonlinear term in the Ffowcs Williams-Hawkings distribution of quadrupole source strength, which eventu-
equation, which is expressed by: ally allows the evaluation of the acoustic pressure through

a2 an integral extending to the blade surface:

, xiaxj [TijH(f)] (1) 4arp•(x, f --82 i-2 (3)

where Tij = puiuj + Pij - copbij represents the Lighthill Q iis fJ ( dU) I (stress tensor. Here, p is the local air density, ui is the[ _ ) M }d

velocity of the air flow, and Pij the compressive stress I
tensor (Pij = pbij - Ztj, with Ljj the viscous stress [P ( 2 r 1  l } M, S
tensor). The Heaviside function H(f) points out that thesource term is nonzero only when f> 0, that is outside where M0 is the local blade Mach number. Startingthe surface f = 0, which represents the blade. Applying with equation (3), a further simplifying assumption wasahe standardcGreen funictn aproach, the soure. termy(1) adopted by Schultz and Splettstoesser [5]: based on nu-standard Green function approach, the source term (1) merical results, they related the unknown momentumgives rise to an integral expression, where the double thickness distribution to the maximum streamwise per-
space derivative is usually transformed into a double time turbation velocity, exploiting the empirical expression:
derivative; thus, the quadrupole noise term takes the form:

_ 182 fff 7r~irj, 1 dV [(iud2 c(umax '•(4

47rpc2(xJt) = -2 2 >o Lr[1- Mrfj 7 . dV \UQ dn _A \ uo /(4)

1 8 a U 3 T -Tj 1 where C is the blade section chord and A a parameter
+ -0 >0 [ 'I11- Mr - dV depending on the tip Mach number. Figures I and 2 show

the acoustic pressure time histories (sum of thickness and

f[ 3 j P- T] dV (2) quadrupole contributions) at tip Mach numbers of 0.8
JIf rIl• -Mri d and 0.9, where the quadrupole noise has been calculated

through equations (3) and (4).
The volume integrals in equation (2) extend, in principle,
to the whole space surrounding the blade; the integration is
performed using a frame of reference fixed to the moving
blade (considered as a rigid body); the factor 1 - Mr I
appearing in the above formula, accounts for the change of
reference from the air-fixed to the blade-fixed frame, and
Mr = Mi i is the local Mach number of the blade-fixed
frame of reference in the source-observer direction. The
subscript r* means that all the quantities within square
brackets in the integrals have to be evaluated, for every
source point, at the proper retarded time.

The main difficulty in the numerical evaluation of expres- 40 - ThknesýQouapole -
sion (2) arises from the volume integration and the cor- 20- Th.,,

responding requirement for an accurate description and ....
treatment of the flow field surrounding the blade. The
calculation of a three-dimensional velocity field around -20

the blade is a very difficult task, especially for the Mach -4 -
number range where the quadrupole contribution is im- - -
portant. Furthermore, when this aerodynamic input is
somehow available, the computational tool has to deal -80 -

with a huge set of data, leading to heavy computational
burden. The task of improving the accuracy of quadrupole
noise prediction, while maintaining acceptable computer Figure 1 - Comparison between predicted acoustic sig-
cost, is still a research challenge. natures and experimental pressure time histories, for in-

plane observer position, with d/D = 1.5 and tip Mach num-
3. MOMENTUM THICKNESS APPROXIMATION ber of 0.80. The quadrupole source term has been eval-
Different approximations have been implemented in uated through the "momentum thickness" approximation.
aeroacoustic codes in the attempt of turning the volume The top figure is reprinted from [2] and the notation "The-
integration into a sequence of simpler operations. The ory" refers to a simple thickness noise calculation.
method proposed by Yu, Caradonna and Schmitz [3] is
based on the assumptions of an isentropic and quasi- The agreement with experimental data (reported at the top
steady flow and allows the analysis of only in-plane and of the figures, and published in [2]) is quite satisfactory,
far-field observer positions. For these microphone loca- especially at the tip Mach number 0.8 (figure 1), where
tions the source points placed on any line perpendicular the symmetric pattern of the resulting signature and the
to the blade surface can be assumed to have the same negative peak pressure are well-predicted. As the rota-
emission time of the corresponding point on the blade; tional speed increases, the appearance of stronger shock
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waves and their delocalization outside the blade tip, sig- A computer program for calculation of helicopter ro-
nificantly affect the shape of the acoustic signature, while tor noise (HERNOP), based on the solution of FW-
the peak value increases dramatically. In these conditions, H equation, has been developed at C.I.R.A. within the
the approximation based on the momentum thickness is Brite/Euram project HELINOISE [9]. HERNOP code
no longer able to describe the complex phenomena taking includes a module for the evaluation of high-speed im-
place in the flow field; at the tip Mach number 0.9, in pulsive noise, using the volume integration of quadrupole
spite of a fairly good agreement between the peak values source. At the present stage, this module enables the
of the calculated waveform and the experimental data, calculation of quadrupole noise only for hovering rotor,
the predicted acoustic pressure signature still results in a and source points at subsonic speed (i.e., involving sin-
symmetric pattern, while the experimental wave exhibits gle emission time). Further developments are expected
the characteristic sawtooth shape, due to the strong shock. from C.I.R.A. effort in the frame of the IMT project HE-

LISHAPE: major enhancements include the extension to
forward flight and the capability of determining multiple
"emission times for source points at supersonic speed.

"An accurate description of the flow around the blade is
"requested by the above aeroacoustic code. Aerodynamic
data are currently provided by UTAH code, a computer
program developed at the Rotorcraft Aerodynamics group
of CIRA [10]. This is based on a non-conservative full-
potential formulation and calculates the fluid velocity and
"density fields in a prescribed volume around the body:

2-hWosouado -- then, the Lighthill stress tensor field can be calculated, as
requested by the acoustic code. A very fine grid (denoted

0 ----.... as Q-grid) is adopted by UTAH code for aerodynamic
-2 \J/calculations aimed at providing input data to HERNOP

code (which exploits the same grid): the Q-grid includes
W -approximately 30000 source points, and may extend off

the blade tip up to 30% of blade span (a sketch of the
grid is shown in figure 3); the maximum chordwise size is

.80- of 3.14C, and 15 different layers are usually considered,
in the normal direction, around the blade (giving a maxi-
mum size of 5.7C in Z-direction) to provide high spatial

Figure 2 - At a tip Mach number of 0.90, although the resolution on the fluid velocity field.
predicted peak pressure is in good agreement with the
experimental data, the shapes of the two signatures look
very different: the approximation is unable to describe the H I M i
phenomena related to the presence of strong shock waves N . iiii
in the flow field around the blade tip.

4. THE VOLUME INTEGRATION

4.1. Helicopter noise prediction using FW-H equation
The application of the acoustic analogy approach for the
prediction of quadrupole noise from helicopters has often
been regarded as an elegant exercise of little practical in-
terest. The method is strongly dependent on the quality ... . . -.

of aerodynamic data, and is usually considered too ex- t
pensive from a computational point of view. Over the
last few years the use of alternative computational tech-
niques, as the Kirchhoff's approach, or the direct use of
aerodynamic codes for observer locations placed in the far
field (Computational Aeroacoustics), has provided very
encouraging results in the evaluation of the high-speed
impulsive noise [6,7,8]. However, the acoustic analogy
is the only approach to allow a schematic partitioning of
the resulting noise signature: a definite relationship exists Figure 3 - Planform and side views of UTAH Q-grid.
between the integral terms appearing in the solution of the
FW-H equation and the different noise generating mecha-
nisms related to the presence of the body in the flow field. 4.2. Capabilities and limits of the volume integration
In this frame, the attempt to perform acoustic calculations In order to show the current state of the volume integra-
through the FW-H equation seems to be very important, tion routine, some numerical results are shown in figures
especially at a research stage. Furthermore, we will try to 4 to 6. Here, a comparison is proposed between pressure
prove that the computational effort for a complete volume waveforms from HERNOP code and acoustic results ob-
integration in the space surrounding the blade is definitely tained by Baeder, Gallmann and Yu [6], using an Euler
comparable to the computer time requested, for the same code. Test cases refer to a UH- 1H nonlifting, hovering
test case, by an Euler solver, rotor at tip Mach numbers varying between 0.60 and 0.90;



27-4

microphone position is in the rotor plane, at 3.09R from HoveringUH-1H rotor at Mtip of 0.80, 0.85 and 0.88

rotor hub, R being the tip radius of the rotor blade.

Results from HERNOP code are reported on the right, 20. 20

with the decomposition of the noise signature into thick- 10. -- - 10
ness (dotted line) and quadrupole contributions; the pres- 0. o0'
sure time histories on the left are those calculated with the
Euler solver, extending the computational grid in order to .20. -20

include the far-field microphone location. The markers .20. -20
represent experimental data (when available), while the -3. -30

dashed line is the thickness noise: this is calculated with 40. - '01

a different tool, since the Euler solution does not allow
to distinguish the different contributions to the overall
acoustic pressure signature. 0

Figure 4 refers to tip Mach numbers of 0.60 and 0.70: 2. -20.
in these cases the quadrupole source term contribution is . 0
very small, as it clearly appears from the solution of the .-2 -20

FW-H equation obtained from HERNOP. ..- -40
-60 _-

Hovering UH-1H rotor at Mtip ofO.60 and 0.70 -80 V
-100. 100

-120. -1 20
22140. -10

1. -

1

100

0. 0 -

•100. -200 --
-2. -2

-20 -200
.3. -3

.300. .300

4. 400. -400

0. Figure 5 - For Mti, > 0.80, the quadrupole noise contri-
.2. bution becomes significant. Even at the highest Mti,, the
.- results from the FW-H equation and the Euler code are

4 6 both in good agreement with the experimental data.

.10. Hovering UTH-IH rotor at Mtip of 0.90

Figure 4 - Comparison between acoustic pressure signa- 200. 200

tures obtained with an Euler code (left) and the solution of 100" 100

the FW-H equation (right), for a hovering rotor at Mtip of a - 0

0.60 and 0.70 (top to bottom). .100. -100
-200.-20

At tip Mach numbers between 0.80 and 0.88 (figure 5, -3C-. 300

top to bottom), the quadrupole contribution significantly -0. 40)0

increases. Up to a Mtip of 0.85 satisfactory results are still "s' -50

obtained: the shape of the predicted signatures, as well as "6W. -601

the calculated peak pressures, are in good agreement with -7W_. -7_01

the experimental data. At Mtip of 0.88 the experimental
signature starts losing its symmetry, and the Euler solution Figure 6 -At Mtip = 0.90, the aerodynamic data lose acu-
does perfectly follows this trend. Here, the FW-H solution racy, and the experimental peak pressure is significantly
is slightly affected by a loss of information due to the underestimated by the numerical prediction based on the
restriction of the off-blade portion of the grid, including volume integral of quadrupole source.
only points at subsonic speed.

At larger tip Mach numbers (figure 6, Mtip = 0.90), source strength is still quite large, and the vicinity of the
the input data provided by the aerodynamic code does condition of sonic speed in the radiation direction (rep-
not contain the contribution from the region across the resented by Mr approaching 1 in the integral expression
sonic cylinder: this is crucial to determine the shape and of the acoustic pressure) gives rise to important contribu-
peak value of the acoustic waveform. In fact, as the tions to the global quadrupole effect. The volume integral
tip Mach number increases, the blade tip approaches the of quadrupole noise is strongly affected by the poor de-
sonic cylinder. Thus, at points across this critical area the scription of the source strength, and the solution of the
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FW-H equation can no longer provide a realistic predic- effort. Note the difference between the C-grid and D-grid
tion, while the results of Euler calculation still exhibits a results, which points out the importance of Y (spanwise)
satisfactory agreement with the experimental signature. stations in the achievement of a reliable prediction.

4.3. An assessment of computational cost A further, possible reduction of CPU time may be ob-

The main problem in the application of the acoustic anal- tained by decreasing the number of time steps requested
ogy approach for the quadrupole noise prediction is re- to reach an accurate solution; the aim is achieved by tak-
lated to the CPU timerequested by the volume integrationi ing time derivatives inside the integrals in equation (2).
Eatd tof the CPUering timerequespresented byt einth aegrhatn This manipulation splits up the first two terms into 16
Each of the hovering test cases presented in this paper has ad4trs epciey loigadcmoiino

requested approximately 12 hours on a CONVEX C3860 and 4 terms, respectively, allowing a decomposition of

System, equipped with 6 processors; this is a large com- quadrupole noise into three different components. These

puting time, compared to the 80 minutes of CPU required are shown in figure 8 for the test case at Mtip = 0.85.
on aCRA-YM fo theEulr slutons o cnvege 6]. Thus, the quadrupole source term can be seen as the sum

on a CRAY-YMP for the Euler solutions to converge [6]. of a far-field component (depending on the 1/r factor),
The comparison between the computational speed of these
two computer systems is strongly affected by the use of a near-field component (depending on 1/r2) and a very
single or double precision and the adoption of particular near field component, which depends on 1/r3 and may

optimization procedures in the compilation processes. In be generally neglected.
general, CRAY-YMP may be considered to be four times
faster than CONVEX 3860 System, whose computational 20 Far-field (4 ittc s) 2 Near-fied(l0inteos) 0.15 Ver near-field(7integrIs)

speed is even reduced to a half by the adoption of double 10 5 0
precision! On the other hand, all the volume integration 0 1. 0.05
results have been obtained with very heavy runs, using .10 03
the fine Q-grid, 1024 time steps per revolution period, -20
and always adopting double precision for numerical cal- -30 1 /
culations. -40 .15 -0.1

To achieve a reduction of computational cost, an analy- 50 -2 .0.15

sis of different computational domains is proposed, along Figure 8 - The far-field (sum of 4 integrals), near-field (10
with a comparison between the corresponding numerical g a g c n
predictions for the quadrupole noise. In table 1 the re- integrals) and "very' near-field (7 integrals) components
sults from five different UTAH grids are reported, with of quadrupole source term, obtained with the Q-grid and
the comparison between the requested CPU time and the 1024 time steps.
predicted peak values for the noise signatures. The cor-
responding pressure waveforms are shown in figure 7. Still referring to the test case at tip Mach number of 0.85,

figure 9 shows the comparison between numerical results

Grid X Y Z Peak Value (Pa) CPU Time (s) obtained using the two different integral expressions. The
A 32 15_ 7_ -27.652 2420.8 K-code includes all the derivatives inside the integrals:

B 39 17 9 -28.818 4310.9 compared to the S-code, whose solution requested 1024
time steps, a good prediction for the resulting pressure sig-

C 47 17 9 -35.773 4628.7 nature is already achieved through the 256 time steps run,
D 47 23 11 -38.809 8691.8 obtaining a further remarkable reduction (approximately
Q 63 31 15 -39.026 20960.7 30%) of the computing time.

Table I - Comparison between different UTAH grids for -5
quadrupole noise prediction. All the results have been ob- S S-code: Derivatives outside the integrals.
tained with a 512 time steps run, on the CONVEX C3860.

Quadrupole predictions using different UTAH grids (512 time steps) • -
20

10 A

0-25

-4 -A--

-40

30 • -0 "

-445
-400 i00 200 300 400 500 600 700 800 9W100 i 110i0C

-50o Figure 9 - Predicted peak pressure versus number of time
steps is plotted for the two different forms of volume in-

Figure 7 - Quadrupole noise signatures obtained using tegration. Taking time derivatives inside the integrals, a
the different numerical grids described in table 1. good prediction of quadrupole noise is achieved with only

256 time steps.
The result from D-grid is very interesting: the predicted
peak value exhibits a difference of 0.55% compared to the In conclusion, by suitably choosing the numerical grid,
Q-grid prediction and has been obtained with 2.45 CPU and taking derivatives inside the integrals, a satifactory
hours, with a reduction of about 60% on computational quadrupole noise prediction can be achieved with about



27-6

150 minutes on the CONVEX 3860, (using double preci- Up to now every attempt to numerically solve the FW-H
sion); thus, from the point of view of the computational equation with the quadrupole source term written in the
effort requested, the volume integration seems to be defi- above form has led us to deal with very large contribu-
nitely comparable to the Euler calculation. tions from the surface terms, though considering - for

the evaluation of Tij upon the blade surface - an inviscid
5. QUADRUPOLE FROM SURFACE TERMS flow model. Actually, the manipulation of equation (5)
The numerical results obtained through the volume in- is very complex, due, in particular, to the appearance of
tegration have shown how the prediction of quadrupole the Ohi/axj tensor, and the derivative of a delta func-
noise may be pursued through the acoustic analogy ap- tion; thus, the large resulting signatures may arise from
proach, provided that a set of good quality aerodynamic computational errors caused by some geometric formulas
data is available. We have also proved that the CPU implemented in the code. However, any attempt to extract
time requested for the calculation may be considerably re- from expression (1) surface integrals requires a particular
duced, to become comparable to the computational effort attention, because these terms may individually be very
required by an acoustic Euler calculation; furthermore, far from the expected results. To show this particular as-
our volume integration code has not been particularly op- pect of the surface integrals, let us consider an irrotational
timized, so that a further reduction on computing time flow; thus, the quadrupole source term may be written as
may probably be achieved, follows:

Anyhow, the possible extraction of some surface in- 1 a 2 [ U2 OpH
tegrals from the volume terms certainly represents a -2 [uZH(f)]- - L --2 (f)
promising way to perform a less expensive calculation

of quadrupole noise. In this context, an effective de- [ 'H(f
scription of quadrupole source term has been proposed by Ti at
Farassat in 1987 [11]. Exploiting the concept of deriva-
tive of generalized functions, and considering as surfaces + - 1 a
of discontinuity in the flow field both the shock surface + • [puiv,(f)] - 2 xi [pu hii6(f)] (6)

and the blade surface, Farassat decomposes the nonlinear The examples reported in figures 10 and 11 refer to the
term into four different contributions, each relating to a hovering UH- 1H rotor at tip Mach number of 0.80. The
particular noise generating mechanism. Thus, the original numerical evaluation of the two surface integrals PQs,
volume integrals are turned into the sum of the so-called and (coming from the last two terms in the right-
pure (volume) quadrupole term (that usually treated in 2
the Lighthill's jet noise theory), and some surface inte- hand side of equation (6)) is shown in figure 10, where
grals: this should allow a remarkable reduction of CPU they are separately compared to the overall quadrupole
time. Several papers have been published on this subject, noise (calculated with the volume integration, and already
mostly investigating the role and the importance of the shown in figure 5). Note that each surface integral gives a
different terms [ 12]; in particular, the so called blade and contribution of the same order of magnitude of the overall
wake surface terms are recognized to be negligible com- quadrupole pressure pQ.

pared to the shock noise, especially, for high tip speed 10 Fist soefceer --
blades [13]. .

However, attention must be paid to these surface integrals, 6

since their numerical evaluation may lead to unexpected 4

results. Farassat and Brentner [14] have calculated the 2

blade surface sources contribution for a hovering rotor, 0 ----------. - -
finding unacceptably large values of the acoustic pressure -2 /
for a viscous fluid flow. This has been explained through -4
the role of volume term and its own contribution inside -6
the boundary layer, where the high velocity gradients par- .6
tially cancel and moderate the surface sources effects. -1 2 044 066 0.6

Such a balancing has also been verified for an incom- -0

pressible, two-dimensional flow over a circular cylinder, Secmd sýe-o -----
where the knowledge of the exact solution allows a direct 6p

comparison between the different contributions. On the 4

other hand, this seems to happen even if an inviscid fluid 2
model is considered, whith a slip condition enforced on 2
the blade surface: in this case, the volume term does not 0 .
include any boundary layer contribution. Starting with .2

the expression (1), the nonlinear term has been rewritten "4
in the following form: -6

-i

-082T -10, 0.2 004 0!6 01sSH(f) + 2-7 {•iji6(f)}Q - H +i2xj " Figure 10 - Although an inviscid flow model is used, the

OhIn6 two surface contributions from equation (6) are very large
- T•j1 -6(f)-T 6'(f) (5) compared to the acoustic pressure p.

where 6(f) is the Dirac delta function, and denotes the In figure 11, the sum of PQs• and PQs2 is plotted, and
surface source terms giving rise to the surface integrals, a comparison with the overall quadrupole noise signa-
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1. SUMMARY where nonlinear terms are relevant (e.g., blade tips for

The subject of this paper is the unified aerodynamic hovering rotors). This approach is adopted here be-

and aeroacoustic analysis of transonic hovering rotors, cause, in comparison with CFD techniques, it allows

The aerodynamic/aeroacoustic problem is stated in an easier and more eomputationally efficient analysis
terms of the velocity potential, whereas the solution is of transonic flows around rotors, expecially for corn-

determined by applying a shock-capturing boundary plex configurations, such as a free-wake analysis of a

integral formulation. Particular emphasis is given to helicopter rotor in the presence of the fuselage.

the analysis of the non-linear terms in the equation for Boundary integral equations have been the first suc-
the velocity potential, whose contribution cannot be cessfull approach for the analysis of transonic aerody-

neglected for the transonic flow case analysis. Their namics. Indeed, the pioneering works of Oswatitseh

contribution is expressed in a conservative form. [12] of 1950 and Spreiter and Alskne [18] of 1955, for

Starting from the solution for the potential, the steady, two-dimensional, transonic flows, precede the

Bernull thore isuse to etemin boh te pes-1971 finite-difference work of Murman and Cole [14],
Bernullitherem usd t detrmi erbothythapres which is considered a milestone in the development

sure distribution on the body surface (ardnmcof numerical techniques for the solution of transonic
solution) and the acoustic pressure in the field (aeroa- flows.
coustic solution).
Numerical results are presented in order to show the Further boundary-integral-equation approaches are
capability of the methodology in determining both the investigated by Nixon [15, 16] who presents a small

aerodynamic and aeroacoustic solutions for transonic perturbation scheme for the solution of unsteady two-
roto cofiguatinsdimensional and steady three-dimensional flows, and
roto cofiguatins.Piers and Sloof [17], who apply a shock captur-

ing integral formulation to the TSP model. Tseng
2. INTRODUCTION and Morino [2] present the first transonic result ob-

In this work we present some recent developments tained from the formulation of Morino [1], based on a

of a boundary integral methodology for the unified nonconservative TSP approach. A non-conservative

analysis of aerodynamics and aeroacoustics of poten- formulation for the full-potential equation has been

tial, transonic flows. Specifically, we outline a full- presented by Sinclair [18, 19] and applied to two-
potential, shock-capturing boundary integral formu- dimensional and three-dimensional configurations, re-

lation that has been obtain as an extension of the spectively. In contrast to Tseng and Morino [2],

direct integral formulation introduced by Morino [1] where the field sources are due exclusively to non-

and extended with his collaborators to transonic aero- linear terms, in Sinclair [18, 19] the field sources in-

dynamics and aeroacoustics, with applications to ro- clude all the compressibility terms (linear and non-
tors [2-11]. The solution for the velocity potential linear). This implies that the differential operator

function is given in terms of a boundary integral rep- for the boundary integral formulation of Tseng and

resentation extended over the body and wake surfaces Morino [2] is that of the wave equation, whereas for

which, for transonic flows, includes also a field inte- Sinclair [18, 19] is the Laplacian.

gral in the fluid region surrounding the body portion

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
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Applying a TSP formulation similar to that used by the Bernoulli theorem,
Tseng and Morino [2], Iemma, Mastroddi, Morino, .0 1 2
and Pecora [6], present the first validation for three- -+-v +h=hoo (2)
dimensional unsteady flows, whereas the extension to at 2

the full-potential analysis for fixed wings is consid- (where h is the enthalpy), and the isentropic law for
ered in Morino and lemma [9]. Preliminary results for ideal gases h/pm'- = constant. As shown in [3], com-
the simulation of transonic flows around helicopter ro- bining the above equations, isolating the linear terms,
tors in hover are presented in lemma, Gennaretti and and moving all the non-linear terms to the right hand
Morino [10]. side of the equation, in a frame of reference fixed with

the undisturbed flow (air frame of reference), one ob-As in Refs. [4], [5], and [7] for subsonic flows, we tains the following form for the non-linear equation

adopt a unified aerodynamic/aeroacoustic approach of the velocity potential

for the analysis of hovering transonic rotor. Once the

potential solution has been found on the body surface, v2= a (3)
on the wake surface, and in the fluid region where the 1 t2

non-linear terms cannot be neglected, it is possible to where a' = (-y - 1)h. = "p-/pop is the speed of
evaluate the potential everywhere in the field (by us- sound in the undisturbed flow, whereas a denotes all

ing the integral representation) and hence, by means the n nearte d is given by

of the Bernoulli theorem, the pressure distribution. the non-linear terms, and is given by

This approach to aeroacoustics is considerably differ- -_) ] 5 p 1 0€)
ent from those commonly used, that are based either a P V Vol - V " + - P 1 a-7-
on the Kirchhoff equation or on the application of the 0b
Ffowcs Williams and Hawkings equation [20], and de- = V I + - (4)
termine the acoustic field from previous knowledge of

aerodynamic data. A review of the development of where p/p. = [1 - (ý + v2/2)/h±]1/("--).
the classical boundary integral formulations for aeroa- The above differential formulation is completed by the
coustics is not attempted here; an extensive presen- following boundary conditions. We assume that the
tation of several aeroacoustic formulations is given in body surface SB is impermeable, i.e., (v - VB) -n = 0,
Farassat and Myers [21]. where VB is the velocity of the point x on the surface

This paper is divided in six Sections. In the next of the body SB. Furthermore, we assume that the
Section the differential formulation for full-potential flow is at rest in points located far from the moving
flows is presented, whereas in Section 4 we derive body, i.e., v = 0 at infinity. In terms of the velocity
the boundary integral formulation used to obtain the potential, the above boundary conditions are given by
numerical results described in Section 5. Conclud- ao
ing remarks are presented in Section 6. Gennaretti - vB-n for X E SB (5)
has been primarily responsible for the extension of
the original formulation of Morino [1] to the aerody- and

namics and aeroacoustics of rotors in subsonic flows, = 0 at infinity (6)
lemma for the extension of the formulation to tran-
sonic flows, in particular for the development of the In addition, we need a boundary condition on the

transonic algorithm. The numerical implementation wake (see [3] or [22] for details). The wake is a sur-

has been jointly performed by Gennaretti and lemma. face of discontinuity for the velocity potential. It may
be shown that the principles of conservation of mass
and momentum yield that Sw is not crossed by fluid
particles (v - n = vw • n, where vw is the velocity of

3. FULL-POTENTIAL FLOWS the point on the surface of the wake Sw) and pres-
sure is continuous across it (Ap = 0). In terms of the

We consider compressible, irrotational, isentropic velocity potential, the first condition yields
flows of ideal gases. For such type of flows, the fluid
velocity v is expressed in terms of the scalar poten- A (n = 0 (7)
tial € by v = V0, and the governing equations are
the continuity equation, whereas from the second one, using Bernoulli's theo-

rem, one obtains

+p Dw (A-) -0 (8)
S+ V-(pv) = 0 (1)Dt 0(
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where Dw/Dt = O/at + vw • V, with vw represent- The equation for the velocity potential in the body
ing the velocity of a point xW of the wake (i.e., by space is given by
definition, the average of the velocity on the two sides
of the wake). Equation (8) states that AO is constant V2 - x E V (12)
in time following a wake point and equal to the value a• dt 2

it had when xw left the trailing edge. This value is where
obtained from A0 on the body, in corrispondence of
the trailing edge (trailing edge condition).' dB _ ad'--t = =O'-' -v. V (13)

dt at f=const. at

4. INTEGRAL FORMULATION denotes the body-space time derivative following a

For the sake of clarity and simplicity, in this Section fixed point of the air space, whereas V denotes the

we limit the discussion of the boundary integral for- volume where the flow is potential (i.e., the whole

mulation to the case of an isolated rigid surface in ar- space minus the solid volume and an infinitesimal vol-

bitrary motion as introduced by Gennaretti [4]. This ume that includes the wake surface). This volume is

is adequate when the wake surface is fixed with re- assumed to be time independent in the body space.

spect to the body as in the cases of interest here, i.e., The fundamental solution of the operator on the left
helicopter rotors in hover and propellers in axial flow side of Eq. (12) satisfies the equation
(the extension to the presence of multiple bodies, nec-
essary when the wake is not rigidly connected to the V 2G _ 1 d2G = 3(x - x.) 3(t - t.), x e V (14)

rotor, is presented in [7], whereas the general formula- a2 dt2

tion for deforming surfaces is presented by Gennaretti with boundary condition G(oo, t) = 0 and initial con-
[8]). In order to accomplish this, it is convenient to ditions G(x, 0) = G(x, 0) = 0. For the cases of sub-
consider two different spaces: the air space (i.e., the sonic and transonic flows considered here, G has the
space rigidly connected with the undisturbed air) and expression (see [22])
the body space (i.e., the space rigidly connected with
the body). Let the transformation relating ý to x be -1
given by 2  G(xx.,t,t,) 6(t-t.+0) (15)

4= (xt) = ý0 (t)+ R(t)x (9) where 0 (that represents the time required for a sig-
nal to propagate from x to x.) satisfies the equation

where R(t) is rigid-body-rotation isomorphism relat- a-0 = jl4(x,t. - 0) - 4(x,,t*.)ll. In addition, ý =

ing the two spaces, whereas ý0 is the image of the [el1 + L" vx/ao~ol]°, where L = 4(x,t) - (x.,t,)
point x = 0. Note that Eq. (9) implies, for any and p = loell, whereas [...]0 denotes evaluation at time
f = f[4(xlt0,t], t = t, -9.

aj af Multiplying Eqs. (12) and (14) by G and 0 respec-

- •os + vx • Vf (10) tively, subtracting, using Eq. (13), integrating with
at at Lconst. respect to time, and taking into account the initial

conditions on € and G, one obtains
where a/at denotes the time derivative in the body I.

space, Vf denotes the gradient off also in the body O(x,,t.) -/ h V. (GVO - OVG) dV dt
space, whereas v,, denotes the body-space vector of J0 JJ0JV

the velocity of a body-space point x relative to the _ 1 fo f ./ v - OdBG dV dt
air space; for hovering rotors with x = 0 representing af J 0  JJ•. "V - -dt dt dt
the hub, v,, is related to v,. (air-space vector of the f" rrr
velocity of x relative to the air space) by + oJ0 iv G a dV dt (16)

Vx = a (Xt) = RVx (11) Next, note that for any f and w, V. (fw) = fV.w+
Vf -w, and that V • v. = 0 (since the body space
moves in rigid-body motion). Then, applying Gauss'

'For a detailed discussion of this issue see [32]. theorem, as well as the conditions at infinity for 4 and
2In this section, the vectors in the body space are denoted

with Latin boldface letters, whereas those in the air space are G, Eq. (16) reduces to
denoted with Greek boldface letters. In particular, C denotes / -
the position vector in the air space, whereas X denotes the G(X t. = f ( nn - 4 dS dt
position vector in the body space. 0 an an
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____dE of lifting bodies, an explicit treatment of the wake is
+ -'•j f G - O--tvd,-- ndsdt required. Consider an isolated rotor in hover or an

f0• flY isolated propeller in axial flow and identify S in Eq.
"+ Jl lJiv G o dV dt (17) (20) with a surface SBW surrounding body and wake.

Letting the portion of SBw that surrounds the wake
where S is the boundary of V and n is its inwardly approach ,w, we obtain a contribution on the wake
directed unit normal. surface that is related only to AO) (as A(ao/an) = 0

Next, using Eq. (15), integrating with respect to on Sw, see Eq. (7)); A0 is obtained from Eq. (8).
time, and setting G = -1/47r6, one finally obtains For transonic flow cases, the non-linear term cannot
the following boundary integral representation, in the be neglected and the formulation is modified accord-
body frame of reference, for the velocity potential €, ingly. The solution is obtained through a pseudo
for a body in arbitrary rigid motion time-marching technique based on Eq. (18).

§ FIt should be emphasized that, once the potential is
ft.) [69 - a6 dS known on S, Eq. (20) with x. in the field yields
(,,n 0i Fn the value of 4 anywhere in the field. Therefore, we

/ o 0 2 \160 evaluate the aeroacoustic field, i.e., the pressure in
+f[�-[ 6 + ( -vx nI dS the field around the body, by using the solution for

0 athe potential in the Bernoulli theorem.

1 FG 4- (v - n v,, V0 - vx. n) dS For numerical purposes, the above formulation is ap-a2JS Lplied by discretizing both body and wake surfaces into

+ [f l °dV (18) quadrilateral elements, and dividing the involved fluid
v [6,] dV region into volume elements. Referring the reader to

where Ref. [4] for details on the numerical implementation
of the surface terms, here we outline the field term

a _ a 1 V (19) contribution. Applying a zeroth-order discretization,
T =f - Z2 the discretized version of the non-linear term is given

by
For the cases of interest here, i.e., hovering rotors and
propellers with fixed wake, the third integral on the fff O- dV k-kq V-))q (21)
right hand side is identically zero. In addition, all the _ii X.=xk q

results presented here are for steady-state flows (in
the body frame of reference). In this case the integral where !Hkq fffv, dk dV, with Gk = =
representation for the potential assumes the following -

simpler expression whereas b = b - bvx, and V. b) q denotes the mean
/ value inside the volume element Vq of the term V. b.

tG. Next, in order to avoid the evaluation of the diver-
)(x,, t,) = nn ail W gence operator, we perform the following convenient

transformation+ }} v(20) __1
V --V'b)q - J-fJJ V b dV

Consider first the case o = 0 (subsonic flows). If
x. is in V, Eq. (20) is an integral representation for -f b-ndS (22)

t.(x,,t,) in terms of 4 and ao/Oii on S. On the other VqJ-A v
hand, if x, is on S, Eq. (20) represents a compatibil-
ity condition between 4 and a¢/lii for any function where n is the outwardly directed unit normal to the
4 satisfying Eq. (12). surface aVq.

In the case of non-lifting bodies, we identify S with This approach yields a very efficient computational

the surface of the body, SB. Then, o4/On is known algorithm and appears to be more convenient, par-
from the boundary condition, and the compatibility ticularly for the analysis of three-dimensonal flows
condition yields an integral equation which may be around wings and rotors, with respect to other nu-
used to obtain the values of 4 on S from those of merical formulations used by the authors (in which
4)/On. After discretization (see later) one obtains an integration by part was used to avoid the evalua-

a system of linear algebraic equations. For the case tion of V • b, see [10]).
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5. NUMERICAL RESULTS strenght and position of the shock. Note that the
In this Section some numerical applications of the for- computed shock appears as an actual pressure dis-
mulation described above are discussed. Results for continuity confined within one single grid element,
steady-state aerodynamics in the transonic regime are whereas in the finite-volume solution it is smeared
presented first, and validated by comparison with ex- over three volumes. Figure 2 deals with the conver-
isting CFD methods. These results concern two- and gence history of the iterative non-linear procedure.
three-dimensional flows around both fixed wings and The rate of covergence is extremely fast, even in the
rotors. After the assessement of the integral aerody- presence of a strong shock. The converged solution
namics, aeroacoustic applications are presented. The around the cylinder is achieved in about 10 pseudo-
acoustic signal generated by a subsonic propeller and time steps (as mentioned before, steady solutions are
a hovering rotor in transonic conditions are evaluated obtained through a pseudo-time marching technique).
using the present integral formulation, and compared In Figure 3 the flow about a NACA 0012 airfoil at
with the results obtained by the Ffowcs Williams and Mo = 0.82 and a = 00 is analyzed. The pressure
Hawkings formulation, as well as with experimental distribution is compared with full-potential finite-
data. volume results by Jameson [24]. The result obtained

with a finite-volume solution of the Euler equation is

5.1 Fixed-wing aerodynamics also included [25]. Such a comparison is meaningful
since the entropy jump induced by the shock is neg-

The present non-linear aerodynamic formulation has ligible in the present case (weak shock), and there-
been widely validated in the past in both subcritical fore Euler and full-potential solutions are comparable
and supercritical problems [11]. In the present paper, (the two models are equivalent when the flow remains
in order to show the shock capturing property of the isentropic). The comparison shows a very good agree-
method with respect to other CFD approaches (finite ment between the'present solution and the two CFD
volumes, finite differences, finite elements methods), methods considered. The shock determined by the in-
a brief review of the most significant results is given. tegral solution is confined within one single element,
Figure 1 depicts the pressure distribution over the and its strenght is well predicted. However, a slight
surface of a circular cylinder at Moo = 0.5. Such difference in the shock position with respect to the
a flow involves a strong shock wave and is frequently full-potential finite-volume solution may be observed.
used as a test for the assessement of transonic simula- As we will see later, this behaviour occurs for certain
tions. Results from the present method are compared
with those from a finite-volume full-potential conser- 0.0 ' '
vative formulation [23]. Two different mesh sizes are -

•0.00
5X I I

0 O-grid 50 x 20

3.45- *10" x.- O-grid 60 x 30

1.9-

0.35- I
./ I I°I

S-+ BEM (0-grid 50 x 20) eStp-- Finite Volume ( )Figure 2: Time history of the residual for the solution

0.08 15 eover a circular cyilinder with M,, = 0.5.0 0.785 1.57 2.355 3 .14

Figure 1: Pressure coefficient over a circular cyilinder configurations and is currently under investigation. It
with Mc = 0.5.. may be due to the simple geometry used in the defini-

tion of the computational grid around the body sur-
used for the integral approach. The comparison with face (note that the result in Fig. 3 has been obtained
the reference result is satisfactory in terms of both by a H-type field grid, whereas the result in Fig. 1,
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where the shock position is well predicted, has been 5.2 Rotary-wing aerodynamics
obtained by a regular 0-type field grid). Figure 4

In order to validate the presented integral formula-
tion for the analysis of transonic flows around ro-
tary wings, the non-lifting UH-1H hovering rotor

"-CP with MTIp = 0.88 has been considered. In Fig. 5

0.5-

C.I
p -Cp

0- I0- 0.5-

-0.5- -.- BEM - 40x15
o-

- -.- Finite Volume - 256x128

-- a- Euler

0 0.2 0.4 0.6 0.8 X/C 1-o5 - PreetMeod

- - - Full-Potential - Ref [27]
Figure 3: Pressure coefficient over a non-lifting NACA e Euler- Ref. [27]

0012 airfoil with MA4 = 0.82.
- I I0 o0. 2 o0.4 0'.6 o'.8 1

deals with a transonic three-dimensional flow around X/C

an isolated rectangular wing with a 6% circular arc Figure 5: Non-lifting UH-1H rotor in hover. Chordwise

section. The aspect ratio is 4, M,, = 0.857, and pressure distribution at the blade section r/R = 0.89
a = 1.5'. The pressure distribution at the root sec- for MTIP = 0.88.

0.6- the computed pressure distribution at blade section
_CP r/R = 0.89 is compared with CFD full-potential and

Euler solutions presented in [27]. The agreement is
acceptable, but the computed shock position is again

0 located upstream with respect to that in the reference
results. The same comparison is shown in Fig. 6 for

jf"° 0'"

/6 -Finite Difference Method

0 .n-BEM-44xl4x16 05

-0.6- 0 -\ - -

0 0.2 0.4 0.6 0.8 x/c I

Figure 4: Pressure coefficient over a the root section of
a rectanguir wing with 6% biconvex section, A = 4, 0o.s5 PresentMethod

Mc = 0.857, and a = 1.5'. - - - FullPotential- Ref.[27]

0 Euler.- Ref.[27]

tion is compared with the result of a finite-difference

simulation [26]. The behaviour of the present solution 0 0 I. 6

is satisfactory, even if the calculated shock position x/C
is slightly different from that in the reference result. Figure 6: Non-lifting UH-1H rotor in hover. Chordwise

Such a discrepancy is similar to that discussed for the pressure distribution at the blade section r/R - 0.95

result in Fig. 3. for MTIp = 0.88.
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the blade section at r/R = 0.95. In this case the dis- the numerical solution obtained by Farassat and Succi
crepancy in shock strenght and position is even larger. [29] using the Ffowcs Williams and Hawkings formu-
For such a configuration our full-potential result ap- lation, and the numerical results predicted using our
pears to be closer to the CFD Euler one rather than unified aerodynamic/aeroacoustic formulation. The
to the CFD full-potential one. Probably, the error in- same comparison is presented in Figure 8, where the
duced by the rude geometry field grid becomes larger acoustic signal is referred to an observer placed 3.05m
and larger as the analyzed flow configurations become behind the propeller plane at a distance of 7.28m from
more complex. Thus, the slight discrepancy in Fig. 3 the axis. For both cases, the two numerical simula-
for the NACA 0012 airfoil, turns out to be the more tions agree quite well and give a satisfactory predic-
severe difference in Fig. 6 for the UH-1H hovering tion of the measured acoustic pressure. Then, aeroa-
rotor. Therefore, in order to enhance the accuracy of
the transonic rotor flow results in the vicinity of the 160 I

shock, a more refined field grid geometry appears to .
be necessary.

5.2 Rotary-wing aeroacoustics .

Next, some acoustic results obtained by the present 8,
unified aerodynamic/aeroacoustic integral formula-
tion will be presented. ""

First, we consider a propeller in subsonic flow.
This concerns a problem examined experimentally
by Magliozzi [28] and computationally by Farassat ------ EXPERIMENTAL--- F'W-H APPROACH

and Succi [29] (to which the reader is referred for -- PRESENT FORMUTION

the details of the blade geometry). It consists of a -16 , I 6
0 o2 0.4 0.6 0.8

time/period
1.2 I I Figure 8: Calculated and measured acoustic signatures

for the general aviation propeller, ATIP - 0.71, aft
observer.

coustic results concerning the transonic, non-lifting
UH-1H hovering rotor are discussed. Figure 9 de-
picts the acoustic pressure computed by our method-

0 iology for an in-plane-observer located at a distance
d = 3.09R from the rotor, with MTIP = 0.85. For
the same test case, Fig. 10 shows the numerical re-
sults obtained by a Ffowcs Williams and Hawkings

-, ,formulation [30] based on CFD aerodynamic data,

-EXPERIMENTAL whereas Fig. 11 shows experimental and numerical
- FW APPROACH FRUAI results presented in Ref. [31]. All of the acoustic re--PRESENT FORMULATION

-12 -sults are in a very good agreement, even if the noise
0 0'.m2 0.4 0'. e 0.8 1 components are different. In our case, the acoustictime/period

Figure 7: Calculated and measured acoustic signatures signal may be decomposed into a body source con-

for the general aviation propeller, MTIp = 0.71, in- tribution (first term on the right side in Eq. (20)),

plane observer, and a field source contribution, being the body dou-
blet contribution negligible for non-lifting cases. On

three-bladed propeller, having radius R =1.295m the other hand, the acoustic solution based on the

and non-linear twist. The considered tip Mach num- Ffowcs Williams and Hawkings equation is typically

ber is MTIp = 0.71, corresponding to a rotational decomposed into a thickness and a quadrupole noise

speed of 1, 760rpm. Figure 7 presents the aeroacous- (loading noise is not present for non-lifting cases), but

tic pressure in the plane of the rotor, at a distance the relationship between the two sets of components

of 7.28m from the axis of the rotor. The comparison is not a simple matter to determine, and in general

is performed among the available experimental data, they have to be different.
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0.. . . . . . . ............- ............ 0 - - ..........

-200

.250 .................. .... --- BODYSOURCE
- B0OS0U~EFIELD SOURCE

-bc~~~~ - FEOU~Z
OVERALLOERL

Figure 9: Calculated acoustic signatures for the UH- Figure 12: Calculated acoustic signatures for the UH-
1H non-lifting hovering rotor. M1TZp .85. Present 1H non-lifting hovering rotor. MTjp = .88. Present
formulation, form ulation.
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................................... ..... ..

-20 .. 50.
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-60 -. 200..................
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Figure 10: Calculated acoustic signatures for the UJH-1H Figure 13: Calculated acoustic signatures for the UH-1H
non-lifting hovering rotor. MTjp =.85. From 1301. non-lifting hovering rotor. MTIp .88. From [301.

40. 1l00.

20. ----

0..

-20./-10

-40. -10

-80.

-100. -300.

-120.
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3.5 4.0 4.5 5.0 5.5 3.5 4.0 4.5 5.0 5.5

Figure 11: Calculated acoustic signatures for the UH-1H Figure 14: Calculated acoustic signatures for the UH-1H
non-lifting hovering rotor. MTjp = .85. From [31]. non-lifting hovering rotor. MTjp =.88. From [31].
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The same set of results is shown in Figs. 12, 13 Boundary Element Methods, 6, Elsevier Applied
and 14 for MTIp = 0.88. Also in this case, a sat- Science Publishers, Barking, UK, 1990.
isfactory agreement among the three types of results
may be observed, even if the source field term in our 4. Gennaretti, M., "Metodo delle Equazioni In-

methodology appears to be slightly under-predicted tegrali al Contorno per Analisi Aerodinamica

(probably, this is due to the same reasons mentioned e Aeroacustica di Rotori in Flussi Potenziali",
above in the discussion about accuracy in prediction Compressibili, Non Stazionari, Tesi di Laurea,
of shock strenght and position). (Aeronautical Engineering), University of Rome

La Sapienza, Rome, Italy (in Italian), 1989.

6. CONCLUDING REMARKS 5. Gennaretti, M. and Morino, L., "A Unified Ap-

A boundary element method for the unified aero- proach for Aerodynamics and Aeroacoustics of

dynamic and aeroacoustic shock-capturing transonic Rotors in Compressible Potential Flows", in An-

full-potential analysis of rotors has been presented. nigeri, B.S. and Tseng, K. (eds.), "Boundary Ele-

The formulation described is valid for isolated rigid ment Methods in Engineering", Springer-Verlag,
bodies in arbitrary motion. 1990.

Numerical results concerning two-dimensional and 6. lemma, U., Mastroddi, F., Morino, L. and Pec-
lifting fixed wing configurations have been presented ora, M., "A Boundary Integral Formulation for
in order to demonstrate the good accuracy of the ob- Unsteady Transonic Potential Flows", AGARD
tained solution, with respect to existing full-potential Specialists Meeting on Transonic Unsteady Aero-
numerical results based on widely used CFD method- dynamics and Aeroelasticity Proceedings, San
ologies. Diego, CA, 1991.

Non-lifting hovering rotor cases have also been in-
vestigated. The aeroacoustic solution appears to be 7. Morino, L. and Gennaretti, M., "Toward an

in good agreement both with existing numerical re- Integration of Aerodynamics and Aeroacous-

sults based on the solution of the Ffowcs Williams tics of Rotors", DGLR/AIAA Paper 92-02-

and Hawkings equation and with experimental data. 003, DGLR/AIAA 14th Aeroacoustic Confer-

The aerodynamic solution calculated is comparable ence, Aachen, Germany, 1992.

with existing CFD results, but further investigationis required in order to enhance the accuracy of the 8. Gennaretti, M., "Una Formulazione Integrale
solution in the vicinity of the shock. di Contorno per la Trattazione Unificata diFlussi Aeronautici Viscosi e Potenziali", Tesi di
In order to improve both accuracy and efficiency of Dottorato di Ricerca, Universith di Roma "La
the computational algorithm, future work includes Sapienza", Rome, Italy, 1993. (in Italian)
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merical discretization to a third-order one. 9. Morino, L. and lemma, U., "Boundary Integral

Equations and Conservative Dissipation Schemes
for Full Potential Transonic Flows, Computa-

REFERENCES tional Mechanics", 13, 1993, pp 90-99.

1. Morino, L., "A General Theory of Unsteady 10. lemma, U., Gennaretti, M. and Morino, L.,
Compressible Potential Aerodynamics", NASA "Boundary Element Method for Unified Tran-
CR 2464, 1974. sonic Aerodynamic and Aeroacoustic Analyses of

Rotors", XIX European Rotorcraft Forum Pro-
2. Tseng, K. and Morino, L., "Nonlinear Green's ceedings, Cernobbio, Italy, 1993.

Function Method for Unsteady
Transonic Flows", in Nixon, D. (ed), "Transonic 11. lemma, U., "Metodi Integrali in Aerodinamica
Aerodynamics", Progress in Aeronautics and As- Transonica", Tesi di Dottorato di Ricerca, Uni-
tronautics, 81, 1982. versith di Roma "La Sapienza', Rome, Italy,

1994. (in Italian)
3. Morino, L. and Tseng, K., "A General The-

ory of Unsteady Compressible Potential Flows 12. Oswatitsch, K., "Die Geschwindigkeitsverteilung
with Applications to Aeroplanes and Rotors", in ab Symmetrische Profilen beim auftreten lokaler
Banerjee, P. K. and Morino, L. (eds.), "Nonlinear Uberschallgebiete", Acta Physica Austriaca, 4,
Problems of Fluid Dynamics", Developments in 1950, pp 228-271.



28-10

13. Spreiter, J. R. and Alksne, A. Y., "Theoreti- 25. Hirsch, C., "Numerical Computation of Internal
cal Prediction of Pressure Distribution on Non- and External Flows", 2, J. Wiley & Sons, New
Lifting Airfoils at High Subsonic Speeds", NACA York, 1966.
R 1217, 1955. 26. Steger, J.L. and Caradonna, F.X., "A Conserva-

14. Murman, E.M. and Cole, J.D., "Calculation of tive Finite Difference Algorithm for the Unsteady
Plane Steady Transonic Flows", AIAA Journal, Transonic Full-Potential Equation", NASA TM
9, 1971. 81211, 1980.

15. Nixon, D., "Transonic Flow Around Symmetric 27. Prieur, J., Costes, M. and Baeder, J.D., "Aero-
Airfoil at Zero Incidence", Journal of Aircraft, dynamic and Acoustic Calculations of Transonic
11, 1974, pp 122-124. Nonlifting Hovering Rotors", International Tech-

nical Specialists Meeting on Rotorcraft and Ro-
16. Nixon, D., "Calculation of Unsteady Transonic tor Fluid Dynamics, Philadelphia, Penn., 1993.

Flows Using the Integral Equation Method",
AIAA Journal, 16, 9, 1978, pp 976-983. 28. Magliozzi, D., "The Influence of Forward Flight

on Propeller Noise", NASA CR 145105, 1977.
17. Piers, W.J. and Sloof, J.W., "Calculation of tran-

sonic flow by means of a shock-capturing field 29. Farassat, F. and Succi, G. P., "A Review of Pro-
panel method", AIAA Paper 79-1459, 1979. peller Noise Prediction Technology with Empha-

sis on Two Current Methods for Time Domain
18. Sinclair, P. M., "An Exact Integral (Field Panel) Calculation", Journal of Sound and Vibration,

Method for the Calculation of Two-Dimensional 71, 1980, pp 399-419.
Transonic Potential Flow around Complex Con-
figurations", Aeronautical Journal, Paper No. 30. lanniello, S. and De Bernardis, "Calculation of
1394, 1986 pp 976-983. High Speed Noise From Helicopter Rotors Us-

ing Different Description of Quadrupole Source",
19. Sinclair, P. M., "A Three-Dimensional Field In- Proceedings of AGARD Symposium on Aerody-

tegral Method for the Calculation of Transonic namics and Aeroacoustics of Rotorcraft, Berlin,
Flow on Complex Configurations - Theory and Germany, 1994.
Preliminary Results", Aeronautical Journal, Pa-
per No. 1482, 1988, pp 235-241. 31. Baeder, J.D., Gallman, J.M. and Yu, Y.H., "A

Computational Study of the Aeroacoustics of Ro-
20. Ffowcs Williams, J. E. and Hawkings, D. L., tors in Hover", American Helicopter Society 49th

"Sound Generated by Turbulence and Surfaces in Annual Forum, St. Louis, Missouri, 1993.
Arbitrary Motion", Philosophical Transactions
of the Royal Society of London, A264, 1969, pp 32. Morino, L., "Boundary Integral Equations in
321-342. Aerodynamics", Appl. Mech. Rev., 36, 8, 1994,

pp 445-466.
21. Farassat, F. and Myers, M.K., "Extension of

Kirchhoff's Formula to Radiation from Moving
Surfaces", NASA TM 89149, 1987. ACKNOWLEDGEMENTS

22. Morino, L. and Gennaretti, M., "Boundary In- This work was partially supported through a contract
tegral Equation Methods for Aerodynamics", in from AGUSTA ELI S.p.A. to the Terza Universith di
Atluri, S.N., "Computational Nonlinear Mechan- Roma, and through postdoctoral fellowships to Dr.
ics in Aerospace Engineering", AIAA Progress M. Gennaretti and Dr. U. lemma.
in Aeronautics and Astronautics, 146, AIAA,
Washington, DC, 1992, pp 235-241.

23. Salas, M.D., "Recent Developments in Transonic
Euler Flow over a Circular Cylinder", NASA TM
83282, 1982.

24. Jameson, A., "Transonic Potential Flow Calcu-
lation Using Conservation Form", AIAA Sec-
ond Computational Fluid Dynamic Proceedings,
1975, pp 148-161.



29-1

Aeroacoustic Calculation of Helicopter Rotors at DLR

K.-J. Schultz, D. Lohmann, J.A. Lieser, K.D. Pahlke

DLR Institute of Design Aerodynamics
Lilienthalplatz 7

D-38108 Braunschweig, GERMANY

Summary Ir force on the fluid per unit area in observer direction

The rotor noise level is one of the main design parameters M Mach number
for future rotorcrafts. This fact requires accurate aeroa- M Mach number in source-observer direction
coustic prediction tools. The two most annoying contrib-
uters to rotor noise radiation are blade vortex interaction p pressure
impulsive noise (BVI) and highspeed compressibility im- r source-observer distance
pulsive noise (HI). At DLR great effort is concentrated on Tii Lighthill tensor
these two impulsive noise phenomena. The paper presents
examples of : 1) the prediction of lowspeed BVI impul- u ij perturbation velocity
sive noise using aerodynamic input from a quasisteady U free stream velocity

formulation of the panel method LBS and the linear terms vn blade normal velocity disturbance
of the FWH-equation for acoustic calculation and 2) the
prediction of highspeed hover and forward flight impul- (ctpp tip path plane angle
sive noise using transonic aerodynamic input from a 3D- T specific heat ratio
EULER code and the FWH-equation including the non-
linear quadrupole term for the acoustic calculation. The gx advance ratio
calculated results are compared with experimental data a source strength
from the AH-1/OLS (UH-1H) model tests in DNW,1982,
and from the HELINOISE test (BO 105 model in DNW). P velocity potential

The prediction of lowspeed BVI noise is highly depen- T rotor azimuth angle
dent on the used wake model for the blade pressure calcu-
lation, while the acoustic calculation is quite straight for- 1. Introduction
ward. The comparison of experimental data with Rotor aeroacoustic has become an important research field
calculated acoustic results using blade pressure input due to noise reduction requirements for both civil rotor-
from the LBS code in connection with Beddoes wake craft as well as military rotorcraft. Meanwhile the most an-
model shows satisfactory agreement. In the highspeed noying contributers to helicopter noise are wellknown:
case the perturbation velocity field solution of the EULERcodeproide theinpt fr th qudruole olue ite- 1. Blade vortex interaction impulsive noise, occuring atcode provides the input for the quadrupole volum e inte- d e c n fl g t o di o s a d r d ai g m i ly o th
gral in the FWH-equation. Four different solutions to descen tuflig cois and rti n t
solve the quadrupole term are presented for the hover ground. (Disturbing noise around heliports!)
case: volume integration, two kinds of pre-integration in 2. Highspeed impulsive noise which is caused by the tran-
blade normal direction and an approximation using the sonic flow field with shock delocalization on the advanc-
blade surface values. In comparison with experimental ing blade tip and radiating mainly in forward inplane di-
data the different calculated results for the hover case rection. (Detectibility over long distances!)
show that the expensive volume integration provides the Thus the rotor noise level is one of the main design param-
best solution, but the approximated approaches are also eters for the next generation of rotorcraft and this requires
satisfactory. For the highspeed forward flight case the accurate aeroacoustic prediction tools. Several national as
quadrupole approach with pre-integration has been se- well as international joined research programs were estab-
lected and quite successfully applied. lished to reduce rotor impulsive noise radiation with par-

ticipation of national research centers and helicopter in-
dustry, in the past mainly in the US but presently also in

List of Symbols the EU (for example HELINOISE, ERATO, HEL-

c speed of sound ISHAPE, HART).
In the past intensive experimental research efforts have

cp pressure coefficient been carried out by rotor model wind tunnel tests and heli-

cT thrust coefficient copter flight tests to improve the physical understanding of

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin, Germany from 10-13 October 1994 and published in CP-552.
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rotor aerodynamics, acoustics and dynamics and thus to 2) Highspeed impulsive noise (HI) using the DLR-3D-
validate and improve the aerodynamic and acoustic codes EULER code for the transonic aerodynamics and the
for prediction of rotor noise. Especially tests with simulta- FWH equation including different approaches to solve the
neously measured blade pressures and radiated noise were nonlinear Quadrupole volume integral term for acoustics.
successfull (Ref 1,2). But it was found that more informa-
tion about rotor aerodynamic and dynamic is necessary. 2. Low speed BVI impulsive noise prediction

Therefore tests with additional simultaneous measure-
ments (rotor wake geometry, blade tip deflection etc.) 2.1 Governing acoustic equation and prediction scheme

were performed (Ref 3). For acoustic calculation the DLR uses the acoustic code

In parallel to the experimental research the development AKUROT. This code was developed in 1987 (Ref. 11,12)

of aerodynamic and acoustic codes to predict rotor noise and first validated with experimental data from the OLS-

has been forced. Three different aeroacousic approaches AH1-model rotor tests in the DNW, 1982 (Ref. 1,2). The

has been established during the last years. Up to now the code is based on the Ffowcs William/Hawkings equation
(Farassat formulation 1) and includes the thickness noiseapplication of L ighthills acoustic analogy m ethod repre- t r h o d n o s e m a d a s n a p o i a e

sented in the Ffowcs-William/Hawkings (FWH)-equation term , the loading noise term and also an approximated
(Ref 4) and especially for rotor acoustics in Farassats for- quadrupole noise term. The calculation is performed in the

mula 1 and IA (Ref 5,6) has been the most usual ap- time domain..

proach (Ref 7-17). In this case aerodynamic input data For predictions at low speed conditions only the linear
like the rotor blade surface pressures and the perturbation thickness and loading terms are used and in this case the
velocity field around the blade are required. These aero- code is similar to several other acoustic codes like ,,WOP-
dynamic data can be supplied from experiment, or better WOP" from NASA Langley, ,,ROTAC" from ISL ,
from reliable aerodynamic predictions. Recently a second ,,RAPP" from NASA Ames, ,,HERNOP" from C.I.R.A.
method was applied using a Kirchhoff formulation for or ,,PARIS" from ONERA, all using Farassats formulation
acoustic radiation with aerodynamic input data calculated I or la.
at the socalled sonic cylinder (Ref 18,19). For both ap- Farassats formulation 1 is written:
proaches accurate aerodynamic calculation is the first and I
most important step to accurately predict the radiated 47cp (x, t) =c-tJ[-iL - dS (1)noise .yet -M,

A third method is the so-called computational acoustics,
the direct calculation of rotor noise based on the EULER- r I 1
equation or other CFD field methods (Ref 20). + 112 1 dS

At DLR Braunschweig applications of the direct EU- s r( Mr) ret
LER-method are planned for the near future and the appli- The sound pressure p at the observer time t on an observer
cation of the Kirchhoff-method is in development. At position x depends on two integrales, radiating from the
present rotor noise calculations are performed only with source location at the retardet time . The first one includes
the FWH method. Results from different aerodynamic the thickness noise part with the velocity disturbance nor-
codes or results from blade pressure measurements are mal to the blade surface v, as important parameter and the
used as input for the DLR acoustic code AKUROT. loading noise part with the force on the fluid per unit area

For the calculation of rotor aerodynamics 3 different ap- in the observer direction Ir as important parameter. Mr is
proaches were used at DLR up to now: the source Mach-number component in observer direction

a) Rotor simulation code (lifting line method, but in clud- and r is the observer-source distance. The second integral
ing rotor dynamic, RefZ2). is the loading nearfield term which can be neglected for

b) Panel methods, especially, LBS (Lifting Body Surface farfield predictions.
method with prescribed wake model, Ref 22,23) and an Details of the prediction scheme and the numerical ap-
other newly developed unsteady code with free wake proach can be found in Ref. 11,12.
modelling and offline aeroelastic coupling (Ref 24).

c) 3-D-EULER-method (including transonic conditions,
Ref 25). 2.2 Aerodynamic input (LBS code)

The presented paper is a combination of originally two
separately proposed papers and will be therefore concen- In the present paper a Lifting Body Surface (LBS) method
trated on two special topics: for propellers based on linear potential theory with exten-

l)Low speed blade vortex interaction (BVI) impulsive sions for compressible and unsteady flows is used for ro-
noise using the LBS code for aerodynamics and the linear tors in lifting forward flight. There are two main reasons
terms of the FWH-equation for acoustics. for this approach. Firstly, the method is very fast, it is vali-

dated for propellers and it was successfully applied as a
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design method for fans (Ref 22) and rotors(Ref. 23). Sec- blades with a slightly modified NACA 0012 profile. The
ondly, it is compatible to the acoustic methods of Farassat descend flight case 3017, which is a typical BVI case, was
type one (Ref 11,12) used at DLR, because the structure chosen (Ref 2). In the experiment the number of pressure
of computer codes and the mathematical background is sensors in chord direction was low. Therefore, no lift coef-
very similar. The aerodynamic and the acoustic method ficients were calculated from experimental pressure mea-
are both boundary integral methods. The integrals are surements and the time history of pressure on 3 percent
similar and the same surface meshes can be used. chord line at four radial locations is directly compared

The LBS-method is based on the isentropic potential flow with experiments in figure 1. It should be mentioned, that

model. With the second Green's identity the volume inte-
gral over a threedimensional domain is expressed by sur- C *"42

face integrals over panels located on the surface of the -1.5[ P x/c=3%
body. The advantage of such a boundary element method
is, that even in three dimensional flows the number of al- r/R=0.8
gebraic equations to be solved is moderate. The method
yields the pressure on the body surface, which is sufficient
for calculating low speed noise for descend flight. -0.5

The governing equation for aerodynamics can be derived
by integrating the FWH equation with respect to time and
considering the complete time history of the sources 0.0- LBS
(Ref 22): Experiment

47tco(x,t) = .f f'r(l Mr) dS (2) 0.5100 200 300

c*M
t -1.5 x/c=3%

+ _I fp/ .-1 dSdt

-1(0 -Mr)ret r/R=O 91

For the calculation of rotors compressibility and un-
steadyness have to be taken into account. In the present""
method the distances between emission point and receiv- -0.5 "',,
ing pointare transformed similar to the Prandtl-Glauert-
Goethert rule using Lorentz contraction. 0.0 " .

Because of the use of acceleration potential the wake is LBS

described by means of paths of singularities instead of Experiment
vortices. 0.50 .0.0. . 300 ... .

The loading term is divided into a part corresponding to
the bound vortex and a second part corresponding to the cp *M2

free vortices which represents the wake. The surface inte- -1.5 x/C=3%
gration of dipoles in the wake integral is replaced by an
integration along the path of the singularities by use of ac- r/R= 97

celeration potential. There are no singularities in the wake -1.0

since the wake is free of forces and the acceleration po-
tential is continuous through the wake.

Since the nonlinear interaction between rotor and wake is
very important in case of the descending helicopter a lin-
ear model for propellers was replaced by the model of 0.0 -- ------ LBS
Beddoes (Ref 26) for the description of the path of the
singularities. This leads to a better weightning of the BVI Experiment

peaks compared to experiments. 0.50 . . .1 20'0. 300 ' '

Detailed description of the aerodynamic method and the
prediction scheme can be found in Ref 23. Fig. 1: Comparison of calculated and measured chordwise

pressure coefficient distribution for the AH-l/OLS model

2.3 Results for the AH-I/OLS model rotor rotor in lifting forward flight, descent with BVI, p. = .164,

The first forward flight calculations were done for the M tip 0.664, o TPP = 1.0 deg, cT = .0054
AH-l/OLS rotor which has rectangular linear twisted



29-4

due to the resolution with eight panels on the upper side
the suction peak in the region around three percent chord

is difficult to resolve. Linear interpolation between near- d 30 LBS Mic 1
est points were used. But the time gradients due to BVI P,
especially in the region around sixty degrees which are
important for the acoustic pressure in flight direction are 10

similar to the experimental ones. The resolution in time 0 0

was two degrees. O -0.

Figures 3 a-h show the acoustic signatures in comparison P4 -20

to the experiments. The microphone positions are shown -30
in figure 2. The peak to peak values are predicted too 4o.. 02 .. 0.4 .06 ' 0

small for some microphone positions. This may be caused time/revolution
by the not exactly corresponding calculated blade pres-
sure time histories with the measured ones, especially in 40

the Ith and 4th quadrant, where advancing side and re- 0Experiment Mic 1

treating side BVI occure, but may also be caused by the Pý 20
missing quadrupole term in the acoustic calculation. a 10

The directivity characteristics of BVI impulsive noise are : 0
Ca

represented well. The calculated peaks are at the correct _1l
position in time for all different microphone positions. .- 20

04
_30

J.0 0.2 0. 0.6 0.8 Atime/revolution

V Fig. 3 a:Comparison of calculated and measured chord-
wise pressure coefficient distribution for the AH-1/OLS

T( model rotor in lifting forward flight,descent with BVI,

7 D-.164, M tip --0.664, 0t TPP = 1.0 deg, cT =.0054

microphone position I of Figure 2

40 .

30 LBS Mic 2

............o..lCO)

3 0i)
p4 -20

4 PW -30

.0 0.2 0!4 ...0!6. .. .
time/revolution

40
5 8 3o• - Experiment Mic 2

Fig. 2: Microphone positions a 10

2.4 Results for the BO 105 model rotor CO
CO -10

The LBS method was also applied to calculate the noise
radiation for a BVI condition of the BO 105 model rotor -20

tested in the DNW (HELINOISE). The BO 105 rotor is a -30
hingeless rotor and the dynamic behaviour of the blade -'Z0,. 0'2 . .4 0.6 0:. o .
which was not taken in to account here is more important time/revolution
compared to the rigid one.

Fig 3 b:, microphone position 2 of Figure 2
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40 40

Cý 30 LESpr n Mic 3 Eprmn i

4 20 04

Q) 10- 10-

U))

100) -to-10.

04 _20: -20
04 04

-30 -30-

.0 0.2 0.4 0.6 0.8 1.0 
4 .0 0.2 0.4 0!6 .. .0!8 1.0

time/revolution time/revolution

40404

c~30 Experim(ent Mic 5 304-Eprmn i

0. 02

04 
-04

-4 . 4 1 O . . . . 4. 0 .6 . . .0 .8 1.0
0 0:2 OA 0.6 0.8 1.0 time/reolutio

time/revolutiontiervl io

Fig. 3dc:, microphone position 5 of Fi~gure 2 Fig. 3 e:: microphone position 6 of Fig-ure 2
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40 _.. . . ._, _. . . ._ ._ . . . ._•_ . . ... _ . . . Cp

cO 30 LBS Mic 8 0.0 12 % chord, upper side
S20-

W 10.-0.5r/R--0.75

p4

: 0 -

-1.5
'404-20

_30 15 ...... LBS

"0 02 0.4 0.6 0.8 1.0 Experiment
time/revolution

40 .2.00' 50 i 50' 200' 2509 30'0 350
m 30 Experiment Mic 8 C

"20 0.0 '12 % chord, upper side
-0 r"R--" 0-""

0 0 0 . .- 1.0

-4%0... 0'2 0...04 0.'6 .. . '.8 .. 1.'0 -............- LBS ý
time/revolution -1.5Experiment

Experiment

"-50 100 150 260 250 300 350 TFig. 3 e:, microphone position 8 of Figure 2 C o

P

So12 % chord, upper side
r/R=-0.9740 - . ... . . . . . . . .- 0 .5 . . .. .

30 oB -1. 9B

Fipre4-sow0tExused pedisetriuinfr3rda

k 20

{•. 0 2"0'9" 0.4 0.6 0.8 1.0c

time/ revolutiona

son w ith experimental data.

3 ip0 Figure 4 shows the unsteady Cpe distribution aod ynamicl
14m~~ ~ radia stations~rR.5 8 and .f6oan a chordwise pstation ofear

a)30 telaigeg 1 chord) on the upper side.TeB-

a)g. 10 irpoe oiin9o Figure 4 • hows the acunsteayc disutriutiong this 3aerdynali
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input for the loading term of the FWH-equation. Figure 5a portant and has to be included.
shows a comparison of the calculated sound pressure time The quadrupole noise term is represented by a volume in-
history of a selected microphone position near the ad- tegrale equation, here written after transformation of the
vancing side maximum radiation direction with experi- space derivatives into time derivatives:
ment. The agreement of the signal shapes is quite satisfac-
tory, but it should be noted that the agreement may be not I a
as good in other radiation directions. The comparison of 4npQ (x, t) = 1 22 Tijriri l dV)
the experimental and calculated noise field underneath the c (f fJfr [ M ie )
rotor, presented as mid-frequency level contours (figure

5b), shows similarity in level and in the directivity charac- + I a F3Ti.rjr.-T..
teristic. The advancing side as well as the retreating side + 2Jr

2 ri-Tii"
BVI maxima are quite well predicted. (I -M rJ ret 1

sound pressure time history ot 0 + rfhJ 3Ti-iJri-Ti1 dVD

+: ~ k~ ~Thi Lr (- Mr)Jret
_-• This nonlineare volume integral equation is very complex

and the solution requires immense computational power.
A first approximation is the use of only the first integral,

-1 Rev. the second time derivative, most important for the farfield
a) radiation. The second term is only in the order of about 1%

Colculotion Experiment of the first term as test calculations have shown. The third

Mid freq. Level - dD Mid-freq. Level - dB term is a nearfield term and can also be neglected.
The governing Lighthill tensor Tij is written:

2T = puiu + Pi c2P i (4)

E E

The mean part of the Lighthill tensor is p uiuj. As a further
approximation it is assumed that the perturbation velocity
field near the blade (about 1-2 chordlength) is the most ef-

-2 -1- 0 2 ficient contributer. The integration is then performed only
b- for this near-blade volume. Furthermore it is assumed that

-2 -1 0 1 2 the component parallel to the blade surface (or even paral-
- mlel to the chord in the nonlifting hover case) is most impor-

Fig. 5: Calculated mid-frequency level contours and tant. The radial component can be neglected because the
sound pressure time histories for a selected position near component in observer direction is zero when the maxi-
the maximum radiation compared with experimental data mum Mach number in observer direction is reached. Con-
from HELINOISE test (Ref 3) sidering only the in-plane radiation the vertical component

of the perturbation velocity acts also vertical to the source-3. Highspeed impulsive noise prediction observer direction and can be neglected. In this case the

Recently both the Kirchhoff method and the computa- first part of the Lighthilltensor is simply:
tional acoustics are often applied for highspeed (hover)
noise radiation prediction. The present paper shows that Puiuj = Pu 2  (5)
also the FWH method including the quadrupole term can This approximation was introduced by Yu,Caradonna and
provide sufficient results for both the highspeed hover Schmitz (Ref. 27). Also their approximation for the rest of
case as well as the highspeed forward flight case, suppos- the Lighthill tensor is applied:
ing that the perturbation velocity field around the blade is
well predicted with aerodynamic field methods like the Pi- -21 2u2 (6)
3D-EULER methods. Tpole 2se =a pM u (6)

3.1 Governing acoustic equation and prediction scheme Thus the quadrupole noise can be written:

The acoustic calculation of the linear terms of the FWH 4 7tpQ (x, t) = (7)

equation (thickness and loading noise) is the same as for
lowspeed cases and has been described before. For high-
speed cases with blade tip Mach numbers of about .9 the a2  PM 2 -_1 2 ur 2• l
quadrupole term of the FWH equation becomes most im- a-t r ( I + Mr)(1+2 M) ( I) tdV

at2 f f [r d 2u t
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To solve this approximated quadrupole equation four dif- 3.1.1 Governing aerodynamic equation and prediction
ferent approaches were used and compared for the hover scheme(3D-EULER code)
case. The DLR 3D Euler code for rotor flows solves the Euler

1. Volume integration of the quadrupole intensity equations transformed into a moving coordinate system
2. Pre-integration of the quadrupole intensity in blade nor- fixed to the rotor blade which is assumed to be rigid. The
mal direction using the original grid system. discretization of space and time in the governing equations
3. Pre-integration after coordinate transformation. is separated following the method of lines (Jameson et al.,-
4. Approximation using the quadrupole intensity on the Ref 28) using a finite volume formulation for the spatial
blade surface. discretization. The flow quantities are taken to be volume
The first method is solving the volume integral, that averaged. The finite volume discretization reduces to a
means calculations for each finite volume element in an second-order central difference scheme on a Cartesian grid
appropriate range around the rotor blade. An aerodynamic with constant grid sizes. If an arbitrary nonuniform grid is
field solution can be used directly in the applied grid sys- used, the accuracy of this scheme depends on the smooth-
temr. ness of the grid. In order to avoid spurious oscillations a

The second and third method are using an approach first blend of first and third order dissipative terms is intro-

applied by Yu,Caradonna,Schmitz (Ref 27). The perturba- duced. An explicit Runge-Kutta time stepping scheme is

tion velocity-square is integrated in the direction normal used with an evaluation of the dissipative fluxes at the first

to the blade (normal to the rotor plane) before performing two stages.

the acoustic far-field prediction providing a special qua- In Euler-computations on grids containing the whole rotor
drupole intensity value assumed to act parallel to the disc the wake is part of the solution. Consequently no -

blade (parallel to the rotor plane). In this way the quadru- wake model is used for hover cases. Up to now the code is
pole term is approximated by a surface integral similar to not able to handle several blades in relative motion, which
the loading term: is necessary for the lifting forward flight case. Therefore

the flow around only one blade is calculated using the
4 npQ (x, t) = (8) wake model according to Beddoes (fixed wake ,Ref 26,21)

providing the downwash and the wake effects of the whole
rotor. This wake model provides a field of induced veloci-

[2 pM2 ( - 1 2 u (,• S ties normal to the tip path plane which are used to change
(I + 2 ( I - dn d the solid body boundary condition in the Euler code.

t n ret In order to accelerate the convergence to steady state for

hover cases rothalpy damping, implicit residual averaging
The fourth approach is using a further approximation sim- (Ref 29) and a multigrid algorithm have been imple-
ilar to that presented by Schultz und Splettstoesser (Ref. mented. The technique of implicit residual averaging has
11,12) and tested by lanniello et all (Ref 17). This approx- been adapted to time-accurate calculations for forward
imation supposes a relationship between the blade surface flight cases.
perturbation velocity (or blade surface pressure via Ber- Body conforming, single block, computational grids were
noulli equation) and the quadrupole intensity (the integral constructed for multibladed hovering rotors, using a grid
in normal direction). Thus a blade surface solution from generator based on an elliptic 3D solver. Because of the
panel methods (or measured blade surface pressures) can cylindrical nature of the flow of a hovering rotor an O-H
be used to predict the highspeed quadrupole noise. topology was chosen with the wraparound 0 in chordwise
The available 3D-EULER field solution allows an direction and the H-type in spanwise direction.
improved investigation of this approximation, the direct Due to the symmetry of the flow only a segment of the ro-
comparison of the surface and the integrated quadrupole
intensity. The relationship: tor plane containing one blade has to be regarded. The

other blades are taken into account by periodicity condi-

A= f( u ) udn/( 2 (9) tions in the blade azimuthal direction, which swaps the
SSurface flow information at the front and back boundaries of the

cylindrical mesh. On account of this grid topology it is ob-
pole calculation: vious to generate grids with identical point distributions

on the periodicity planes, Therefore, no interpolation of4 pQ (x, t) =(10) the flow quantities on the periodicity planes is re-

quired.Grids used for forward flight calculations are con-

a pM2 T - 1 2  
Ur 2 structed quite similar but with a far field of cylindrical

a
2 (W'r IM I + 2 M)A() Srj dS shape.

ct2JsLr(1-Mr) Sur ret More details about the method, also numerical aspects of
the algorithms and the grid generation are described in
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Ref 25. Figure 6 shows the applied O-H-grid system. This grid
system is not optimized for acoustic calculations, but the

3.2 3D-EULER hover results chordwise resolution was refined from originally 65 to 129
grid points, and the radial grid was curved beyond the

For validation purpose the UHIH twisted model rotor in blade tip in order to improve the resolution of the delocal-
non-lifting hover (Ref 1 ,15) was calculated with the 3D- ized shock. Since the 0-grid system is not optimal for the
EULER code for the critical tip Mach number of .9. Be- pre-integration in normal direction for calculating the qua-
cause of the twist upper and lower side are slightly differ- drupole noise a coordinate transformation is necessary.
ent and have to be considered separately. Furthermore near the sonic cylinder at about 111% radius

the resolution is not refined enough for the direct acoutic
evaluation. Therefore the radial grid can not be directly
used and a simple interpolation has to be applied.
Figure 7 shows the chordwise cp-distribution for a radial
station of 95% and a tip Mach number of .9, obtained with
the original 65-grid and the refined 129-grid . For the
acoustic calculation it is very important to accurately cal-
culate the shock behaviour in the transonic flow regime.
This figure demonstrates the improvement in the shock
resolution due to the refined grid.

-1.0
.... .. ...... .

-0.5

0.0

UH1 H twisted model rotor

0.5 Ma -=0.900. 9., 1.09'. rR =0.95

(grid 129x41x57 points)

1.0 . (grid 65x21x29 points)

0.00 0.25 0.50 0.75 1.00

Fig. 7: Comparison of the chordwise Cp-distribution for
calculations with a) 129 chordwise grid points, b) 65
chordwise grid point

3.2.1 Quadrupole intensity
K, The further investigation concentrates on the field solution

of the perturbation velocity component parallel to the
blade. In fi2ure 8 the chordwise and chord-normal distri-
bution of the quadrupole parameter uP/U2 is shown for dif-- . .,ferent radial stations. The comparison demonstrates that
"almost up to the sonic cylinder the perturbation is concen-
trated in the chord regime and also about one chord in the

""•,. •normal direction. Only near and beyond the sonic cylinder
the perturbation is more extended in chordwise direction
as well as in blade normal direction.
"Figure 9 compares the integrated quadrupole intensity

Fig. 6: O-H-grid system used for 3D-EULER calculation field for the upper side and for a tip Mach number of .9.
of a highspeed hover case using the original 0-grid sytem and after transformation to
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upper side

r/R = 1.18

1.081 .0 8 /R= .. .02742

1.05

1.00

.94

.81

Fig. 8: Quadrupol intensity distribution in chordwise and
blade-normal direction for different radial stations (UH-
1H model rotor in hover with Mt=.9)
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Fig.9: Pre-integrated quadrupole intensity in chordwise ..h..r..
chord

and radial direction, a) integrated along the original nor-
mal grid line, b) integration after coordinate transforma- Fig. 11: Comparison of the chordwise surface- and pre-in-tion 11: chord-nison direchodwstionc- ndpe-n
tion in chord-normal direction tegrated quadrupole intensity for different radial stations

Mu1, - 0.8 0.9
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Fig. 12: Relationship between the pre-integrated quadru-

Fig. 10: Chordwise (azimuthal) slope of the max. quadru- pole intensity maximum and the surface maximum depen-
pole intensity vs. radius (a) and radial distribution of the dent on the local Mach number, a) hover with Mt=.8 and
pre-integrated quadrupole intensity for Mt .9, upper and .9, b) highspeed forward flight on advancing side (differ-
lower side (b) ent tip Mach numbers and pitch angles)
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Fig. 13: In-plane noise signatures (1.6 rotor diameter dis-
tance), calculated with volume integration and with pre-
integration in the original grid system.

a) up to r/R=1.0 (M=.9), b) up to r/R=1.08 (M=.973) and
c) up to r/R=1.15 (M= 1.04)
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Fig. 14: In-plane sound pressure signatures compared a) Volume integration
with experiment (twisted UHIH blade, Mt= .9) for differ- a) Vouerint

ent quadrupole approaches: b) Experiment

c) Pre-integration in the original grid system

d) Pre-integration after coordinate transformation

e)Approximation using the surface values
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obtain chordwise equally spaced finite volume elements calculation up to the blade tip (r/R=l.0), b) calculation up
covering a range of -.5 up to 2.5 chord-length. In the first to r/R=l.08 (before the sonic cylinder) and c) up to
case the complete perturbation field is placed on the blade r/R=l.15 (beyond the sonic cylinder). The tip Mach num-
surface and the curved extention beyond the tip. ber is .9, (thus the sonic cylinder at r/R=1.11) and the
The radial distribution of the integrated quadrupole inten- observer position is inplane at a distance of 1.6 R . The
sity is shown in figure 10b for upper and lower side and comparison shows that up to the blade tip the results of the
for the tip Mach number of .9. The envelopes show the different approaches are nearly identical.. This is also
maximum values along blade span. In the top-view (the valid for the other approaches. Including the sonic cylin-
surface grid itself) the radial slope of the maximum qua- der regime the results are quite different. With the pre-

drupole intensity is drawn in. integration, using the original grid system the amplitude is
much higher because the quadrupole intensity is concen-

3.2.2 .Quadrupole approximation trated on one chord-length. The radial contributions to the
total result increase up to the sonic cylinder, but with inte-

Figure II shows the comparison of the chordwise surface grating beyond the sonic cylinder the results are not fur-
and integrated quadrupole intensity for different radial ther significantly increased.
stations and a tip Mach number of .9. The comparison Figure 14 shows a comparison of the different numerical
shows that the curve shapes are quite similar without the results with experimental data (Ref. 1,15). -Me volume
region near the blade tip and near the sonic cylinder. Here result s with experiment dTthe integrated quadrupole intensity is more extended in integral solution is quite similar to the experiment in
bothe choeratedwiseadirupoletionscomparedtore surfacenvaamplitude and wave form, but the ,,saw tooth"-shape is notboth chordwise directions compared to the surface value. so strong predicted as measured., the increasing flank is
Figure 12a shows the relationship factor A for the chord- not so steap. Obviously the shock behaviour is not exact
wise maximum dependent on the local blade Mach num- enough reproduced. The EULER-grid system as well as
ber for hover with tip Mach numbers of .8 and .9. This the acoustic code resolution have to be improved. The
factor is supposed to be dependend on the local Mach results with pre-integration before and after coordinate
number, the blade pitch (cp) and the blade tip shape (3D transformation are quite different. The chordwise distribu-
effect). The figure shows a strong 3D-effect at the blade tion of the integrated quadrupole intensity is more realistic
tip but in the range below r/R=.95 the curve is quite after coordinate transformation and the result is similar to
steady. To show the influence of pitch and Mach number that for the volume integration . Even the result with appli-
in more detail in figure 12b this factors are plotted vs. cation of the surface value approximation is almost as
local Mach number for different pitch angles and different good as the volume integration result, only the signal
tip Mach numbers as obtained from forward fligth results shape is slightly smaller due to concentration in one
on different azimuthal stations. Neglecting the tip effect chord-length. But it should be noted that this result is
and averaging the different curves for different pitch obtained with the input values directly coming from the
angles an approximated dependence only from the local EULER solution. Normally for a new rotor blade with
Mach number may be expressed in an empirical formula. improved design the necessary input data are unknown
Such formula should be only applied up to the radial posi- and the application of the approximation may be question-
tion of about 95%. In addition the slope of the quadrupole able.
intensity beyond this position has to be used as can be
seen in figurelOb and the azimuthal shift of the maximum 3.3 Apolication to high-speed forward flight.
as to observe in figure 10a. It should be noted that in Ref In forward flight the blade pressures and the perturbation
17 ,where this approximation was applied at least the velocity field are highly unsteady because of the required
required chordwise and thus azimuthal delay of the qua-
drupole intensity has not been considered. Therefore the cyclic pitch to balance the lift at different velocities on the
unsymmetrical acoustic wave form was not calculated, blade. The aerodynamic field solution has to be solved for

a lot of azimuthal stations (for example 3200/rev using
3.2.3 Comparison of noise prediction results EULER code). This amount of data raises the computa-

Noise predictions for the highspeed hover case were per- tional expense rapidely. However, the Euler code has been
formed using the four different approaches to calculate applied to get the field solution for a highspeed flight con-
the quadrupole term as described before. dition which can be compared with experimental results
For all of the described approaches it is very important to from the AH-I/OLS-model rotor test in DNW (Ref. 1).
be careful with the numerical procedure near the sonic The forward speed is about 80 m/s and the advancing tip-
cylinder. The radial and chordwise steps have to be suffi-
ciently small in this regime in order to get smooth integral Mach number is .893.
results, because every numerical unsteadyness would be Figure 15 shows calculated lower and upper side chord-
considerably intensified after the second derivative. Fur- wise blade pressure coefficient distributions for different
thermore the observer time steps at maximum source-obseverMac numer aveto b smll noug toget azimuthal stations compared with experimental results.observer Mach number have to be small enough to get
sufficiently small retarded time increments. The retarded The agreement is quite good and thus the calculated re-
time difference for a given observer time difference could sults are worthwhile to calculate the radiated noise. This is
be too large to catch the maximum source-observer Mach also to be observed from figure 16 where the azimuthal
number. Often different results are caused more by differ-
ences in the numerical discretization as by different aero- distribution of cp is compared with experimental data
dynamic inputs, for a radial station of about 95% and different chordwise
The importance of the sonic cylinder region for the acous- positions. The comparison shows that some details of the
tic result is demonstrated in figure 13, where noise signa- unsteady behaviour (obviously coming from BVI) are
turers are compared, obtained with volume integration missing in the calculated results, but in general the agree
and with pre-integration in the original grid system: a) for
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Fig. 15: Calculated chordwise cp - distribution for differ-

ent azimuthal stations for a highspeed forward flight case
(AH-1/OLS rotor modelt = .345) at the radial position
of r/R=.955 compared with experiment
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Fig. 16: Calculated azimuthal c0*M 2 distribution for a ra-
dial position of r/R=.955 and different chordwise stations
compared with experiment, upper side, conditions as for
Fig. 15.
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Fig 17: Spanwise and chordwise distribution of the pre-
integrated quadrupole intensity for different azimuthal
stations, upper and lower side, conditions as for Fig. 15
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Fig. 18: Comparison of calculated and measures sound
pressure trime histories for different microphone posi-
tions, conditions as for Fig. 18, microphone positions as
in Fig. 2.
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ment is acceptable. The results are obtained with a chord- 4. Concludine Remarks
wise resolution of 65 points instead of 129 as used for the For low-speed BVI noise prediction using the linear thick-
hover calculations. This was found to be sufficient be- ness and loading terms of the FWH-equation the aerody-
cause the advancing tip Mach number is below .9 and thus namic input is provided by the LBS-code, which is a sin-
the shock is less significant. gularity method for rotors in lifting forward flight and

The comparison of different approaches to solve the qua- includes also thickness and loading. Compressibility for
drupole term for the hover case has shown that the pre-in- unsteady subsonic flow is included with restriction to lin-
tegration after a coordinate transformation may be a good ear theory. The loading term is calculated with the aid of
compromise. Therefore for the highspeed noise prediction the acceleration potential. The term is divided in two parts.
this method has been applied to reduce the computational One is similar to the source integral and the other is calcu-
effort. lated by line integration along the paths of the singularities

Because the calculated unsteadiness is relatively weak the which are described by Beddoes prescribed wake model.

coordinate transformation as well as the pre-integration of Looking at the details of the aerodynamic results discrep-
the quadrupole intensity in normal direction was per- ancies are still present. This is due to the wake model, the
formed only for 12 azimuthal stations (every 30 degrees). discretization and linearisation (angle of attacks, com-
T•he unsteady behaviour between the 12 stations has been pressibility). Nevertheless the overall acoustic results are
transfered from the unsteady blade surface pressure solu- fairly good compared to experiment. The directivity char-
tion. acteristics and the BVI wave form are quite satisfactory

Figure 17 compares the integrated quadrupole intensity represented.

on upper and lower side for different azimuthal stations For highspeed hover and forward flight acoustic calcula-
on the important advancing side. At about 90 degree azi- tion the transonic 3D perturbation field solution calculated
muth the quadrupole intensity distribution is similar to with a 3D-EULER code has been used as input for the
that for the hover case with Mt=.9 nonlinear quadrupole term of the FWH-equation which

Figure 18 shows the calculated highspeed impulsive noise has been calculated in addition to the linear terms of the

compared with experimental data. The in-plane radiation FWH-equation. The flowfield of a hovering rotor is calcu-

as well as the 30 degree-out-of-plane radiation to the ad- lated solving the EULER equation formulated in terms of

vancing and retreating side and in direct upstream direc- the absolute flow variables in a blade attached coordinate

tion is shown. For the in-plane results the agreement is system. The flowfield of a rotor in forward flight has been

quite good, especially upstream and to the advancing side. calculated with a time-accurate 3D EULER method using

In-plane the quadrupole term is dominating and the un- the Beddoes wake model.

steady loading term with small BVI content as seen in the Four different approaches to solve the quadrupole volume
experimental data is of second order. Out-of-plane the cal- integral ar compared for the hover case.
culated acoustic amplitudes are underpredicted compared 1. Solving the volume integral
with experiment. This is probably caused more by the un- 2. Pre-integration normal to the blade in the original EU-
derpredicted unsteadiness in the calculated blade pres- LER-grid system.
sures for the loading term which is dominating in out-of-
plane radiation directions as by an unaccuracy in the qua- Pr-ntegration n
drupole term which is of second order in out-of-plane di- transformation.
rections. 4. Approximation using the surface quadrupole intensity

It is planned to calculate a highspeed forward flight case and a relationship between this surface value and the pre-

from the HELINOISE experiment with a BO 105 rotor integrated quadrupole intencity..

model. A first EULER calculation assuming rigid blades Comparing the different results with experimental data it
and the comparison of the result with experimental data is validated that the expensive volume integral solution
has shown that for a hingeless rotor without knowledge of provides the best result. The amplitude is quite well pre-
the exact dynamic rotor behaviour the result is not suffi- dicted, but the resolution of the ,,saw-tooth" noise signal
cient and at this status not worthwhile to present. For ex- shape should be improved by refined discretisation in the
ample the experimental blade pressure data show in the EULER calculation as well as in the acoustic calculation.
2th quadrant of the azimuthal distribution strong negativ With the approximations ,especially with pre-integration
lift near the blade tip which has not been calculated. But after coordinate transformation the results are also quite
at a later date the exact rotor dynamic (blade motion) will satisfactory.
be provided from experiment and can be included in the For the highspeed forward flight case the pre-integration
EULER calculation. With this information the aerody- after coordinate transformation was applied to reduce the
namic and concequently the acoustic results may be con- computer effort. The comparison with experiment shows
siderably improved. good agreement in inplane radiation direction. but less

agreement in out-of-plane direction. This is mainly caused
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by an underprediction of the unsteady loading contribu- Helicopter Rotor Impulsive Noise Using Measured
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Prevision du bruit externe des h~licopt~res:
les m~thodes num~riques vues par un industriel

Predicting Helicopter External Noise: Numerical
Methods As Conceived by an Industnialist

Fran'qois TOULMAY, Danielle FALCHERO, Gilles ARNAUD
EUROCOPTER, DNpartement AMrom~canique

AMroport de Marseille-Provence
B.P. 13, 13725-Marignane - Cedex

FRANCE

Rgsumd: les m~thodes exam in~es concernent le bruit rot ationnel des rotors, le bruit impulsif d'interaction
pale/tourb i/Ion, le bruit 6 grande vitesse, le bruit large-bande des rotors, les dijfftrents types de bruit. defenestron,
et le bruit des turbomachines. Un bilan des points forts et des lacunes, illustr6 par des corr~Iations avec
1'expbrience, est 6tab/i en se plaqant du point die vuze de l'hcficaptbriste, c.6~.d. en Jon ction des possibilit~s de
pr~vision de la cha~ne comp/~le incluant le colcu I des charges aerodynainiques instationnaires. De ce point de vue,
le bruit de fenestron au point fixe et le bruit rotationnel des rotors sont prdvus de fagon satisfaisante, mais le
ca/cul des charges en cas d'interaction n'a pas encore toute la prkcision requise. Les recherches concernant le
bruit grande l'itesse se poursuivent, et ce//es concernant le bruit large-bande n6cessitent d'~re reprises. Pour les
turbomachines, l'h7/icopteriste ne dispose d'auctine alternative 6 / approche puremnent exp~rimentale.

Abstract: This paper investigates the methods, used for rotor rotational noise, impulsive noise from blade/vortex
interaction, high speed noise, rotor broadband noise, the various types of fenestron noise, and noise from the
turboshafi engines. From the helicopter muanufacturer's standpoint i.e. with respect to the prediction capability of
the full chain of codes, including unsteady airloads calculation, an analysis of strengihes and deficiencies is made
and illustrated with experimental correlations. From this point Of view, the fenestron in hovering flight and the
rotational noise of rotors are both satisfactorily predicted, but in the event of interactions, the load calculation
does not offer the full desired accuracy. Research regarding high speed noise is in progress and that regarding
broadband noise must be resumted. As regards turboengines, there is no alternative to the experimental approach
for the helicopter manufacturer.

Aussi, apr~s avoir tir6 parti des rdductions de bruit
Besoins de I'industrie et contexte resultant de la maturation naturelle du concept

scientfiquehdlicopt~re, les contructeurs s'engagent A prdsent dans
scietifqueune conception orientede specifiquement par le souci de

Depus ls pemics md~ls poduis e sdie, discrcdtion sonore, cn acceptant ddlibdrement une
I'Deipuis e ae premiers odimacs prduitn siprie. progression plus modeste v'oire une stagnation des
l'hmlicoptle Aa conscprv so mgcdn ap paue uvo v rtcl ct performances. Le but est autant d'anticiper un 6ventuel
sonmagquable mai auois par son aptitude cau ol vertical C durcissement de la norme internationale OACI (et du
son ag~,mi usi pe amnexqlar so bui W i cmardA cerisiu rdglement FAA pour le marchd am~ricain) que de
etsipun hacorm(coppeu") quia p'u t cmparhin A catelu satisfaire A de multiples r~glements opdrationnels
dunr6le hac oir t n ("h p erh)iou e du ane m chndine i b tirn eaux qui tendent aujourd'hui A limiter tr~s

abaissement considerable du nivcau sonore, telles que lexploitatio des hpdaicopts pouArer Iu transotacivle
le remplacement des moteurs A piston par des das exp nombreus es z~ione~rs dpourtale transortivil
turbomachines, ou bes profils de pale optimisds en cruciade.nmruc oe 'mprac cnri
rdgime transonique. malgrd t'entrde en vigucur d'une rcae
r~glementation internationale contraignant les Ainsi Eurocopter s'est fix6 pour objectif de concevoir
constructeurs A concevoir des h~licopt&es momns tous ses nouveaux modeles pour un niveau de bruit
bruyants (ddbut des arnndes 80). cette image negative infdrieur de 6 h 8 ddcibels A Ia norme OACI, alors que
persiste dans b'esprit du public. Sans doute Ia longdv'itc e o~e eI am rcdnes iun eA
des hdlicoptbres anciens et bru3'ants encore en service y pour Ia plupart, b un niveau tr~s honorable de 3 A 5 dB
contribue-t-elle, de mn~me que Ia banalisation sous cette norme. 11 s'agit done de diviser par un
progressive de ce v'dhicule qui ne b~ndficie plus facteur deux ]a puissance acoustique dmise ou, pour le
beaucoup de battrait propre aux innov'ations mins. d'obtenir un rdsultat dquivalent sur la

adroautiues.perception auditive.

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacousrics of Rotorcraft"
hetd in Bertin, Germany from 10-13 October 1994 and published in CP-552.
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Figure 1: sources de bruit d'apras la formulation FW-H
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Figure 2: chaine de calcul du bruit de rotor Figure 3: trajectoire de montge type OACI
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Un tel rdsultat ne peut etre obtenu sans consdquences appendices fixes s'av~rent ndgligeables par rapport i
inacceptables que grAce A une connaissance celui des parties tournantes.
approfondie des mdcanismcs de gdndration et de
propagation du bruit, et gr~ce A des outils de calcul Rotors
permettant une prdvision fine des phdnom~nes en jeu.
L'application de r~gles simples du genre: "rdduire la La moddlisation du bruit des rotors fait appel A la
vitesse p~riphdrique de 10%" risque en effet d'aboutir A thdorie de l'analogie a~roacoustique due A Lighthill
des rdsultats acoustiques ddcevants, et de conduire A (rdf' 1). Elie permet, grAce A une habile manipulation
des appareils A la charge utile r~duite et aux qualitds des dquations de Navier-Stokes, de traiter la
de vol ddgrad~es. Si ]a limitation de la vitCSse propagation des ondes dans un champ a~rodynamique
p~riphdrique fait certainement partie des moyens A quelconque comme si elle s'effectuait dans lair au
employer pour atteindre l'objectif de discrdtion, ii doit repos, Ie champ a~rodynamique n'apparaissant dans
s accompagner d'un effort gdn~ral concernant lHquation lindaire de propagation que comme un terme
notamnment Ia conception adrodynamique des rotors et source d'dtendue spatiale limitde. Les travaux
linstallation motrice. ultdricurs de Ffowcs Williams et Hawkings (FW-H,

rdf.3) ont conduit A remodeler l'6quation de Lighthill
Fort heureusement, l'a~roacoustique est une branche de faqon A exprimer plus commoddment le terme
jeune de Ia m~canique des fluides qui a bdndficid source lorsque le champ adrodynamique est crAA par
d'avanc~es thdoriques spectaculaires depuis momns de dcs surfaces adrodynamiques imperm~ables de forme
25 ans, le point de d~part dtant marqud, pour les quelconque et subissant des mouvements arbitraires.
voilures tournantes, par Ia publication de P'article des La pression acoustique observde en un point extdrieur
anglais FHowcs Williams et Hawkings (rdt'. 3) en 1969. A ces surfaces s'exprime alors comme Ia somme de
Utilisant les progr~s accomplis parall~lcmcnt par trois termes int~graux (figure 1):
l'a~rodynamique. des mdthodes numdriqucs de
prdvision du bruit des rotors ont dtd mises au point et 1. un terme dit monopolaire, qui ne ddpend que de la
valid~es avec succ~s par diffldrents organismes de vitesse de d~placement des surfaces, dans le sens
recherche, notammcnt par ]a NASA et VUS Army au~x dc Ia normale. Quand les surfaces en question sont
USA (voir Ia synth~se rdcente de Brentner et Farassat. d~finies A partir de profils d'aile, ce terme prend le
rdf.40). nom de bruit d'6paisseur et il est directement lid

En France, lONERA et Eurocopter ont coopdrd afin de a oued 'iee ~lcmn
mettre en place progressivement une chaine de calcul 2. un terme dit dipolaire, qui ne ddpend quc de la
compl~te du bruit rotor, int~grant la m~canique du vol r~partition de charge sur les surfaces (pression et
hdlicopt~re, lc calcul des charges adrody'namiques contrainte de cisaillement visqueux). Pour cette
locales, la gdndration de bruit. Ia propagation raison, il est dgalement appeld bruit de charge
atmosph~rique et le post-traitement des spectres ct des
signaux acoustiques. Des travaux analogues 3. un terrne dit quadripolaire, ofi interviennent les
concernant les fenestrons oni dtA mends avec l'Ecole ddrivdcs du tenseur de Lighthill et qui n~cessite
Centrale de Lyon, tandis que les recherches concernant lint~gration sur tout v'olume du fluide o6 r~gnent
le bruit des turbomnachines sont effectudes en liaison de forts gradients de vitesse (cisaillements
avec l'industriel Turbomdca. visqucux. chocs).

M~ine si de nombreux dldments manquent encore pour L'dvaluation du bruit quadripolaire soul~ve des
simuler compl~tement un hdlicopt~re. l'utilisation des difficultds considdrables car il suppose une
outils existants permet d~s A prdsent d'optimiser la, connaissance compl~te de l'dcoulement dans les
conception des appareils du point de vue acoustiquc couchcs limites et sillages (probl~me de moddlisation
tout en prdservant Ics performances dc mnission ct de Ia turbuilence) et autour des chocs, si chocs il y a
YefficacitA dconomnique du vdhicule. dans le cas considdrd. Le bruit de charge est souvent

calculA en ndgligeant les contraintes visqueuses, *de
sorte que la pression A Ia paroi calcul~c par une

Sources de bruit mdthode de potentiel relativement simple peut
convenir pour l'dvaluer, sous rdserve d'une prdcision

Pour un h~licopt~re classique A turbines. les sources dc spatio-temnporellc addquate. Quant au bruit d'dpaisseur,
bruit A considdrer sont: les pales des rotors principaux il peut atre dvalud facilement A partir du moment o6z Ia
et anticouple. et le(s) turbomoteur(s). Pour certains forme et le mouvemnent de pale sont connus avec
appareils de fabrication Eurocopter. Ic rotor anticouple prdcision.
classique est remplacA par un rotor cardnA de faible
diam~tre appelA fenestron, qui gdndre dgalemnent du
bruit. mais par des mdcanismes un peu diffhrents, cc Bruit rotationnel
qui n~cessite tine moddlisation adaptdc. Etant dornnA
Ics vitesses moddrdcs atteintes par les hdlicopt~res. les En thdorie, lc bruit rotationnel englobe tous les types
bruits adrodynamiques produits par Ic fuselage et ses de bruit d~terministes et pdriodiques dont le spectre se

compose uniquement de raies de frdquences multiples
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de la fr~quence de rotation. Le langage courant, plus cycloidal) ou bien en utilisant in mod~le de
limitatif, regroupe sous le nom de bruit rotationaci dt~formation empirique inspir6 par les travaux de
lensemble formd par le bruit d'dpaisseur et par le bruit Landgrebe: sillage de =eo METAR (rdf. 35, 7, 8, 9).
de charge uniquement dans les basses fr~quences c.?t.d.
ccliii produit par la composante stationnaire de ]a La rdpartition de la portance dans le sens de la corde,
portance et par ses fluctuations lentes au cours d'un entre le bord d'attaque et le bord de faite, peut-etr
tour rotor (premiers harmoniques du spcctre de 6valude de plusicurs faqons: le code AHRIS (d'origine
Fourier). Compte-tenu de Ia faible vitesso de rotation ONERA) effcctue un calcul tranche par tranche de ]a
d'un rotor principal, de l'ordro de 3 A 6 tours par pale, par une m~thode 2D incompressible dans lequel
seconde, et du faible nombre de pales (2 A 5), Ic bruit les gros tourbillons les plus proches de la pale sont
rotationnel tombe dans les frdquences los plus basses moddlisds par des nuages de mi cro-tourbi lions et
audibles par loreille humaine. 11 est copcndant convectds librement tout en se d6formant (rdf. 13).
important de savoir bien le calculer car lNnergie en jcu Pour les cas A vitesse 6levde, inc autre m~thode
est importante, et les basses frdqiiences se propagent consiste A coupler au calcul R85 in code 3D utilisant
bien A grande distance, avec tr~s peu d'absorption par une formulation du type potentiel complet des vitesses
l'atmosph&e. Wine faiblemont perqu par l'orcille, (rdf. 20), prenant donc en compto Ia compressibilitd.
c'est bien le bruit rotationnel dii rotor principal qui Ce calcul couPI6 R85/FP3D, utilisd A lONERA, simule
conf~re A Ilhdlicopt~re sa signature acoustique si le sillage tourbillonnaire par une modification des
particuli~re. conditions aux parois, ce qui constitue une

approximation suflisante pour los cas de grande vitesse
Pour le rotor arri~rc anticouple classiquc, los o6i lc sillage passe loin sous les pales. Enfin, pour
fr~quences sont plus dlevdes ý cause dui faible lNvaluation dui soul bruit rotationnel, donc limitd aux
diam~tre, ct son bruit est donc particuli&rcment basses fr~quences, on peut, en premiere
gdnant: sa sonoriI6 est comparable Ai celle d'une hdlicc approximation. se dispenser des calculs prdcddents en
propulsive. mais avec un niveau heureusement plus faisant l'hvpoth~se des sources compactes dans le sens
faible grice, A sa charge au disque r~duile. Le cas de Ia corde (portance concentrde au quart avant des
particulier dui fonestron. qui rok~ve de m~thodes prorils).
distinctes. sera traitd plus loin.

La figure 2 montre ]a chaine de calcul utilisde pour
lNvaluation dii bruit des rotors. qu'il s'agisse d'un rotor
principal ou bien d'un rotor arri~rc classique. La
premiere dtape utilisant Ic code de simulation S89
consiste 5 simuler INquilibre de lappareil sur sa 1
trajectoire afin do connaitre les angles d'incidence et
de dcdrapage, ainsi que efforts globaux s'appliquant au\
diffhrents rotors. A cc stade, il nest pas n~ccssaire do rK- _ _
connaitre tous Ics details de lNcoulement
adrodynamique autour des pales. et I'on utilise 0 0 200 1000
gd6nralement un mod~le de vitesses induites simple tel
que celui de Meijer-Drees. La puissance demand~c
au(x) moteur(s) est 6galement calculdc lors de cette -

simulation.

Lkdtape suivante consisic ai dvaluer. pour chacun des
rotors, Ia repartition de Ia charge adrodynamique Ic 0~ 500 00

long d'une pale, et sos variations au cours d'un tour.
On suppose bien stir quc toutes los pales d'un mdme
rotor so comportont do faqon identiquc. et quo los 10I
charges sont pdriodiqucs puisquc Ion no s'intdrosse
qu'aux cas do vol stabilisd. Loutil utilisd est le code de
calcul rotor R85 (rdf. 5. 6, 9), bas6 sur Ia mdthode des
6ldments do pale ct Ia thdorie de la ligne portante. LesIL
mouvements do Ia pale. y compris sos ddformations 160 ft 0 I
dlastiques, sont calculds do faqon couplde avec les
efforts adrodynamiques. Le sillage des pales est
discrdtisd par un rdscau do tourbillons. et Ics \'itcsses
induites par cc sillage sur los pales sont obtenucs par Ia
Ioi de Biot ct Sax'art (sillage incompressible). Si I'on no
s'intdresse qu'au bruit rotationnol, ou si le cas de vol
considdrd no donne pas lieu -A dos interactions
tourbillonnaires trop intenses (vol do montde, ou vol en F'igure 4: spectres des rotors du Super-Puma MK2 en
palier ý vitesse moddrdo). Ia gdomdtric dii sillage ost vol de montde
prescrite en ndghigoant ses deformations (moddle
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L'dtape suivante effectu6e grAce au code PARIS Lorsque lappareil effectue une descente A vitesse
(origine ONERA, rdf. 13) consiste A intdgrer le bruit moddr6e pour prdparer son atterrissage, le disque rotor
monopolaire et dipolaire dans le domaine temporel A fonctionne avec un angle d'incidence 1gerement
partir du mouvement des pales et des charges ainsi positif, le souffle rotor repousse les tourbillons dmis
d6termindes. Le point d'6coute dtant suppos6 se par les extrdmit6s des pales, de sorte que ceux-ci
d6placer A la mame vitesse que le centre rotor, le passent pratiquement dans le plan de rotation et
signal de pression est p6riodique: il suffit de calculer le viennent couper la trajectoire des pales suivantes. Le
signal produit par une seule pale au cours d'un tour, bruit crdd par les charges rapidement variables prend
puis d'y ajouter le maime signal ddphas6 pour les autres alors un caractare impulsif tras caractaristique.
pales de fagon A reconstituer le bruit produit par le
rotor complet. Ce calcul acoustique peut 8tre rdpdt6 La figure 5a montre le lieu de toutes les interactions
pour de nombreux points r6guliarement espacds sur la possibles d'une pale pour un rotor quadripale dans un
trajectoire, et pour une ou plusicurs positions de cas typique de descente. Les chiffres indiquent le
microphone. num6ro de la pale ayant dmis le tourbillon, la pale

intcractionnde dtant la n'l par convention (numdros
Les figures 3 et 4 montrent rapplication de la croissants par ordre de passage dans une direction
mathodologie dacrite ci-dessus au rotor principal du fixe). Ces interactions sont d'autant plus nombreuses
Super-Puma AS332 Mark 2, pour un vol de mont6e de que la vitesse est faible, et que le nombre de pales est
type certification OACI. Les spectres mesurs ont dt6 plus grand. Mais toutes ces interactions possibles ne se
obtenus par une analyse en bandes 6troites autour de traduisent pas par du bruit impulsif, car plusieurs
rinstant de bruit maximal (PNLT maximal) pour conditions doivent se trouver r6unies pour qu'un tel
chacun des microphones. Le microphone n' 1 est situd bruit soit perqu.
du cotd de la pale reculante, le n'2 a la verticale sous
la trajectoire, et le n°3 du cotd de la pale avanqante. La premiare condition est que le tourbillon concerna se
Pour le rotor principal, fig. 4 ý gauche, les quatre trouve sur la trajectoire de la pale ou A proximitd
premiers harmoniques seulement ont pu atre extrarts immddiate, ce qui ne se produit que pour des
avec pracision du spectre mesurd. Le spectre calculd a combinaisons prdcises de vitesse et de taux de
dt6 obtenu par un calcul adrodynamique du type sillage descente. La figure 5b montre une cartographie
prescrit METAR, suivi d'un calcul de type AHRIS partielle de la charge a6rodynamique sur le disque
(sources rdparties). Le rdsultat du calcul PARIS est rotor dans le premier quadrant (secteur arriare, cotd
corrigd de leffet Doppler, de l'absorption avanqant). On voit que des fluctuations importantes de
atmosphdrique, et de ]a raflexion au sol. On voit que le la portance se produisent en extrdmit6 de pale dans
niveau des raies calculdes est en gdnaral dgal ou un trois secteurs diffdrents: vers les azimuts 100, puis 60 A
peu infarieur 5 celui des raies mesurdes. avec IHdart Ic 700. et enfin vers 90 A 1000.
plus important pour I'harmonique 4 du microphone
n°2. Unc deuxiame condition d6terminant le bruit impulsif

est quo les ondes de pression dmises par les diff6rentes
La figure 4 A droite montrc uno comparaison analogue sections de la pale soient en concordance en phase. De
pour le rotor arriare, et cclý pour le mame cas do vol. faqon schdmatique (figure 6), on peut considdrer
On constate ici une concordance plut6t mcilleure que lintcraction adrodynamique comme une source
pour le rotor principal, avec notamment une estimation acoustique se ddplagant le long du tourbillon, lequel
satisfaisante de rimportance relative des 5 premiers est quasiment immobile dans la masse d'air. Suivant la
harmoniques sur los microphones n°2 ct 3. En vitesse instantande de la pale et l'angle formd entre ]a
moyenne, le niveau des raies est bien prdvu. pale et le tourbillon, la vitesse de d6placement do Ia

source peut 6tre soit subsonique, soit supersonique. Si
Dans ces comparaisons. il convient bien str de ne pas ,cette vitesse est subsonique (fig. 6a), il n'y a
attribucr systdmatiquemont tous Ics.dcarts au calcul on concordance de phase dans aucune direction d'6coute,
conservant A lesprit l'indvitable dispersion des et le bruit ne prdsente pas de caractare impulsif: la
mesures: rappareil en vol subit continuellement des plupart des interactions possibles de la figure 5a se
perturbations et des corrections de pilotage, alors que trouvent dans cc cas. Si la vitesse de linteraction est
le calcul fait lhypothasc d'un vol parfaitement supersonique (fig. 6b), alors on peut tracer un c6ne de
stabilisd. De plus, il faut rappeler qu'il s'agit d'un Mach - ou du moins un petit trongon de cbne, car
calcul totalement pr6dictif, c.A.d. basd uniquement sur l'interaction apparalt et disparait trýs vite. Dans le plan
la connaissance des caractdristiques de l'appareil. et sa du rotor, il existe donc deux directions privildgides de
trajectoire. sans possibilitd d'ajustement au nivoau des propagation vers lesquellos sont envoy6es
charges adrodynamiques sur les pales puisque cclles-ci pdriodiquemont des bouff6es de bruit impulsif.
nWont pas Wta mesuracs.

Ces directions de propagation du bruit impulsif,
Dans c0 contexte, on peut considdrer les rdsultals ci- lorsqu'cllos existent. sont reportdcs sur la figure 5c en
dossus concernant le bruit rotationnol comme tras fonction de Iazimut de la pale interactionnde. On
satisfaisants. constate que la propagation du bruit impulsif ne peut

se produire que pour los interactions situds dans une
Bruit d'interaction BVI plage d'azimut comprise entre 40' et 70°, ou bien entre
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Figure 11: cartes de nombre de AMach, (a) pale rectangulaire, (b) extrnhitW de type PF2 (r~f 19)
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Figure 13: rnianisines de gin&ration du bruit fenestron, (a) ingestion de turbulence,
(h) charge du rotor due t un obstacle, (c) interaction du stator par le sillage du rotor
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2800 et 3300. Les plus g~nantes sont celles qui sc Spclhstoesser (rdf 17) en utilisant les pressions
propagent vers lavant de l'appareil, dans une direction mesur~cs sur hes palcs comme donndes du calcul
proche de la trajectoire car elies sont alors pcrques de acoustique, on peut conclure que le calcul des charges
faqon rdpdtitive et prolongtde par un observateur au sol. adrodynamniques constitue le maillon le plus faible de
Dans le cas 6tudid ici, seules les interactions provenant la chaine de calcul. Mais pour un industriel qui utilise
de la pale 1 (apr~s environ 3/4 dc tour) et de la pale 4 le calcul de faqon pr~dictive afin de rdduire le co~t des
(apr~s environ un tour) peuvent crder une gdne essais, c'est la validitd de hensemble de la m~thode,
importante. Cependant, quelque soit he nombre de incluant le calcul des charges, qui doit 8tre dvalutde.
pales et ha vitesse, les interactions qui sont
propagatives se produisent toujours dans les mames Bruit grande vitessc
plages d'azimut pour ]a pale interactionnde.

Les bruits mono- et dipolaire vont toujours croissant
Pour quantifier le phdnom~ne, ii est essentiel dc bien avec le nombre de Mach de Fhdlicopt~re, cependant on
prdvoir hes variations de portance, donc de connaitre rdserve lappehlation de bruit grande vitesse au bruit
avec prdcision la trajectoire des tourbillons. impulsif caractdristique qui apparait au delA d'un
notamnment ha distance minimale entre pale et certain seuih de Mach: il est g~ndrd par Ics ondes de
tourbillon au moment de h'interaction: on remplace choc prenant naissance en extr~mitd de pale en
alors he mod~le de sillage presenit METAR par he position avancqante et les sources acoustiqucs
mod~le de sillage libre MESIR (ONERA, rdf. 11, 12. correspondantes sont de.type quadripolaire. II a W
13) ddriv6 du prdc~dent par la misc en dquilibrc des d~montrd que lc bruit grande vitesse ne devient
tourbillons. Un autre code de sillage en dquilibre avec propagatif que lorsque la poche supersonique A
calcul acoustique associd a dgalement Wt ddveloppd a l'extrados s'dtend au dehA de 1hextrdmitd de pale
h'Institut Saint-Louis (rdf. 36, 37). L'dquilibrage du jusqu'au cerche fictif o6 le Mach d'entrainement atteint
sillage, toujours tr~s long ct cofiteux malgrd h'unitd (cerele sonique): he rotor fonictionnant alors en
lutilisation des supercalculateurs, s'av&re cependant rdgime de 'ddlocalisation des chocs" (r6f. 17).
indispensable pour prddire le bruit impulsif de type
By!. En thidorie, la prdvision du bruit grande vitesse rcl~ve

encore de la formulation de FW-H mais hes difficultds
Le diam~tre du tourbillon et sa structure fine jouc aussi pratiques sont tr~s importantes: les sources
un r~le essentiel dans l'intensild du phdnom~ne: toutes quadripolaires se trouvent concentrdes au voisinage
choses dgalcs par ailleurs. linteraction sera d'autant des chocs, avec des non lindaritds et de forts gradients
plus breve et intense quc he nox'au du tourbillon sera de dans hespace et he temps que ]a rdsohution des calculs
plus faible diam~tre. La thdorie de Betz (rdf. 14) actuels ne permet pas d'approcher dc faqon
fournit certaines relations entre d'une part, ha satisfaisante. D'autres approches sont A lNlude, en
rdpartition radiahe de vitesse dans he noyau particulier des formulations de type Kirchhoff oA Ion
tourbillonnaire et d'autre part, ha repartition de utihise une surface cylindrique fictive englobant he
circuhation sur ]a pale A linstant de son dmission. rotor ct toutes hes non-lindarites de lHcouhement: un
Quclques dtudcs ont dtd consacrdes A cet aspect du cahcuh arodynamnique 3D particuhi~rement prdcis est
problme, en particuhier celles effectudes par VIMFM ahors utilisd pour d6terminer les conditions aux himites
qui ont donnd hicu A de nombreuse mesures pour sur cette surface. Des premiers rdsultats prometteurs
difTdrentes formes de pale. La figure 7 montre un ont dt obtenus par JONERA avec une telle approche
exemple de telhes mesures (ref. 15). appliquee a un rotor non portant en vol d'avancement.

A Eurocopter. hinfluence de Ia forme de pale sur la Du fait de ces difficuhtds, les mdthodcs de prdvision du
structure du tourbillon cl sur he bruit BVI a fait lobjct bruit grande vitesse restent pour quchques anindes
d'essais en soufflerie andchotque. avec des rdsuhtats encore du ressont des laboratoires de recherche. Dans
favorables notamment pour une pale effilde comportant h'industrie, on tente simplement de minimiser cc bruit
une hoi de vrillage particuli~rc (figure 8. rdf. 26. 16). en exploitant Veffet de certaines formes sur h'dtenduc et

h'intensit6 des chocs. Toute forme qui permet
Les essais du rotor bipahe AHI-OLS consistuenit un d'augmenter he Mach de ddhocalisation peut Wre
bon test pour toute ]a chaine de calcul du bruit BVI. La considdrde a priori comme b6ndfique. La figure 11I
figure 9 montre la disposition des microphones dans ]a ihlustre par exemple leffet favorable d'une mise en
soumeirie du DNW. Sur la figure h0. les signatures F16lice de Yextrdmitd: pour un maine nombre de Mach,
acoustiques calculdes d'apras les charges datermindcs on observe une ddlocalisation des chocs pour
par FONER-A (cahcuh MESIR. ref. 12). sont compar6cs h'extrdmit6 droite, ddlocalisation qui ne se produit plus
aux signatures mesurdcs: recoupement satisfaisant pour la forme parabolique en Ilache de type PFR
pour Ic microphone n'7 situ6 du cot6 de pale d~finie par lONERA (rdf.19, 20).
avanqante, mais les pics dimpulsivita sont sous-
estimds pour les micros n' 03 ct 9. Ces rasultats ont di Bruit large bande
amdhiords par IGNERA avec les versions plus r~centcs
des codes. Le bruit rotationnel ct les diffdrents types de bruit

impulsif examinds ci-dessus sont dits daterministes
Si Ion rapproche ces rdsultats des tr~s bonnes car ils sont g~n6ras par des 6coulements
corrdlations obtenties stir he maine rotor par Schultz ct adrodvnarniques autour des pales parfaitement
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Figure 14: svste~me de mesure de bruit au banc desfenestrons

MESURES CALCULS

Figure 15: comparaison calcul/essai pour un fenestron non module

MESURES CALCULS
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Figure 16: comparaison calcul/essoif pour unfenestron a modulation de phase
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p~riodiques. Dans le domaine frdquentiel, leur spectre Eurocopter, les efforts de recherche ont d'abord dtd
est composd uniquement de raies. concentr~s sur les aspects technologiques et sur

l'amdlioration de ses performances (rdf. 23, 24). Plus
Cependant lexamen des spectres exprimcntaux rMv~l r~cemnment, la reduction de bruit est devenue un
aussi un bruit A large bande issu des rotors qui trouve objectif majeur dans la conception des fenestrons, et
son origine dans les fluctuations aldatoires de pression ccci d~s le stade de l'avant projet (ret. 26, 28, 29).
A la surface des pales. De multiples phdnom~nes
entrent en jeu: interaction avec: la turbulence ingdrde L'cdtude des m~canismes de g~ndration de bruit propres
par le rotor, interaction avec la nappe tourbillonnaire au fcnestron a d6bouch6 sur un code pr~visionnel
interne, fluctuations turbulentes dues aux couches ddnomm6 RAF, et ddveloppd A l'Ecole Centrale de
limites, effet de culot au bord de fuite, et mdcanisme de Lyon (rdf. 30, 31, 32). Plusieurs campagnes d'essais au
formation du tourbillon marginal A Ia confluenice des banc ont fourni les donn~es ndcessaires A sa validation.
couches limites intrados et extrados. La frdqucnce Les r~cents essais d'un fenestron prdfigurant celui do
centrale du bruit large bande, non corrdlde avec la 1EC135 (rdf. 28) ont confirmd les previsions du code
fr~quence fonidamentale du rotor, vanie en permanence concernant l'influence sur le bruit de param~tres tels
en fonction de ]a vitessoc instantan~e des profils. quo Ia variation de rdgime, Ia position du redresseur,

ou la modulation de phase du rotor (espacement non
Ce bruit prend d'autant plus d'importance que les rdgulier des pales). A ce jour, cc code n'est utilisable
bruits d'origine ddtermniniste sont faibles. et coest que pour los configurations de vol stationnaire, cc qui
gdn~ralement en vol stationnaire ou en palier A v'itessc constitue une aide A ]a conception ddjA tres
moddrde que ion observe la plus forte part de bruit substantielle. Son extension au vol d'avancement
large-bande. atteignant alors un nivcau do puissance ddpend en fail des progr~s qui seront rdalisds en
du m~me ordre que celui des autres sources. adrodynamique pour Ia prdvision des sillages

turbulents (fuselage, rotor principal) et celle des
Plusicurs formulos semi-empiriqucs anciennes interactions entre la car~no ct l'doulement externe.
permettent l'estimation du niveau et de Ia rdpartition
spectrale de cc bruit pour une aile ou pour un rotor en Les 6tudes ont suggdrd, et Ics mesures ont confirmd,
translation axiale. notamnment cellos dues A Fink (rdf. que trois mdcanismos d'dmission sonore dominent dans
21), A Wright, ou A Davidson & Hargest. Elles sont lc bruit d'un fenecstron (figure 13):
basdes sur Nctude statistique d'un plus ou momns grand
nombre de mesures acoustiques mais ]eur domaine 0 lingestion de Ia turbulence atmosph6riquc qui
d'application reste assoz limitd. Eurocoptor. cx provoque des fluctuations de charge sur les pales
Adrospatiale DH, a ddveloppd depuis do nombreuses du rotor,
anndcs une m~thode basde sur INtude de Ia similitude
des spectres de pression A Ia paroi (rdf.22). La pale est 0 Ie bruit des charges stationnairos et pdriodiques
discr6tis~e en corde ot en onverguro en foniction do ]a sur le rotor, comprenant notamnment les charges
longueur de corrdlation des fluctuations locales. Los impulsivos dues A l'interaction avec les obstacles
spectres do puissance sont intdgrds numdriquemont en situds en aval (arbre do puissance, bras supports),
tenant compte do Ia position du point d'6coute et des
mouvements de rotation et de translation do la pale. * le bruit des charges fluctuantes sur le redresseur
On pout ainsi trailer dos cas do vol tr~s varids sans (stator), lorque Ie fenostron en est dquipd. Ces
banque de donndes sp~cifique. La validitd do cotto fluctuations rdsultent du sillage des pales
in6thode s'est avdr~e satisfaisante pour une sdrie tournantes qui interagissent pdriodiquement avec
d'essais particuliers effectuds au bano sur un rotor Alos pales fixes.
pleino 6chelle (figure 12).

La figure 14 montre lc dispositif cxpdrimcntal utilisd
Du fait do l'aboutissement des recherches concernant pour le fenostron.
los bruits rotationnels et impulsifs, Idtude du bruit
large-bando, considdrdc comme plus arduc onicoro, Pour une configuration sans modulation do phase,
avait dtd ddlaissde ces dornidres anindes. La reprise do c.A.d. avec huit pales rdgulirement espacdes, le
ces travaux somble ndcessaire oar le bruit do type spectre do puissance acoustique mesurid dans le plan do
large-bande reprond rolativement plus d'importance l'arbre do transmission et du cotd amont apparait sur Ia
lorsque los plidnonidnos impulsifs sont minimiisds. figure 15. Los harmoniquos calculds par Ic code, de
notamnment dans Ia recherche de procdduros do vol A rang 8, 16, 24,...8k, rocoupent bien les mesures,
moindre bruit . surtout si I'on tient compte do ]a forte directivitd propre

A cette configuration. La ddcroissance des harmoniques
A hauto frdqucncc est particulidrement bien restitude.

Bruit de fenestron
La figure 16 montre une corrdlation analogue pour le

Le concept do fonostron ost apparu en France A ]a fin mdmc rotor au memo point do fonctionnement, niais
des anndes soixante stir Gazelle. et tend dopuis lors A avoc une modulation do phase. Lo spectre ost beaucoup
se gdndralisor sur los appareils Idgers. ossentielloment plus dense puisque los harmoniques 2, 4, 6.... 2k
pour dos raisons do sdcufitd (rdf. 23, 24. 25. 26. 27). A apparaissont A prdsont: Ia disposition des pales

conser-ve en effet une symdtrie d'ordre 2 pour des
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raisons d'dquilibrage. Les raies dmergent moins du (figure 19) sur lequel it est possible de monter les
niveau moyen, ce qui correspond A l'effct recherch6 capotages, 1'entrde d'air et la tuy~re conformndment A
visant A minimiser ]a gene auditive des sons purs. Le l'installation motrice d'un hdlicopt~re donn6. Les
niveau des raies est prdvu de fiagon asscz satisfaisante microphones sont morads sur un chariot mobile
en gdndraI, avec: cependant un harmonique 2 sous- pennettant d'explorer le champ sonore dans toutes les
estimd. directions utiles pour la simulation d'un vol. Les

donrides collectdes A diffdrents niveaux de puissance
La figure 17 pr~sente N'volution du bruit du fenestron sont analysdes par tiers d'octave, corrigees de la
sans modulation en fonction du coefficient de portance rdflexion au so] et ramendes aux conditions
moyenne des profits Czmn et pour plusieurs r6gimcs de atmosphdriques standardisdes.
rotation. Le microphone est situd A 450 du cotc amont
de la car~ne. On constate que le ealcul surestime un Pour la simulation d'un vol, les fichiers ainsi constitu~s
peu le niveau aux portances faibles et mod~rdes, puis sont interpolds en un grand nombre de points de la
tend A le sous estimer A forte portance. Ceci pourrait trajectoire, en foniction du niveau de puissance et de la
rdveler une mauvaise estimation des charges direction d'observation. Les spectres tiers d'octave sont
adrodynamiques lorsque Ie d~crochage commenice a se ensuite ddcalds dc lecffet Doppler, extrapolds en
manifester en extrcdmit6 de pale. Par aillcurs, lceflct du distance et corrig6s dc 1'absorption atmosphdrique. Si
rdgime s'av~re un peu sous-estime. n~cessaire, une r~flexion sdlective du sol peut etre

introduite. Le spectre est traitd comme celui d'un bruit
Cependant il convient de souligner ?i nouveau que le A large bande, A l'exception d'une ou deux raies de
bruit est calculd sur Ia base de charges a~rodynainiques compresseur qui dmergent et dont ]a frdquence est
rdsultant elles-m~mes d'un calcul, pIut6t que sur des connue pr~cisement. Pour les lidlicoptftes bimoteurs,
charges mesur~es. 11 est probable que la connaissance on consid~re que les deux spectres ne sont pas corrdlds,
des vraies charges amdlioreraient encore les rdsultats. et Ion additionne simplement les puissances
mais une telle d6marche ne serait pas conforme A' une acoustiques, A momns que lune ou lautre des entrdes
utilisation de type industrielle, qui. vise A guider la d'air ou des tuy~res ne soit masqucde par le fuselage.
definition et loptimisation des appareils en minimisant Les spectres successifs. calculds toutes les 0,5
Ic nombre et Ic cocit des mesures. secondes. sent ponddres par les spectres pndc~dents

suivant les dispositions de Ia norme OACI (effet de
Dans cette optique. on peut considdrer que le code trainage).
RAF remplit correctement son role. Les recherches se
poursuivent dans le but de pouvoir calculer les charges La figure 20a montre les spectres calculds pour le
a~rodynamiques fluctuantes en vol de translation. et Super Puma Mark 11 en mont6e, A linstant du bruit
egalement, de prendre en compte P'ellet de masquage perqu maximal (PNLTmax): rotor principal seul, rotor
et de diffraction crd6 par Ia car~ne pour les directions arrifre seul, moteurs souls, et bruit total calculd. Le
proche du plan de rotation, microphone considdrd est situd du cotd de Ia pale

avanqante. On constate que Ic bruit rotationnel des
rotors domine dans les basses frdquences jusqu'A

Bruit des turbomnachines environ 300 Hz. Au dc]A, c'est le bruit des moteurs qui
domi ne.

Certains autcurs ont soulign6 ['importance du bruit des
moteurs pour les hclicopt&res (rdf. 10, 34). Concernant La figure 20b compare Ic bruit total calculd avec celui
le Super-Puma Mark 1. Damongeot (r6f. 10) a analysd mesurd pour cc m~me microphone. Le -bilan est le
les enregistrements des vols de certification. et conclut suivant:
que cette source de bruit domine largement tc bruit
rotationnel des rotors dans les phase de survol et de au dessus de 4000 Hz, c.A.d. dans les bandes ofi le
montde: figure 18. bruit moteur domine, le niveau est surestim6. Un

cifet de diffraction par le fuselage, non pris en
Dans la perpective d'un mod6le global de bruit compte par Ic calcul pourrait expliquer cet 6eart,
hdlicopt~re, it importe done de disposer d'un module
turbomachine. Cependant la prdvision par Ic calcul du * entre 300 et 4000 Hz, Ic niveau calculd est trop
bruit rayonind par tous les organes d'une turbomnachine faible. L'absence du bruit large-bande des rotors
s'avdre quasirnent impossible par Ic fait que les dans cc calcul semble responsable du probldme,
nombreuses sources acoustiques sont confindes dans tin
circuit adrodynamique comple~xe et comportant des s entre 70 et 300 Hz, Ie nivcau calculd corrcspond
obstacles aux formes varides. 11 nappartient d'ailleurs pour lessentiel au rotor arri~re, et s'avdre correct,
pas Ai lhdlicoptdriste de tenter une telle moddlisation.
L'approche utilisde A Eurocopter consiste simplement ý 0 en dessous de 70 Hz, Ic niveau de ccrtaincs bandes
transposer en vol les mesures faites au bane acoustique laissdes vides par Ic bruit rotationnel du rotor
sur une turbomachijie ddj! ddveloppde. principal est cependant significatif dans Ie spectre

mcsurd. L'origine de cette dnergie necst pas
Le motoriste Turbomdca, en particulier, s'est dquipc cdlucidde.
d'un bane spdcialis6 pour les mesures acoustiques
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Les remarques ci-dessus se vcdrifient de la meme faqon Pour compk~tcr lanalyse scientifique des spectres et
sur les autres microphones, situds du cotd pale des niveaux, et juger rapidement des forces ou
reculante, et sous la trajectoire de l'appareil (non faiblesses des m~thodes, il existe un moyen direct:
montrds ici). convertir les rdsultats num~riques en signal audio,

dcouter et comparer aux enregistrements de vol. Ceci
ndcessite un traitement particulier, d'une part pour les

Gene auditive bruits d~terministes, et d'autre part pour les bruits
large-bande.

Pour quantifier la gane auditive provoqu~c par
1'hlicopt&e, on exprime le niveau global A un instant Pour les bruits d~terministes, les codes ddlivrent
dornnd suivant la mdthode du TPNL qui int~gre les gdndralement in signal pdriodique pour une sdrie de
facteurs; physio- et. psychoacoustiques: rdponse de points se ddplaqant avec le centre du rotor, donc
loreille en frdquence et en amplitude, ct correction de mobiles par -rapport au so!. Par une interpolation
sons purs: certaines d6faillances du calcul peuvent convenable dans lespace-temps entre les points
n avoir alors que peu de cons6quences en pratique. successifs de la trajectoire, on restitue le signal pseudo-

pidriodique vu par le microphone fixd au sol, donc
Toujours pour le m~me cas de mont~e du Super-Puma mobile par rapport au rotor.
Mark 11, la figure 21-a montre comment dvolue les
niveaux sonores des trois microphones, en dB-PNLT Pour los bruits large-bande, le spectre de puissance est
c.A.d. avec los corrections de sons purs, lorqu'on d'abord lissd et rcdiscr~tisd en bandes fines de largeur
introduit progressivement les sources de bruit dans le constante. La phase de chaque bande est tirde au
calcul: d'abord le rotor principal seul, puis les deux hasard, puis une FFT inverse permet d'obtenir un
rotors ensemble, enfin los dcux rotors et Ics motcurs. signal pseudo-pdriodique qui est ensuite traitd do Ia
Le niveau suiva nt reprend toutos les sources, avec la m~me faqon qi'un bruit d~terministe.
ponddration par les spectres des instants prdc~dents. Litroainasr adplrsto usgae

On constate que le bruit du rotor principal (bruit faisant lhypoth~se d'une source acoustiquc ponctuolle.
rotationnel uniquoment) se situe A plus dc 20 dB sou Un traitemont additionnel permet d'int~grcr au
Ic niveau global: en l'absence de bruit impulsif. son passage Iabsorption atmosphdrique et Ia rdflexion
spectre ne contient que des frdquences tr~s basses, et sa s~lective du sol.
contribution est quasiment ndgligcable.

Gr~ce aix auditions effectu~es par cette mdthode, on a
Avoc le rotor arri~re. le niveau se situe encore 8 A 13 pu vdrificr concr~tement l'importance du bruit des
dB sous Ic niveau global. Le calcul prddit done bien moteurs, et Ia difficultd A Ic rostituer compk~tement.
que ]a troisi~me composante. le bruit des motcurs,
constitue Ia source dominante lors du passage au
PNLT maximal, pour Ia nouvelle version Mark 11 du Conclusions et perspectives
Super-Puma comme pour Ia version antdrieure Mark I
(fig. 18). L'utilisation des calculs prdvisionnels en milieu

industriel a pour but d'anticiper Ie niveau de bruit d'un
h~Iicoptlre en projot, puis de Ic rdduire avec in

La poniddration par les instants prdcddcnts, qui sont minimum d'essais. Les cas de validation examinds ici
d'un niveau plus faible, tend A abaisser ldg~rcment Ic font apparaitro les conclusions suivantos:
niveau ponddrd. Ce niveau ponddrd so situe A mnoms de
3 dB sous le nivcau mnesurd pour chacun des * le bruit rotationnel est bien maltrisd, A Ia fois pour
microphones, cc qui constituc plut6t un bon rdsultat. Ic rotor principal et pour Ie rotor arrii~re classique,
Malgrti Ia surcstimation du bruit des moteurs A haute en labsence d'interactions: cas de Super-Puma en
fr~quence, il manque de lNnergic dans Ia pantic la plus montde.
sensible *du spectre. probablcment Ia pa rt
correspondant au bruit large bande des rotors. * le bruit impulsif d'intcraction en descente, de type

BVI, reste d'une prdvision difficile car los charges
La figure 21-b montre Ic maine type de correlation adrodynamiques sont oxtramement sensibles aux
pour lc cas de survol. calcul6 avoc los m~rnes codes. Lc conditions do vol. Los calculs avec sillage
bruit total est cette fois un pci surcstim6, notammncrt dquilibrd sont longs, et Icur rdsolution doit &tre
sir les microphones latdraUX. L'analyse ddtaillde amdlior~e. La moddlisation de Ia structure du
indique que Ic bruit do charge du rotor arri~rc ost i tourbillon doit 8tre raffinde pour les pales A
l'origine do cot dcart. La prise en compte des offots do extrdmit6 non roctangulaire.
compressibilitd sur Ie calcul aarodynamiquc devra sans
doute 6tre amdliorde POUr y rCmT~dier. l a prevision du bruit impilsif A grandc vitesse n'a

pas atteint inc maturitd suffisante pour 6tro
Validation par 1'6coute appliquac dans lindustrie, mais des informations

wtiles pour Ic choix des formes do pale et de Ia
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vitesse pdriphdfique sont tirdes des calculs (3) J.E. Ffowcs Williams and D.L. Hawkings, 1969,
tridimensionnels transoniques. Philosophical transactions of the Royal Society,

A264, pp 321-342, Sound generated by turbulence and
"* le bruit large bande dcs rotors, qui contribue de surfaces in arbitrary motion

fagon non ndgligeable au bruit total dans certaincs
phases de vol, est particulifremcnit complexe. Sa (4) F. Farassat, 1975, NASA TR R-451, Theory of
moddlisation peut cependant Eire abordde par des noise generation from moving bodies with application
m~thodes semi-empiriques, avec diffdrents to helicopter rotors
niveaux de raffinement. Une rdactivation des
recherches dans ce domaine est souhaitable. (5) M. Allonguc, & T. Krysinski, 1990, 43 rd Annual

Foruln of the AHS, Validation of a new general
"* le bruit des fenestrons, avec ou sans modulation, Adrospatiale aeroelastic rotor model through the wind

est prddictiblc pour les cas de vol stationnaire, et tunnel and flight test data
les travaux se poursuivent pour dtendre la mdthodc
au vol d'avancement. (6) M. Allongue, & T. Krysinski, 1990, 27 6me

Colloque d'a6rodynalnique appliquge, AAAF,
"* le bruit des turbomachines, dgalemcnt tr~s Marseille, Adrodlasticitd appliqude aux rotors

complexe, domine souvent dans le bruit total, d'hdlicopt~res - validation et application du code R85
notamment en montde. Pour l'hdlicopt6riste, son
dvaluation se borne A une transposition en v'ol de (7) A. Dehondt, & F. Toulmay, 1990, Vertica, Vol 14,
mesures faites au banc moteur: il ne s'agit donc A"4, pp 573-585, Influence of fuselage on rotor inflow,
pas vraiment d'une approche prdv'isionnellc. performance and trim

A mesure que les mcdthodes atteignent une maturitd (8) W.B. Bousman, C. Young, N. Gilbert, F. Toulmay,
suflisante, elles sont harmonisdes et intdgrdes dans une W. Johnson, M.J. Riley, 1989, 15th European
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SUMMARY wind. The mean flow gradients are associated
with shear layers that arise due to flow

This paper examines the helicopter/ship dynamic separations from the superstructure. Consider-
interface by combining both experimental and ing the fact that a typical frigate superstructure is
numerical analyses. The flow field over the of the same geometric size as a helicopter rotor
flight deck of a frigate model was mapped diameter, it could be expected that the mean
experimentally in a wind tunnel using both flow gradients and unsteady shear layers both
stationary and flying hot-film sensors. Using will alter the rotor performance, possibly
the velocity time-histories measured in the wind increasing pilot workload. Furthermore the
tunnel, a numerical representation of the airwake scale of turbulence shed from a superstructure
which shares the same spectral characteristics was will vary in size with characteristic dimensions
generated. A blade-element model of the main less than or equal to the superstructure. Such
rotor of a helicopter was then "flown" in this eddies can also be expected to affect the rotor
numerical airwake to determine the steady and loads.
unsteady loads acting on the rotor. The results
of a set of test simulations indicate: 1) that an Analysis of the helicopter/ship dynamic interface
increase in unsteady rotor loads occurs when is further complicated by the coupling of the
spatial cross-correlation functions are included rotor downwash and the airwake. Although
in the generation of the numerical flow field; sophisticated flight simulators are being
2) that the fluctuating vertical velocity has a developed for the helicopter/ship interface,
greater effect on the unsteady rotor loads than complete numerical modelling of the coupled
the fluctuating horizontal velocity; 3) that the problem as part of a real-time simulation is
spectra of unsteady forces and moments show beyond the realm of current capabilities [1]. At
similar broadband and resonant behaviour at present, simulators permit "flight" of a
different free-stream velocities, helicopter through a prescribed turbulent flow

field based on the premise that the rotor
downwash and airwake are uncoupled. Such

LIST OF SYMBOLS models provide estimates of rotor forces, which,
when integrated with the helicopter equations of

(X, v, •) non-dimensional coordinate system motion, can be used to estimate helicopter
D spectral matrix of white-noise sources response in a given flow field.
H frequency response matrix of linear

system In this investigation, such a numerical helicopter
hij transfer functions of linear system model is used to predict the steady and unsteady
ni white-noise source at location i rotor loads arising from immersion of the rotor
Rij turbulent velocity correlation tensor in the experimentally-determined wake of a

for velocity components i andj generic frigate. The rotor loads are computed
S spectral matrix of measured signal using the rotor module of the GENHEL
(u, v, w) velocity field computer code, which was acquired from the
(x, y ,z) dimensional coordinate system of ship United States Naval Air Warfare Center through
wi unsteady vertical velocity at location i The Technical Cooperation Program (TTCP),

S conjugate transpose Technical Panel HTP-6.

1. INTRODUCTION The goals of the investigation were: (a) to make
detailed flow measurements in a wind tunnel of

Helicopter flight onto and from the decks of the airwake in the vicinity of a scale model of a
non-aviation ships such as frigates can be generic frigate (obtaining both single-point and

considerably more difficult than the execution multi-point data); (b) to perform a parametric
of the same manoeuvre on land. The helicopter study to assess the degree of rotor detailing
is immersed in the unsteady airwake in the lee of required in the numerical model; (c) to calculate

the ship superstructure. This airwake contains mean and unsteady forces produced by a rotor
significant gradients in mean wind speed and in a suitably-scaled airwake based on the results
direction as well as increased turbulence of (a). Items (a) and (c) are discussed in this

intensities compared to those of the natural paper.

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin, Germany from 10-13 October 1994 and published in CP-552.
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2. EXPERIMENTAL DETAILS side of the ship. These measurements, were
made at a sample rate of 100 Hz per channel for

The wind tunnel measurements were carried out 10.24 seconds.
in the IAR 0.9m low-speed wind tunnel. A
model of the lowest 50 meters of the atmos- In the second phase, measurements were made
pheric boundary layer was incorporated using with a "flying" cross hot-film probe which can
the spire technique [2]. This model includes the correctly obtain flow velocities in a reversing
correct variation of velocity with height, the flow but is less effective elsewhere. The flying
correct variation of turbulence intensities with probe was used because it was recognized that
height, and reasonable representations of the some of the first-phase measurements would be
length scales of turbulence in the boundary made in a reversing flow, in which case a
layer. For this experiment, the goal was to attain stationary probe produces misleading results.
a wind tunnel flow simulation appropriate to a Only u-component data were obtained from the
ship travelling at 10 knots into a headwind of 48 flying probe because v and w were too small to
knots at 10 metres above sea level. Comparisons be resolved accurately. These flying-probe
of the measured quantities with values expected measurements were made over a region
in the atmosphere for rough sea conditions [3] somewhat larger than the size of the separation
are shown in Figures la and lb. The mean bubble behind the hangar. In this way, a finite
profiles are in good agreement, although the volume existed for which data were acquired
turbulence intensities are slightly too large in the with both the stationary and flying probes. By
wind tunnel. This is not considered a serious carefully examining both sets of data, it was
problem since the development of the airwake possible to ascertain the boundaries of reversing
would not be affected by small changes in flow and thus resolve the flow structure of the
intensity. In Figure 1, the z = 0 plane corre- entire airwake. The details are described in [5].
sponds to sea level, whereas in all subsequent
discussion the z = 0 plane corresponds to the In the third phase, measurements of cross-
flight deck. spectra and cross-correlations between various

points in the flow were made by the simulta-
A three-view drawing of the ship is presented in neous acquisition of data from two stationary
Figure 2. The geometric scaling of the wind cross-film probes. Only the streamwise and
tunnel model is 1:300. The frigate model has a vertical velocity components were measured in
superstructure loosely based on the Canadian this phase as it was thought that the unsteady
Patrol Frigate. The Reynolds number of the rotor forces would be most influenced by these
experiment, based on the ship beam of 38.1 mm, flow components. These data were acquired at a
is about 15x10 3, in excess of the minimum of height of 9 meters above the deck, which
I lX103 recommended in [4]. The flight deck is corresponds to the "high hover" position. The

clearly evident at the stem, and the bull's-eye locations of the measurement points in this plane
thereon is the origin of the coordinate system are indicated in Figure 4. Measurements were
used throughout the report. made using a sample-and-hold A/D converter, so

that no appreciable time lags would result in the
The ship-model airwake was measured using TSI data collected from different films. Such time
cross hot-film anemometers. A quartic function lags would make accurate determination of
was used to describe the relationship between the cross-spectra and cross-correlations impossible.
cooling velocity and the probe output voltage. Data were collected at a sample rate of 2 kHz per

channel for 15.36 seconds with a probe spacing
Characteristics of the airwake were determined in of 15 mm, and for 20.48 seconds with a probe
three separate phases. In the first phase, the spacing of 30 mm. Because of the difficulty in
mean and root-mean-square (rms) values of u, v obtaining flow-correlation characteristics at a
and w were determined over the region (Fig. 3): point directly downstream of a reference point,

the stencil of points used for the measurements
X = -3/2, -2/2, -1/2 ... 7/2; was a regular grid rotated 450 with respect to the
v = 0, -1/8, -2/8 ... -8/8; ship axis system. Again, advantage was taken of

= 4/6, 5/6, 6/6 ... 12/6. the symmetry of the geometry in establishing
"flow-correlation properties.

The region was surveyed twice; the second time The data were reduced to full-scale values for
with the probe axis rolled 90' from its presentation. The physics of bluff-body
orientation during the first survey, in order to incompressible flow allows the experimenter to
measure the third orthogonal velocity compo- choose any two of the length, velocity and time
nent. Because the model was tested at zero yaw, Zmeasurements were made on the port side of the scalings. The geometric scale was fixed at

model only. Symmetry relationships were and thus the time scaling defaults to 1:50.

invoked to establish the flow on the starboard
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equation (1).
The data presented are time-averaged values of
the three velocity components and the The linear system hi(t), constructed from the
turbulence intensities of the three velocity spectral matrix H, will create a numerical
components. The turbulence intensities are velocity field with the same statistical properties
defined as the standard deviation of the relevant as the measured airwake. Although no attempt
component divided by the time-averaged value is made to recreate the probabilistic properties of
of the streamwise velocity at the same location, the experimental data, comparison of the
The velocity time histories recorded in the wind probability density and cumulative distribution
tunnel contain information on the statistical and functions for the numerical and experimental
probabilistic nature of the airwake. The velocity fields shows similar Gaussian behaviour.
experimental data indicated that the airwake
velocities could be considered to be Gaussian. The spectral matrix S contains the auto-spectral

density functions for all the measured points
along the diagonal. Off the diagonal are the

3. NUMERICAL MODELLING cross-spectral density functions of the various
pairs of points. An extremely large amount of

A. Numerical Airwake data would be required to fill the entire matrix
accurately. The experiment established the

Having collected the wind tunnel data, the next cross-correlation only between a given point and
task is to use that data to create a numerical a collection of its neighbours. The stencil of
representation of the measured flow field neighbours was the same for all points in the
through which the rotor will be "flown". plane and its application to one of the

measurement locations is represented by the
To numerically generate the unsteady velocity shaded circles of Figure 4. The remaining
field, a set of independent white-noise sources cross-correlations were set equal to zero. In the
ni(t) are filtered through a constant-parameter numerical model, this implies that the flow
linear system hi(t), correlation lengths are less than a rotor radius.

Spectra were calculated by first computing the
N T appropriate correlation functions and then

wi(t) = E f hj(r) ni(t -c) dcu transforming them into the frequency domain.
j = 1 0 It is believed that a reasonable compromise was

reached between the accuracy of the spectral
i = 1..N (1) matrix S and the amount of time required to

gather the experimental data required to
where N is the number of points in the flow field generate S.
and T is the maximum lag interval used in
computing the correlations. Note that the In the language of statistical theory of
unsteadiness of only one velocity component is turbulence, the above algorithm generates an
recreated (either w or u), although the algorithm unsteady flow field by computing an approxi-
developed below is directly expandable to mation to the three-dimensional second-order
include all three components if suitable correlation tensor Rij [7]. The current method
experimental data exist. treats only one of the diagonal terms since only

one velocity component is computed, but as
If the spectral functions of the white-noise mentioned previously, all three components can
sources, ni(t), are described by a constant be included and an approximation to the full
diagonal matrix D, and a matrix S contains the tensor would result. Unlike other methods of
auto- and cross-spectral density functions of the simulating turbulence [8, 9], the current one
two-point correlation measurements, then the does not require the assumptions of isotropy,
relation homogeneity or a frozen flow field. The last

assumption is unnecessary since the measured
D-1S = H*H (2) time histories provide information on the

temporal effects on the correlation tensor. The
can be written, where S and D are known and H dependence of the tensor on spatial location and
is as yet unknown. Equation (2) is an separation (i.e. non-homogeneity and
underdetermined system for the elements of H. anisotropy respectively) is maintained through
If, however, it is assumed that H is lower the discretization of the plane of high hover and
triangular, then D-1S can be decomposed and the stencil of the two-point measurements.
written as a matrix multiplied by its conjugate In summary, the presented method increases the
transpose [6]. Having found H, it can be accuracy of the numerical turbulent flow field
transformed into the time domain, thus by using the experimental data to generate the
generating the necessary transfer functions for correlation tensor's spatial and temporal
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dependence. reversing flow exists and thus only the flying-
probe data is valid. The agreement across the

B. Computation of Rotor Forces and boundary is excellent. It is evident that for
Moments lateral locations more than one beam away from

the ship centreline, the ship has little effect on
The numerical airwake computed in the previous the flow field for the zero degree yaw case, in
section is used as input to the rotor simulation. agreement with other IAR data [11]. Figure 5
The rotor simulated is that of a UH60A Black indicates that the time-averaged u-component of
Hawk helicopter manufactured by Sikorsky the velocity is always in the direction of the free-
Aircraft. The rotor module has been extracted stream. Measurements were not made close
from the full GENHEL code. This module enough to the deck to detect the sign change in
computes the forces and moments on the main the mean value of the u-component.
rotor given a prescribed helicopter centre of
gravity motion, engine setting, control inputs The stationary probe was also capable of
and wind field. Adjustment of the control resolving the vertical and lateral velocities in the
settings affecting the trim of the helicopter was airwake. These velocity magnitudes were an
limited to modifying only the collective pitch. order of magnitude smaller than those of the
Its value was adjusted so that the mean rotor streamwise component [5]. Similar results were
thrust was approximately equal to the weight of obtained by the Aeronautical Research
the helicopter when the rotor was placed in the Laboratory, Australia, examining full-scale
unsteady airwake at high hover. This set of measurements on an FFG-7 Frigate for a wind
control settings was used for all the simulations angle of 0 degrees [12]. For both the lateral and
presented in this paper. vertical velocity components, the largest

magnitudes were found on the boundary
The rotor model used is derived from a blade- between the regions where the stationary- and
element analysis [10]. Of particular importance flying-probe data were valid. Thus the
with respect to this simulation are the blade- possibility exists that the largest lateral and
element velocities from which the aerodynamic vertical components of velocity exist within the
and inertial loads of the rotor are computed. region of reversing flow and thus were not
The numerical airwake provides an increment to determined; however, it is unlikely that the
the three orthogonal components of the mean magnitudes are significantly greater than those
airspeed at the centre of gravity which is taken to that were measured.
be 30.9 m/s (or 101 ft/s) - the velocity the rotor
would experience in the earth's boundary layer B. Airwake Turbulence Intensities
at a position equivalent to high hover. The
mean flow field in the airwake is bi-linearly Measurements of the streamwise turbulence
interpolated in the plane of measurement to the indicated that the region of increased turbulence
various blade-element locations. In addition, the over that in the natural wind is contained,
time-varying velocities at the blade-element approximately, directly above the flight deck,
locations are computed first by generating them extending vertically about one hangar height
at the experimental measurement points using above the top of the hangar. Upstream of the
the convolution integrals of equation (1) and bull's eye and below the top of the hangar, the
then interpolating them in time and space. The mean speeds are approaching zero and the
effect of the airwake has thus been included in streamwise intensities approach 300% [5].
the calculation of the blade-element velocities
generating the rotor forces and moments in the Measurements of the lateral turbulence indicated
presence of an unsteady airwake. that the airwake intensities are comparable in

magnitude to the streamwise intensities in
regions where the stationary-probe data is valid

4. THE AIRWAKE - RESULTS AND [5]. This observation, supported by the
DISCUSSION measurements of [4], makes the airwake distinct

from the natural wind, wherein the streamwise
A. Airwake Mean Velocities intensities are generally double those of the

lateral and vertical winds. It was not possible to
Figure 5 presents the variation in the mean resolve the lateral or vertical velocity compo-
streamwise velocity component for several nents within the region of reversing flow, so
planes above the flight deck. The data presented intensities were not determined in this region.
have been converted to prototype scale. The However, considering the fact that the streamwise
boundary between the stationary-probe data and and lateral intensities are of similar magnitude
flying-probe data corresponds approximately to away from reversing flow, it would not be
the boundary of the region for which reversing unexpected to find similar lateral turbulence
flow was detected. Inside the boundary, intensity magnitudes in the reversing flow, i.e.



31-5

up to several hundred percent based on a local B. Rotor Forces and Moments
mean velocity.

Having obtained a numerical representation of
The variation in vertical turbulence intensities the airwake of a frigate, the numerical helicopter
over the flight deck is also presented in Figure 5. rotor can be "flown" through it. The
The intensities are again normalized on the local simulations produce time histories of the
mean streamwise velocity. The highest levels of unsteady rotor forces and moments which can
intensity are found closer to the deck. then be analyzed in the time or frequency
Unfortunately, the highest levels occur in the domain.
reversing flow region, where measurements
could not be made with confidence. Since the Using the stationary hot-film measurements,
vertical intensities are of the same magnitude as steady rotor loads can be computed over a larger
the streamwise and lateral intensities, magnitudes domain than simply a plane at high hover. To
of several hundred percent could again be this end, the rotor was placed in various
expected upstream of the bull's eye (x = 0) for horizontal planes (with the rotor hub remaining
heights below the top of the hangar. over the origin on the flight deck) to determine

the effect of elevation on the mean rotor forces
Spectra of the measured and computed vertical and moments. Figure 7 shows this effect on the
velocities determined at high hover directly Z-force (the vertical force in body axes) and the
above the centre of the flight deck are presented rolling moment. The solid line shows the
in Figure 6. The spectra are presented at response of the rotor to the steady airwake while
prototype scale. At the higher frequencies, the the dashed line shows the response without the
spectra have a slope of -5/3, consistent with all airwake but still including the vertical variation
turbulence spectra in the inertial subrange. of free-stream velocity in the atmospheric

boundary layer. (It must be remembered that
the control settings were not modified between

5. ROTOR SIMULATION - RESULTS simulations.) It can be seen that as the rotor
AND DISCUSSIONS rises out of the airwake, its response approaches

that in the free-stream. This trend is relatively
A. Numerical Airwake smooth due to the fact that these horizontal

planes lie above the fluctuating shear layer
The first step in the simulation of the rotor in the separating from the hangar deck.
airwake was the generation of a numerical
representation of the experimentally measured The numerical representation of the airwake
flow field. This involved creating and includes the spatial variation of three compo-
decomposing the spectral matrix S. nents of the mean flow field in the plane of high

hover as well as the temporal variation of one
The matrix S consists of the auto-spectral velocity component. Four test cases were run
density functions along the diagonal and the which systematically varied specific flow-field
measured cross-spectral density functions off the characteristics to examine their effect on the
diagonal. When the experimental spectra were rotor. Three test cases were run with the w
combined in S, scatter in the magnitudes of the velocity component being computed as unsteady
spectral estimates at low frequencies formed a since it was believed that this component would
matrix which was not always positive-definite have the greatest influence on the rotor [13].
and thus could not always be decomposed. In The fourth test case was run with an unsteady
each spectra, the low frequencies are the least u-component instead to examine that assump-
accurate because of the limited amount of tion.
averaging done at the long lag intervals when
computing the autocorrelation. A filter thus had Of the three test cases run with a fluctuating
to be applied at the low frequencies to ensure w-component, one was run with the full spectral
positive-definiteness. The effect of this filter on matrix S decomposed into its associated
the velocity spectra can be seen in Figure 6. The frequency response functions. The next case
agreement between the spectra is quite good had all the off-diagonal terms in S set to zero to
throughout the frequency range of interest with isolate the rotor's response to the auto-spectra.
a deterioration due to the filter evident at the low In the final w case, the measured velocity field
frequencies. Longer experimental time histories was scaled by a factor of 2/3 to decrease the
and/or a more accurate method of computing free-stream velocity to 20.6 m/s while maintain-
the elements of the matrix should eliminate the ing the same turbulence intensities and cross-
need to use a filter. spectral information and using the full matrix.

The results from these four simulations can be
found in Table 1 and Figure 8. Table 1 contains
the means and standard deviations of all the
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W .Unsteady W Unsteady U Unsteady W Unsteady
(Full Matrix) (Diagonal Matrix) (20.6 m/s)

Force (N) Mean Std Dev Mean Std Dev Mean I Std Dev Mean Std Dev

X 20821 2111 20751 1541 20761 801 2771[ 154

Y -14771 1371 -14791 1161 -14701 391 -11791 88

Z -598201 2710 -597441 18631 -59594 646r -546251 1748

Moment
(N.m) I I I I _I

Roll -6880 1058 -6905 873 1 -6891 216 [ -5348 1 764

Pitch [ 22951 r 1515 229601 11491 22841 [ 671 170951 965

Yaw 24557 5741 246441 4181 252001 1931 258671 314

Table 1: Mean and Standard Deviation of Rotor Forces
and Moments for Various Test Cases

rotor forces and moments for each case. Again, on experimental data, was input into a numerical
it must be noted that the collective pitch was the model of a flying rotor. The mutual interaction
only control input set before all the test cases between the spinning rotor and the flow field
were run. Notably then, the cyclic pitch was not was not modelled. The following conclusions
altered from a nominal trim setting in free- are drawn from this investigation.
stream conditions. These results show that the
omission of the off-diagonal terms reduces in 1) Turbulence intensities of several hundred
magnitude the unsteady response of the rotor percent are present in the reversing flow region
while maintaining the mean forces and behind the hangar and above the flight deck.
moments. A reduction of the standard The intensities are roughly equivalent for all
deviations but not the means also occurs when three velocity components.
the u-component is made to fluctuate instead of
the w-component. This supports the belief 2) The incorporation of airwake cross-spectral
previously stated that the w-component is more information into the turbulence modelling leads
important in these rotor simulations. Finally, the to increased rotor responses over those
effect of decreasing the free-stream velocity determined in the absence of cross-spectral
simply decreases the mean and standard information.
deviation of the forces and moments.

3) The fluctuating vertical component of
The unsteady response of the rotor for the four velocity has a greater effect on the unsteady
test cases can be examined in the frequency rotor loads than does the fluctuating streamwise
domain. Figure 8 contains the auto-spectral component of velocity.
density functions of the Z-force and rolling
moment. Information on the other forces and 4) If the free-stream wind speed is reduced, the
moments can be found in [5]. The rotor mean and unsteady rotor loads are reduced in
responds to the turbulent velocity field in a magnitude, although the shape of the spectra
resonant manner at four different frequencies: remain essentially unchanged.
5.2, 17.3, 34.5 and 48.6 Hz. The fact that these
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A THEORETICAL AND EXPERIMENTAL INVESTIGATION INTO THE ROTOR BLADE
AEROELASTIC BEHAVIOUR OF A SHIPBORNE HELICOPTER DURING ROTOR

ENGAGEMENT AND BRAKING

S. J. Newman.
Lecturer in Helicopter Engineering

Department of Aeronautics and Astronautics
University of Southampton

Southampton. S017 1BJ, UK

Summary 1 Introduction

Under normal operating flight procedures, a During its life, a helicopter is required to
helicopter main rotor revolves at a strictly operate in adverse weather conditions which are
controlled speed. The centrifugal forces particularly relevant to the shipbome variant.
generated keep balance with the aerodynamic Perched on the flight deck of a ship and
loads with the result that the rotor blade motion, subjected to the high wind speeds found in the
in particular the blade flapping, is maintained open sea, the helicopter rotor is subjected to
under control. To reach the normal rotational periods of intense aerodynamic forcing, the
speeds the rotor must of course pass through effects of which are exacerbated by the
lower speeds, both during acceleration and influence of the ship itself via the hull and
deceleration, and during these periods the blades superstructure. Amongst the various difficulties
can fall prey to the phenomenon of blade posed to the helicopter main rotor blades, one
sailing. With this, not inconsiderable occurs whilst the rotor is turning at low
aerodynamic loads can be generated when the rotational speeds during engagement or
helicopter is operating in high winds and with disengagement, with appropriate prevailing wind
the reduced centrifugal forces because of the conditions.
lower rotor speeds, the blade flapping motion
can build up to dangerously large deflections. The rotor blades will move out of the plane of

rotation via the flapping hinge to such an extent
Operation off the flight deck of a ship is a that contact with either the fuselage or the ship's
common example of the type of atmospheric deck is possible and, in such cases, the ground
problem capable of generating blade sailing. To and flight crews are placed in significant
predict this behaviour, theoretical models have danger. The blade motion out of the plane of
been developed. However, the necessary rotation, due to the flapping hinges or flexures,
justification of the predictions will involve which form part of the rotor hub, allows the
experimental testing since the potential severity rotor disc plane to be controlled by the pilot
of the blade motion requires that this through cyclic pitch. At normal operating rotor
verification must be undertaken at model scale. speeds blade flapping motion is severely limited
To this end, two wind tunnel testing programs by the considerable centrifugal forces
have been performed, with the intention of experienced which balance the high aerodynamic
analysing the airflow patterns over a ship's deck lift forces and therefore keep the blade flapping
and secondly to operate a rotor under the severe in check. At low rotor speeds, however, the
wind conditions which could be reasonably centrifugal forces and hence the large restoring
expected to occur. The results of these two moments on the rotor blades are much reduced.
avenues of work have been combined with the In relatively calm conditions this does not pose
theoretical model to produce a consistent set of a problem since the aerodynamic loads are
results. similarly reduced. However, high winds

generate appreciable aerodynamic loads on the
blades and can build up to such a degree that the

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin, Germany from 10-13 October 1994 and published in CP-552.
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reduced centrifugal loads can no longer keep a Further testing was conducted with one blade
close restraint on the blades in flap and large having been replaced by a counterbalance
excursions are now possible giving rise to the so weight. This allows the rotor blade to behave
called phenomenon of blade sailing, individually and not be influenced by the

opposite blade of the teetering rotor pair.
The investigation of this potentially violent blade Because of space limitations on the paper, only
behaviour has been the subject of an extended the two bladed test results are presented.
piece of work of which the latest stage involved
the testing of a helicopter/ship model in a wind The results of these experiments showed good
tunnel with a mapping of the flowfield over the agreement with theory for the more windward
ship's deck using a Laser Doppler Anemometer deck locations of the helicopter, but those
(LDA). This experimental work was necessary results for positions towards the leeward deck
for two reasons. Firstly, the use of a wind edge were totally different in character. The
tunnel and helicopter model permits a tight reasons were found to lie in the nature of the
control to be exercised over the aerodynamic flow developed over the ship caused by the
conditions and secondly, since blade sailing is a separation off the windward deck edge (See
violent aeroelastic phenomenon it has the Figure 1). To further investigate this matter,
potential to inflict considerable damage to the tests in a different wind tunnel were undertaken
aircraft itself, but more importantly can cause and a full three component laser doppler
fatalities to the operating personnel. Such tragic anemometer traverse was performed over the
events have occurred in the past and so ship model.
investigative work must be achieved by a model
test.

Earlier wind tunnel tests, reference 1, were
conducted on a 1/120th scale model of a Rover
Class Royal Fleet Auxiliary vessel to observe Expected Flow Pattern
the flow characteristics around the flight deck
area. (This choice of vessel was necessary
because of earlier comparative full scale testing
at sea for which this was the only available Initial Modelling
type.) The results of this experiment showed that
winds from a direction of 90' to the ship's Figure 1 - Initial Modelling of Flow over
centre line (abeam) provided the most critical Ship
conditions since a significant upward component
on the windward side was generated.
Theoretical calculations indicated that this was 3 - Theoretical Model
particularly important in triggering blade sailing.

The rotor blade is assumed to be rigid in flap.
To investigate further and provide a comparison With the rotor model under test this is a
with the theory, wind tunnel tests were reasonable assumption, but at full scale this will
conducted. A proprietary helicopter model was not be the case. The flapping equations of
suitably modified and installed on a wooden motion for the rotor blade pair, or
structure built to represent the ship's flight deck blade/counterbalance weight were derived. The
and the vertical sides of the ship's hull. The rotor speed was used as an input to the method
ship structure was scaled to the situation of a and the solution of the equations of motion gives
Westland Lynx sized airframe operating from a the blade flapping behaviour as a time history.
Rover Class Royal Fleet Auxiliary. The The aerodynamic conditions experienced by a
helicopter rotor was of a two bladed teetering rotor blade under high wind/low rotor speed
type which was used for the first set of tests. conditions makes a closed form solution
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impossible. The angles of attack vary approximation to the flow. This is broken down
enormously and take sections of the blade in and into a wind with horizontal component directly
out of stall. For these reasons a numerical across the deck with a vertical component
solution was adopted. Fourth order Runge Kutta superimposed upwards on the windward deck
was employed to integrate the equations of edge and downward on the leeward edge, with
motion. a linear variation across the deck width. The

horizontal component was determined by the
An empirical aerodynamic specification appropriate wind speed and the vertical
(reference 2) was used for the lift coefficient component was taken to be 30% of the
variation with incidence. The amplitude of rotor horizontal component. This value was chosen
flapping expected meant that contact with either from the data obtained in reference 1. The
of the mechanical flapping limits was certain to concentration of large flapping excursions at low
occur. In such an event the theoretical method rotor speed is readily apparent.
held the blade on the respective stop until the
blade moved away into free flapping motion. 4 - Helicopter Rotor Rig Wind Tunnel Tests
The numerical method continued until a stop
was again encountered whereupon the process Previous work on the flow over a ship's flight
was repeated. No allowance for a bouncing deck showed that the most severe case occurred
effect was made. The violence of the blade when the wind direction was directly abeam. On
impacts on the stops did indicate that a bounce this basis the wind tunnel test model was of a
could occur, however, the subsequent agreement ship's flight deck aligned at right angles to the
between the theory and experiments showed that incident wind direction. This required its
any bouncing did not materially affect the placement across the wind tunnel section, as
results. The aerodynamic loads on the blade(s) shown in Figure 3.
held them securely against the stops and any
bouncing which may have occurred was rapidly
arrested.

Kalt - Simple Gust (30%)

Figure 3 - Installation in Wind Tunnel

ID 20 20 4b t0 6 0
2.#d n,. (....)

Figure 2 - Rotor Blade Flapping Behaviour In order to give a sensible size to the model and

using Simple Flow Model to avoid wall interference, the settling chamber
of one of the Department's wind tunnels was
used. The rotor model was selected to be a
modified kit, (Kalt Cyclone), where the ratio of

A typical type of prediction is shown in Figure the height of the rotor hub to rotor radius was
2. This shows the blade flapping behaviour and close to that of the Westland Lynx aircraft.
rotor speed variation against time. The data used Seeing as the Rover Class R.F.A. vessel had
for the incident wind is shown diagrammatically been used before, it was selected to be that used
in Figure 1. The top diagram shows what was in the tests. Using the Kalt Cyclone as a scaled
considered to be a reasonable but simple down Lynx, the deck dimensions were
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established and constructed out of wood. The electronic unit which allowed for a linear ramp
helicopter model was assembled, omitting the up of rotor speed from rest, a period of constant
tail boom and rotor, and mounted on an rotor speed, finishing with a linear ramp down
aluminium plate. This was designed to fit into a to rest. This behaviour is completely determined
slot cut into the flight deck of the ship model. by the three time periods and the maximum

'This allowed the rotor to be positioned across rotor speed. These values were selected on the
the flight deck. In this way the effect of control box and the complete sequence was then
windward/leeward deck locations could be automatic. This method was chosen for reasons
observed. The model was then clamped to the of repeatability.
deck and wooden blanking panels used to cover
the open spaces of the slot. Five deck locations The blade position was measured by a
(A to E) were used from windward (A) to deck potentiometer placed on the central part of the
centre (C) and leeward (E). B and D are one hub with the wiper in contact with the blade
quarter and three quarters of the deck width, cuff. An identical dummy potentiometer was
respectively, from windward, fitted to the other side of the hub to avoid the

spring load on the wiper to bias the blade
Power for the helicopter model is normally flapping. A long throw potentiometer is fitted to
supplied by a proprietary glow plug model the blade control spider, or rotating star, to
engine. This is of no use for accurate testing monitor the blade pitch angle. The tests
since the power characteristics are not suitable, described here did not use any variation in blade
and the exhaust carries a considerable amount of pitch throughout the programme. The blade
castor oil which would have severely affected pitch was set to nominally zero rotor thrust,
the instrumentation. A small electric motor was which is consistent with operational practice.
fitted to the rotor underneath the aluminium The blades are untwisted but the aerofoil section
plate and connected to the rotor shaft via the has camber and so was set using an estimate of
normal spur gears fitted to the model by a steel the no lift angle.
shaft. The placement of the motor allowed a slip
ring assembly to be installed within the The maximum rotor speed was set at 600 rpm
helicopter body. Thus when the model was and a wind tunnel speed of 5 m/s was used for
clamped to the deck, the only part above the the results as described here. If advance ratio is
deck level was the helicopter itself, thereby used as a basis for scaling the relative speeds of
keeping the flow interference by the fuselage to rotor and wind tunnel, this corresponds to a
only appropriate components. The arrangement Lynx experiencing a wind of 47 knots which is
is shown in Figure 4. close to the usual quoted figure of 50 knots.

The data from the rig was as follows:-

(a) Rotor Speed
Rotor Head (b) Blade Flap Angle

(c) Blade Pitch Angle
Drive Gears (d) Azimuth Marker

Slip Ring Assembly ~
All four signals were recorded, with a timebase

Base Plate EWto Motor on a RACAL Store 4 tape recorder. These were
later processed using the ASYST computer
software package.

Figure 4 - Schematic View of Rotor Model
5 - Ship Flow Wind Tunnel Tests

The rotor speed variation was controlled by an As will be described in the results section, the
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typical result of a simple wind model as 6 - Results
described in Figure 2 was shown to be adequate
for deck locations near to the windward half of The set of flapping time histories shown in
the deck area,. but totally inadequate for those figures 6 to 10 show two distinct types of
toward the leeward deck edge. It was therefore behaviour.
concluded that the simple wind approximation T" C -SO7fL

was not sufficient and a separate set of wind so
tunnel tests was necessary to determine
quantitatively the wind variation when 20 Iwo

interacting with the ship's hull. The work
described in reference 1 used a triple hot wire iD
anemometer which possessed a cone of °
acceptance where any wind direction outside of
this cone could not be relied upon and the
processing software rejected them. For wind ,

directions from abeam to astern, the amount of _ _"_ _ __(-)
rejected data samples was not a problem, Figure 6 - Blade Behaviour, Position A
however, winds from the bow direction
produced a very high proportion of rejected Tam e%.- o4_
points that these conditions were abandoned. so CM

This acceptance cone could not be tolerated for
the proposed tests and so use of a three 20 lo

component laser doppler anemometer was
planned. This required testing in the working -low
section of the Department's largest wind tunnel. 0

The ship model used for the previous tests was .,0 W,
not suitable for this since blockage in excess of
50% would have occurred which would have 1 2 30

completely obscured the results. Consequently a _ _ _ _ _"_

smaller scale (2.8:1) ship model was Figure 7 - Blade Behaviour, Position B
constructed. A result of a traverse is shown in
Figure 5 and the differences with Figure 1 are Test Case. - •0132/L

apparent. 0
20 ••f1o

A B C D E 15o00 r

ABODE

- -* OC

10t 20 a 40 so 60 70

Ek~ 1M- (-~c)

Figure 8 - Blade Behaviour, Position C

Figure 5 - LDA Flow Patterns over Ship (A long run up time was selected since it would
be the most prone to blade sailing.) The results
of equivalent long run down times are shown in

The results of this data was then used as an Figures 11 to 15 and are seen to be similar in
input to the theoretical method. behaviour. Deck locations A to C show a
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tests indicated that windward locations produced
30 Mo a rotor disc which was steady at the maximum

rotor speed but which suffered from excessive
20 ism blade sailing behaviour at the lower rotor
-10 speeds.

.o-Test Case. -=0452L

5000

Figure 9 - Blade Behaviour, Position D

-a40

Test Case - ,8./133/21L 6.0.4 Tts, (..a)

2b sow ___0______________0____10__

Figure 12 - Blade Behaviour Position B

•oow .. 600

Fig ur- 10 -M TV-

F eFigure 1 - Blade Behaviour Position E

. 02.00

es - 2052LFigure 13 - Blade Behaviour Position C

Iwo sso wtO

20
.105

preicedbythsipl _wndmoel Seeigsa

10 205* 05

Figure 10 - Blade Behaviour, Position A whc _aeaieybngt0wrtrse

-2D 5b 2 0 6 D 710

Oi0..d Th- (-as)

30 Tst WS -WJ05/21 awFigure 14 - Blade Behaviour Position D

reasonable15 ageeen with th typ ofehaiou

deck edge is as initially predicted. However, the but an unsteady rotor disc behaviour was seen at
positions D and E are completely different. the higher rotor speeds which manifested itself
Observation of the rotor blade motion during the as a constant twitching of the disc. This
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Figure 15 - Blade Behaviour Position E E _lime(s -

Figure 17 Theoretical Blade Behaviour,
Position A

"KL/043/2/L/

•e• • Turbulent Region 2

-100

Figure 16 - Schematic of Flow over Ship
.20 1'0 20 30 40 50 6o 7400

Elapsed Tm (soc.)

appeared to indicate that the relatively clean air Figure 18 Theoretical Blade Behaviour,
surrounding the windward deck edge controlled Position B
the first three positions A to C and drove the
blade sailing behaviour, whilst the leeward
positions were dominated by a turbulent KL/0 3/2/L/
airstream which did not trigger excessive blade
motion but did not allow the rotor disc to settle. 2

Figure 16 shows a schematic diagram of the ism

behaviour experienced with these tests. They j 10
were obtained by a search with a wool tuft for
the boundary between relatively smooth incident 1 0

air and the region of turbulence caused by the
flow separation off the windward deck edge and

its subsequent recirculation. Having determined 10

the overall situation, a closer look at the detailed aom dn ,o 5o
behaviour showed that position B proved the
worst for blade sailing whilst position D was the Figure 19 - Theoretical Blade Behaviour,
most gentle. It was anticipated that position A Position C
would be the worst and position E the best, so
these results were at first a surprise. When the results of the LDA tests were

analysed, as shown in Figure 5 the reasons for
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Figure 20 - Theoretical Blade Behaviour, Figure 22 Theoretical Blade Behaviour,
Position D Position A
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"EBud Mm.e Figure 23 Theoretical Blade Behaviour,
Position B

Figure 21 Theoretical Blade Behaviour,
Position E

KL/01 5/2/L/
30 -0

the differing character of the blade sailing were Ism

soon apparent. Included on the figure is a 10
diagram of the rotor size and height. Further
development of the theoretical model is under 0

way to use this data in place of the simple wind .-0
model. The results are shown in Figures 17 to
26. These results can be seen to compare with . _0_ AO
the experimental test data to a close degree. Eo pod 1 (sacs)

The most obvious difference is in the flapping Figure 24 Theoretical Blade Behaviour,
amplitude during the central constant rotor speed Position C
time period. The test data shows a higher
amount of flapping, particularly with deck The theoretical results were obtained assuming
locations A to C. zero cyclic pitch. The difference in flapping
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interpolation used for points below the bottom
KL/105/2/L/ row of points may not reflect the true nature of

= ] '• the flow because of too coarse a grid in this
,0-• important region. A second test using the LDA

,•o is being undertaken to increase the number of
• ,o- • data points in the region of the deck surface to
S[_•.• ................... la•[[t ,o• enable the interpolation to be more precise.

.............. • Additionally, an improved seeding arrangement
5oo = is to be used to give a higher number of samples

.lo for the LDA system.

"•, 1o . 2o • 4o • • 700
7 - Conclusions

E• "nrn• (•)

Figure 25 - Theoretical Blade Behaviour, The initial conclusion of the research is that
Position D blade sailing does exist. This is an odd

statement to make as the phenomenon is well
known, and feared, by helicopter pilots
worldwide. The fact is that detailed literature

KI./135/2/I./ surveys have so far produced virtually no
=• 2=o evidence of extensive research on the subject.

Having acknowledged its existence, the
r-"--"- 1•o mechanisms of its generation can be examined.! The simple wind model has shown that the

1o]o[ • ...................... ...... •**•!?hil•l looo•t important driving force is the vertical wind
iS,, component and its variation over the rotor disc.

S• ................................. r•ii•llV • The maximum blade flapping amplitudes occur
S• at rotor speeds of approximately 10% to 15% of

.1o• • • the normal operating value. The rotor tests have

=% 1o •, 3o ,,,, .• -'•= 7,0 shown that a simple wind model is not sufficient
•,p,•.€,• for realistic prediction of blade behaviour,

Figure 26 - Theoretical Blade Behaviour, particularly in the sense of greatly differing
Position E characteristics when the rotor is to windward or

to leeward. The cause of this behaviour was
determined by the LDA wind tunnel tests which
showed the extent and character of the
separation of the wind off the windward deck

could be attributed to application of between 1° edge and the recirculation region towards the
or 2°. A helicopter model is not designed leeward deck edge. The most severe blade
specifically for research work and so there tends sailing was found to occur at the deck location
to be an amount of backlash in the control B which is one quarter of a deck width from the
system. The blade pitch sensor was used to windward edge.
check that the cyclic pitch was zero, however, Figure 5 shows the flow patterns and the rotor
the backlash could have allowed a small amount hub centre positions. Position B can be seen to
of cyclic pitch to be present when the rotor lie almost exactly on the boundary of the
spun. A second consideration could be the size recirculation region. In this way the blade is
of the grid used to obtain the flow data over the entirely within the turbulent region or in
ship's deck. Figure 5 shows the flow pattern comparatively undisturbed air. The most benign
around the deck and the influence of the behaviour was found at position D where, on
recirculating region. The flow must reach reference to Figure 5, can be seen to place
stagnation at the deck surface and so the linear virtually the entire rotor disc within the
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turbulent region with little vertical wind aerodynamic loads to cause the blade behaviour
component. This explains the rotor blade but also the potential to suddenly change its
behaviour seen during the tests. Positions A and character. Further consideration of its unsteady
C have the rotor disc spanning the turbulence nature must therefore be undertaken.
boundary but without the exact 50/50 split found
with position B. Position E, when compared 8 - Acknowledgements
with position D, also has the rotor disc lying
within the turbulent air but as can be seen with The author would like to thank the following for
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experiments must be used as input data to the in conducting the wind tunnel tests and reducing
theoretical model. When this is done the the test data.
agreement with the rotor tests are seen to be
very encouraging. The agreement is not perfect The research was sponsored by a contract from
but the differences can be explained and further DRA.
work is being undertaken to address these
matters. The research described in this paper Any opinions expressed in this paper are those
has concerned itself with a rigid rotor blade of the author.
behaviour. In reality the blades will undergo a
degree of elastic bending. Discussion of this 9 - References
matter is beyond the scope of this paper but
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paper have been concerned with an abeam wind. predicting the blade sailing behaviour of
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SUMMARY 1.1 High-Speed Impulsive Noise

Several recent applications (in the last five years) of Euler High-speed impulsive noise is caused by compressibility
solvers in the computation of impulsive noise from rotor effects. As the advancing tip Mach number of the rotor
blades emphasize their emerging role in complementing increases, the flowfield becomes nonlinear with the
other methods and experimental work. formation of supersonic pockets in the tip region of the rotor

In the area of high-speed impulsive noise the use of Euler blade. If the tip Mach number is large enough, the

solvers as research tools has become fairly mature with very phenomenon known as delocalization may occur, wherein the

favorable comparisons with experimental data, especially in supersonic pocket on the blade extends out to the far-field

hover. The grid sizes and resulting computational times are beyond the rotor 1 . In this case the noise becomes much more
reasonable when compared to those required for accurate impulsive in nature and focused in a narrow region. Since thereasnabe wen cmpaed o thse equred or ccuate influence of lift on HSI noise is secondary one does not need
surface aerodynamics alone. Furthermore, Euler solvers have infbencerofdlit onHi no isconaty one des otto be concerned with trying to accurately model the details of
provided a rich database with the resolution and accuracy the wake, currently one of the most difficult areas in rotorcraft
needed for input to Kirchhoff and acoustic analogy methods
for predicting the far-field noise. On the other hand, the aeroacoustic predictions.

application of Euler solvers to calculate blade-vortex HSI noise usually occurs in forward flight. However, its
interaction noise is still far from mature. The computational characteristics may be duplicated in hover by increasing the
resources required for accurate calculations away from the rotational speed to match the advancing tip Mach number.
blade are much larger than for high-speed impulsive noise. Both cases result in a similar relationship between peak
Current calculations help improve the basic understanding of acoustic pressure and tip Mach number2 . Because of unsteady
the phenomena involved, but to date no comparisons with effects in forward flight, HSI noise is usually first studied in
experiment have been made. Fortunately, the use of coupled hover.
Euler solver/Kirchhoff methods seems to offer promise for a Initial attempts to model HSI noise only incorporated the
robust and efficient technique for predicting both high-speed linear term (monopole) from the Lighthill 3 acoustic analogy
impulsive noise and blade-vortex interaction noise. approach of Ffowcs Willams and Hawkins 4 . The poor

Finally, a simple model problem of an isolated vortex agreements with experiment caused several investigators to
interacting with an arbitrarily prescribed pitching airfoil incorporate nonlinear (quadrupole) terms with the strength of
demonstrates the feasibility of using Euler solvers to examine the terms determined from small disturbance aerodynamic
noise reduction techniques. The use of simple aerodynamic calculations of the flow-field in the vicinity of the blade tip 5 "
quasi-static theory and the computed lift time history as 6. This improved the correlation with experimental data, but
feedback to determine the required pitching motion appears only up until just below the point of delocalization. The next
sufficient to significantly dampen the unsteady loading and improvement in HSI noise prediction occurred when the
subsequent acoustics by an order of magnitude within a few results from a full potential equation solver were used as input
blade passages. to a nonlinear Kirchhoff method 7 -9 . The application of

Euler solvers to HSI noise computations will be discussed in
detail later in the paper.

1. INTRODUCTION

Noise can severely restrict rotorcraft usage in both civilian 1.2 Blade-Vortex Interaction Noise
and military operations. When it occurs, impulsive noise is
unquestionably the loudest and the most annoying source of As a vortex passes by a rotor blade it induces a time varying
noise. It is annoying because the ear is particularly sensitive vertical velocity that changes the local angle of attack. This
to pressure changes that occur over a very short period of time causes a fluctuation in pressure in the leading edge region,
(high frequency). Impulsive noise can be broken down into resulting in the propagation of blade-vortex interaction
two areas: high-speed impulsive noise (HSI), and blade- noise. BVI noise is dominant in low-speed descending
vortex interaction noise (BVI). Furthermore, the forward flight, when the vortices shed during the passage of
investigation of impulsive noise can be broken down into previous blades interact closely with succeeding blades. This
three areas: (I) basic understanding of the physical self-induced interaction is very difficult to model, since it
phenomena, (2) the prediction and comparison with requires an accurate computation of the unsteady three-
experiment and other methods, and (3) noise reduction dimensional aerodynamics (with possible transonics) as well
techniques. as of the precise positions and strengths of the curved

vortices. Fortunately, the physics of the problem can be

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin, Germany from 10-13 October 1994 and published in CP-552.
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modeled with the interaction of a single isolated prescribed a novel method for noise reduction will be discussed later in
line vortex interacting with a rotor blade, the paper.

Initial attempts to investigate BVI noise further simplified
the problem by looking at a single vortex interacting with an 2. NUMERICAL SOLUTION PROCEDURES
airfoil. This 2-D model problem was investigated using
various methods for computing the unsteady surface This section contains a brief summary of three methods that
pressures. A linear acoustic analogy approach was coupled can utilize Euler solvers to investigate the impulsive noise of
with an incompressible Euler method to predict noise in the rotor blades.
far-field 1 0 . The small disturbance equations were used to
directly compute the mid-field11-12 as well as coupled to a
Kirchhoff method to predict the far-field noisel 3 . Direct 2.1 Computational Fluid Dynamics
Euler computations were also performed and indicated that the Most CFD methods can be constructed to satisfy the acoustic
small disturbance equations did not correctly propagate the equations of propagation as well as to calculate the transonic
acoustic waves 1 4 . Unfortunately, no good experimental flow field in the vicinity of the rotor blade. Therefore, the use
acoustic data exists for the 2-D case. of a purely CFD method has been proposed for many years.

At the same time, researchers had developed procedures for However, such methods were thought to be impractical, with
predicting the 3-D self-generated BVI case using simple an accurate solution requiring too large of computer resources.
aerodynamic and wake models, coupled with acoustic However, Baeder1 9 demonstrated the feasibility of using a
propagation using the linear terms (monopole and dipole) of unified CFD method to simultaneously calculate the
the acoustic analogy approach 1 5 . Since then, several aerodynamics and acoustics of a nonlifting rotor blade in
researchers have started to examine the coupling of hover. The numerical solution procedure of CFD requires the
comprehensive codes with full potential solvers and linear determination of the proper set of governing equations,
acoustic analogy codes 1 6. This results in slightly better numerical algorithm, and computational grid.
agreement with experiment, although still only qualitatively. Governing Equations. The choice of governing equations
In order to remove the uncertainties of wake prediction affects the computational time and the level of physics
several researchers started examining the 3-D model problem modeled. The aerodynamic flow about rotor blades has been
of an isolated blade-vortex interaction. A full potential solved over a wide range of governing equations, from
solver with linear acoustic analogy propagation1 7 was used lifting-line to Navier-Stokes. Fortunately, viscous effects are
in preparation for an experiment in the 80'x120' wind tunnel minimal for noise in hover and thus the Euler equations are
at Ames. More recently researchers started examining the able to capture all of the important features. The Euler
inclusion of initial nonlinear propagation effects for the 3-D equations are preferable to simpler governing equations
model problem. A full potential code was coupled to a linear because of the strong shocks that accompany HSI noise and
Kirchhoff method for the 3-D interaction in hover 1 8 . The may occur during BVI noise formation.
application of an Euler code to directly compute the initial
nonlinear formation and propagation of the acoustics for the Numerical Algorithm. The Euler equations can be solved
3-D model problem in forward flight will be discussed later in using various numerical algorithms. Srinivasan and Baeder2 0

the paper. used a structured finite-difference code, TURNS (Transonic
Unsteady Rotor Navier-Stokes), to investigate HSI noise in
both hover and forward flight. The same code has been used

1.3 Impulsive Noise Reduction to examine the initial formation and propagation of 3-D BVI
noise2l. Strawn et a12 2 used an unstructured finite-difference

Most of the preceding work has focused on the basic code to investigate HSI noise in hover. The results were
understanding of impulsive noise and its prediction. similar to those of Baeder et a12 3 . Results from the TURNS
However, as important as accurate predictions of impulsive code are shown in this paper; the code can be run in Euler
noise are the ultimate goal is to be able to reduce the mode by setting a switch that causes the viscous terms to be
impulsive noise generated by the rotor blades. neglected. Roe upwind-biasing with high-order MUSCL-type

Noise reduction techniques can be broken down into two limiting on the right-hand-side provides accuracy, while an
areas: passive and active. Most experimental and LU-SGS implicit operator on the left-hand-side is
computational work has been concentrated in examining computationally efficient as well as robust. The details of the
passive means of noise reduction such as reshaping the blade algorithm are described by Srinivasan et a12 4 .
tip planform and/or airfoils or reducing the tip speed. Other For the blade-vortex interaction cases, the vortex is
methods for impulsive noise reduction are: flapping to preserved in the solution through the use of a nonlinear
enlarge the interaction distance, a trailing edge flap, perturbation technique 2 5 . An isolated vortex in freestream is
suction/blowing in the leading edge region, higher harmonic a solution to the Euler equations. Thus, the known or
control and individual blade control, prescribed flow can be subtracted from the Euler solution of an

Unfortunately, due to the importance of compressibility for isolated vortex interacting with the rotor blade. This reduces
accurately modeling the unsteady effects and the phasing the smearing of the vortex and allows for an accurate
inherent in impulsive noise, incompressible methods are not representation of the effects of the vortex even in regions
very well suited for examining noise reduction techniques. where the grid is very coarse.
An example of the application of Euler solvers to investigate
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Computational Grid. Computational grids for calculating the input data is not suspect. The classical Kirchhoff formulation

aerodynamics of rotor blades have tended to be highly for a stationary surface, S, can be written as:

clustered in the vicinity of the rotor blade surface, with a 1 r*F-cosO 1 cosO P
coarse distribution of points away from the blade. Although p(x,t) = - [-c-- p - p - p dS
acceptable for aerodynamic calculations, this is not r cr i

acceptable for acoustic calculations. It was determined in the S

hover study of HSI noise that the largest gradients occur in where p is the acoustic pressure; (x,t) are the space and time
the azimuthal direction1 9 . Furthermore, the high frequency variables for the observer location; (y,s) are the space and
noise is confined to a small region of the total flow field, time variables for the surface source location; 0 is the angle
Thus, the clustering of the points away from the rotor only between the normal vector on the surface, n (pointing out),
along the region near the linear characteristic curve and the radiation direction, r; r is the distance between the
drastically reduces the number of grid points, while observer and surface source locations; and c is the speed of
maintaining an accurate solution. Unfortunately, BVI noise sound. All of the quantities within the integral are evaluated
is not as well confined since it will also propagate outward in at the retarded (emission or source) time.
a circular pattern. Therefore, for BVI problems the grid is
stretched in the direction normal to the blade surface to Therefore, for the hovering results shown later, the Kirchhoff
maintain a fine spacing for several chords away from the surface is chosen to be a stationary cylinder with a radius that
blade surface 2 1 . corresponds to one of the grid spanwise radial stations.

However, the CFD solution'is obtained as a steady solution in
Three-dimensional grids are constructed from a series of two- the frame of the rotor. 'the first step is to interpolate thedimensional hThebfirstC-step.isactosinterpolateiothe

pressure and its normal and time derivatives onto a cylindrical
bent and stacked such that away from the immediate vicinity mesh that rotates with the rotor blade. The spacing in the
of the blade surface they lie at a constant radial distance from azimuthal direction is constant while the spacing in the
the rotational axis. Furthermore, each section is rotated in vertical direction is arbitrary. Since the radial location of the
the azimuthal direction to maintain the fine clustering in the Kirchhoff surface corresponds to one of the grid spanwise
vicinity of the linear characteristic curve. The amount of radial stations the pressure on that C-grid is interpolated onto
rotation can vary with vertical distance from the plane of the constant azimuthal mesh. The normal pressure on the
rotation. The front and back portion of each of the sections cylindrical mesh is obtained by performing a similar
may be modified to allow for a simplified simulation of interpolation on the grid station just interior to the Kirchhoff
multiple blades in hover, surface and performing a first-order one-sided difference. If

Figure 1 shows the portion of a sample grid lying in the plane the flow is delocalized it is necessary to improve the accuracy
of the rotor (only every other grid line is shown). The grid of the derivative by performing the interpolation on a
extends outward to over four rotor radii. The sweeping of the weighted average of the grid stations located at and just
grid outside of the sonic cylinder is clearly evident. Because interior to the Kirchhoff surface. Since the rotor is in hover
this grid is for a two-bladed rotor, the grid covers 180 degrees and the azimuthal spacing is constant, time derivatives on the
of azimuth. Figure 2 shows the portions of a sample grid cylindrical mesh are obtained using a simple second-order
lying at two radial stations (every grid line is shown). At the central difference. The second step is to perform the surface
sonic cylinder there is no sweeping back of the grid in the integration over the stationary Kirchhoff surface for a fixed
azimuthal direction; however, the section at slightly over observer. The stationary Kirchhoff surface corresponds
three rotor radii demonstrates the variation in sweep with exactly to the rotating cylindrical mesh at a retarded time
vertical distance and how the clustering of points is swept equal to zero. At other times the pressure and its derivatives
rearward, on the stationary Kirchhoff surface must be interpolated in

the azimuthal direction from the cylindrical mesh using the
retarded time. A simple linear interpolation is employed.

2.2 Euler Solvers Coupled with Kirchhoff The repetition of this process provides pressure time

Although various formulations have been developed to allow histories at various observer locations2 3 .

for arbitrary motion of the Kirchhoff surface 2 6 , the surface The formulation is slightly more complex in forward flight
can be chosen to be stationary for a rotor in hover and simply and requires much greater storage and CPU time since the CFD
translating in forward flight. An alternative is to have the data is unsteady and more interpolation is required 2 7 .
Kirchhoff surface rotate with the rotor blade. Then the
elements of the Kirchhoff surface can correspond to those of
the CFD grid and no interpolation from the CFD mesh to a 2.3 Euler Solvers Coupled to Acoustic Analogy
Kirchhoff mesh is needed. However, a rotating formulation is The Ffowcs Williams and Hawkins (FW-H) equation considers
more complex than a nonrotating formulation, especially if helicopter noise to be broken down into three components:
the surface rotates supersonically. (1) the thickness noise generated by the displacement of fluid

A nonlinear formulation is not needed if the Kirchhoff surface as the blade rotates, (2) the loading noise generated by
is chosen to include the nonlinear flow field. Therefore, the distributed aerodynamic forces on the blade surface and (3) the
classical stationary Kirchhoff formulation is sufficient for nonlinear noise generated by the Lighthill stress. The
studying the noise from hovering rotors if the surface is acoustic analogy approach models thickness and loading
placed sufficiently far enough from the rotor surface such that noise by integrating monopole and dipole sources over the
nonlinear effects are minimal, but close enough such that the surface of the blade and models the nonlinear noise by
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integrating quadrupole sources over the whole volume of the where a is the angle of attack; b is the semi-chord; V is the
fluid domain. The quadrupole term needs to be included to freestrearn velocity; P3 is the Prandtl-Glauert correction; and C1
fully account for high-speed impulsive noise. However, the is the sectional lift coefficient. Thus, given the lift time
difficulty and expense of calculating the volume integral has is the pitchicion, t), can be detetine
limited its application; the inclusion of the nonlinear term history, C1 (t), the pitching motion, o(t), can be determined.for unsteady calculations appears to not be feasible. This has by applying a simple backward difference of the pitching rate

term in time. The airfoil-vortex interaction is then
motivated some work for trying to simplify the volume recalculated using this prescribed pitching motion. The
integral 2 8 . The FW-H equations may be solved in either the cnted apicatio ofeedback ig reduces The

timedoman orfreuenc domin.continued application of feedback gradually reduces the
fluctuating loads, vibrations, and acoustics. In this

The strength and distribution of the monopole sources are simulation the CFD code acts as the sensor and the actuator is
purely geometric. Thus, the thickness noise calculations do assumed to have no amplitude or bandwidth limitations.
not require input from an aerodynamic code. The Euler solver
can supply the strength and distribution of the loading
dipoles on the blade surface as well as the quadrupoles off of 4. RESULTS AND DISCUSSION
the blade surface 2 3 ,2 9 . This section contains representative results and some

discussion.

3. DYNAMICALLY TWISTING ROTOR BLADE

The feasibility of dramatic noise reduction using smart 4.1 HSI Noise in Hover
materials to dynamically twist a rotor blade in response to a Results in this section are displayed for a 1/7th scale model of
blade-vortex interaction is demonstrated by utilizing an Euler a modified UH-1H main rotor with two straight untwisted
solver to look at the simple model problem of an isolated blades of constant chord with NACA 0012 airfoil sections and
vortex interacting with an arbitrarily prescribed pitching an aspect ratio of 13.7. This rectangular blade was used by
airfoil. An Euler solver is preferred because of the transonic both Boxwell et al3 0 and PurceI18 for experiments performed
effects that may accompany BVI noise. Advanced passive in the U. S. Army Aeroflightdynamic Directorate's anechoic
designs, such as higher harmonic control and advanced chamber. The high-speed impulsive noise in the plane of
planform and airfoil shapes, are limited by compromises and rotation for this rotor blade has been examined using several
are unable to adapt to a changing flowfield. different Euler codes, either directly or coupled with acoustic

3.1 Concept propagation codes 8-19,22-23,28-29,31 -3. Similar results
have been obtained for more complex geometries 1 9 ,2 3 , over

The concept for a dynamically twisting rotor, shown in figure a range of tip Mach numbers 19 ,'3,3 , and also out of the
3, is to embed spanwise sensors that indicate the spanwise plane of rotation23.
loading time history. Simple linear theory is then used to
predict the twisting motion required to offset the previously The high-speed impulsive noise of this model rotor in hover
measured fluctuating loads. The dynamic twist is applied is calculated with the collective angle of the rotors set to zero
using piezo-ceramic actuators. The application of feedback degrees in order to minimize the effects of lift. The TURNS
each blade passage reduces the fluctuating loads and resulting code is run in Euler mode on grids that consist of 133 points
acoustics to low levels within a few blade passages. In in the wrap-around direction with 97 points on the blade
addition, the incorporation of feedback allows the twisting surface, 45 points in the spanwise direction with 17 points
motion to adapt to the flowfield as it slowly changes with on the blade surface and 31 points in the normal direction.
time. The advantage of such a method is that no information Figure 5 shows pressure contours in the plane of the rotor for
concerning the wake geometry or vortex strengths are the UH-IH rotor blade, without twist, at a tip Mach number of
required, only the measured surface aerodynamics as a result of 0.90. The disturbance is seen to lie in a small region in the
the interactions. Furthermore, the noise is attacked at the vicinity of the linear characteristic curve. Figure 6 shows a
source of generation. comparison with experiment of the pressure time histories in

the plane of the rotor at the sonic cylinder and 3.09 rotor
radii. The agreement with experiment is excellent. This

3.2 Model Problem agreement with experiment is maintained all the way up to a

In order to test this concept, the TURNS code is used to tip Mach number of one32.

simulate the nonlinear, compressible aerodynamics of an Figure 7 shows the comparison of the same data from
isolated vortex interacting with an arbitrarily pitching airfoil experiment, direct Euler results, Euler coupled with a
as shown in figure 4. First, the lift time history is calculated Kirchhoff code, linear thickness noise, and Euler coupled with
for the baseline case with no pitching motion. Quasi-steady linear acoustic analogy. Since the Kirchhoff surface is
aerodynamics is used to determine the relationship between located at a cylinder of 1.277 rotor radii, it includes the
the measured lift and the pitching motion that would be nonlinear region of the flowfield, and the agreement with
required to offset it: experiment and the direct Euler calculation is excellent. Even

for cases where the flowfield is strongly delocalized it appears
C= 27r a+-b that the contributions from Lighthill stress in the region

[. more than one or two chords outside of the sonic cylinder is
negligible. The placing of the Kirchhoff surface at

approximately 1.25 rotor radii is optimal for including the
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important nonlinearities while minimizing cost. As a result, When the advancing tip Mach number is increased to 0.896
minimal additional computational resources are needed to the flow is much more nonlinear. The supersonic pocket
compute the complete aeroacoustic flowfield as opposed to begins to form around ' = 50%, reaches its greatest extent
just the aerodynamic flowfield. The disagreement of the around T = 105" and disappears around T = 160'. The
linear acoustic analogy results with experiment indicates the supersonic pocket extends off of the blade tip, but the
importance of off-blade nonlinear effects. Although this computations never show the flow to be delocalized. As a
disagreement diminishes with decreasing tip Mach number result the agreement with experiment is less satisfactory 3 2 .
and as one leaves the plane of rotation, some disagreement Although the simplification of no twist and no pitching
between linear and nonlinear predictions is still seen for tip motion might explain some of the discrepancies, it is also
Mach numbers as low as 0.6 and 20 degrees out of the plane ofrotation23" possible that excessive numerical smearing may occur as the

Euler code propagates the disturbance to the far-field. In

If a nonlinear acoustic analogy method is used by including comparison with the flow in hover, the flow is now unsteady
the quadrupole terms in the flowfield 2 9 , the agreement with and the grid is not always exactly aligned with the shock at
experiment is very good as shown in figure 8. The all times. Thus, additional improvements in time accuracy
improvement when compared to results from transonic small and high-order uniform spatial accuracy should be
disturbance is due to a more accurate prediction of the shock investigated. More recently, Strawn and Biswas 2 7 coupled
geometry as well as its strength 3 3 . TURNS with a translating Kirchhoff code with slightly

improved results in the far-field.

4.2 HSI Noise in Forward Flight

Results in this section are displayed for the OLS rotor blade of 4.3 BYI Noise of Isolated Vortex Interaction

an AH-1 helicopter. The maximum thickness of the airfoil The rotor modeled is the NACA 0012 rotor with a rectangular
cross- section is 9.71 percent of chord and the aspect ratio of planform and an aspect ratio of 7.125 and no twist used in the
the blade is 9.22. Acoustic data has been obtained for full- experiments of Caradonna et al. Initially the pressure
scale OLS blades in flight test by the in-flight technique instrumented rotor was tested in the Army AFDD 7x10 wind
developed by the U. S. Army Aeroflightdynamics tunnel to measure the aerodynamics of the interaction 3 6 .
Directorate 3 4 and for a 1/7th scale model of the rotor in the Recently, the same rotor was tested in the Ames 80x120 wind
open-jet anechoic test section of the Deutsch- tunnel with microphones placed on the retreating blade side
Niederlaendischer Windkanal (DNW) 3 5 . The high-speed in order to simultaneously measure the aeroacoustics 3 7 . A
impulsive noise in the plane of rotation for this rotor blade schematic of the test is shown in figure 11. The particular
has been examined using the TURNS code both directly 3 2 and test conditions used in this sample result are a hover tip Mach
coupled to a Kirchhoff code2 7 . number of 0.713 and an advance ratio of 0.197. The rotor is

Once again, to minimize the effects of lift, the high-speed run at zero degrees collective. Thus, the blade generates zero

impulsive noise in forward flight is calculated for a modified thrust in the absence of the vortex. The vortex has a strength

OLS blade, without twist, at a collective angle of zero degrees of 1.218 (non-dimensionalized with the free-stream velocity

and without cyclical pitch. The TURNS code is run in Euler and the chord of the rotor) and passes a quarter chord below

mode for a hover tip Mach number of 0.664 and an advance the plane of the rotor at a blade azimuth of 180 degrees. The
vortex was generated by a wing placed directly upstream ofratio of 0.258 (advancing tip Mach number of 0.837) on a

grid that consists of 97 points in the wrap-around direction the center of rotation: resulting in the parallel interaction at a

with 75 points on the blade surface, 55 points in the blade azimuth of 180 degrees.

spanwise direction with 19 points on the blade surface and 31 The blade-vortex interaction noise from the interaction of an
points in the normal direction. A supersonic pocket begins isolated vortex with a rotor blade in forward flight is
to form around ' = 70* and reaches its greatest extent around calculated using the above numerical procedure to determine
T = 105". However, the supersonic pocket does not extend the feasibility of such a method for directly calculating the
off of the blade tip 3 2 . By T = 135' the shock has initial nonlinear formation and propagation of BVI noise.
disappeared. Figure 9 shows the pressure time histories at The grid consists of 169x45x57 points with 121x23 points
three positions in the plane of the rotor at 3.44 rotor radii, on the blade surface. A time step of 0.2 degrees is used along
The agreement with experiment is excellent. The predicted with 4 newton-type subiterations. Two calculations are
negative peak pressure of 66 Pa directly upstream of the performed: the aerodynamic and acoustic field around the
center of rotation compares with a linear theory prediction of isolated rotor without the vortex interaction and with the
only 45 Pa2 8 . vortex interaction.

Since the solution is obtained at every point in the The calculated surface pressures are in good agreement with
computational domain detailed contour plots can be obtained, available experimental data. The lift on the 3-D rotor blade-
In figure 10 contour plots of the logl0 of the absolute value vortex interaction is less than for 2-D airfoil interactions
of the negative peak pressure are plotted in the plane of the with the same dimensionless parameters. This is due to 3-D
rotor. The dark thick solid line on the advancing side tip loss effects as well as to the reduction in the interaction
represents a peak negative pressure of 100 Pa. The maximum due to the resulting tip vortex. The finite span seems to cause
of this pressure peak clearly occurs upstream of the advancing a faster rise in the lift during the vortex interaction and a
side of the rotor disc, dropping off fairly sharply to the sides faster relaxation of the flowfield after the vortex encounter 2 1 .
of the rotor.



33-6

Pressure Contours Inboard of tip. The pressure disturbance Figure 15 plots the lift pressure disturbance contours at the
contours at the 88% of span location are shown in figure 12 same r/R = 1.125 radial location for three later times: blade
for a blade azimuthal location of 1850. At this location the azimuths of 1900, 195' and 2000. As the pressure disturbance
vortex is located approximately one-quarter chord under the propagates outward from the vortex it actually increases in
three-quarter chord of the rotor section. The first plot shows strength. This is due to the increase in contribution from the
the instantaneous pressure disturbance: (p-p-)/p-. This will more inboard part of the blade. The pulse that originated near
be called the total pressure disturbance. The second plot the trailing edge of the rotor blade seems to be much weaker at
shows the pressure disturbance due to thickness noise and any this radial station.
high-speed impulsive (for the same case but without the A preliminary examination of the data further outboard 2 1
vortex interaction): (Pw/o vortex-Poo)/Poo. This will be called seems to indicate that a Kirchhoff surface could be used at
the thickness pressure disturbance. The last plot shows the approximately 1.25 rotor radii from the center of rotation.
difference between these two cases and thus highlights the However, additional grid points and/or improved CFD
noise due to the fluctuating lift: (P-Pw/o vortex)/P-. This algorithms are most likely needed to provide an accurate
will be called the lift pressure disturbance, solution at this surface for input to a Kirchhoff code.

It is not surprising that the effect of the vortex interaction is Confidence in the quantitative prediction of the noise from an
more clearly seen in the bottom plot, since it removes the isolated BVI awaits a detailed comparison with experiment.
effects of the blade thickness. Note that in all of these plots
the contour intervals are 0.0005 of the free stream pressure.
Strong pulses have just left the upper and lower leading edge 4.4 Noise Reduction

surfaces and started to propagate outward. The acoustic pulse In order to test the concept of a dynamically twisting rotor
is somewhat anti-symmetric with respect to the airfoil mean blade for BVI noise reduction, baseline cases for a NACA0012
chord line. The pressure pulse from the upper surface consists airfoil interacting with a vortex of non-dimensional strength
of a compression-expansion-compression wave. The initial of 0.2 are computed using a two-dimensional version of the
expansion wave is very steep. The pressure pulse from the TURNS code. The vortex core size is 0.05 chords and it
lower surface consists of an expansion-compression- passes 0.26 chords underneath the airfoil. The grid consists
expansion wave. The peak pulses appear to occur of 133x31 points with 97 points on the airfoil surface. A
approximately 450 degrees above and below the plane of the non-dimensional time step of 0.025 is used along with 3
vortex. newton-type subiterations. The vortex passes underneath the

Figure 13 plots the lift pressure disturbance contours at the airfoil quarter-chord when Xv = 0.0. Two cases are examined:

same radial location for three later times: blade azimuths of subsonic (M- = 0.5) and transonic (M-0 = 0.8). The lift time
1900, 1950 and 2000. The pressure disturbance is clearly seen histories for both cases are shown in figure 16. The lift time
to be propagating outward with it's center at the vortex core. histories are similar except for the delayed positive peak for
Since the plots are fixed with respect to the blade, the vortex the transonic case, due to the strong compressibility effects

core is visible in these plots as the disturbance that is slowly and shock motion.
convecting away from the blade trailing edge. By the time The resulting pitching motion calculated for two applications
that the blade reaches 2000, the acoustic wave has started to of feedback are shown for the subsonic case in figure 17. The
reach the coarser portion of the grid and is starting to become maximum pitching angle is only on the order of one to two
distorted and attenuated. The contour intervals seem to degrees. However, the pitching motion is very fast. The
indicate that the strength of the acoustic pulse is starting to resulting lift time histories for the two applications of
fall like l/R, as it should in the far-field. In addition to the feedback are shown in figure 18. After the first application of
pulse that originated at the leading edge, and additional pulse a pitching motion the fluctuating lift is greatly reduced. The
is seen to originate near the trailing edge of the rotor as the second application of a refined pitching motion further
vortex passes underneath. However, this wave is much reduces the fluctuating lift to a level one-fifth of the original
weaker than the first wave. with no pitching motion. The time derivative of the lift time

Pressure Contours Outboard of tip. The pressure disturbance history, plotted in figure 19, will be approximately
contours at a radial location of r/R = 1.125 are shown in proportional to the far-field noise for a compact source. This
figure 14 for a blade azimuthal location of 1850. Again the figure demonstrates that the BVI noise will be reduced by

three plots show the total pressure disturbance, the pressure almost an order of magnitude (or 20dB) after just two blade

disturbance due to the thickness of the blade, and the lift passages. For the transonic case the pitching motion is very

pressure disturbance. Note that in these plots the contour similar to that for the subsonic case. However, the simple
interval is reduced to 0.00025 of the free stream pressure, half quasi-static aerodynamics is not as effective of a controller

of that used in the earlier contour plots. At this radial for the transonic case. However, the time derivative of the
location the noise due to the thickness of the blade is much lift time history is still reduced by almost a factor of two, as

smaller. The pressure disturbance due to the vortex shown in figure 20.
interaction is clearly visible. Since the radial location is The penalty to be paid for the decreased fluctuating loads and
almost one chord past the tip of the rotor, it is not surprising flapping vibrations is the increased moments as shown in
that the lift pressure disturbance has not propagated out as far figures 21 and 22. The change in the pitching moments are
from the vortex core as it did for the inboard location, due to the large pitching rates mentioned previously. This is

not as dramatic for the transonic case due to the decreased
shock motion.
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These figures illustrate the suitability of Euler solvers to The author would especially like to thank Vasudev
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Fig 1. Grid in the plane of the rotor (every other line shown).

a) Sonic Cylinder. b) rIR=3.09.

Fig 2. Grid in the cylindrical plane perpendicular to the plane of rotor (every other line shown).
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Fig 3. Schematic of a dynamically twisting Fig 4. Schematic of an isolated vortex
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Fig 5. Pressure contours in the plane of the rotor at MH= 0.90 for untwisted UH-1H using TURNS
code (contour interval = 2500 Pascal near the blade, 200 Pascal away from the blade)
(Ref. 23).
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Fig 6. Comparison of Euler solution with experiment of pressure time histories in the plane of
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Fig 7. Comparison of the predicted pressure Fig 8. Time history in-plane at r/R = 3.09 for
time histories in the plane of the rotor an untwisted UH-1H blade in hover,
at 3.09 rotor radii for untwisted UH-1H MTIP = 0.90 calculated using Euler
for three methods at MH = 0.90 (Ref. inputs to nonlinear acoustic analogy
23). code (Ref. 29).
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Noise is now becoming a serious concern early in the
1. ABSTRACT design process rather than a problem to be corrected

during the production stages, since in order to comply
A comprehensive review of the use of Kirchhoff s with FAA rules, aircraft manufacturers must have very

method in rotorcraft aeroacoustics is given. Kirchhoff s good estimates of the detailed noise characteristics of
integral formulation allows radiating sound to be the proposed aircraft. If rotorcrafts are to be considered
evaluated based on quantities on an arbitrary control as widely accepted, mature military and civilian
surface S if the wave equation is assumed outside. The vehicles, the new generation has to be quieter than its
control surface S is assumed to include all the predecessors. A recent review of the current status and
nonlinear flow effects and noise sources. Thus only the future direction of helicopter noise and tilt-rotor
surface integrals are needed for the calculation of the aircraft noise is given by Brentner and Farassat [11 and
far-field sound. A numerical CFD method can be used George et al. [2], respectively. Among the several
for the evaluation of the flow-field solution in the types of helicopter and tilt rotor aircraft noise,
near-field and thus on surface S. Kirchhoffs integral impulsive noise is the loudest and the most annoying.
formulation has been extended to an arbitrary, moving, There are two kinds of impulsive noise: blade-vortex
deformable piecewise-continuous surface. The interaction noise (BVI), and high-speed impulsive
available Kirchhoff formulations are reviewed and noise (HSI).
various rotorcraft aeroacoustic applications are given.
The relative merits of Kirchhoff's method are also Both theoretical and experimental studies are being
discussed, conducted to understand the basic noise mechanisms.

Flight-test or wind-tunnel test programs can be used,
2. INTRODUCTION but in either case difficulties are encountered such as

high expense, safety risks, and atmospheric variability,
Flow-generated sound has been familiar to man for as well as reflection problems for wind tunnel tests.

centuries. However, very little study of the As the available computational power increases
mechanisms governing these sounds was done until numerical techniques are becoming more and more
after World War IL In recent years the increasing use of appealing. Although complete noise models have not
helicopter and the projected use of tilt-rotor aircraft yet been developed, numerical simulations with a
have drawn attention to the noise that they generate. proper model are increasingly being employed for the

prediction of aerodynamic noise because they are low
cost and efficient. This research has led to the

Presented at the AGARD 75th Fluid Dynamics Panel emergence of a new field: Computational
Meeting and Symposium on Aerodynamics and Aeroacoustics (CAA). A recent review of the status of
Aeroacoustics of Rotorcraft, Berlin, Germany, Oct. 1994. CAA is given by Hardin and Hussaini [3].

Paper presented at the AGARD FDP Symposium on "Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin, Germany from 10-13 October 1994 and published in CP-552.
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CAA is concerned with the prediction of the quantities on an arbitrary control surface S, when the
aerodynamic sound source and the transmission of the linear wave equation is assumed valid outside the
generated sound starting from the time-dependent control surface. Thus only surface integrals are needed
governing equations. The full, time-dependent, and the dimension of the problem is reduced by one
compressible Navier-Stokes equations describe these (compared to acoustic analogy). The control surface S
phenomena. Although recent advances in is assumed to include all the nonlinear flow effects and
Computational Fluid Dynamics (CFD) and in noise sources. A numerical CFD method can be used
computer technology have made first-principles CAA for the evaluation of the flow-field solution in the
plausible, direct extension of current CFD technology near-field and on control surface S. The method has
to CAA requires addressing several technical been extended for an arbitrary moving deformable
difficulties in the prediction of both the sound surface (e. g. Farassat and Myers [6]) and to include
generation and its transmission. some nonlinear effects [7, 8]. A numerical method

can be used for the evaluation of the flow-field
Once the sound source is predicted, several solution in the near field and on surface S. The

approaches can be used to describe its propagation. method has been used for 2-D BVI noise [9-121, 3-D

The obvious strategy is to extend the computational BVI noise [13, 14] and HSI noise [15-20]. The above

domain for the full, nonlinear Navier-Stokes equations method can also be used in other acoustic problems,

far enough to include the location where the sound is such as propeller noise, fan noise, jet noise, etc. A

to be calculated. However, if the objective is to recent review of the uses of Kirchhoff s method in

calculate the far-field sound, this direct approach aeroacoustics can be found in reference [21].

requires prohibitive computer storage and leads to
unrealistic CPU times. The best solution seems to be In this paper we are going to discuss briefly the

the separation of the computation into two domains, various methods of analysis for rotorcraft
one describing the nonlinear generation of sound, and aeroacoustics, i.e. full flow field CFD solution,

the other describing the linear propagation of sound. acoustic analogy and Kirchhoff's method. Then the
application of the Kirchhoff formulations for various

There are several alternatives to describing the rotorcraft acoustic applications will be reviewed. The

sound propagation once the source has been identified, relative merits of Kirchhoff's method versus other

the first of which is the acoustic analogy. In this methods will also be discussed.

method the governing Navier-Stokes equations
(assumed to be valid in the source region) are
rearranged to be in wave-type form (i.e. acoustic 3. METHODS OF COMPUTATIONAL
analogy, Lighthill [4], Ffocws Williams, Hawkings AEROACOUSTIC ROTORCRAFT
[5]). The far-field sound pressure is then given in ANALYSIS
terms of a volume integral over the domain containing
the sound source, especially when quadrupole sources Sound can be considered as the propagating part of
are present. However, the volume integrals required the entire flow-field. In a few cases the radiated sound
lead to computational problems. can be found by solving the entire flow field. In most

cases of practical interest one cannot find a full
Another method is to use a CFD near-field solution numerical solution everywhere in the flow because of

plus a linearized Euler's equation. This method starts diffusion and dispersion errors caused by increasing
from the numerical calculation of the nonlinear near- mesh size in the far-field. In addition, the acoustic
and mid-field while the far-field is found from a fluctuations are usually quite small (about three to five
linearized Euler solution. This method seems to have orders of magnitude less than the flow fluctuations).

very good potential, however the solution still has to Thus, it is often advantageous, or even necessary, to

be found in the far-field numerically. Far-field mesh develop ways of determining the far-field noise from
spacing, diffusion and dispersion errors have to be near-field solutions. To do so the computation is
adequately resolved. This method has not yet been used separated into two domains, one describing the
in rotorcraft aeroacoustics and will not be discussed nonlinear generation of sound, the other describing the
further here. linear propagation of sound.

The final alternative is Kirchhoff's method, that is The main approaches used to find the far-field noise
a nonlinear CFD solution plus Kirchhoffs integral for can be classified as follows:
the far-field. A Kirchhoffs integral formulation
allows the radiating sound to be evaluated based on 1) Full Flow-Field CFD: This is a calculation of

the full nonlinear flow field using CFD including far-
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field waves. However, since the dissipation and the surfaces. Thus, many investigators (e. g. Tadghighi
dispersion properties of traditional CFD numerical et al., [31]) use near-field data only on the blade
schemes tend to damp the acoustic oscillations or surface, a method that cannot be used in the transonic
sometimes generate artificial disturbances, high-order cases, since the effects of shocks are not accounted for.
of accuracy schemes and grid refinement strategies are Near-field data can be evaluated either from
employed. An example of an application of CFD experiments, or from CFD computations. However,
techniques for the calculation of radiating waves from Baeder et al. [17] showed that for HSI noise this
transonic blade-vortex interactions (BVI) is given by method is not accurate for tip Mach numbers as low as
Baeder et aL [22, 23]. The high-speed impulsive (HSI) 0.7. Farassat and Tadghighi [32] have tried to
noise was also investigated by Baeder et al. [24-26, 17] simplify the formulation of the shock related noise and
using the same technique. Various levels of apply it in some special cases (e. g. Tadghighi et aL,
approximation (i. e. small disturbance, Euler and [33]). However, we feel that there are still substantial
Navier Stokes equations) were used. However, in order difficulties preventing the wide use of their
to numerically resolve the details of the acoustic three- formulation. Many examples of the applications of
dimensional far-field, a very fine mesh should be used, acoustic analogy in helicopter aeroacoustics are given
which makes these computations somewhat by Brentmer and Farassat [1].
impractical, even with today's powerful
supercomputers. Furthermore, because the acoustic 3) Kirchhoff Method: CFD Near-field Plus
fluctuations are usually quite small, the use of a Kirchhoff Integral Formulation. This is a calculation
nonlinear equation (e. g. Euler, Navier Stokes) could of the nonlinear near- and mid-field using CFD
result in errors (Stoker and Smith, [27]). techniques with the far-field solutions found from a

linear Kirchhoff formulation evaluated on a control
2) Acoustic Analogy: This is a nonlinear near-field surface S surrounding the nonlinear-field. The control

CFD calculation plus the application of an integral surface S is assumed to include all the nonlinear flow
equation (e. g. Lighthill, [4]) for the far-field. In the effects and noise sources. The full nonlinear equations
acoustic analogy, the governing Navier-Stokes are solved in the first region (near-field), using CFD
equations are rearranged to be in wave-type form. The techniques, and a surface integral of the solution over
far-field sound pressure is then given in terms of a the control surface gives enough information for the
volume integral using second derivatives over the analytical calculation in the second region (far-field).
domain containing the sound source. It should be noted This method provides an adequate matching between
that the sound sources (in the absence of solid bodies) the aerodynamic nonlinear near-field and the acoustic
are quadrupoles due to turbulence and/or shock waves linear far-field. The advantage of the method is that
including refraction and diffraction of the sound field, the surface integrals and the first derivatives needed can
In the presence of solid bodies more terms representing be easily evaluated from the near-field numerical data;
monopoles (e. g. expanding sphere) and dipoles (i. e. full diffraction and focusing effects are included while
unsteady force) should be added to Lighthill's formula eliminating the propagation of the reactive near-field.
to construct the Ffowcs-Williams Hawkings equation The method is simple and accurate as it accounts for
(Ffowcs-Williams and Hawkings, [5]). All integrals the nonlinear shock-related noise in the far-field and is
are evaluated in the retarded (emission) time. The the method that we go on to investigate further in this
monopole and dipole terms are easy to evaluate, paper.
because they are surface integrals over the body
surface. The nonlinear near- and mid-field can be
evaluated using CFD techniques. Experimental data 4. KIRCHHOFF'S METHOD
can also be used when available. The far-field is found
from a linear Green's function formulation evaluated in 4.1 Introduction
terms of surface and volume integrals over the retarded Kirchhoff's method is an innovative approach to
time transformations of the near- and mid-field flow noise problems which takes advantage of the
and body surfaces. WOPWOP [28] and RAPP [29] are mathematical similarities between the aeroacoustic and
production codes based on acoustic analogy (Farassat's electrodynamic equations. The considerable body of
formulation 1A [30]) and are widely used by NASA theoretical knowledge regarding electrodynamic field
and the U. S. rotorcraft industry. The major solutions can be utilized to arrive at the solution of
difficulty with the acoustic analogy is the evaluation difficult noise problems.
of the quadrupole term which requires a volume
integral evaluation. In transonic flow there are Kirchhoffs formula was first published in 1882
substantial difficulties in including the nonlinear although primarily used in the theory of diffraction of
quadrupole term (which requires second derivatives) in light and in other electromagnetic problems, it has
the volume integrals, especially around moving shock
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also many applications in studies of acoustic wave panel and lifting surface methods depending on the
propagation (e. g. Pierce, (34]). The classical representation of the surface of the body. The method
Kirchhoff formulation is limited to a stationary was extended to a rotating surface (e. g. helicopter
surface. Morgans [35] derived a Kirchhoff formula for rotor) by Morino et al. [44] and finally to surface
a moving surface (i. e. the interior region of an moving in an arbitrary motion Morino et al. [45-46].
expanding sphere) using the Green's function approach. Their formulation is based on the velocity potential 0,
However, his analysis was lengthy and complicated, but this is not a limitation, since pressure p can be
There has been some disagreement about the found using Bernoulli's theorem. It should be noted
correctness of Morgans' final result. Ffowcs Williams that Morino's formulations were derived with
and Hawkings [5] and Hawkings (361 claim that there aerodynamic applications in mind. However, they can
is an "error" in the final formula, whereas Farassat and be used in rotorcraft aeroacoustics, as well (e. g.
Myers [6, 37] claim that there is only an "ambiguity" Lyrintzis and George [10], Xue and Lyrintzis, [13]).
in the final result and it is clear from the derivation
that Morgans was very much aware of the details that In the remaining parts of the paper, we are going to
caused it. Munro [38] also agrees that Morgans' show some typical Kirchhoff formulations and discuss
formula is correct. some rotorcraft aeroacoustic applications.

Khromov [391 presented another extended Kirchhoff 4.2 Theoretical Development of Typical
formulation. He converted the wave equation into a Kirchhoff Formulations
Laplace equation by introducing an imaginary part for In all subsequent formulations we will make the
the time variable. However, this novel approach is assumption of a rigid (i. e. not deformable) surface S,
counter-intuitive and led to an error early in the for simplicity. We will attempt to unify the
derivation as pointed out by Ffowcs Williams and nomenclature so the formulations will be easier to
Hawkings [3] and shown by Farassat and Myers [37]. compare. It should be noted that there is a sign

difference in the definition of distance r between
Generalized functions can also be used for the Morino and Tseng [46] and Farassat and Myers [6] that

derivation of an extended Kirchhoff formulation. A causes a sign difference in their final formulas. The
field function is defined to be identical to the real flow reader is referred to the original references for the exact
quantity outside a control surface S and zero inside, formulations, detailed assumptions and derivations.
The discontinuities of the field function across the
control surface S are taken as acoustic sources, 4.2.1 Stationary Surface
represented by generalized functions. Ffowcs Williams A Kirchhoff's surface S (Figure 1) is assumed to
and Hawkings [5] derived an extended Kirchhoff enclose all the nonlinear effects and sound sources.
formulation for sound generation from a vibrating Outside this surface the acoustic flow field is linear and
surface in arbitrary motion. However, in their is governed by the wave equation. Let 0 be a quantity
formulation the partial derivatives were taken with satisfying the wave equation (i. e. pressure,
respect to the observation coordinates and time and that (disturbance) velocity potential) in the exterior of
is difficult to use in numerical computations. Farassat surface S:
and Myers [6] derived an extended Kirchhoff
formulation for a moving, deformable, piecewise 1 a2 s 724 = 0 (1)
smooth surface. The same partial derivatives were c 2 5t2

taken with respect to the source coordinates and time.
Thus their formulation is easier to use in numerical 4) and its first derivatives (i. e. d4/Iat, ?ADi/n) should
computations and their relatively simple derivation be continuous outside surface S.
shows the power of generalized function analysis. c is the speed of sound at ambient conditions.

In Morino's formulation, a Green's function approachMorino and his co-workers have also developed is used to derive a representation for the solution of the

various extended Kirchhoff formulations. Morino [40- i sdt eiearpeetto o h ouino h
43] derived an extended Kirchhoffs formulation for the convective wave equation in terms of the surface

special case when control surface S moves in uniform pressure and its derivatives. The Green function is a

translation with respect to the undisturbed air. He used solution of the equation

the Green's function approach. The method is suitable I
for airplane aerodynamics and became the basis of V2 . 1 (-t) =
direct panel methods which are widely used for the c2  G = 8(x-x', y-y, z-z', t-') (2)

evaluation of aerodynamic loads in aircraft design.
Subsequently, the more general term "boundary- where 5 is the Dirac delta function. The observer
element method" was introduced a term that covers location is x=(x, y, z, t) and y=(x', y', z', C') is the
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source. (Superscript ' is used to denote the source
position.) G must satisfy the casuality condition for 4.2.2 Uniformly Subsonically Moving
hyperbolic equations: Surface

Now the outside flow is governed by the convective

G 0 fort<r. (3) wave equation
at

VZ, la + a 2
The solution for the above equation for the subsonic C2- 2 t) 0 (7)
case is given by

where U** is the uniform velocity of the control

G = - - t+ ' (4) surface S. If U** is zero, the above equation reduces to
the simple wave equation. If U. is a subsonic speed,

where r' is the retarded (emission) time and r is the the solution for the Green's function becomes:

time delay (r/c) between emission and detection 8- T,-t+ )

r 41rro

c where subscript o denotes evaluation at the Prandtl-

The classical Kirchhoff formulation for a stationary Glauret transformation:

control surface S (figure 1) can be written as (e. g.
Pierce, [33]) Xo= x, Yo= P3y, zo = 3z. (9)

Thus the distance between the observer and the surface
4Ox) r Ia 1 a' 01 dS point in Prandtl-Glauret coordinates is

r2 an Tn"f [c ro = {(x - x2)2 + p2 [(y- y)2 + (z- z') 2]}1/2  (10)

where: The time delay -c is still uniquely defined for this

[ ],, denotes evaluation in the retarded (emission) time, case. The physical meaning of the time delay r can be
explained using figure 2. 0 is the observation point

e.g. [ ] = (y, t -rfc] and P is the source point. Po is the source point at
(x, t) and (y, "r' are the space-time variables of the the time of the emission. The time delay now
observer and the source (surface), respectively, becomes:
r is the distance between observer and source: r = Ix -
yl; [ro - M.(x - x')]
it should be noted that cos 0 = ar/an where 0 is the [ - M x2 (11)
angle between the normal vector on the surface n c
(pointing out) and the radiation direction r = x - y.where M. is the free strear Mach number and:

Equation (6) is an integral representation of (D at
points exterior to S in terms of information prescribed = - M)12 (12)
on the control surface S. It can be used for the
computation of noise at an arbitrary point, if the After some algebra, D can be expressed in terms of
solution is known on surface S. The numerical suface integrals (see Morino [42], equation 3.15):
simulations can provide 0 and its normal and time
derivative. It should be noted that the first term has an r Ia
1/r2 dependence with distance r and it is not significant 4w4)(x,t)= = L•ar° 13
in the far-field. Furthermore, for the observer on or ano "ro ano+
inside the surface, 4D equals zero. In fact, if the
observer is on the surface, equation (1) is an integral ao
equation for 0 on S. This is the basis of modem I ao( (__ M*. axc j
boundary-element methods (e. g. Morino, [40, 41]). croI3 2 aT an' - " a,I S (

This also shows that 4D, aar, and a41an are not o

independent on the surface S.
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where subscript o denotes the transformed variable, (e. Mn
g. no is the outward pointing vector normal to the E= (M2 - 1) + MnMt V'(D - Mn(D +
surface SO) and all the values are calculated at the
retarded time. It can be easily checked that equation
(13) reduces to equation (6) when U. is zero. The 1 -(n

formulation can be readily extended to a uniformly c(1Mr) Mr - riM) 4) + Mn)4)] +
supersinically moving surface (Morino [42]. In this
case there are two retarded times and subscript t in 1 [r(7
equation (6) denotes contribution from both. c(1.Mr)2  arn (17)

4.2.3 Arbitrarily Moving Kirchhoff Surface l-M 2  (8
The formulation for an arbitrary, subsonically- E2 - (1-Mr)2 (n " Mn) (18)

moving, rigid Kirchhoff's surface (e. g. Farassat and
Myers, [6]) can be written as: Here the dot over M and n denotes derivative with

respect to source time. In addition:

47t4)(x,t) f [ (a4) + Mn a.
x r(1-Mr) r(1-Mr) an c " a A nAA

rMr r nr=nr, M M

1 atrar/an- Mn, Mn , 
(14)

c(1-Mr) T - ) ) dS (14)nM=n- M n = a) x n"t
A

where y and r are now a functions of time: y(j'), r(r'), where: r = r / r, V' is the surface gradient operator,

Mr is the Mach number in the direction of wave and e) is the angular velocity of surface S (S is

propagation from the source to the observer: Mr = v-r assumed rigid).

/ r c (v is the local source-surface velocity v= ay/aýt), The simplified expression for E2 was given by
Mn is the local normal Mach number on S: vn/c. (vn Myers and Hausmann [47]. In the original paper of
is the local normal velocity of S with respect to the Farassat and Myers [6] a more complicated formula for
undisturbed medium). All the quantities are also
evaluated for the retarded (emission) time which now is E2 is given. Simplified expressions for E1 and E2 for

the root t of the equation a rigid surface in uniform rectilinear motion were
given by Myers and Hausmann [48].

",r-t+r(r)/c =0 (15) The above formulation is valid when the observer

This equation has a single root for the subsonic case. is stationary and the surface is moving at an arbitrary

Note that for the steady surface: r' = t-r/c. For subsonic speed. However, for the case of an advancing

complicated motions, equation (15) has to be solved rotating blade the observer is usually moving with the

numerically (e. g. Newton-Raphson technique). The free flow speed (e. g. helicopter rotor in a wind tunnel

normal and the time derivatives of (), i. e. GltD/k, and with a free stream not equal to zero). The formulation

a4/an, are taken with respect to source coordinates and can be adjusted for this case by allowing the observer

time which makes the formula easy to apply in to move with the free stream instead of being

computations. stationary in the equation (15) of the retarded time. In
fact for the case of a uniformly moving surface, we

It should be noted that the time derivative in the started from equation (16) and derived Morino's

lastter ofequtio (1) cn beevauatd aalyicalyformula (equation 13) for a uniformly moving surface
last term of equation (14) can be evaluated analytically, and moving observer at the same speed.so equation (15) can be written as:

In Farassat's formulation the Kirchhoff surface is

IF El 4)E2 1assumed to be moving subsonically. Extension to
4Sr4)(xt)=J r(I-Mr) + r 2(1-Mr) dS (16) supersonically-moving surfaces can be made, but the

S analysis becomes lengthy and complicated and the

where complete form of the formulation has not yet been
published, but it is now developed (Farassat and
Myers, [49]).
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Morino's formulation for an arbitrarily moving 4.3 Applications and Numerical Techniques
surface (e.g., Morino and Tseng [46]) can be written as Kirchhoff's formula has been extensively used in

light diffraction and other electromagnetic problems,
f [aerodynamic problems, i. e. boundary-elements (e. g.

4r( -y,,,( =-(- • 1 1 a2) Morino and Tseng [46]), as well as in problems of
f S [- Wr(l-Mr)) r(1-Mr) arr wave propagation in acoustics (e. g. Pierce [34]).

Kirchhofrs integral formulation has been used
extensively for the prediction of acoustic radiation in

)]v terms of quantities on boundary surfaces (the Kirchhoff
+ 1- _" dS (19) control surface coincides with the body). Kirchhoff's

(bMr) drr c method has also been used for the computation of

acoustic scattering from rigid bodies
wr i v-V' (20) However, we feel the main power of Kirchhoffs

where: 3-an c2  formulation is to extend near-field aeroacoustic

calculations to the far-field for nonlinear problems (e.
n= -n-V _-! d (21) g. transonic flow). The nonlinear aerodynamic near-

S c2 dr field can be evaluated using CFD techniques. This
idea of matching between a nonlinear aerodynamic

Superscript' is used to denote the source point and ' near-field and a linear acoustic far-field was first
is still the solution of the retarded time equation (15). proposed by Hawkings [50], and has been used by

several investigators in various problems. The

Note that in equation (19) the solution is evaluated separation of the problem into linear and nonlinear
for the source (surface) coordinates, that means that the regions allows the use of the most appropriate

observer is moving with the same velocity as the numerical methodology for each. We have been

surface, whereas in equation (16) the observer is referring to this technique as the "Kirchhoff method."
stationary. The formulation of equation (16) could be
more useful for the noise in cases of a fixed observer The use of Kirchhoff's method is based on
and a moving source. However, the formulation of Kirchhoff formulations (e. g. eqs 6, 13, 16, 19). The
equation (19) could be used for a comparison check of values of the pressure (or velocity potential) and its
Kirchhoff's formulation with a CFD solution, since in normal and time derivatives on an arbitrary surface S
both techniques rotating coordinates are usually used. are enough to give the far-field radiation at any external
Equation (19) will also reduce to equation (13) for a point. The surface S is assumed to enclose all the
uniformly moving surface and to equation (6) for a nonlinear flow effects and noise sources. Pressure (or
stationary surface. It should be noted that Morino's velocity potential) and its derivatives are numerically
formulation (equation 19) can be easily extended to calculated from an aerodynamic near-field code. Since
supersonically moving surfaces (Morino and Tseng, it is assumed that the linear wave equation is valid
[46]) by just summing the values at all the retarded outside this control surface S, this surface must be
times -', whereas Farassat's formulation (equation 16) chosen large enough to include the region of nonlinear
can not be easily extended. The two formulations are behavior. However, the accuracy of the numerical
mathematically equivalent. This is easy to see for the solution is limited to the region immediately
case of a uniformly moving surface, surrounding the near-field, because of the usual

increase of mesh spacing with distance. Thus, since
Isom et al. [6-7] developed a nonlinear Kirchhoff the size of S is limited by the accuracy in the

formulation (Isom's formulation) for some special numerical solution for the mid-field, a judicious choice
cases (i. e. stationary surface at the sonic cylinder, of S is required for the effectiveness of the Kirchhoff
high frequency approximation and observer on the method. For example, Patrick et al. [51] recommend
rotation plane). They have included in their that the deviation of the velocity at S from its average
formulation some nonlinear effects using the transonic value should not be allowed to be more than 5%.
small disturbance equation. The nonlinear effects are Xue and Lyrintzis [52] relate the size of the Kirchhoff
generally accounted for with a volume integral (e. g. surface for transonic blade-vortex interactions to the
Morino and Tseng, [46]). However, they showed that transonic similarity parameter for a given vortex
for the above special cases the nonlinear effects can be strength. However, the more accurate procedure seems
reduced to a surface integral. to be the testing the wave propagation of the CFD

solution for a ray of points in order to find the
appropriate linear region and place the Kirchhoff
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surface there (e. g. references [9-10]). The results velocity is one (arbitrary units) so the vortex passes
should be independent of the placement of the below the airfoil leading edge at time T = 9.51. The
Kirchhoff surface, as long as the surface stays in the agreement between the CFD and the Kirchhoff method
linear region. Another idea, not tested yet, is to results is excellent. The Kirchhoff method was used to
substitute directly into the right-hand side of the test ideas for BVI noise reduction (Xue and Lyrintzis,
integral Kirchhoff equation and measure the difference [12]).
between the predicted (i. e. the left-hand side of the
equation) and the actual value. If the difference is low Kirchhoffs method has been applied to hover
we are in the linear region. High-Speed Impulsive (HSI) noise. Baeder et al. [17]

and Strawn et al. [18] used a stationary Kirchhoff
By making calculations with different surfaces, it surface that encloses the entire rotor. The state-of-the-

was found by Lyrintzis and George [53] that the tip art Transonic Unsteady Rotor Navier Stokes (TURNS)
surface or cylinder base contributions of the Kirchhoff code [57, 58] was used for the near-field CFD
surface have only a small effect in most cases. The calculations. An unstructured grid was used by Strawn
effect of mesh size, wave thickness, numerical or et al. [18]. Kirchhoff's method predicted the HSI hover
analytical (when available) derivatives was also studied noise very well using about half the CPU of the
by Lyrintzis [54] and Lyrintzis and George [53]. They straight CFD calculation. The results are also
used some simple analytical cases to evaluate the compared with a linear (i. e. monopole plus dipole
effects of the above factors. It should be noted that sources) acoustic analogy method (RAPP code [29]).
sometimes a finer CFD mesh is needed to resolve The acoustic analogy results were inaccurate for tip
details such as the high frequency content of the Mach numbers higher than 0.7, because of the
solution on the Kirchhoff surface S before the omission of quadrupole sources. Figure 4 shows
numerical evaluation of the surface integral. Some some typical acoustic HSI signals from Baeder et al.
simple analytical cases to demonstrate the effectiveness [17] at a distance of 3.09 rotor radii and compares with
of Kirchhoff's formulation were also performed by experiments by Purcell [59]. Results from Strawn et
Myers and Hausmann [48] and Jaeger and Korkan [55]. al. [18] are similar. The method was recently extended
Finally, Meadows and Atkins [56] tested the use of to an advancing rotor HSI noise by Strawn and Biswas
Kirchhoffs method in the evaluation of the noise due [20]. It should be noted that, detailed CFD information
to an oscillating sphere. They examined the effect of out to the stationary Kirchhoff cylinder is necessary as
the order of integration for the surface integrals and the an input. In addition, the aerodynamic input, which is
number of points per period and per wavelength in the usually in rotating blade coordinates, has to be
retarded time. transformed to stationary coordinates, a process that

introduces some errors. Since the cylinder surface is
5. ROTORCRAFT AEROCOUSTICS not included, the method seems to be well suited for
APPLICATIONS HSI noise calculations where the main signal is on the

rotor plane. However, the application of this method
The Kirchhoff method for a uniformly moving for BVI noise, where noise radiation occurs also in

surface was used in two-dimensional transonic blade- downward directions and detailed CFD information is
vortex interactions (BVI) to extend the numerically needed near the blade, is doubtful.
calculated nonlinear aerodynamic BVI results to the
linear acoustic far-field (references [9-11]). Typical Isom et al. [7], and Purcell [59, 60] used a modified
results from this application are shown in figure 3; in Kirchhoff method which also included some nonlinear
this figure the CFD solution for a two dimensional effects for a stationary surface, to calculate high-speed
transonic BVI case is compared to the Kirchhoff compressibility noise for the hover case. Results (not
solution while the unsteady transonic small shown here) show good agreement with experimental
disturbance code VTRAN2 is used for the CFD data. However, the method has several limitations,
calculations for a point P (-0.35,-0.186,0) just outside and the results do not show any distinct advantage over
the Kirchhoff surface, upstream and beneath the blade, the simple linear Kirchhoff method.
for a NACA 64A006 airfoil, Mach number M =
0.822, vortex strength Clv--0.4 , (Clv = 2r/U**c, Another Kirchhoff method used in helicopter rotor
where r is the vortex strength, U* is the free stream noise is the rotating Kirchhoff method (i. e. the surface
velocity and c is the vortex strength) yo (vortex miss rotates with the blade). The method was used for three-
distance) = -0.5, xs = 0.25,1.25, ys = ±1.8, Zs = 8 (all dimensional transonic BVI's for a hovering rotor by

distances are in chords). The vortex moves at constant Xue and Lyrintzis [13]. The near-field was calculated

speed U., (fixed vortex path). The initial vortex using the Full Potential Rotor (FPR) code. The

position is xo = -9.51 chords and the free stream rotating Kirchhoff formulation allows the Kirchhoff
surface to rotate with the blade; thus a smaller cylinder
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surface around the blade can be used. No
transformation of data is needed because the CFD input 6. CONCLUDING REMARKS
is also rotating. Since more detailed information is
utilized for the accurate prediction of the far-field noise Kirchhoffs method consists of the calculation of
this method is more efficient. We feel that the the nonlinear near- and mid-field usually numerically
rotating Kirchhoff formulation is needed for the BVI with the far-field solutions found from a linear (or
problem, since the details of the flow around the airfoil nonlinear) Kirchhoff formulation evaluated on a surface
caused by the vortex are important in determining the S surrounding the nonlinear-field. The surface S is
far-field noise. assumed to include all the nonlinear flow effects and

noise sources. The separation of the problem into
Typical results (pressure vs rotor azimuthal angle linear and nonlinear regions allows the use of the most

T') are shown in figure 5, where the CFD solution is appropriate numerical methodology for each. The
compared to the Kirchhoff solution at point advantage of this method is that the surface integrals
P(x,y,z)=(0.56,9.89,0.705 chords) just outside the and the first derivatives needed can be evaluated more
Kirchhoff surface. A rotating formulation is used for easily than the volume integrals and the second
the Kirchhoff method and the FPR is used for the CFD derivatives needed for the evaluation of the quadrupole
calculations. It should be noted that both solutions are terms when acoustic analogy is used. All near-field
in the rotating (i. e. blade fixed) coordinate system (i. complicated nonlinear effects that are necessary for far-
e. Morino's formulation, equation 19). The Kirchhoff field accurate acoustic prediction. The method is
control surface coincides with the grid lines, L= 11 is simple and accurate and accounts for the nonlinear
used in this case. The results are almost the same. quadrupole noise in the far-field. Full diffraction and
The small errors are probably due to the relatively focusing effects are included while eliminating the
coarse mesh used in the FPR calculations. The propagation of the reactive near-field. Some results
rotating Kirchhoff method (Farassat's formulation) indicative of the uses of Kirchboffs method were
compares very well with experimental results [59], as shown here, but the reader is referred to the original
shown in figure 6, where results from Purcell [59] references for further details.
(Isom's formulation [8]) are also included. FPR is
used in both cases. A 1/7 scale model of a UH-lH The use of Kirchhoffs method in rotorcraft
rotor was used experimentally; results are shown for aeroacoustics has increased substantially the last 5-10
M--0.88 and 0.90 at a distance R=3 radii. It should be years, because of the development of reliable CFD
noted that a more detailed grid resolution near the rotor methods that can be used for the evaluation of the near-
tip was used in reference [59]. However, the coarser field. A simple set of portable Kirchhoff subroutines
method used in the rotating Kirchhoff method yields can be developed to calculate the far-field noise from
satisfactory results, inputs supplied by any aerodynamic near/mid-field

code. Some issues that need to be addressed before the
The rotating Kirchhoff method was extended for an wide-spread application of Kirchhoff subroutines are

advancing rotor (Lyrintzis et al. [14]) and was applied the determination of proper Kirchhoff surface
to HSI noise (Lyrintzis et al. [19]). Typical results for placement, the choice of an adequate grid. Finally, the
an advancing BVI case are shown in figure 7, where subroutines should be extended to handle
also some experimental results are shown (Kitaplioglu supersonically moving surfaces. However, as these
and Caradonna [61]). The Mach number is 0.6 and the subroutines develop and become mature, Kirchhoffs
advance ratio is 0.2. The comparison with method may very well replace the Acoustic Analogy
experimental results is very good. method used today for acoustic problems when

nonlinear quadrupole terms are present.
A slight drawback of the rotating Kirchhoff

method is that the rotating speed of the tip of the 7. ACKNOWLEDGMENTS
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Acoustic Design of Rotor Blades Using a Genetic Algorithm

V. L. Wells*, A. Y. Han t , and W. A. Crossley t

Department of Mechanical and Aerospace Engineering
Arizona State University, Box 876106

Tempe, AZ USA 85287-6106

ABSTRACT then, that a need exists for a tool which can not only
provide a logical means for making design decisions,

A genetic algorithm coupled with a simplified acous- but which can also easily incorporate multi-objective
tic analysis was used to generate low-noise rotor and highly-complex goal functions (such as low-noise
blade designs. The model includes thickness, steady and low-weight). The genetic algorithm (GA) may
loading and blade-vortex interaction noise estimates. provide a basis for the development of such a design
The paper presents solutions for several variations in tool.
the fitness function, including thickness noise only, Computer scientists developed genetic algorithms
loading noise only, and combinations of the noise in the mid-1960's as a programming technique for
types. Preliminary results indicate that the anal- constructing computer programs[l]. The methodol-
ysis provides reasonable assessments of the noise ogy gradually found its way into other fields, par-
produced, and that genetic algorithm successfully ticularly as an optimization tool. Applications of
searches for "good" designs. The results show that, GA have only recently appeared in aerospace engi-
for a given required thrust coefficient, proper blade neering problems[2]. Significant among the advan-
design can noticeably reduce the noise produced at tages of GA is the ability to combine discrete, in-
some expense to the power requirements. teger, and continuous variables in a single optimiza-

tion problem[3]. Thus, the selection of airfoil section

1 INTRODUCTION (a discrete variable) or number of blades (an integer
variable), can be handled by the GA-based optimiza-

Conceptual design of rotor systems often relies on tion as easily as the choice of disk loading (a contin-
partially qualitative decisions made by members of uous variable). Because the genetic algorithm is not
a design team to determine important design fea- calculus-based, it can be used as a global optimizer
tures. Selection of airfoil section(s) represents one of highly-non-smooth and discontinuous functions.
example of this type of design decision-making. Such The more widely-used numerical optimization pro-
choices naturally reflect the bias, experience, and cedures cannot readily handle non-continuous vari-

personal preferences of the designer and the design ables or functions because of their reliance on the
team. Other decisions made by designers are based computation of numerical derivatives.
on complicated analytical models for the aerody- Genetic algorithms appear to have great potential
namics, dynamics, weight, and performance of the for application to rotorcraft design problems, espe-
rotor blades. Some optimization procedure, usually cially in their ability to incorporate discrete, integer,
numerical or graphical, provides a basis for the final and continuous variables. The paper discusses the
blade design. This design process can be charac- design of a rotor system using a GA-based design
terized as complex, somewhat arbitrary, and very code to find an optimal selection of the following
time-consuming. characteristics: airfoil section, blade planform (in-

These designers, who make the final decisions re- cluding taper and twist), disk loading, tip speed,
garding the geometry and operating parameters of solidity, and number of blades. The "optimal" rotor
a rotor system, rarely have experience or training is defined as that producing the lowest sound pres-
in the field of acoustics, nor is acoustic calculation, sure -level as measured during a descent maneuver.
other than the observation of a few "rules of thumb," A thrust constraint is imposed on the rotor system,
generally included in the analytical evaluation per- but the value of power required is unrestricted. In
formed during the conceptual design process. Con- this way, the exercise clearly shows the trade-off be-
sequently, one of the more important attributes of tween power and low noise levels.
a rotor system-its noise signature-tends to re-
ceive little or no attention during the phase of de-
sign which can affect it the most. It seems apparent,

*Associate Professor -Genetic algorithms mimic the patterns of natural se-
tGraduate Student lection and reproduction characteristic of biological

Paper presented at the AGARD FDP Symposium on "'Aerodynamics and Aeroacoustics of Rotorcraft"
held in Berlin, Germany from 10-13 October 1994 and published in CP-552.
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Figure 1: Crossover and Mutation Operators Problem Domain

populations. This concept of "survival of the fittest" Figure 2: Program Efficiency vs Problem Domain
as an optimization algorithm originated in work pre-
sented by Holland[4] and has since been expanded by
Goldberg[5] and others. The methodology has devel- Because genetic algorithms do not compute gradi-
oped into an accepted search and optimization tech- ents, they do not complete a search at a local opti-
nique. Design variables form the "genes" of a given mum. In fact, the GA has no way of determining the
design and are mapped into binary strings. These optimality of a given design, and, therefore, a GA
strings are then concatenated to form the "chromo- search cannot guarantee optimum fitness. In addi-
some" for a combination of variables which represent tion, GA can be prone to premature convergence[5]
an individual design point, where tile population has become uniform in charac-

An initial generation is created by randomly plac- ter, but it lacks near-optimum individuals. Prema-

ing "l"s and "0"s along the chromosome for a given ture convergence can result when a problem state-

number of individuals. The values of the design vari- ment is difficult for the genetic algorithm to ap-

ables in each of these individuals is decoded from the proach (GA hard[5]) or from sampling error, espe-
binary string through a set of mapping relationships. cially in the initial randomly-generated population.

From these values, a fitness is assigned to each in- As described above, however, a genetic algorithm

dividual. This fitness is analogous to the objective can search a large region and will move the popu-

function value in a numerical optimization problem. lation in the direction of the global optimum. The

Individual chromosomes with high fitness value are technique, then, is appropriate in conceptual design
more likely to survive and be used as parents for where the design space is large and contains several
subsequent generations. The search procedure used types of variables. Once the search region is nar-

in GA follows a structured probabilistic information rowed, a calculus-based method can usually select an

exchange among the members of the population of optimal combination of the continuous design vari-
design points. The reproduction process includes ables. Figure 2 shows the relative efficiency of the

crossover, where a "child" design inherits traits from GA and the calculus-based method in finding the
both of its parent designs, and mutation, where a bit global optimum of a function versus the domain size
in the chromosome string is changed, thereby intro- and complexity.
ducing a trait not seen in either parent. Figure 1
illustrates the crossover and mutation operators on 3 GENETIC ALGORITHMS IN THE DE-
a simple chromosome string. SIGN OF LOW-NOISE ROTOR SYS-

Many current efforts in engineering design employ TEMS
numerical optimization to improve upon the results
of standard design processes. The genetic algorithm The design process involves both a means for ana-
does not replace these numerical methods. Instead, lyzing a candidate design and a method for choosing
it provides a tool for searching a larger and more the best of those candidates. In the case presented
difficult design space than is easily handled by the here, the analysis component consists of a predic-
calculus-based procedures. GA can be used as a tion of the noise level of a rotor system based on the
global optimizer of highly non-smooth and discontin- known design variables. The genetic algorithm, on
uous functions because it does not require gradient the other hand, performs the crossover and muta-
evaluations and has no requirement for functional tion operations and selects the individuals (or rotor
continuity. For a highly complex and multi-modal systems) which will serve as parents to the next gen-
design space, GA provides a rapid search in the di- eration with no actual knowledge of the design vari-
rection of the global optimum. ables themselves. For the most part, the procedures
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operate in isolation, with the GA routine requiring of Prouty[10] is used to determine power, thrust, and
only knowledge of the fitness of each individual in a the spanwise load distribution over the rotor blade.
generation, and the fitness evaluation knowing only A panel method due to Kuethe and Chow[11], which
the selected values for the design variables, utilizes panels with linearly distributed vortices, de-

termines the chordwise loading distribution for the

3.1 Acoustic Fitness lift coefficient predicted by the blade element code
and the specified airfoil. As such, the current load-

In the conceptual design phase, the analysis tools ing distribution is limited to incompressible flow, al-
used must provide realistic values for the perfor- though the power calculation does take into account
mance of a given system. On the other hand, be- an increase in profile drag and lift-curve slope due
cause many potential design points must be consid- to compressibility.
ered, the level of detail used in evaluating perfor- The blade element/panel code calculations pro-
mance cannot be too high simply because of time vide the pressure input for the steady loading noise
considerations. Consequently, a compromise is made prediction. As discussed above, computing pressures
in determining the fitness of a given individual in the for input to a blade-vortex interaction noise calcula-
design point population. tion requires many hours of computer time, so that

Predicting the thickness noise requires knowledge a simpler approximation to the BVI noise predic-
of the rotor blade planform (including twist), airfoil t isc ier ap proprat e to th is ppia io.

sectonand ip ach umbr. Ladig nose re- tion is considered appropriate to this application. A
section, and tip Mach number. Loading noise pre- method developed by Hardin[12],[13] and based on

diction, including that derived from BVI, demands a tethor of e[ wa adapted frte os
descipton f th coplee, tme-epedentloaing the theory of Howe[14], was adapted for the purpose

description of the complete, time-dependent loading of determining the relative noise produced by blade-
distribution on the rotor blades. Modern practice in votxiercon

rotor noise prediction includes a wake analysis fol-

lowed by an aerodynamics calculation, usually with
the aid of a CFD tool. Results from the aerodynamic 3.1.1 BVI-Noise Prediction
loading prediction are used as input to a noise pre-
diction code. Several authors have shown fairly good The inhomogeneous wave equation with source
results using this method, including Gallman[6] and terms is generally "solved" using Green's theorem
Spiegel, et. al.[7]. to write the solution in terms of integrals over the

Though the quality of the data resulting from the surface containing the sources. The solution method
above methodology may be quite good, that bene- makes use of the free-space Green's function which
fit occurs only at the expense of time. A predic- appears in the aforementioned integrals. Howe[14]
tion method which is useful for conceptual design produced a solution for the noise field in the vicinity
applications cannot take hours of computer time to of a semi-infinite flat plate by developing a Green's
run since thousands of design points must be ana- function appropriate to the geometry and conditions
lyzed within a reasonable time span. Thus, a com- of the problem. Such a methodology is useful since
promise philosophy was followed in developing the the resulting solution does not involve integrals over
fitness evaluation procedure for the low-noise rotor the bounding surface (in this case, the flat plate).
blade. The analysis utilizes a combination of "ex- Hardin adapted Howe's method for finding an al-
act" and approximate techniques in an attempt to ternate Green's function to determining that which
obtain reasonable, though not completely accurate, applies in the region surrounding an airfoil. Thus,
noise and performance levels. The reduced level of in the case of an airfoil interacting with a vortex, no
accuracy is tolerable at the initial stages of the de- integral over the airfoil surface itself is required. In
sign as long as the relative noise levels among various order to compute the noise field, only the strength
rotor designs are correctly predicted. of the vortex and its motion (including its position

A code developed by the authors predicts the relative to the airfoil), and a simplified solution for
acoustic signature of the rotor system. The code, flow about the airfoil, are required.
based on an acoustic analogy formulation, has been Hardin's method is, strictly speaking, limited to
tested extensively and used previously to study the cases where the Mach number of the interaction be-
noise produced by helicopter rotors and propellers tween the airfoil and the vortex is low. A typi-
of various planforms and under many operating cal BVI event in forward flight descent occurs at a
conditions[8, 9]. The method predicts both load- Mach number of approximately 0.6. The method
ing and thickness noise in hover and in helicopter or is considered to be adequate for computations in
propeller forward flight for observers either on the this Mach number range. The method assumes that
ground (flyover condition) or traveling with the ve- the most prominent interactions are essentially two-
hide. The code can handle both high-speed impul- dimensional. This assumption ensures that the cal-
sive and blade-vortex interaction noise predictions, culated pressure is a conservative estimate of the
but blade loading input must be provided, actual, since it has been shown that parallel interac-

A blade element method based on the suggestions tions produce the highest acoustic pressure levels.



35-4

The fitness evaluation routine considers a di- gives a methodology for computing the vortex mo-
mensionless form of the acoustic pressure given by tion once it is under the influence of the rotor blade.
Hardin[12]. The pressure, nondimensionalized by In order to utilize this procedure, it is assumed that
poc2 , where po is the ambient density and c is the the major interaction occurs at an azimuthal angle of
speed of sound, is given as 450, and that the interaction begins when the rotor

passes through 0'. Of course, the exact interaction

FroMlip Mo MoX2 ctipcof location depends strongly on the advance ratio and
p(x, t) = 87r2 x xr2 the number of blades. However, a precise determina-

r rc0 1 tion of the location requires substantial computation
x sin(20 - O0) - - cosj r , (1) time, and virtually all of the strongest interactions

occur near the 45' azimuthal angle.
where all variables in the above expression are di-
mensionless. The 00 subscripts refer to the position 3.2 Fitness Function
on the rotor blade at which the BVI occurs-at the
suggestion of Hardin, this evaluation uses the 75% The actual fitness of an individual is determined
radius. Thus, 1 0 is the circulation about the air- through the value of an objective function which can
foil at .75R, whereas r represents the circulation be described by
strength of the vortex with which the blade inter-
acts. x (magnitude x) is the location of the ob- f = A 1N, + A2NBvI + Ci(max[O, gi(x)])

server, and r (magnitude r) is the vortex location,
both relative to the rotor airfoil. The angle, 0, is the
angle of the vortex with respect to the rotor airfoil, In the above equation, N, and NBVI represent the

and 00 is the pitch of the rotor blade. The quan- measures of noise produced by the steady thickness

tity, f, refers to the dimensionless (with respect to and loading, and by the blade-vortex interactions,
rotor radius) length of rotor over which the inter- respectively. A 1 and A2 are coefficients chosen to

action takes place. The acoustic pressure produced weight the noise sources appropriately. The third

by the blade-vortex interaction also depends on the term represents a penalty function which is used to

chord lengths, co and clip, and the Mach numbers, ensure, for example, that the rotor is not stalled or

M0 and Mtip. Some of the parameters in the above that it meets any imposed constraints.

equation, such as the Mach numbers and the chords,
are either design variables directly, or they are easily 3.3 Genetic Algorithm Methodology
calculated from them. The other parameters, such
as vortex strength and location, must be estimated The genetic algorithm-based design code utilizes the

from the design variables. Clearly, the tip vortex three basic operators--selection, crossover and mu-

strength depends on the circulation strength near tation. The code is customized for the current

the rotor blade tip, and r is assigned the value of application with variations on these operators and

the circulation at the 95% rotor radius. The miss with "higher order" operators which alter the per-

distance, r, depends on the trajectory of the vortex formance of the basic genetic algorithm and help to

once it is shed. This is estimated using the average avoid premature convergence (as described above).

induced velocity at the rotor plane which, in turn, A tournament selection method chooses individu-

is a function of the rotor thrust coefficient. als which will contribute to succeeding generations.

The current version of the BVI fitness calculation In this approach, two individuals are selected with-

uses an adaptation of the terms in Hardin's equation out replacement from the current population. These
to account for the effect of core size on the blade- individuals are evaluated for fitness, and that with
vortex interaction noise. According to Gallman[6], the better fitness of the two survives for the crossover
a reasonable estimate for the vortex core size is 20% step. A second pair is evaluated in the same man-

of the rotor blade tip chord. The effect of the core ner, and the superior individual from that pair is

is introduced through a variation in the circulation "mated" with the better of the original two. The
strength as a function of the distance from the center process continues until the new generation is filled.
of the vortex. Letting FP, represent the total circula- Unlike more traditional roulette-wheel or rank-order
tion strength of the trailing tip vortex, the strength selection methods[5J, tournament selection compares

at some distance from the center is estimated as two individuals at a time rather than comparing the
relative fitness of one individual against the entire

r. r 2  if r<r. population. This avoids problems with fitness scal-
F / if r > r. ing which can lead to premature convergence. Fig-

S if ' > re ure 3 outlines the tournament selection process. As

where r, is the core radius. an additional hedge against premature convergence,
In addition to providing the acoustic pressure at the code can use an "elitist" tournament selection in

a given observer location and time, HIardin's model which the best individual from the current genera-
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4 RESULTS

population This section presents several sets of results for dif-

fering objective functions. The tabulated results in
this section show the best individual in each genera-
tion as the genetic algorithm progresses. The values

Figure 3: Tournament Selection Process of the seven design parameters as well as the power

required to hover are given for each best individual.

tion is retained and it replaces the least fit member
of the next generation. 4.1 Low Thickness Noise Rotor System

The design code can employ a further scheme to The initial results were calculated for a fitness func-
stall the onset of premature convergence. When no tion which accounted only for thickness noise. In
improvement in the best individual is noted after order to conserve computation time, the simple GA
five generations, a G-bit improvement[5] method, a code was used, which does not incorporate the G-
gradient-like bitwise improvement approach, is used. bit improvement or the elitist tournament selection
For the current best individual in the population, the schemes. Table 3 shows the evolution of the rotor
G-bit improvement routine varies one bit at a time in system through twenty generations. The population
the string. The single bit change producing the best contained 40 individuals. Note that, fairly substan-
fitness string is entered into the population, replac- tial changes occur in the design through the first
ing the worst member of the current generation. The few generations, and, for the most part, only minor
G-bit improvement, in effect, forces a mutation on changes take place subsequently. This is typical of
the best individual in order to introduce new string most optimization procedures, and of genetic algo-
patterns into the population. rithms in particular. Figure 4 shows the fitness value

To use the genetic algorithm, the seven design of the best individual in a generation as a function
variables are coded into binary strings. The vari- of the generation number. In this particular case,
able list contains one discrete variable-the airfoil the fitness value does not decrease monotonically as
section-and one integer variable-the number of the number of generations increases. This is not un-
blades. Table 1 shows the mapping between these usual since the simple GA does not guarantee that
variables and their binary strings. The other vari- the children of a given set of parents will necessarily
ables, blade twist, blade taper, solidity, rotor tip be superior to the parents.
speed, and disk loading, are continuous, with the The fitness function contains the sum of the max-
resolution of the binary string determining the level imum negative peak pressure and a penalty function
of continuity in these quantities. Table 2 illustrates which, helps to eliminate stalled rotor blades from
the mapping between the continuous variables and the viable set of solutions. If the program detects
their binary strings. Better resolution of the contin- that a section of the blade is stalled, it computes a
uous variables could be obtained by increasing the term whose value increases with the severity of the
string length for each variable. However, even with stall. If more than one section is stalled, a simi-
the current total string length of 27 bits, a total de- lar term is added to the first, so that this penalty
sign space of 227, or 134,000,000 different individuals term is a measure of how much stall occurs and how
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Airfoil Section Binary String Number of Binary String
Blades

NACA 0012 000 2 000
NACA 0015 001 3 001
NACA 23012 010 4 010
NACA 23015 011 5 011

NACA 63A012 100
NACA 63A015 101

Table 1: Discrete and Integer Design Variable-to-Binary String Mapping

Variable (units) Minimum Maximum Resolution String
Value Value Length

Solidity 0.050 0.125 0.005 4 bits
Linear Twist (degrees) - 15 -7 1 3 bits

Tip Speed (ft/sec) 625 780 5 5 bits
Disk Loading (lb/ft 2) 3.0 18.5 .5 5 bits

Blade Taper Ratio 0.2 0.9 0.1 3 bits

Table 2: Continuous Design Variable-to-Binary String Mapping Parameters

Gener- Airfoil # Blades Solidity Twist Tip Speed Disk Loading Taper Power
ation (degrees) (ft/sec) (lb/ft 2 ) (HP)

1 0012 4 .070 -12 685 3.5 .6 1859
2 0012 4 .070 -12 685 3.5 .9 1913
3 0012 5 .115 -9 655 7.0 .4 2873
4 0015 5 .065 -10 645 3.5 .6 3607
5 0015 5 .065 -10 645 3.5 .6 3607
6 0012 5 .065 -10 645 3.5 .6 2016
7 0012 5 .065 -10 645 3.5 .4 1969
8 0012 5 .065 -10 645 3.5 .4 1969
9 0012 5 .065 -15 645 3.5 .6 2103
10 0012 5 .065 -8 625 3.5 .4 2142
11 0012 5 .065 -10 625 3.5 .4 2131
12 0012 5 .065 -10 625 3.5 .4 2131
13 0012 5 .065 -15 625 3.5 .4 2167
14 0012 5 .065 -15 625 3.5 .4 2167
15 0012 5 .065 -15 625 3.5 .4 2167
16 0012 5 .065 -8 625 3.5 .2 2121
17 0012 5 .065 -8 625 3.5 .2 2121
18 0012 5 .065 -10 625 3.5 .2 2083
19 0012 5 .060 -10 625 3.5 .4 2404
20 0012 5 .060 -10 625 3.5 .4 2404

Table 3: Evolution of Low Thickness Noise Rotor System
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severely each section stalls. Therefore, it is possi- of the rotor with the lowest loading noise after 20
ble and likely that the code will allow some small generations.
amount of stall on the rotor blade as long as the
noise produced by such a blade is lower than an un-
stalled one. If, however, the stall progresses to more 4.3 Rotor System with Low Thickness and
than one or two sections, or if a section reaches an Loading Noise
angle well above its stall angle, the selection proce-
dure will likely not choose that individual since the Because of the choice for the location of the
penalty will indicate that it cannot meet the require- observer-in front of and below the rotor plane-
ment to lift the necessary weight. This phenomenon the loading noise dominates a signature made up
can occur, for example, in the case of highly tapered of a sum of the two steady components. Thus, a
blades. The thickness-noise fitness function will tend solution for low thickness plus loading noise should
to favor blades with a large amount of taper. How- follow the trends indicated in the solution for only
ever, in order to lift the helicopter, those blades will loading noise. Figure 7 shows the rotor with the
have to operate at high lift coefficient (and, thus, lowest combination of thickness and loading noise
high angle) where the blade chord is reduced. The after 15 generations of evolution. Notably, it does
code chooses an individual with a taper ratio of 0.4 not look the same as the solution for low loading
rather than the minimum of 0.2 because the higher noise. This illustrates an important characteristic of
angles required on the more highly-tapered blade re- the genetic algorithm. Since the algorithm does not
suit in large penalty terms for stall.. use derivatives, it has no way to determine whether

The table shows that the genetic algorithm or not a certain individual is, in fact, optimal. It can
reaches a solution which is consistent with an in- only tend towards optimality by choosing the best
tuitive assessment of the design variables and their individuals from a given population. As long as the
effect on the thickness noise. It chooses the thinnest solution has evolved over enough generations, the
airfoil available, the NACA 0012, and the largest algorithm will always choose a good design, though
number of blades. The solidity is low, keeping the it may not be the best design in the entire design
amount of area low, and the twist is moderate so space.
that the collective angle is kept reasonable (thereby The chosen solution for the combined thickness
reducing the effective thickness of the rotor). The and loading noise has higher solidity and less taper
lowest possible tip speed is also chosen. Disk load- than the best solution for loading noise alone. The
ing does not have a major effect on the thickness genetic algorithm trades off the increased area near
noise, but low disk loading will keep the thrust co- the rotor tip (less taper) for decreased blade load-
efficient low so that the collective angle can remain ing (higher solidity) and, thus, lower loading source
moderate. Figure 5 shows an illustration of the rotor ing(hi
with the lowest thickness noise after 20 generations. strength.
Notice that the lowest noise solution does not corre-
spond to the lowest power rotor, although some of
the noise reduction alterations do have a beneficial 4.4 Low-Noise Rotor System
effect on the power required as well. The final case studied includes the thickness, load-

4.2 Low Loading Noise Rotor System ing and blade-vortex interaction noise components
in the fitness function. The coefficients in the ob-

Table 4 shows several generations in the evolution jective function were chosen to make the BVI and
of a rotor system intended to minimize the steady the steady loading terms approximately equal for a
loading noise. Again, the population consists of 40 nominal case. Table 5 shows the evolution history
individuals, and the schemes for preventing the oc- for several generations. This case was terminated
currence of premature convergence are not utilized after 15 generations because of excess CPU time
in the current algorithm. Since this noise component requirements, though the population continued to
dependslargely on the amplitude of the pressure dis- evolve. Nevertheless, the results indicate that the
tributed on the rotor blade, the algorithm tends to genetic algorithm is driving the population towards
choose designs which minimize pressure peaks. This one of lower-noise rotors. One noticeable difference
can be seen in the choice of high solidity, in order between the current result and those discussed previ-
to distribute the load, and low disk loading, which ously is that the suggested tip speed is higher. This
maintains low thrust coefficient. In addition to the may be due to the fact that the higher tip velocity
pressure, the loading noise depends on the integrated will allow the rotor blade sections to operate at lower
area of the rotor weighted for velocity. Thus, the lift coefficients, thereby reducing the strength of the
chosen designs have fairly high taper and the lowest trailing tip vortex. However, the solution should be
possible tip speeds, a trend also seen for the thick- allowed to evolve further before any real conclusions
ness noise. Figure 6 illustrates the characteristics can be drawn about the resulting rotor design.
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Figure 5: Solution for Low Thickness Noise Rotor after 20 Generations

Gener- Airfoil • Blades Solidity Twist Tip Speed Disk Loading Taper Power
ation (degrees) (ft/sec) (lb/ft2) (HP)

1 0015 5 .105 -8 625 5.5 .5 4819
2 23012 5 .105 -14 650 4.5 .5 1828
5 0015 5 .115 - 15 685 3.0 .9 1969

10 23012 5 .115 -15 625 3.0 .5 1811
15 0012 5 .115 -15 625 3.0 .4 1811
20 0012 5 .115 -15 625 3.0 .4 1811

Table 4: Evolution of Low Loading Noise Rotor System

Gener- Airfoil • Blades Solidity Twist Tip Speed Disk Loading Taper Power
ation (degrees) (ft/sec) (lb/ft2) (HP)

1 0012 4 .115 -11 700 3.0 .4 2126
2 0012 5 .110 -11 700 3.0 .4 2074
5 0012 5 .120 -!3 665 3.0 .8 2061

10 0012 5 .120 -15 680 3.0 .8 2146
15 0012 5 .120 -15 670 3.0 .8 2096

Table 5: Evolution of Low Total Noise Rotor System
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Figure 6: Solution for Low Loading Noise Rotor after 20 Generations

Figure 7: Solution for Low Loading and Thickness Noise Rotor after 15 Generations
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5 CONCLUSIONS noise with applications to higher harmonic con-
trol," AIAA-93-4331, 1993.

The paper illustrates the feasibility of utilizing a rel-
atively new methodology for the design of a low- [7] P. Spiegel and G. Rahier, "Theoretical study
noise rotor system. The genetic algorithm method and prediction of bvi noise including close
can incorporate discrete, integer, and continuous interactions," in Proceedings of the Interna-
variables into one optimal design procedure, and it, tional Technical Specialists Meeting on Ro-
therefore, seems particularly appropriate for use in torcraft Acoustics and Rotor Fluid Dynamics,
the selection of rotor design and operational param- American Helicopter Society and Royal Aero-
eters. The paper presents solutions for the design nautical Society, October 1991.
of rotors with lowered acoustic signatures, and, ex- [8] V. L. Wells, "Acoustic waveform singulari-
amines the trade-offs required in order to achieve alow-noise design. ties from supersonic rotating surface sources,"

low-ois desgn.AIAA Journal, vol. 29, pp. 387-394, March
The results provide several low-noise rotor blade Ar l pc

solutions. Though none of these is guaranteed to
be optimal in the sense that it represents the very [9] V. L. Wells and A. Ilan, "Geometrical and nu-
lowest-noise rotor in the design space, all of them merical considerations in computing advanced-
are "good" solutions. In general, the lowest noise propeller noise," Journal of Aircraft, vol. 30,
solution is not the lowest power solution, although pp. 365-371, May-June 1993.
the noise-lowering trends in some of the design vari-
ables decrease the power required to hover as well. [10] R. W. Prouty, Helicopter Performance, Stabil-
If it is desired to design a low-noise and low-power ity and Control. PWS Engineering, 1990.
rotor, the fitness function can be defined to include [11] A. M. Kuethe and C.-Y. Chow, Foundations of
a power term with an appropriate coefficient. In this Aerodynamics. John Wiley & Sons, 1986.
way, the genetic algorithm is well-suited to handle
multi-objective design problems. The results pre- [12] J. C. Hardin and S. L. Lamkin, "Concepts for
sented here indicate that the method will easily in- reduction'of blade/vortex interaction noise,"
corporate low noise as part of a multi-objective fit- Journal of Aircraft, vol. 24, pp. 120-125, Febru-
ness function in the design of rotor systems. ary 1987.
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GENERAL DISCUSSION

Dr. W.J. McCroskey, NASA AMES, USA
We come now to the final session of this symposium. An important
part of this Symposium and something that is incorporated into many
AGARD activities, but is rather unique to AGARD, is the way that we
finish off our Symposia. AGARD often commissions an expert in the
field who serves as what we call the Technical Evaluator, to
summarize the Conference in its total context and to write a report
that is either included in the Conference Proceedings or in a
separate document published shortly thereafter. This helps a lot to
stimulate an extended general discussion. We try to keep the coffee
breaks as long and open as possible, because that is where a lot of
good discussion occurs. We also think it is very important to have a
session at the end for people to raise questions or points that may
be on their mind, maybe stimulated by the Technical Evaluator's
opening summary; but in any case, to put the total meeting in
somewhat better context. This helps us see the global forest and not
just the trees.

The plan for this is that first we will have some remarks by the
Technical Evaluator, whom I will introduce in just a moment.
Following his presentation we will entertain brief questions just for
clarification, or some questions about something he has said, but in
general, hold your comments and questions until the general
discussion later. After Mr. Dadone has finished his remarks, there
will be short presentations by two other persons who are invited
Commentators, and I will introduce them in due course. Following
that will be the open discussion that I have already talked about. I
will say now, and I will remind you again later, that in this open
discussion, all of the remarks are being recorded and will be
transcribed to be included in the Conference Proceedings. That is
another very special thing that AGARD does. Therefore, it is very
important that when you do pose a question or a comment, to use the
microphone. Obviously, it won't be possible for someone in Brussels
next month to transcribe your remarks, if it didn't get recorded by
means of the microphone. Secondly, you must identify yourself, so
that in the transcription, we will know from whom came these erudite
remarks. However, you don't have to be timid about what you say,
because you will have a chance to edit the final transcription.

Hopefully, these opening administrative details have given everyone
time to come and take his seat. I would like to say a few words in
introduction of our Technical Evaluator, Mr. Leo Dadone from the
Boeing Helicopter Company. He was educated at the University of
Pennsylvania in the U.S., taking B.S. and M.S. degrees there in 1964
and 1966 in Mechanical Engineering. He has been at Boeing Helicopter
since completion of his studies at the University of Pennsylvania. I
am sure that many of you know him personally or through his
publications in Helicopter Aeromechanics.

Mr. Dadone, Boeing Helicopter Company. USA
Thank you, Jim. First of all I must thank Dr. Korner and Dr.
McCroskey and all the members of the Program Committee for the
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opportunity to attend this Symposium and to share with you some of my
thoughts. I also must congratulate all the authors and all the
Session chairmen for a tremendous job. We covered a lot of territory
in these three days. I am going to take the opportunity now to
review what we have accomplished and put it in the context of what
the rotorcraft industry needs.

There are several basic questions from the manufacturers' point of
view. The first is, "what are the significant trends in rotorcraft
aeromechanics?". And then, "are we after the right problems"? And
particularly when the Universities and Laboratories are involved, "do
we have a good mix of research?". Clearly, no matter how hard-nosed
we can be in industry, we need methods and concepts to use in the
near term to solve our design problems, but we cannot ignore the fact
that the Universities and Laboratories must carry out advanced
research, which may or may not bear fruit, or may not bear fruit in
the near term. And finally, "what are the priorities?". Well, as
far as the rotorcraft industry is concerned, I am not totally sure of
the priorities, it depends with whom you talk, but certainly our
biggest concern today is that we need to make the rotorcraft quiet.
And of course, rotorcraft (helicopters, tilt-rotors and so on), do
not operate like airplanes, and they do shake. The fact is that we
have to suppress vibration, and that is very costly. And, we have to
lower the cost of building, buying and maintaining rotorcraft.
Finally, and this is a challenge, we need to reduce the design cycle
time. This is where analysis is necessary. All of this advanced
research becomes really useful only if it can be used in reducing
design cycle time.

I will try to give some answers to these questions, and I suspect
that in the subsequent discussion, we will talk again about these
questions. Maybe together we will come to a consensus whether or not
this meeting has addressed these issues properly.

During the opening remarks, Dr. Korner reminisced a little bit about
the last time there was a Symposium addressing rotorcraft, and he was
thinking of the 1982 meeting in London, where we talked about
airloads and airload prediction methods. He commented, quite
rightly, that many things have happened since then. Since 1982, CFD
became not just a subject of academic interest; it became a tool that
we all either use or try to use. Computers suddenly are playing a
very big role in what we do, and that role is expanding rapidly. We
do have all sorts of computer gurus around, which we surely need to
sort things out. And we have had several major tests since 1982,
wind tunnel tests including the DNW series of wind tunnel tests, and
flight tests like the BO-105, the SA 330 and the UH 60. We also had
some major joint programs between the U.S. and the European
Community. We have new test hardware. We have built new rotor test
stands, new blades, with emphasis on heavily instrumented blades, new
measurement techniques - it is mind boggling to me to see how well,
and in how much detail, we can measure the flow field of a rotor.
Modeling the flow field of a rotor is a terribly difficult problem.
The airplane people have it easy compared to us. Capturing the
details of the rotor wake and of what happens in the vicinity of the
blade is very difficult. There has been a great deal of improvement
in acoustics methods, both in terms of prediction, and in terms of
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measurement. But that is not all that happened. This Symposium did
not address it, but to some of us, it is as though there is a giant
standing behind the door: tilt-rotors. The tilt-rotor is this
creation between a helicopter and an airplane. In fact, at least two
of us here, Bell and Boeing, have built and are flying right now the
V22. We have great hopes of seeing the V22 into production, and then
have civil tilt-rotor derivatives and so on. Almost all that was
done with helicopters will be of benefit to tilt rotors. So,
everything that we have done in conjunction with this Symposium and
over the last ten years will be applicable to the tilt-rotor. And
much more will be needed that is tilt-rotor specific. If the tilt-
rotor will, in fact, happen, by the time we meet again, in ten years
or so, we will have 80% of the meeting devoted to tilt-rotor
problems.

Another relevant development are remotely piloted vehicles. This is
an interesting area in itself, and there are helicopter and tilt-
rotor applications for it.

Finally, the big worldwide development is that all of a sudden the
world has changed, and as a proof of this we have our colleagues from
Russia with us. Three weeks ago I was at the first Forum of the
Russian Helicopter Society. There is a wealth of information, talent
and experience to be found in Russia.

The one dark side today, and it affects us (and of course this is not
the forum to discuss it, but we cannot ignore it) is the world
economy. The economy has put a damper on a lot of our research, but
I hope that, for everybody's sake, the situation will improve soon.

We spent three days here, and we covered Dynamic Stall, (experimental
and analytical aspects of it), Wind Turbines, Aerodynamic Prediction
Methods, Experimental Investigations, Acoustic Predictions and
Interference. Particularly after this last paper, I would have made
a separate category of optimization. There were thirty-four papers,
of which two were invited. Eleven were survey papers. The two
invited papers gave us a clear update about the specific subjects
they were covering. I ran some quick statistics, and I am not going
to bore you with the bulk of it, but seventeen of the papers dealt
with CFD or had a significant CFD ingredient. Twelve of the papers
addressed test programs in the wind tunnel tests and flight tests.
Of course, they are extremely important, and they go hand-in-hand
with CFD, because CFD remains a gleam in somebody's eye until you can
validate it. And there were twelve papers which dealt with noise.

At this point I will go through a few comments about the various
subjects. First of all, I want to say a couple of words about the
invited papers. We had three invited papers, but much to our regret
Professor Tischenko could not make it. He was going to give the
overview of Russian helicopter work. I can assure you it would have
been a tremendously interesting presentation, but we will have other
chances. Jack Landgrebe gave the opening paper, and he addressed the
status of CFD. He gave us a very good summary of where we stand.
Sometimes it was a little bit sobering, but that is certainly the way
to go. Dr. Hamel's paper presented the findings of the Flight
Vehicle Panel's Working Group 18, and that dealt with rotorcraft
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system identification. Not surprisingly, he concluded that today's
methods permit the correlation of wind tunnel, flight test analysis,
CFD, etc., on a rudimentary level only. He suggested that we still
have a lot to do, but we are gathering a lot of data and a lot of
experience, and hopefully, the correlation with test evidence is not
going to be rudimentary for very long. In fact, as he pointed out,
we need to model accurately the complete helicopter characteristics
from the design stage all the way through production and flight test.

Let us go now through the actual subjects. CFD, as I stated, was
dealt with in seventeen of the papers. These papers dealt with every
aspect of CFD from Navier-Stokes, to the Euler codes, and the
potential flow codes. We talked about many applications, and I
cannot stress enough how important these are. We applied CFD to
rotor blades, and to blade tips, and we looked at transonic flow
effects. Of course, very importantly, we looked at acoustics. An
interesting novelty was the fact that we started again looking at
windmills, and in the context of CFD, and there is a lot to be
learned from that. The big bright hope that we still have (and that
as of this Symposium hasn't been completely fulfilled), is to be able
to use CFD to model rotor wakes. It turns out that the CFD modeling
of rotor wakes still holds a great promise, but the CFD wakes
dissipate too soon, or they do not quite capture all the features
that we want. But they are very, very important, because at present
we model the rotor wakes almost exclusively by vortex element
methods. Of course, our "rotor wakes" are a little bit a figment of
our imagination, and they can best be described as a "fit" through
the truth. Only when CFD will extract the wake from the flow field
will we be able to truly correlate with test data. CFD has been used
on fuselages. And CFD is the only chance we have of dealing with BVI
noise explicitly. We saw some papers on dynamic stall. Again, CFD
demonstrated great potential, and it showed to us how complex the
phenomenon of dynamic stall really is. Transition and turbulence
modeling remain to be resolved. CFD has been very revealing of some
flow details, but we cannot throw away our wind tunnel models yet.

I was very intrigued by the variable camber paper, by the way, as far
as CFD applications are concerned. Particularly because it dealt
with leading edge camber. We often think of trailing edge camber
changes as being the only viable approach, but it may be that dynamic
stall delay by leading edge camber could lead to useful rotor blade
devices. We certainly see a great potential for variable camber as
the next step beyond higher harmonic control and individual blade
control (IBC). A more elegant way of implementing IBC, as actually
suggested in this paper, would be to modify the blade locallyand not
to try to pitch the whole blade at some high frequency. Another
thing that the survey papers repeatedly brought up, is the coupling
between the comprehensive codes and CFD. This is still not a
completely mature approach, but it is yielding results, and it is
really up to the users not to wait for perfection and to extract
whatever information can be gotten with the methods as they are. We
cannot rely on CFD by itself, because rotor CFD, as it stands now,
cannot trim the rotor to the correct forces. CFD is also not
equipped to handle blade dynamic motions and blade elastic
deflections. Maybe ten years from now we will have finite element
structural models coupled with CFD, but that is still a long way off.
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And again, we need the comprehensive codes because of their vortex
element wake models, because the CFD wake modeling is not
sufficiently accurate and robust. Of course, the coupling of CFD
with comprehensive rotor analysis codes is the key to rotor noise
predictions. In order to predict BVI noise, you have to know exactly
what your blade is doing, you have to know exactly where the wake is,
and where the vortices are concentrated. In fact, you may be dealing
with partially rolled-up vortices, not just the concentrated vortices
that we draw for convenience.

Many problems remain with CFD. Turbulent modeling is one, and it was
addressed in more than one of the papers. Much more will have to be
done, and that is not just for rotorcraft. Even in fixed wing
aircraft, turbulence modeling is a problem. Our favorite conclusion
is that we need more work to make CFD work. But it works! It just
doesn't work as well as we would like it to. In fact, Jim Narramore,
from Bell, showed us how well one can help to solve practical
problems with CFD.

I also noticed, which is a sign of the times, concern with cost
effectiveness. Costs is more and more of an issue, and I think that
this will come up during the discussion. It is true that we need
codes that are accurate and robust. But we have to meet our
designers' requirements even if we cannot afford a CRAY or a
supercomputer. One more observation about CFD. An interesting
question was brought up by Wayne Johnson early in the meeting. He
was asking, "can we quantify, from the users end, how accurate we
need to be?" What can I say? As accurate as possible. Although
more often than not, the question is not just accuracy, it is whether
CFD can do it at all. We have our CFD specialists, and sometimes,
when we assign a problem to them, they say that it can be done, and
then come back six weeks later and say that it didn't work. It is
not their fault, it is just that they were treading on uncharted
territory. In the middle of the CFD session, I complained about the
fact that even in some relatively small things we haven't quite
worked out all the details. I will bring up again that, given the
incidence angle, all CFD codes appear to be unable to predict the
correct lift. Maybe it is a matter of how you grid the trailing
edge, or something else, but the truth is that the CFD codes do not
predict the lift correctly. In fact, two or three papers showed data
which confirmed that CFD consistently overpredicts the lift. Now
when you try to couple CFD with a comprehensive rotor analysis code,
which is based on airfoil tables, which is real data, you have a big
mismatch, and a lot of people ignore it. I do not think that we can.
If you do not have the right lift, you will not get the right induced
power, and you will not get the right BVI.

I do not want to discourage fundamental research. We are interested
in the most accurate representation possible of the physics. There
is no question about it. So, advanced research must continue. Even
if it is not useful to industry in the very near term, in the very
long term it probably will be. Now, the one complaint that we have
had in industry, and which is generally ignored by the CFD community,
is that the biggest stumbling block to us is grid generation. We
devote a lot of time to making the CFD solutions faster. We use
parallel computers, and massively parallel computers. But then when
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we have a complicated flow problem, it takes us six months to set up
the grid. At that point, whether it takes one, two or three days to
run the solution, it is no longer terribly important. Although, once
we have the grid, obviously we want the answers right away. Grid
generation is a big issue as far as the useability of CFD.

We had a couple of papers which addressed the combination of viscid
and inviscid grids. That is very promising. From the industry point
of view, my biggest wish would be an adaptive grid. There hasn't
been much talk about adaptive grids at this symposium, but adaptive
grids could be the solution to capturing the real details of the flow
field while making CFD useable to the industry.

Dynamic stall - it is a big subject. A lot is going on, and we are
hoping to eventually predict it by CFD. Very interesting to me was
the paper dealing with low Reynolds number data over the full Mach
number range. For all these years we have been running model scale
wind tunnel tests and making predictions and carrying out
calculations with full scale airfoils, as far as stall delay is
concerned. When we run a model rotor test we have to make some
significant assumptions to be able to correlate with the full scale
rotor test data. Until now, I haven't seen any unsteady data at
model rotor Reynolds numbers, and at the right Mach numbers, so that
this test is very interesting. We had an entry from the Russians,
and I am sure that Russia is going to be a tremendous resource to us
in the future.

Windmills - until now, we were helping the windmill people. Some of
us have been involved in windmill programs over the years. We
witness a change now, where the windmill people can help us. There
were interesting papers on stall, and on the CFD modeling of root end
effects. That is a tilt-rotor problem. A lot of useful experience
will probably come from the windmills. Even some of the wake
modeling, as for instance the vortex particle method. I think that
we should look at windmills very carefully. As far as comprehensive
rotor analysis codes, we all have them, and we all use them in more
or less similar ways. So, it is useful to share our experiences, and
we will just have to read each others papers very carefully and call
on each other for questions.

What is real exciting to me is the progress in the test area. I
would miss my flight if I had to talk about all the test
developments. Almost suddenly, the combination of new
instrumentation (blade pressures, blade strain gauges, advanced
balances, dynamic balances) and all the flow field measurement
techniques, have given us a chance for an unprecedented insight into
what is happening. What is even more exciting is that we have that
level of sophistication being applied to helicopters. We have seen
many new flight test programs, and incidentally, conditions like
manoeuvres, transition, etc., you really cannot address in a wind
tunnel, so the new flight test programs have a tremendous role in
furthering our knowledge. We have been all really working by rules
of thumb, but now we will be able to quantify what the real
differences are between stall at high thrust and high speed and stall
during manoeuvres. So, I am just thrilled with the quality and
quantity of the data that has been presented. Now that we have a
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tremendous amount of data, I just hope that we will take the time to
document it, and will not lose it somewhere. Sometimes large bodies
of data become unavailable, for practical purposes, within a few
years.

The last topic was acoustics. Again, we had the HART program, which
addressed both vibration and acoustics. Between the HART program,
with the higher harmonic control, and the individual blade control
test, an impressive amount of important experimental evidence was
acquired. I did raise the question earlier whether the HART program
can be extended to more advanced blades. I hope so. In fact,
whether individual blade control or higher harmonic control are
really viable, because they are somewhat complex, the lessons learned
could lead us to the use of smart-structure materials and localized
blade actuation - blades changes such as flaps and leading edge
camber. We should be able to do the equivalent of individual blade
control or higher harmonic control with devices which are much
smaller, much simpler, much less complicated mechanically and which
are on the blades and not in the control system. So, there is a lot
to be done in this area. Very good surveys of what has been done
were presented in several papers.

A lot of work has been done in high speed impulsive noise, and it is
very important. I am not qualified to discuss the details of how all
these integrations are carried out, but in industry we are ready and
eager to use whatever tools you gentlemen can provide to us. We are
not proud about it. In the absence of better tools, we all employ
some mix of analysis, CFD and test evidence. For now, in the
balance, we still have to test. In the future, I hope, in acoustics,
as in other areas, we will be able to rely less and less on test.
That is where analysis may actually pay off.

This morning's session again dealt with acoustics. I was glad to
hear Dr. Baeder say that he considered impulsive noise prediction a
mature technology. I will have to talk to him again. And of course,
we were all very interested in the paper on genetic algorithm
applications to the design of low noise rotors.

One final word. I was very intrigued by the interference papers.
They addressed a very important aspect of interference which I do not
automatically associate with the aerodynamic interference effects we
normally study. When I think of interference, as an aerodynamicist,
I think of what the rotor does to the fuselage, or the fuselage does
to the rotor, and the rotor does to the wing, and so on. Here we are
dealing with the operational environment. I must admit that there
have been occasions when we were asked what we knew about the blade
strikes at low speeds, and we did not know much about the subject.
But there are a few experts, and I am very grateful that these papers
were presented. Approaching ships from the air through their
turbulent wake is also something that we have dealt with. It has
been an important subject and it will continue to be important in the
future since the Navy is a big customer of ours.

I think that this about wraps up my impressions about the papers. I
will be glad to answer any questions, or continue later within the
general discussion.
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Dr. W.J. McCroskey
Thank you very much. If someone has a particular question for
clarification that they would like to raise at this point while he is
on the podium, otherwise, I would like to defer comments and
questions of a more general or more extended nature to the general
discussion period which will follow shortly. Thank you very much.

I am sure you can appreciate how difficult it is to sit there and try
to absorb all this stuff and then you have a break of 25 minutes or
so for coffee, and then you are supposed to get back up and tell
everyone what they have really been hearing during the last four
days. Thanks very much for those comments, and we will look forward
to the written report that goes with this.

We also decided to include in this discussion a couple of leading
experts from the Continent, who would be invited as commentators,
because I am sure they have some perspectives that would be useful
for us to hear. The first is Jean Jacques Philippe from ONERA, where
he is a coordinator for rotorcraft. He was educated at Ecole
Centrale de Lille and has been at ONERA since 1969, and he is
certainly known to all the rotorcraft community. Also, this should
be a treat for the Fluid Dynamics Panel members who have not met him
or seen him in action before.

J.-J. Philippe, ONERA
Thank you very much, Jim, for your invitation to this attractive
symposium. Ladies and gentlemen, the comments I will make at this
symposium will be mainly dedicated to the aerodynamic research work,
while Dr. Heller will talk about research in aeroacoustics.

First, I would like to recall that good aerodynamic tools are
mandatory to predict correctly rotor performance, noise and
vibrations, but we must not forget that rotorcraft aerodynamics and
aeroacoustics are quite complex, and a lot of phenomena still have to
be well understood and well predicted. Moreover, multidisciplinary
research is required to solve the problems related to helicopters.

I will start with research on dynamic stall. You know that the
dynamic stall appearing on retreating blades is a real limitation for
higher helicopter performance. It is a true challenge to be able to
predict correctly such a rotor configuration and the consequences on
power, blade stresses, control loads and vibrations. CFD codes are
requested, but semi-empirical models are mandatory, for inclusion in
performance, noise and vibration codes.,

This specialist meeting has obviously demonstrated that good progress
has been made at the level of 2D configurations, but mainly for
airfoils oscillating in pitch. It is a first step, but it is not
sufficient. We need to take into account the variable Mach numbers
that a rotor blade section meets in forward flight. This variable
Mach number is a parameter that is far from negligible. For the 3D
aspects of the problem, we have learned from wind-turbine researchers
- it's useful for helicopter specialists, but insufficient for
predicting correctly the 3D unsteady behavior on helicopter rotor
blades.
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Theoretically, the 3D Navier-Stokes codes will solve the problem in
the future, but when? and at what cost? In my opinion, an
intermediate step could be the development and use of strong coupling
techniques between inviscid and viscous flow codes. However, to help
industry today (industry people always want a fast response to their
problems), I think that we have to continue to develop semi-empirical
models including rotation and 3D effects. Models such as those
developed by MIL in Russia or by ONERA in France, are very useful for
the design of efficient rotors and for the prediction of their
limitations. However, we have not to forget to introduce these
aerodynamic models in aeroelastic codes to take into account the
large blade deformations that occur in such configurations.

Let us continue with 3D CFD codes for helicopters. The flows on
rotor blades in forward flight are obviously 3D and unsteady.
Consequently, we need 3D and unsteady CFD codes for improved
predictions of such complex flows, even for non-separated flows, for
a better understanding of the flows on the blades, for pressure
distribution, local lift, moment and drag computations and hopefully,
in the future, for accurate power reduction. It's also necessary to
recall that the knowledge of blade pressures is mandatory for
accurate evaluations of rotor noise.

The papers presented during this symposium have demonstrated that in
the USA and in Europe a large amount of effort has gone into the
development of CFD codes. CFD codes are more and more used, not only
at research level, but also by industry for aerodynamic and
aeroacoustic purposes. However, for rotors, work remains to be done
for Euler codes and obviously, for Navier-Stokes codes which are
still far from operational. The challenge for the aerodynamicists is
to prove that they are able to calculate from CFD codes the power
required by the rotor, with an acceptable computer time. Hover is
probably the most important and difficult configuration and the one
to be solved first. In my opinion, a good job can also be done by
using Full Potential and Euler codes, on the condition they are
coupled to boundary layer codes. This solution could be sufficient
if we have no separated flows or no dynamic stall configuration.

We also need to couple these CFD codes with aeroelastic codes,
because rigid blades do not exist in reality. Large deformations in
torsion may exist for the blades, as proved by numerous experiments.
Even, at low speed, for BVI configurations, we have the proof that
deformation computation is necessary, when, for example, the rotor is
operating with HHC. For the fuselages, CFD codes and more
specifically Navier-Stokes codes are mandatory for good predictions
of fuselage drag. The paper given by Bell during this symposium has
provided a good example of the usefulness of such Navier-Stokes codes
to assist in the design of low drag fuselages. However, the accuracy
of the present Navier-Stokes codes needs to be improved to have
access to reliable drag estimations. For the present time, the
prediction of fuselage drag remains a true challenge.

I will add some comments on experimental studies. Experimental
investigations With detailed reliable measurements are of prime
importance for a good knowledge and understanding of the physics, but
also for a detailed validation of the aerodynamic and aeroacoustic
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prediction tools. Local pressures and stresses on the rotor blades,
velocities around the rotor and in its wake, acoustic pressures in
the far field are some of the typical measurements we absolutely
need. However, some of the measurements are difficult to carry out
in a rotor environment and progress remains to be made in the
experimental field, for example, by improving the accuracy of
measurements. We need good and detailed measurements in wind tunnels
but also in flight.

During this symposium, excellent papers have been presented, mainly
concerning wind-tunnel tests, with the acquisition of excellent
detailed aerodynamic and aeroacoustic data base. HART tests with
cooperation between the United States, Germany and France is the best
example of the numerous data which are required in order to validate
correctly the aerodynamic and aeroacoustic codes for rotors.

For the future, we have not only to continue to run highly
instrumented tests for rotors and fuselages, but also for complete
powered models. We also have to prove to industry that wind-tunnel
tests simulate very accurately the phenomena observed in flight, that
these tests help improve helicopter design and can be used to avoid
numerous problems they meet during the development phase of a
helicopter, or alternatively, to find a fast solution to solve these
problems. We also need flight tests with well instrumented rotors
and fuselage, and detailed comparisons between flight tests and wind-
tunnel tests for the same aircraft.

I will add that, for fuselage research, the use of pressurized wind
tunnels could be interesting to study Reynolds number effects; they
will enable the validation of CFD viscous codes as far as this
important parameter is concerned.

Thank you for your attention, and now, Dr. Heller will comment on the
aeroacoustic papers of this symposium.

Dr. W.J. McCroskey
Thank you very much, Mr. Philippe for your comments and perception on
what has been presented here and what has to be done. The second
commentator is Dr. Hanno Heller from the Design Institute for
Aerodynamics at DLR, where he has been since the mid-1970's. He
received his doctorate at the Technical University in Berlin and
worked with BBN Industries in the U.S. before joining DLR. He is
also well known in the rotorcraft community and should also be a
delightful new experience for the rest of the Panel members.

Dr. H. Heller, Institute of Design Aerodynamics. Germany
Ladies and Gentlemen, it is a great pleasure for me to make a few
comments regarding the aeroacoustics part of our very successful
Conference. The very fact that this Symposium is actually the fourth
major conference dealing with helicopters, one way or another, during
this year, seems to be an indication of the importance of the area we
are involved in; the aerodynamics of rotors, the aeroelastics, the
aeromechanics and last but not least, the aeroacoustics. In talking
about helicopter noise, I think it is appropriate to put this into a
somewhat larger context, and in so doing, I thought I would very
briefly discuss the overall situation as regards helicopter noise. I
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would like to draw your attention on the actual interdependence of
research and briefly mention the four conferences this year and what
the key issues dealt with were at these conferences. Of course, our
present Conference will get most of the attention, and then perhaps
to end that, I can make a few comments on where I think the research
should go into.

The overall situation, as we all know, is that the helicopters are
still too noisy inside and out. There is, in the densely populated
European area, an increasing sensitivity towards aircraft noise, and
helicopter noise in particular. If one talks about interior noise,
the passenger is expecting levels that are comparable to those in
commercial jet aircraft. City center heliports are a very difficult
issue and not welcomed. A very important area is noise legislation.
As we all know, noise limits are set by aviation authorities on a
national basis and on an international basis the ICAO working groups
work in this area. There are many who think that the noise limits
are too stringent. Without going into that subject, I would just
like to show the current noise limits as established by ICAO in Annex
16, Chapter 8, to indicate that a large number of helicopter types
are already way below the noise limits. Without evaluating this
fact, I would just like to draw your attention to it. Some people,
manufacturers and operators, for example, think that the noise
certifications are really done for unrealistic flight conditions, and
this in particular, seems to refer to the approach condition where
there is a fixed 6 degree descent angle at Vy. Whereas, in reality a
helicopter pilot may make a landing approach at an initially higher
angle then gradually decrease that angle and also decrease the speed.
The question is whether we address the right problem when we talk
about the BVI. Now BVI, as we all well know (and we have had close
to half of the papers in acoustics dealing with that particular
subject) occurs at certain combinations of flight speeds and descent
angles, but each and every helicopter may have its own approach path
which may run something like this, perhaps, or a helicopter may have
particular critical combinations of descent speeds and flight angles,
and if the helicopter pilot is given information on where this would
be for his helicopter, then he could probably avoid strong BVI
altogether. The question is whether we address the right problem in
spending so much effort in understanding BVI noise. The answer, of
course, being that this is almost unavoidable. No matter what you
do, one way or another you are going to hit this very critical flight
regime. Noise certification definitely is too costly, it costs
several hundred thousand dollars to noise certificate a helicopter.
Therefore, the ICAO noise group is working towards defining cheaper,
still accurate noise certification procedures, especially for the
lighter, and hence cheaper, helicopters. The areas that are of most
interest to us are the noise prediction and the noise reduction
aspects. Prediction, as you all know, is very important. It is
important for both the manufacturer and the operator. Noise
reduction is just as much of importance.

So, where does research come in? This I would like to illustrate
with a vu-graph which I hopefully have here showing the
interdependence of research. The manufacturer, as we have heard
today and the past few days, needs noise reduction technology. If he
wants to design a helicopter (and the tendency is towards faster
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helicopters), he might have to use blades that verysoon reach the
critical regime where shocks appear and even delocalize. Hence, the
manufacturer needs to know what are the critical blade configurations
in order to avoid such adverse aerodynamic effects. He also, of
course, needs accurate prediction codes. It is important for the
manufacturer to know where his future helicopter lies with respect to
the noise limits. It is of little consolation if he can predict its
noise only within a margin of 3 or 4 dB, because then he would have
to put a large acoustic safety margin into the design of a new
helicopter. The other group of people interested in research results
are the operators, and in this context, I just want to mention the
"fly neighborly" program. The heliports insist on quiet takeoff and
approaches. And finally, the noise legislator needs research inputs
to define realistic noise limits that are technologically and
environmentally and economically viable. He must develop just noise
certifications that are close to what the general public can tolerate
and be economically viable to the operator, and he must strive for
simplified procedures. Last but not least, the passenger and the
land user are the ones that want to have quiet helicopters inside and
out.

As I mentioned, there have been four major conferences this year
dealing with helicopter noise (and probably some have actually
attended all of these): there was the NASA Aeromechanics Specialists'
Conference in January of this year at the Ames Research Center; then
the 50th AHS Forum in Washington in May; last week we had the 20th
European Rotorcraft Forum in Amsterdam and today, of course, we
"celebrate" the 75th FDP Symposium on Rotorcraft Acoustics here in
Berlin.

Within these four conferences there were about thirty-five papers
which addressed aeroacoustics one way or another. Here the key
issues were in the area of noise prediction, emphasizing Lighthill's
acoustic analogy approach with Kirchhoff formulations emerging as a
very viable tool and some computational concepts to directly predict
the aeroacoustics, with emphasis on the blade vortex interaction.
process. Of course, the need is also for high speed impulsive noise
prediction capabilities (blade tip Mach numbers exceeding 0.9). Then
there were a number of papers treating experimental aspects, where
experiments were used either for theory validation, or to investigate
the physics of the flow phenomena, or for the development of
technological concepts leading to noise reduction. Of course, many
of these experiments dealt with all four of these aspects.

As far as noise forecast is concerned, there are a number of
approaches to predict the rotor noise (employing rotor geometric and
dynamics data) in flight operation conditions and eventually arrive
at the far field noise. The most common is Lighthill's acoustic
analogy approach, which relates the noise to three source terms: the
monopole, dipole, and quadrupole which in turn, are related to
thickness-, loading-, and high-speed-noise. The art, of course, is
to determine these three source terms. The monopole term is quite
easy to evaluate from blade geometrical information. The dipole or
the loading noise term, needs input from linearized potential flow
methods such as the lifting line, the lifting surface or more
sophisticatedly, the unsteady panel method, which provide - and that
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is what we would like to have - not only the section lift, but also
the unsteady pressures on the blade surface. There are also
possibilities to determine the perturbation velocities around the
blade which one needs to determine the quadrupole term. These are
the established methods to arrive at the loading noise. Euler codes
and full potential methods can be employed to determine the pressures
on the blade surface again to be used, say, in conjunction with the
Lighthill acoustic analogy to determine the loading noise part, or
they can be used, in terms of perturbation velocities, to determine
the quadrupole term. This information on perturbation velocities can
be used in Kirchhoff formulations as mentioned earlier, to predict
the noise. Finally, there are the computational aeroacoustic methods
which are based on CFD and attempt to directly determine both the
acoustics and the aerodynamics without recourse to an analogy.

If we now look at the specific acoustics papers of our Conference, it
turns out that four of them dealt with experiments and the last eight
with prediction. Of the experimental papers three treated BVI noise
reduction one way or another. The first paper by Niesl and co-
authors used a test set-up in the NASA Ames 40 x 80 foot anechoically
treated tunnel to implement individual blade control and this is
probably the way to go rather than using higher harmonic blade
control. Describing a more generic experiment, Kitapliogu and his
co-authors used an artificially generated vortex to impinge on a two
blade rotor; with such kind of very basic experiment, I think, the
computational procedures can be very well validated. The report by
Rozhdestvensky from Russia tells us quite interestingly that tail
rotors can be a dominant source and that by using x-shaped tail
rotors a lot of noise reduction could be attained. The tail rotor
acoustics is in fact an area where we have to increase our research
effort.

The most complex and comprehensive rotor aeroacoustics test I think
ever conducted as reported by Kube and co-authors, occurred in the
context of the HART project, where the U.S. Army, ONERA, DLR and DNW
joined forces. Here an instrumented main rotor model was employed
which had been already used in the earlier HELINOISE project (that
was financed by the European Community) and also prior to this
particular test there had been some higher harmonic control tests
without instrumented blades and the combination of these two research
projects then eventually led to the very complex HART test where not
only blade pressures and acoustics were simultaneously measured, but
also flow visualization was used to investigate the vortex core size,
the blade-vortex miss distance and several other important
parameters. Let me mention one of the "aesthetically appealing"
results, which illustrates that by employing higher harmonic control,
one can, in the first quadrant (where normally the BVI would occur),
"straighten" things out and achieve a noise reduction of about 5 dB.

Regarding the papers dealing with the theoretical aspects, I would
like to mention the work of Ianniello and Bernardis who in order to
predict the high speed noise solved the Ffowcs Williams and Hawkins
equation with a three dimensional integration in a prescribed volume
around the blade. They used aerodynamic data from a full potential
code and were able to predict the noise up to blade tip Mach numbers
of 0.88. Schultz and his co-authors dealt with the prediction
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schemes used at DLR, both for BVI and for high speed impulsive noise.
BVI is predicted by using the acoustic analogy technique, and for the
high speed case, the aerodynamic results from the Euler codes were
taken as inputs. Different solutions for the volume integral were
employed with success.

Toulmay and his co-authors indicated that from the industry's point
of view the prediction schemes were not yet accurate enough. While
it is possible to predict thickness-, loading- and rotational noise
reasonably well, he feels that high speed impulsive noise is not
predicted yet as well as BVI noise is. In his work, ONERA CFD input
is frequently used. Baeder in his paper this morning introduced the
Euler method as a computational aeroacoustics tool and he used it to
demonstrate the noise reduction potential of dynamically twisting a
rotor blade in response to a BVI, promising some 12 dB noise
reduction. Lyrintzis, in addressing the Kirchhoff approach showed
that with the development of reliable CFD methods to predict the near
field aerodynamics, the far-field noise can be computed from input
supplied from any of these aerodynamic codes. The last paper this
morning by Professor Wells on Genetic Algorithms was sort of an
evolutionary type of approach to the helicopter noise problem. We
were quite impressed with that paper.

So, this brings us to the question of where research should go. In
the area of noise prediction, the efforts will be on the highly
sophisticated full-potential Euler methods which are important for
validation calculations and they should be extended towards lifting
high-speed forward flight with correct wake simulation and inclusion
of blade dynamic properties. The slightly less complex schemes are
the linearized potential flow methods and they are very good for
parametric studies. Again the problem here is to include the blade
dynamic properties. One needs the high azimuthal resolution for the
wake, and one should try to improve the quadrapole term estimation
again.

As a side remark, I would like to draw your attention to a paper that
Professor Lowson of Bristol University last year presented at the ERF
in Cernobbio where he statistically looked at noise certification
data and surprisingly enough he was able, taking very basic
parameters of a helicopter, to predict noise certification levels
within, I recall, plus or minus 2 or 3 dB.

Experimental efforts play a vital role as we have heard today and
during the last few days with the availability of excellent wind
tunnels such as the DNW, the French CEPRA 19, the Bedford transonic
tunnel, the Sl Modane and the Ames facility, all of which have some
acoustic treatment. They can all be used to good avail. We will see
the application of ever more sophisticated testing techniques. Among
these are: blade-mounted sensors in the determination of blade
pressures, sophisticated microphone arrays, laser doppler velocimetry
(LDV) for vortex strength, particle image velocimetry (PIV) for
velocity distributions, the laser light sheet (LLS) technique to
determine vortex miss distance and the projected grid method to
determine the blade deflection.

As Monsieur Philippe also emphasized, flight tests are important to
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complement the wind tunnel tests. It is important to do these flight
tests also with instrumented blades, in particular, to understand the
reasons for wind tunnel and full-scale flight test differences which
could have numerous reasons. Finally, in the area of noise
reduction, where are the visionary approaches? I think we have heard
about some of them in the Conference, such as employment of advanced
blade geometries, active blade control methods (such as IBC or HHC)
or rather than using these rather "crude" control mechanisms for a
blade to let "smart structures" directly control blade twist or
camber. Porous blades, tip blowing, tip suction, tip vanes, all
sorts of things I believe will be developed and tested in the next
few years. Operationally, one could think of variable rpm especially
for approach flights. I think the 75th AGARD FDP Symposium on the
Aerodynamics and Acoustics of Rotorcraft has been a very successful
Conference. It has set the stage for years to come in terms of
future aeroacoustics research.

Dr. W.J. McCroskey
Thank you Dr. Heller. We will now have a session of some 15 or 20
minutes of open discussion and comments from the audience. I want to
remind you again we encourage your participation. It is absolutely
essential to use the microphone and to identify yourself, but don't
be too shy about the exact words you use because you will have a
chance to edit the transcription. Would anyone like to make a
general comment or a question about the meeting or about any of the
comments of our three presenters here in this session?

Mr. F. Toulmay, Eurocopter, France
Just a short comment about Mr. Heller's presentation. He presented
the direct, Computational Fluid Dynamic simulation for high-speed
noise as an alternative to the Kirchhoff formulation. But as an
industry representative, I cannot fully agree with this approach,
because I cannot imagine to make a direct simulation of the noise, at
a distance of 10 or 20 rotor diameters. I would like it as a means
to calculate inputs for the Kirchhoff calculation, not as an
alternative, isn't it right? Do you agree?

Dr. Heller
Kirchhoff is, of course, not an alternative method to the direct
computation of noise with the help of CFD, but rather one of several
approaches with aerodynamic input to calculate the acoustics. An
appropriate aerodynamic input to Kirchhoff (as well as other analogy
approaches) is, for example, the one obtained from CFD-methods, such
as Euler, Navier-Stokes, Singularity methods, etc.

Dr. G. Meier, DLR, Germany
I think that we have learned a lot in this Conference about inviscid
unsteady aerodynamics and also aeroacoustics problems, but I see in
the background as important questions and matters for the future, the

coupling with mechanical structures. The problems of aeroelasticity
have not been tackled so much here in the Conference, but I think
they are very important, especially in connection with higher and
intelligent types of control of blades.

Another point I would like to make with respect to viscous
interaction. Many of the basic understandings of aeroacoustics is
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possible without taking into account the viscid interaction of the
flow. But considering that we have a transitional type of flow in
the helicopter rotor and different effects with respect to the
boundary layer and also with respect to the transonic behavior of the
flow, I think it is of high importance to take into account also
problems of boundary layer transition and of shock boundary layer
interaction. For scientific work, we have a lot of problems in this
field to do.

Dr. W.J. McCroskev
Is there some feeling in the audience about either the importance of
or the difficulties in coupling these more sophisticated codes, which
seems to be the trend, to the structural dynamics, and later
incorporating them into comprehensive codes. This is an issue that
we debate from time to time in the U.S. and in our laboratory. We
would be interested to know if some of the participants here at the
Conference feel that progress is going as well as can be expected
within current budgets, or is this an area that perhaps should
receive more emphasis at the expense of something else.

Dr. H. Korner, DLR, Germany
I will say something to this and also a response to what M. Toulmay,
from Aerospatiale said. I also have difficulties in believing that
full CFD to computational acoustics will very soon lead to results
which really can be used in the short term in industry. However, I
think that the Kirchroff approach and also other approaches based on
Euler will come up very soon here. You must not forget that we have
skilled scientists who are able to speed up our codes, to find new
acceleration techniques and furthermore, you must also see that the
development of the computer side is very fast. I would like to draw
your attention also to parallel computers. I think that also in the
very near future we will be able to use these methods in this area.
As to the connection with structures method, I think that this also
should be done, especially the coupling between aerodynamics and
structural problems. These are very important things. It is
necessary for mathematicians and applied, structural people and
aerodynamicists to develop fast solvers, and I am sure that within
some years we will be able to do this. The fixed wing people are a
bit ahead of us, but this is quite natural, because they don't have
such a difficult problem as we have.

J. Landgrebe, United Technologies Research Center, USA
Jim, I'll try to respond to your question wearing the hats of both a
researcher and someone who is connected directly to industry. Our
research organization (UTRC) is tied directly to Sikorsky, so we get
involved with the aeroelastic as well as the aerodynamic side of
helicopter technology. I think for most rotors and most
applications, the aeroelastic side is ahead of the aerodynamic side.
There are exceptions that I will mention in a moment. For those
cases where we can predict the aeroelastics quite adequately if we
have the airloads, such as for the more conventional rotors, the
question really comes to the computer time and the computer size. If
we had an accurate CFD airloads solution, we could couple the codes
together (couple it with the dynamic and aeroelastic simulation) and
get the answer. The problem is that you have to iterate between the
two. When you tell the dynamicist that you've got an airload
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solution from a Navier-Stokes code, he'll get the dynamics and the
aeroelastics for you. When you come back and tell him that you have
to re-run your Navier-Stokes code again, which is going to take
another two days and that's not the final solution - that is where
the problem is. So, it gets to a question of whether or not you do
this iteratively or you try to couple right into the code in a less
iterative manner, the structures and the dynamics. That is where a
lot of attention has to be paid right now as to how to couple more
internally.

The other side of the problem is that we know that we have
inaccuracies in the CFD codes. There are still problems to be
solved. So, the dynamicist says that until you solve those problems,
they don't want to see you. Why put in all of the fancy aeroelastics
and couplings when the accuracy of the aerodynamics is not sufficient
to warrant it. When we get into fancy tip designs and concepts with
active control and different complex configurations, the aeroelastics
are going to become more complex as well. We are compounding the
problem. I agree with what was said earlier. I think a lot of
attention has to be paid to this coupling and the best way to do it.
That is, how to do it efficiently and how to improve, not just the
aerodynamic codes, but also the aeroelastic codes, when it comes to
very complex configurations. Just to give you examples, when you
start thinking of soft torsional blades for aeroelastic compliance
for active control, whether it be dynamic twist or just a soft tip,
or when you start thinking of exotic or fancy plan forms for the tip,
whether it be a BERP tip or a swept-taper-anhedral tip, the
aeroelastics become quite complicated as well.

Mr. J.-J. Philippe, ONERA, France
For me, for the future, coming back to your question about the
coupling with aeroelasticity codes, it seems for me to say that we
know for sure that the blades are flexible. The torsion effect is
the main parameter which drives the loads and the power. Also the
deformation of the blade is very important to have exactly the good
condition of functioning of the airfoil during its rotation. Perhaps
before waiting for Navier-Stokes, which will solve the entire
problem, we can do a good job with just coupling inviscid code and
the boundary layer codes. Hopefully, a lot of configurations of
helicopters are without stall and without strong shocks, and so the
main parameters for me are to have fair pitching moment prediction
coming from CFD codes. It seems mandatory to couple inviscid codes
with boundary layer codes in the first step while waiting for more
sophisticated codes.

Dr. W.J. McCroskey
Maybe I will pursue this just a little more toward closure. I think
in the rotor community the resources are declining and issues that we
really face are ones like where to concentrate our effort, and
necessarily as a by-product, what to let go. That dichotomy then
takes many forms, but one that is relevant here is the following: on
the one hand, it will be so long before the Euler/Navier-Stokes can
be sufficiently coupled to a structural code, and at the present time
you can't trim it, even if you have it coupled. So, why not
eliminate that direction altogether and use these codes to help as
alternatives to wind tunnels, i.e., help to better understand the
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complex flows and help to produce empirical models that can be
coupled to the structural dynamics. The other side of the argument
is why should we keep using computer resources, and using more
sophisticated codes, if they are going to make the unrealistic
assumption of rigid blades with a known and prescribed motion. So,
that is the range of debate. I haven't heard here explicit
recommendations that we drop the work on the more sophisticated
codes. Particularly in the BVI, it was pointed out that it is
essential to have a better aerodynamic flow field prediction than can
be obtained from lifting line methods. But perhaps there are some
who feel that the entire effort on the Euler/Navier-Stokes and more
advanced codes is misspent. That could be.

Are there areas that people in the audience feel really do deserve
heavier emphasis and/or other areas that they feel really should be
deferred in this era of what I would call a less-than-zero-sum game?

Dr. H. Korner, DLR, Germany
I think the last presentation we had this morning was very
interesting, and I think that especially this topic of advanced design
and optimization is a very important thing which has to be addressed a
bit more in the future. We have learned in the past to design
airfoils for fixed wings, we are able to do this. Where are the
inverse methods for helicopter blade and rotor design, based on more
complex methods than they are at the moment? Where is the coupling of
this or other sorts of methods with optimization methods? This is
something I am missing, I would like to see more of it.

Professor C. Ciray, Middle East Technical University, Turkey
I would like to put a question to the audience where we have so many
distinguished experts on the subject. What would the experts like to
see us create as a technical meeting in the future as the AGARD Fluid
Dynamics Panel? For example, Mr. Dadone was much impressed in a
Conference about Key Rotor Problems. Would, for example, an
"aerodynamics of transition from vertical to horizontal flight", be
of interest? If there are other ideas or other subjects, I think,
they would help us to guide to create a technical meeting or meetings
on these lines.

Mr. Fillipone, Technical University of Denmark
I would like to point out something about the genetic optimization,
because I am doing something like that myself, but not on BVI. From
the experience I have gained so far I can say that the interest in
this method relies on a cheap flow solver. In fact, we need
thousands of iterations, because the GA actually does not search in
the one direction, but in several directions. Then, we could use the
genetic algorithm for optimizing nearly everything, because this is a
non-convex optimization. So, the question is that we need something
which is cheap, so that we can afford as many iterations as we need.
The GA has another advantage: it doesn't care if the flow solver is
accurate enough or not. It just needs to know if it is consistent.
If it mostly overestimates or underestimates the performance, whether
the GA always climbs, so in the end what we need to know is whether
the final solution is better than the previous one or not. The cost
of the optimization depends, of course, on the number of parameters.
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The larger the number of parameters, the larger is the binary string.
The larger the binary string, the larger the search space and slower
the rate of convergence. Therefore it would be more appropriate to
do some kind of hierarchic optimization: choose a set of parameters,
optimize those and then go to other parameters.

Dr. Baeder
Regarding the use of the different experimental and computational
methods to carry the genetic algorithm concepts, it seems like we
need a good mixture of all these different methods. We shouldn't all
be concentrating on just one of the aspects, and at times shouldn't
be covering all of them. However, we do need perturbations to occur
where we start to look into these things, because from time to time,
what was once impractical, becomes practical. We can see different
things from the different methods. Regarding the comment earlier
about the use of direct CFD for doing acoustic calculations, I would
say use that appropriately. Just like you wouldn't perform a big
wind tunnel test for every configuration, but you use that to get
some empirical knowledge. In the same way, you use the big CFD codes
to gain additional knowledge that you can use empirically for the
simpler methods.

I was quite impressed with the paper from DLR. It now looks that if
you have the CFD solution, you could use a very simple estimate for
the quadrapole. As long as you are accurate about where you place
it, a good prediction could be provided in the far field. If we
didn't keep on branching out and looking at these different areas, we
would miss something.

Dr. N. Kroll, DLR, Germany
As I am coming from a research organization, I would like to put the
question to the helicopter industry. Do we need, besides all these
high sophisticated CFD methods for rotors, do we need also some
research on Navier-Stokes codes for fuselage or is it done by using
some commercial software packages like "FIRE" or whatever they call
it?

Dr. W.J. McCroskey
It is hard to cut off a discussion when you ask for questions or
additional comments, but if anyone has a quick response to that, I'll
entertain it, otherwise I'll take it in the spirit of a challenge to
those of us who may be involved in planning as well as conducting
research. Is there any quick response?

Mr. L. Dadone
Jim Narramore should be answering this question. Bell has used,
fairly successfully, Navier-Stokes codes to analyze fuselages and to
reduce the drag of fuselages. I guess the limitation is that when
you have very gentle gradients which precipitate separation, then it
is tricky. The whole difficulty is in the turbulence modeling, as
mentioned before. In the case of helicopters, you cannot just
eliminate separation, often enough you have to live with it. So, you
have to try to minimize the regions of separation without actually
making them go away as you do in airplanes. Then you have unsteady
solutions and you have, in fact, turbulence modeling being the real
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obstacle. I don't know if that answers your question, but we are
interested, and we are pursuing it. Further research is necessary to
make these tools really useful to us. Otherwise, we have to go back
to wind tunnel tests.

Dr. W.J. McCroskey
I think it is time to bring this part of our Conference to a close.
In absolute terms, our total overrun of some twelve minutes out of a
four day conference is a small percentage error, but in the things
that really matter to our Chairman, we have cut 80% of the time that
was allocated to him for closing remarks. I am sure that he is very
anxious for this session to close. I would like to thank the
Technical Evaluator and the invited Commentators for the effort that
they put in coming and doing this. Thank you, the audience, for your
participation, your comments and questions. With that, the technical
part of this meeting is closed. I pass the microphone to our
Chairman, Mr. Christian Dujarric.

M. Christian Dujarric, ASE-Programme HERMES, France
Thank you for cutting down my time for a speech. I will not need a
long time. Ladies and Gentlemen, we have had four interesting days
of presentations on aerodynamics and aeroacoustics for rotors. I
must now close this Symposium which has been a success, not only in
the quality of the presentations but also in the quality of the
participants. For the Fluid Dynamics Panel, I would like to thank
the two Co-Chairmen of the Program Committee, Dr. Horst Korner and
Dr. Jim McCroskey. I would also like to thank the Program Committee,
Prof. Decuypere, Dr. Chan, Ing. Gen. Bernard Monnerie, Professor
Sabetta, Dr. Steketee, Dr. Luis Calavera, Prof. Ciray, Dr. Clarkson,
Prof. Saric and Mr. Lou Williams. I would also like to thank the
Technical Evaluator for this meeting, Dr. Dadone, who has done a
remarkable job is his summary and his constructive evaluation of our
work. Thanks to Mr. Philippe and Dr. Heller for their prepared
comments which complemented and reinforced the technical evaluation
of Dr. Dadone. Our thanks also to all the authors who presented
their work, and particularly, the invited commentators, Mr.
Landgrebe, who has presented an interesting panorama of activities in
the U. S., Professor Hamel, who has presented to us the point of
view of the Flight Vehicle Integration Panel, Monsieur Petot, who has
contributed to our Symposium for SMP.

I would also like to thank our Russian participants, Dr.
Rozhdestvensky and Mr. Boulanovsky, who have given us the latest
information from their country. We regret that Professor Tischenko
was not able to attend to present the prediction methods used in
Russia regarding aerodynamics on helicopter rotors.

I would also like to thank all the participants for the discussion
that has just taken place. I am sure that this discussion will bring
new progress and new applications for the helicopter. The high
quality of the scientific work must not allow us to forget the
remarkable organizational work which made it possible to hold this
Symposium. I would like to particularly thank our sponsors, IBM,
DLR, NEC, Eurocopter Germany, and also I would like to personally
thank the local organizer, Dr. Karl Kienappel to whom we are grateful
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for the excellent arrangements for this Symposium. Dr. Karl
Kienappel was assisted in these arrangements by Madame Strempel and
Madame Wiegand, and I know that these people have devoted a lot of
time to allow us to have had such good conditions and comfort for our
work. Once again, thank you.

I would like to call to your attention the difficult work
accomplished by our interpreters, which was brilliantly done by:
Mrs. Korving, Mrs. Main and Mr. Shearer. Thank you also to the
technicians who insured the good functioning of the audiovisual
equipment as well as the people who have contributed to the logistics
of our Conference, Mr. Berndt, Mr. Gerlach, Mr. Muller, Mr. Schultz,
Mr. Orfritz and Mr. Rietz.

May I also thank the secretary for the Panel, Miss Anne-Marie Rivault
as well as our Panel Executive, Mr. Jack Molloy for the considerable
administrative work done to prepare this meeting. I hope I have not
forgotten anyone. Finally, I would like to present the program for
1995. There is a Symposium in the spring on "Aerodynamics of Store
Integration and Separation". This will take place in Ankara,
Turkey. In autumn, we have planned to organize a Symposium in Spain
on "The Progress and Challenges of CFD Methods and Algorithms". We
also have two special courses to be held at the von Karman Institute
and at NASA, Ames - the first course on "Parallel Computing in CFD".
The second course concerns "Capsule Aerothermodynamics".

I thank you for your attention.
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